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EXECUTIVE  SUMMARY 


n 

An  important  region  of  the  flight  envelope  of  military  aircraft  is  the  transonic  regime  where  fighter  aircraft  must 
undergo  agile  maneuvers,  and  airlift  aircraft  must  cruise  efficiently.  Unfortunately  it  is  a  speed  regime  where  wind  tunnel 
testing  is  difficult,  and  numerical  computations  are  not  yet  fully  viable.  Most  troublesome  is  that  exact  configuration 
optimization  criteria  are  lacking.  Unavoidably  the  optimization  procedure  has  been  an  ad  hoc  procedure,  depending  on 
the  intuitive  skills  of  the  aerodynamicist. 

During  the  past  decade,  there  has  been  significant  progress  in  the  development  of  transonic  wind  tunnel  test 
techniques  and  computational  methods.  Employing  these  techniques,  the  aerodynamicist  has  developed  many 
imaginative  design  concepts  that  have  added  to  the  optimization  data  base.  It  was  the  purpose  of  the  symposium  to 
review  and  assess  these  developments  and  project  the  future. 

Twenty  nine  papers  comprised  the  meeting  with  three  invited  review  papers.  There  was  a  relatively  even  mixture  of 
theoretical  and  experimental  papers  with  many  providing  test/theory  comparisons.  Subject  matter  ranged  from  simple 
wing-fuselage  interference  for  both  fighter  and  airlift  configurations  to  those  envolving  additional  components  such  as 
nacelle  and  pylons,  powered  jets,  winglets,  and  most  importantly  stores  and  weapons. 

The  symposium  was  concluded  by  a  Round  Table  discussion  with  invited  introductory  comments  by  Mr  B. Haines 
(ARA),  Mr  P.Poisson-Quinton  (ONERA),  Dr  W.Schmidt  (Dornier),  and  Dr  R.Whitcomb  (NASA-Langley). 

Despite  the  advanced  state  of  computational  fluid  dynamics,  there  are  still  serious  shortcomings  as  evidenced  by  the 
presentations.  These  include  the  inability  to  treat  complex  modem  military  configurations  in  satisfactory  detail  and  with 
acceptable  accuracy;  and  most  importantly  the  need  to  incorporate  the  significant  viscous  interactions  in  an  expedient 
manner. 

There  is  finally  the  matter  of  developing  guidelines  and  criteria  to  establish  the  optimum  configuration.  This  is  a 
difficult  task,  and  undoubtedly  will  occupy  our  attention  for  many  years.  The  optimal  design  must  employ  favorable 
interference  with  “performance  synergism"  between  components  in  contrast  to  the  neutral  or  zero  interference  much  in 
evidence  at  the  present  symposium.  In  the  latter,  one  proceeds  from  a  given  baseline  configuration  and  seeks  to  eliminate 
local  flow  inefficiencies  by  shape  improvements. 

Configuration  optimization  with  true  favorable  interference  will  surely  be  prominent  at  the  next  Fluid  Dynamics 
Panel  symposium  that  should  be  timely  perhaps  half  a  decade  from  the  present  symposium. 


Dr  H.YOSHIHARA 
Prof.  B.LASCHKA 
Symposium  Chairmen 
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APPLICATION  OF  TRANSONIC  POTENTIAL 
CALCULATIONS  TO  AIRCRAFT  AND 
WIND  TUNNEL  CONFIGURATIONS 
by 

Dr.  John  E.  Mercer 
and 

Dr.  Earll  M.  Murman 
Flow  Research  Company 
A  Division  of  Flow  Industries,  Inc. 
21414-68th  Avenue  South 
Kent,  Washington  98031 
(206)  872-8500 


SUMMARY 

The  computation  of  inviscid  transonic  flow  modeled  by  the  full -potential  equation  is 
presented  for  two  geometrical  configurations.  The  Jameson-Caughey  finite-volume  method 
is  used  to  solve  the  governing  equations  in  conservative  form.  The  development  of  suit¬ 
able  computational  meshes  together  with  computed  results  are  presented  for  a  swept  wing 
in  a  wind  tunnel  and  for  a  wing -body  configuration. 


1 .  INTRODUCTION 

During  the  past  several  years,  inviscid,  transonic-flow  computational  techniques  have 
been  developed  to  treat  complex  aircraft  geometries.  The  developments  have  followed  two 
complementary  paths.  One  uses  the  modified  transonic  small-disturbance  equation  so  that 
geometrical  boundary  conditions  may  be  applied  on  a  mean  surface.  This  simplifies  the 
mesh  generation  requirements  and,  hence,  those  techniques  have  proceeded  the  farthest  in 
terms  of  geometrical  complexity.  The  other  uses  the  full-potential  equation  and  hence  is 
more  accurate.  However,  the  boundary  conditions  must  be  applied  on  the  actual  geometrical 
surface  which  requires  the  generation  of  a  suitable  mesh. 

The  most  advanced  transonic  small-disturbance  codes  are  extensions  of  the  Bailey- 
Ballhaus1  wing-body  program.  Mason  et  al .  improved  upon  these  codes  and  incorporated  a 
strip  boundary  layer  for  the  wing.  In  a  separate  development,  Boppe  and  Stern3  have 
extended  the  capability  of  the  codes  to  handle  complex  geometrical  features  such  as 
nacelles  and  winglets.  These  codes  are  useful  for  a  wide  variety  of  applications  but  they 
do  have  limitations  on  accuracy. 4 

The  solution  of  the  full-potential  equation  for  transonic  flow  past  complex  geo¬ 
metrical  configurations  has  advanced  rapidly  in  recent  years  following  the  introduction 
in  1977  of  the  finite-volume  technique  by  Jameson  and  Caughey.5  In  their  work,  the  authors 
presented  an  algorithm  which  solves  the  full-potential  equation  in  conservative  form  for 
an  arbitrary  three-dimensional  mesh  in  physical  space  consisting  of  six-sided  volume 
elements.  The  restrictions  on  the  volume  element  geometry  are  rather  minimal,  being  only 
that  the  volume  element  size  vary  smoothly  and  that  the  six-sided  cells  are  not  too 
skew.  The  Jameson-Caughey  finite-volume  technique  allows  for  mesh  description  and 
construction  to  be  completely  uncoupled  from  the  construction  of  the  finite-difference 
algorithm  to  solve  the  full-potential  equation.  Prior  to  the  introduction  of  this  tech¬ 
nique,  the  solution  of  each  new  problem  required  an  analytical  transformation  of  the 
full-potential  equation  to  the  computational  mesh  and  then  construction  of  a  suitable 
difference  algorithm. 

The  solution  of  the  full-potential  equation  in  conservative  form  provides  improved 
accuracy  over  the  small-disturbance  equation  for  many  practical  geometries.  The  poten¬ 
tial  flow  assumption  is  limited  in  validity  to  flows  with  weak  shocks,  typically  with 
normal  shock  Mach  numbers  below  1.3.  In  addition,  a  linearized  wake  assumption  is  assumed 
for  vortex  wakes . 

Viscous  effects  must  be  included  in  the  computational  model  for  a  complete  descrip¬ 
tion  of  the  flow  about  a  body.  Various  approaches  are  under  study  and  will  be  reported 
at  the  upcoming  AGARD  Symposium  on  Computation  of  Viscous-Inviscid  Interactions.  The 
subject  of  this  paper  is  limited  to  computation  of  inviscid  transonic  potential  flow 
which  provides  the  basis  for  more  elaborate  flow  modeling. 

Section  2  of  this  paper  contains  a  review  of  the  basic  elements  of  the  finite-volume 
technique  introduced  by  Jameson  and  Caughey.'  A  more  detailed  description  may  be  found  in 
that  reference.  In  Section  3,  the  application  of  the  method  to  the  problem  of  flow  past  a 
swept  wing  in  a  rectangular  wind  tunnel  is  presented.  An  earlier  version  of  this  work  is 
given  by  Mercer  et  al.°  Section  4  presents  a  computer  code  for  wing-fuselage  geometries 
and  gives  computed  results  for  two  configurations.  This  is  an  outgrowth  of  a  cooperative 
project  between  Flow  Research  and  Profs.  Jameson  and  Caughey.  Earlier  results  are  reported 
in  Reference  7.  Finally,  in  Section  5,  we  discuBs  some  limitations  of  the  codes  and  some 
future  extensions. 

2.  FINITE-VOLUME  ALGORITHM 


The  finite-volume  algorithm  assumes  that  the  six-sided  elements  comprising  the  mesh 
in  the  physical  space  can  be  transformed  to  cubes  in  the  computational  space.  The  map- 
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ping  to  each  cube  is  assumed  to  be  local  so  that  transformations  can  be  based  on  the 
physical  values  of  the  vertices  of  the  six-sided  elements.  The  location  of  the  vertices 
(or  mesh  points)  in  physical  space  may  be  determined  by  any  suitable  procedure,  and  two 
specific  examples  are  given  in  following  sections.  The  mapped  cubes  have  trilinear 
variations  of  coordinates  ranging  from  -%  to  %  (Figure  1),  and  the  potential  is  assumed 
to  vary  trilinearly  within  each  cell.  With  the  coordinate  variation  assumption,  the 
corresponding  points  in  the  physical  space  can  be  located  from  points  in  the  computational 
space  by  the  local  trilinear  mapping  formula: 

8 

x  =  8  ]C  *k  +  XkX)(£  +  YkY)(5  +  ZkZ)  ’  (1) 

k=l 


where  X^  ,  Y.  ,  and  Zy_  are  the  mapped  vertices  of  the  cubes  (+Jj)  and  represents 

the  corresponding  physical  values.  There  are  equivalent  formulas  for  y  ,  z  ,  and  <p  , 
the  velocity  potential.  With  this  mapping,  continuity  of  x  ,  y  ,  z  ,  and  $  is 
preserved  at  the  cell  boundaries.  The  mapping  also  allows  derivatives  of  the  transfor¬ 
mation  and  potential  to  be  evaluated  anywhere  in  the  cell. 


z 


Z 


Physical  Space  Computational  Space 

Figure  1.  Mapping  from  Physical  Space  to  Computational  Space. 


The  flow  equation  that  we  wish  to  solve  is  the  conservation  relation: 

(pu)  +  (pv)  f  (pw)  »  j-j-  (pu^  =  0  (2) 

The  finite-volume  algorithm  is  a  conservative  differencing  scheme  which  satisfies  the 
above  equation  using  the  cubical  cells  in  the  computational  space.  Density  is  computed 
from  the  isentropic  relation: 


p  =  j 1  *  Mf  (1  -  q2)j  ^  ,  (3) 


2  2  2  2 

where  q  *  u  +  v  -4-  w  (4) 

The  first  step  in  the  procedure  is  to  determine  the  governing  equation  (Equation  (2)) 
in  computational  space.  The  result  is 

— T  (pM1)  =  0  ,  (5) 

3X1 

where  X1  are  the  transformed  coordinates  (X,  Y,  and  Z  in  Equation  (1))  ,  U1  are  the 
contravariant  velocity  components,  and  h  is  the  determinant  of  the  transformation 
matrix  H  with  elements  3xf/3XJ  .  The  contravariant  velocity  is  defined  by 


U1  -  g1-)  =(HTH)_1  !±r 

3XJ  3XJ 


(6) 


A  differencing  algorithm  which  conserves  phU1  on  the  cubical  cells  is  derived  by 
creating  a  set  of  secondary  cells  whose  vertices  lie  at  centers  of  the  primary  cubical 
cells.  The  flux  quantity  phU*  is  evaluated  at  the  center  of  each  primary  cell  (ver¬ 
tices  of  secondary  cell,  Figure  2).  The  flux  computed  at  the  corner  is  assumed  to  be 
constant  over  that  portion  of  the  secondary  cell  face  that  lies  within  the  primary  cell. 
If  the  global  mapping  is  sufficiently  smooth  to  allow  a  Taylor  series  expansion  of  the 
physical  coordinates  in^terms  of  the  computational  coordinates,  then  the  local  linear 
truncation  error  terms  for  the  flux  will  cancel  and  the  flux  conservation  formula  will  be 
accurate  to  the  second  order. 


Primary  Cells 


Figure  2.  Primary  and  Secondary  Cell  in  Computational  Plana. 

With  th:s  approach  a  problem  arises  in  that  the  difference  operator  decouples  odd 
and  even  points  as  shown  in  Figure  3.  This  results  in  a  homogeneous  solution  where  <|> 
can  be  1  at  odd  points  and  -1  at  even  points.  This  problem  is  overcome  by  displacing  the 
flux  evaluation  point  away  from  the  vertices  by  adding  a  higher-order  correction  term. 
This  displacement  recouples  the  odd  and  even  points  and  eliminates  the  homogeneous  solu¬ 
tion.  For  the  simple  case  of  the  flux  being  given  by  <f>  ,  the  displacement  relation 

used  by  Jameson  and  Caughey  is 


♦x  ■  «x0  +  c*xy0  '  (7) 


where  the  subscript  o  represents  the  center  of  the  primary  cell  and  c  can  vary  from  0 
to  k  where  the  cell  height  is  assumed  to  be  1  (Figure  4).  Computation  of  these  recoupl¬ 
ing  terms  requires  time.  Other  methods  involving  averaging  which  do  not  require  adding 
terms  are  currently  under  investigation  by  other  researchers. 


Stencil  of  Difference  Distribution  of  $  Which  Produces 

Operator  a  Homogeneous  Result  Using 

the  Difference  Operator 

Figure  3.  Decoupled  Solution  Arieing  from  Difference  Operator. 

In  regions  where  the  flow  is  supersonic,  upwind  differencing  is  employed.  This  is 
accomplished  by  adding  terms  to  the  conservation  equation  which  produce  an  upwind  bias. 
The  terms  are  selected  such  that  the  proper  domain  of  dependence  is  used  in  the  dif¬ 
ferencing.  The  effect  of  this  is  to  produce  a  rotated  difference  operator  of  the  form 
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Figured  Shift  in  $x  Used  to  Recouple  Solutions. 


where  s  is  the  streamwise  direction,  qc  is  the  contravariant  velocity,  and  the  first- 
order  difference  operators  3/3X1  are  chosen  to  be  in  the  upwind  direction.  The  terms 
added  to  the  flux  equation  are 


P1  «  -  ii  |  U1 1  pxi  , 

where  y  is  a  switching  function: 

In  2/  2v  I 

U  =  max  JO,  ( 1  -  a  / q  )  j  . 

and  q/a  is  the  local  Mach  number.  The  presence  of  these  terms  has  the  effect  of 
adding  artificial  viscosity  to  the  solution.  This  does  require,  however,  that  the  mesh 
be  smooth  in  the  supersonic  zone  or  the  effect  of  the  higher-order  derivatives  associated 
with  the  artificial  viscosity  will  cause  the  solution  to  give  erroneous  results. 

The  last  terms  which  have  to  be  added  to  the  equation  are  timelike  derivatives 
which  have  the  effect  of  embedding  the  steady-state  equation  in  an  artificial,  time- 
dependent  equation.  The  final  equation  that  is  solved  is  a  discrete  approximation  to 

phU^  +  P*  j  =  a<t>XT  +  B^yt  +  y<^ZT  +  *^T  '  W 


where  the  PL  are  the  upwind  biasing  terms  in  the  supersonic  zones.  To  make  the  flow 
direction  tin.elike,  as  in  the  steady  state,  a  ,  B  ,  and  y  are  chosen  and  is  a 

damping  factor. 

The  complete  numerical  scheme  is  outlined  below. 

(1)  Evaluate  the  contravariant  velocity  components  and  density  at  the  centers  of  the 
primary  cells. 

(2)  Satisfy  continuity  on  the  secondary  cells  using  the  flux  values  calculated  in  step  1 
plus  the  recoupling  terms. 

(3)  Add  artificial  viscosity  in  the  supersonic  zones  to  produce  an  upwind  bias  and 
enforce  the  entropy  condition. 

(4)  Add  the  time-dependent  terms  to  embed  the  steady-state  equation  in  a  convergent, 
time -dependent  process  which  evolves  to  the  solution. 

The  numerical  solution  initially  gives  the  values  of  $  at  the  grid  points.  The 
velocity  is  then  calculated  from  gradients  in  the  computational  plane  using  the  chain 
rule : 


The  grid  point  values  of  the  velocity  are  calculated  according  to  Equation  (10)  by 
central  differencing  (except  at  boundaries  where  one-sided  differencing  must  be  employed) . 

To  obtain  the  velocity  at  an  arbitrary  prescribed  point  in  physical  space,  the 
point  is  mapped  to  computational  space  where  trilinear  interpolation  from  the  grid 
point  velocities  is  used.  One  nontrivial  advantage  of  interpolating  in  computational 
space  is  the  Cartesian  configuration  of  the  grid  which  allows  an  easy  search  for  the 
cell  in  which  interpolation  is  to  be  made. 
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The  main  difficulty  associated  with  developing  a  computer  code  based  on  the  finite- 
volume  algorithm  is  that  of  generating  a  grid  system  and  incorporating  boundary  con¬ 
ditions.  A  desirable  grid  is  one  which  conforms  to  all  the  solid  boundaries.  Boundary- 
conforming  grids  provide  an  accurate  and  convenient  means  of  specifying  boundary 
conditions.  They  also  can  be  made  very  efficient  in  that  the  grid  density  can  be  readily 
controlled  at  the  boundaries  where  the  gradients  of  the  trow  parameters  can  vary  most 
rapidly. 

Since  the  finite-volume  meLhod  only  requires  sets  of  coordinates  corresponding  to 
the  corner  points  of  the  six-sided  computational  cells,  there  is  no  need  to  have  a 
single  mapping  function  to  generate  the  grid.  The  procedure  chosen  is  one  that  uses  a 
sequence  of  rather  simple  transformations.  The  overall  mapping  is  required  to  be  smooth 
so  that  the  higher-order  effects  of  the  transformations  do  not  cause  numerical  instabil¬ 
ities,  particularly  in  the  vicinity  of  shocks.  In  Sections  3  and  4,  two  different  grid 
systems  are  introduced  for  two  different  geometries. 


3.  COMPUTATION  OF  A  SWEPT  WING  IN  A  RECTANGULAR  WIND  TUNNEL 
3 . 1  INTRODUCTION 

Wind  tunnel  wall-interference  effects  are  particularly  severe  at  transonic  speeds, 
and  considerable  effort  is  required  to  assess  their  maganitude,  eliminate  them,  or 
correct  for  them  if  possible.  Thus,  there  is  a  need  for  computational  tools  which  can 
treat  complex  three-dimensional  configurations  in  typical  wind  tunnels.  The  code 
described  in  this  section  was  developed  under  sponsorship  of  the  United  States  Air  Force, 
Arnold  Engineering  Development  Center,  as  part  of  a  research  project  on  adaptive-wall 
transonic  wind  tunnels.  It  is  intended  to  be  used  as  a  numerical  simulator  for  flow 
inside  the  wind  tunnel  so  that  studies  may  be  performed  to  determine  the  required  wall 
control  and  iteration  procedures  to  use  for  such  a  tunnel.  After  such  a  tunnel  is  built, 
this  code  will  be  replaced  by  the  real  flow  inside  the  wind  tunnel.  This  same  code  may 
be  used,  however,  to  assess  the  severity  of  wall  interference  in  a  conventional  wind 
tunnel.  Such  calculations  might  be  incorporated  in  a  suitable  wall-correction  technique. 

The  geometry  to  be  computed  is  shown  in  Figure  5  together  with  the  specified  boundary 
conditions.  The  model  consists  of  a  swept  wing  in  an  infinitely  long,  rectangular  cross- 
section  wind  tunnel.  Either  a  normal  velocity  or  pressure  boundary  condition  may  be 
prescribed  on  each  wall. 


3.2  GRID- GENERATION  SCHEME 

A  boundary-conforming  grid  has  been  constructed  consisting  of  planes  parallel  to  Che 
side  walls  which  cut  the  wing  parallel  to  the  freestream.  Within  each  plane  a  two- 
dimensional  mapping  is  used  following  the  suggestion  of  Caughey  and  Jameson. 8  The  detailed 
procedure  is  described  below. 

A  Cartesian  coordinate  system  is  used  for  the  physical  space  (Figure  5) .  In  this 
system,  x  is  in  the  direction  of  the  undisturbed  flow  and  z  is  in  the  spanwise 
direction.  Planes  normal  to  the  top  wall  and  parallel  to  the  sidewall  are  generated  with 
the  spacing  shown  in  Figure  6.  On  the  planform,  a  uniform  spacing  is  specified  between 


Figure  5.  Geometry  and  Boundary  Conditione  Used 
for  Wind  Tunnel  Code. 


Figure  6.  Z  Grid  Planes  and  Extension  of  Planform 
for  Grid  Generation. 
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the  planes.  Beyond  the  tip,  the  spacing  is  gradually  increased  or  decreased  by  a  small 
amount,  e  ,  to  avoid  sudden  increments  in  the  grid  spacing.  Also  the  planform  is 
artificially  extended  to  the  wall  (as  a  porous  slit)  so  that  the  two-dimensional  mapping 
algorithm  will  remain  constant.  The  extended  planform  boundaries  are  defined  to  be 
perpendicular  to  the  wall  so  that  the  transformed  coordinates  will  be  orthogonal  there. 
With  the  transformed  coordinates  orthogonal  at  the  wall,  the  contravariant  velocities  are 
the  same  as  the  physical  velocities  except  for  a  scale  factor.  Although  this  is  not  a 
requirement  to  specify  boundary  conditions,  it  does  make  the  specification  simpler. 

There  remains  the  task  of  obtaining  a  two-dimensional,  boundary-conforming  co¬ 
ordinate  system  for  a  physical  x-y  cut.  The  procedure  is  similar  to  that  outlined  by 
Caughey  and  Jameson.  The  desirable  mesh  in  this  cut  is  one  which  wraps  around  the  wing 

section  and  follows  the  wake  downstream  (termed  a  "C"  mesh).  First,  a  wake  position  is 

assumed.  _For  this  the  position  downstream  of  the  trailing  edge  is  specified  to  vary  as 
A(log  x)/x  where  the  coefficient  and  nondimensionalization  are  chosen  so  that  the  wake 
leaves  at  the  trailing  edge  at  the  bisector  angle  and  the  downstream  trajectory  behaves 
as  a  vortex  at  the  quarter  chord.  It  appears  from  numerical  experimentation  that  the 
wake  position  assumed  is  not  important  so  long  as  it  leaves  at  the  trailing  bisector 
angle.  The  wake  is  not  treated  as  a  streamline,  it  is  only  a  surface  where  the  potential 
jump  and  sidewash  shear  occur.  Thus,  there  is  actually  flow  through  the  wake. 

Once  the  wake  is  defined,  the  basic  procedure  is  to  use  a  transformation  which 

unwraps  the  wing-wake  and  produces  a  mapping  in  which  the  wing-wake  is  one  line  and  the 

tunnel  walls  are  another.  In  this  computational  plane  a  simple  Cartesian-grid  distri¬ 
bution  algorithm  can  be  used  which  can  be  mapped  back  to  the  physical  plane  to  obtain  the 
cell  corner-point  coordinates.  Figures  7  and  8  outline  the  procedure.  First,  the 
unwrapping  point  is  located  at  the  center  of  curvature  of  the  wing-section  leading  edge. 
Next,  a  global  scaling  in  x  and  a  shift  of  origin  to  the  center  of  curvature  is  made. 
Then  a  quadratic  distortion  in  the  y-direction  is  applied  so  that  the  upper  wall  is  at 
it  and  the  lower  wall  is  at  -it  in  the  intermediate  coordinate  system.  This  last  trans¬ 
formation  accounts  for  the  global  scaling  factor  used  for  x  . 


•  i  =  (x  -  xs>*2n/h 

Removes  Wing  Sweep  and  Scales  x  According  to  the 
Mean  y  Dimensional  Scale 


•  V'  =  <V  -  Ysl 

Places  Origin  of  Coordinate  System  at  Reference 
Point  on  Model 

•  y  =  ay'  +  by'^ 

Moves  Model  to  Center  of  Tunnel  and  Scales  Dimension 
so  that  the  Tunnel  Walls  are  at  ±  n 

Figure  7.  Origin  Shift,  X  Scaling,  and  Y  Distortion. 


(  ♦  irj  «  cosh'  [l  -  2e  “  * ,y  ]  Y  =  Tapper 


(a)  Distort  ad  Plan*  ft*  Unwrappad  Spaca  (c)  Computational  Spaca 

Figure  8.  Sequential  Mappings  from  Physical  to  Computational  Spaca. 
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Next  an  unwrapping  function  is  used: 

f,  +  in  =  cosh'*  [  1  -  2e  x+*y  J 


(11) 


This  transformation  makes  the  wing  and  wake  appear  as  a  slowly  varying  curve  about  n  «  r 
in  the  £  ,  n  plane.  Finally  the  £  ,  n  plane  is  sheared  using 

Y  =  n/  ng-wake 

This  produces  the  desired  parallel  line  representation  of  the  wing-wake  and  tunnel  wall 
shown  in  Figure  8.  The  remaining  procedure  is  to  distribute  Cartesian  grid  lines  in 
this  space  and  transform  the  intersection  points  back  to  the  physical  plane  by  re¬ 
versing  the  transformation  procedure  just  described.  Figure  9  shows  a  coarse  grid 
generated  by  the  procedure.  The  fine  grid  used  for  the  final  computation  has  four 
times  as  many  divisions  in  each  direction. 


Figure  9.  Sample  Mesh  of  Wing  in  Wind  Tunnel. 


3 . 3  BOUNDARY  CONDITIONS 

The  remaining  task  is  to  specify  the  boundary  conditions.  Upstream,  the  Mach 
number  is  specified.  On  the  wing,  the  normal  flow  vanishes.  On  the  wake,  the  jump  in 
potential  at  the  trailing  edge  is  convected  downstream  and  incorporated  into  the  dif¬ 
ference  formulas  such  that  the  velocities  normal  and  tangential  to  the  wake  are  con¬ 
tinuous.  This  last  condition  is  a  first-order  approximation  to  specifying  that  there  is 
no  jump  in  pressure  across  the  wake. 

Two  boundary  conditions  are  employed  on  the  walls.  The  first  is  a  Neumann  boundary 
condition  where  the  normal  velocity  is  specified  as: 


The  second  is  a  Dirichlet  boundary  condition  where  the  wall  pressure  is  specified  as: 


and 


C  -  -2  (u  -  U  ) 

p  <» 


along 

wall 


(13) 

(14) 


The  expression  for  Cp  is  a  small-perturbation  approximation  which  should  be  accurate  at 
the  walls  where  the  flow  disturbances  are  small.  Using  the  above  two  relations,  the 
velocity  potential  *  can  be  derived  from  the  pressure  coefficient  Cp  . 

The  normal  velocity  or  pressure  is  prescribed  on  a  set  of  boundary-value  grid 
points.  This  grid  is  specified  independently  of  the  computational  grid  so  that  maximum 
input  flexibility  can  be  achieved.  Bilinear  interpolation  is  used  to  obtain  boundary 
conditions  for  the  computational  grid  from  the  input  values. 

On  the  downstream  plane,  a  velocity  boundary  condition  is  used.  Since  the  potential 
used  in  the  finite-volume  algorithm  is  a  perturbation,  it  is  convenient  to  express  the 
downstream  condition  in  terms  of  a  perturbation  velocity 

u„  +  «u  ,  (15) 


pVn  ds  +  P~— d~  u»  •  <16> 


Vn  =  normal  velocity  at  wall  (positive  into  tunnel) . 

Here  it  is  assumed  that  the  upstream  and  downstream  cross-sectional  tunnel  areas  are  the 
same.  This  boundary  condition  conserves  mass  flux  into  the  tunnel. 

3.4  EXAMPLE  CALCULATIONS  AND  CODE  VALIDATION 

In  order  to  validate  the  code  and  illustrate  its  applications,  various  calculations 
have  been  performed  and  compared  with  theoretical,  numerical,  and  experimental  results. 
Theoretical  and  numerical  results  were  used  to  validate  the  wind  tunnel  wall  boundary 
capabilities.  Suitable  three  dimensional  experimental  data  with  known  normal  flow  or 
pressure  values  specified  at  the  boundaries  were  not  available  at  the  time  the  calcula¬ 
tions  were  performed.  Therefore,  a  series  of  two-dimensional  calculations  was  performed 
to  compare  with  theoretical  and  numerical  solutions.  In  this  configuration  an  unswept 
wing  which  spanned  the  tunnel  was  used.  The  finite-volume  code  treats  this  configuration 
as  a  three-dimensional  calculation,  although  the  results  are  invariant  spanwise. 

Comparison  with  an  exact,  incompressible,  potential-flow  calculation  is  presented 
in  Figure  10  for  a  Karman-Tref f tz  airfoil  in  a  tunnel.  The  exact  solution  was  obtained 
by  calculating  the  free-air  flow  about  the  airfoil  using  analytical  procedures.  The 
normal  component  of  velocity  was  calculated  along  a  line  parallel  to  the  free  stream  and 
above  (below)  the  airfoil  as  the  upper  (lower)  tunnel  wall  boundary  condition  for  the 
finite-  volume-method  computer  calculation.  The  agreement  at  the  airfoil  surface  and  at 
the  field  points  given  in  Figure  10  is  excellent.  Field-point  comparisons  along  a 
vertical  line  from  the  leading  edge  was  chosen  to  illustrate  the  accuracy  of  the  calcula¬ 
tions  where  the  errors  would  be  most  noticeable.  Maximum  discretization  error  for  the 
finite-volume  method  is  expected  near  the  leading  edge  where  velocity  gradients  are 
largest.  This  comparison  provides  a  validation  for  proper  treatment  of  wall  boundary 
conditions  and  for  calculation  of  field-point  velocities. 


where 


6u 


/ 


tunnel 
walls 

Pd  =  downstream  density, 

A.  =  tunnel  cross-sectional  area,  and 


(a)  Surface  Pressure  Distribution  (bl  Field  Point  Velocities  Along  X  ■  0 


Figure  10.  Incompressible  Potential  Flow  about  a  Karman-Trefftx  Airfoil. 


1-9 


To  provide  a  transonic  check  case  with  tunnel  walls,  we  calculated  the  two-dimensional 
flow  about  an  NACA  0012  airfoil  at  a  Mach  number  of  0.8  with  solid  tunnel  walls  (no 
normal  flow)  four  chord  lengths  apart.  Figure  11  shows  a  comparison  of  the  finite-  ^ 

volume  method  to  the  small-disturbance  method  described  by  Murman,  Bailey,  and  Johnson. 

Here  again  the  agreement  is  quite  good.  The  pressure  levels  are  very  close  and  the  shock 
positions  are  within  one  grid  spacing.  The  shock  position  of  the  full-potential  equation 
is  slightly  upstream  of  the  small-disturbance  equation.  These  relative  positions  are 
expected  due  to  the  differences  in  the  two  equations  being  solved. 


Figure  12.  Calculation  of  the  Transonic  Flow  about  an 

Figure  11.  Calculation  of  the  Transonic  Flow  about  an  NACA  0012  Airfoil  in  a  Wind  Tunnel  with 

NACA  0012  Airfoil  in  a  Wind  T unnel.  Flow  Through  the  Walls. 


Figure  12  shows  the  results  for  the  same  wind  tunnel  configuration  but  with  outflow 
and  inflow  specified  at  the  walls  to  relieve  the  blockage  effect.  Comparing  Figure  12 
with  Figure  11  shows  that  the  blockage  has  been  reduced  by  the  wall  flow,  confirming  that 
the  code  is  yielding  the  proper  behavior.  This  calculation  also  provided  a  validation  of 
the  code's  treatment  of  the  downstream  boundary  condition  according  to  Equation  (15). 

The  field-point  velocities  and  densities  calculated  at  the  downstream  boundary  were  found 
to  satisfy  Equation  (15). 


Figure  13.  Finite-Volume  Method  end  Wind  Tunnel 

Results  for  Trsnsonic  Flow  About  a  Swept  Figure  14.  Effect  of  Solid  Tunnel  Weils  on  Free-Air 
Wing  In  Free  Air.  Calculation  of  Figure  I. 
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Three-dimensional  transonic  calculations  were  made  for  the  ONERA  Wing  M6,  for  which 
experimental  data  are  given  in  Reference  10  for  a  slotted-wall  tunnel  that  was  simulating 
the  free-air  case.  The  comparison  of  the  free-air  calculation  with  data  is  shown  in 
Figure  13.  The  calculation  was  repeated  for  solid  tunnel  walls,  and  the  result  is  shown 
in  Figure  14.  No  comparison  with  experiment  is  available  for  this  calculation.  However, 
the  effects  of  the  solid  walls  on  the  wing  pressure  distribution  are  in  the  direction  one 
would  expect.  The  lift  coefficient  for  the  wind  tunnel  flow  increased  about  20  percent 
above  the  free-air  value.  The  shock  position  moved  downstream  and  the  strength  increased 
because  of  the  flow  blockage. 


4.  WING-BODY  CODE 

4.1  INTRODUCTION 

Aircraft  design  requires  the  prediction  of  flow  past  realistic  wing-body-tail  con¬ 
figurations  with  engines  and  other  appendages.  Such  a  complete  configuration  is  cur¬ 
rently  beyond  the  capability  of  full-potential-equation  computational  techniques  but  can 
be  treated  by  the  more  approximate  small-disturbance  theory. 3  A  significant  step  has 
been  made  during  the  past  two  years  in  a  cooperative  research  program  between  Flow 
Research  and  Profs.  Caughey  and  Jameson.  Preliminary  results  were  presented  by  Caughey 
and  Jameson'  wherein  two  separate  wing-body  grid  systems  were  studied. 

One  grid  system  uses  a  Joukowsky  transformation  to  map  the  noncircular  fuselage  to  a 
slit  with  the  wing  extending  outward.  A  grid  system  is  then  established  with  planes 
parallel  to  the  freestream  cutting  the  wing,  and  a  parabolic  C-type  mesh  is  used  within 
each  plane.  Results  presented  in  Reference  7  revealed  oscillations  in  the  pressure 
distribution  in  the  wing  root  area.  Further  analysis  revealed  that  these  were  due  to  the 
fact  that  the  parabolic-like  grid  system  did  not  conform  to  the  fuselage  boundaries, 
which  resulted  in  an  irregular  fuselage  geometry  in  the  computation.  Although  ways  could 
be  developed  to  modify  this  grid  and  overcome  this  problem,  this  approach  was  not  under¬ 
taken  because  the  other  grid  system  appeared  to  provide  better  wing  root-fuselage  geometry 
modeling  and  did  not  suffer  from  the  problem  mentioned  above.  The  problem  noted  became 
more  severe  for  high-  and  low-mounted  wings  which  are  the  typical  configurations. 

The  other  grid  system  introduced  in  Reference  7  uses  a  cylindrical-type  system. 
Quasi-cylindrical  shells  surround  the  fuselage.  The  inner  shell  corresponds  to  the 
actual  fuselage  geometry  and  the  outer  shell  to  a  cylinder  on  which  the  far-field 
boundary  condition  is  applied.  On  each  shell  a  parabolic  C-type  mesh,  essentially 
identical  to  that  described  in  the  previous  wind  tunnel  code,  is  used.  This  system 
provides  excellent  modeling  in  the  wing  root  area  and  also  provides  more  mesh  points  on 
the  fuselage  than  the  slit-type  transformation.  Two  expected  drawbacks  from  this  system 
did  not  present  any  significant  difficulties.  For  a  closed  body,  the  cylindrical  system 
collapses  to  a  line.  In  practice  a  very  small  cylindrical  extension  to  the  body  is  used 
and  the  results  appear  satisfactory.  Also,  since  the  system  is  a  cylindrical-type  one, 
the  vertical  mesh  spacing  above  and  below  the  wing  increases  with  distance  outboard  from 
the  body.  However,  in  practice,  vertical  mesh  spacing  near  the  wing  tip  is  comparable 
for  the  cylindrical-  and  slit-type  systems,  with  the  result  that  the  wing  root  mesh 
spacing  is  better. 

The  remainder  of  this  section  will  describe  the  mesh  system  in  more  detail  and 
explain  some  improvements  which  were  necessary  to  make  the  earlier  version,  reported  in 
Reference  7,  more  robust.  Example  calculations  for  a  Leariet  and  an  A-7  will  be  pre¬ 
sented. 

4.2  GRID  GENERATION 

The  cylindrical  computational  surfaces  are  formed  by  first  defining  the  fuselage 
surface  as 


r  =  Rf(x,9)  ,  (17) 

where  6  *  tan'1  (y/z)  .  (18) 

The  coordinate  system  is  shown  in  Figure  15  and  the  Cartesian  axes  are  identical  to  the 
ones  used  for  the  wind  tunnel.  Next,  a  nondimensional  radius  is  formed  by 

r  -  Rf(x,e) 

r  "  KpnifTxTe)  '  (19) 

Here  Rfc  is  the  radius  of  the  cylinder  passing  through  the  wing  tip. 

Within  each  constant  r  surface,  a  parabolic  C-type  mesh  system  is  used  which  is 
almost  identical  to  the  wind  tunnel  grid  system  described  above.  When  the  ?  system  is 
"unwrapped,"  the  plane  of  symmetry  passing  through  the  body  centerline  is  equivalent  to 
the  walls  of  the  wind  tunnel.  One  difference  which  must  be  accounted  for  is  the  location 
of  the  wing  section  between  the  "walls."  In  the  wind  tunnel  problem,  the  wing  section  is 
approximately  midway  between  the  tunnel  walls,  and  the  quadratic  transformation  for  y 
is  sufficient  to  place  the  wing  section  midway  between  the  computational  boundaries. 

However,  for  a  high-  or  low-mounted  wing,  the  angular  location  of  the  wing  section  between 
the  planes  of  symmetry  often  exceeds  the  valid  range  allowed  for  a  quadratic  transformation. 


(a)  Plan  View 


(b)  Front  View 


Figure  15.  Coordinate  System  for  Wing-Body  Code. 


An  improvement  which  extends  the  range  of  angular  displacement  is  to  use  an  ellip¬ 
tical  transformation 


(y  -  a)2  +  [2(8  -  6S)  -  b]  2  =  R2  , 
where  a  ,  b  ,  and  R  are  selected  to  meet  the  constraints 

y  *  +1  at  6  *  +n/2 
y  =  -n  at  6  =  -n/2  ,  and 


0  at  e  =  e. 


Here  is  the  angular  location  of  the  center  of  curvature  of  the  wing  section  formed 

by  the  intersection  of  the  cylindrical  grid  surface  and  the  wing.  The  factor  2  appears 


on  the  8  -  0  term  so  that  the  global  scaling  of  the  8  to  y  transformation  can  be 

accounted  for!  This  latter  transformation  allows  the  wing  to  be  displaced  from  the 
centerline  (0  =  0°)  by  as  much  as  +65.88°.  This  has  been  found  to  be  adequate  for  all 


transformation  can  be 


4 


the  test  cases  run  so  far.  If  still  Further  displacements  are  required,  an  exponential 
transformation  could  be  used.  This  function  would  always  provide  a  unique  mapping 
regardless  of  the  amount  of  displacement  from  the  centerline. 


After  the  transformation  to  y  ,  x  space  is  done,  the  remaining  transformations 
are  identical  to  the  wind  tunnel  grid.  A  wake  trailing  behind  the  wing  section  is 
assumed  using  the  same  relation  as  was  used  for  the  wind  tunnel  model.  The  two-dimensional 
wing  sections  are  unwrapped  and  sheared  so  that  the  wing  and  wake  form  one  line  and  the 
upper  and  lower  intersection  of  the  cylindrical  surface  with  the  centerplane  form  the 
other  line.  A  Cartesian  grid  is  then  generated  between  the  lines  and  the  intersections 
of  the  grid  lines  and  then  transformed  back  to  the  physical  space. 


One  additional  transformation  was  found  to  be  necessary  to  handle  highly  swept  wing 
configurations.  For  swept  wings  that  are  highly  tapered,  the  mesh  system  described  above 
becomes  very  highly  swept  far  upstream  or  downstream.  This  causes  numerical  instability 
problems.  The  reason  that  the  mesh  sweep  increases  upstream  or  downstream  is  that  for 
each  cylindrical  surface  the  nondimensionalization  used  is  based  on  the  local  wing  chord. 
With  a  highly  tapered  wing  the  mesh  lines  advance  upstream  more  rapidly  at  the  root  than 
at  the  tip.  This  adds  to  the  basic  sweep  of  the  mesh  system  due  to  wing  sweep.  To 
overcome  this  problem,  the  grid  points  obtained  by  the  transformations  described  so  far 
were  shifted  according  to : 


:LE  + 

<x  "  XLE)  f1 

+  (c5  -  1 

|  tanh2 

(x  -  xLE) 

for  x  <  xLE 

(22) 

'TE  + 

(x  “  f  1 

*(rr  -  1 

|  tanh2 

(x  —  xTE) 

for  x  >  Xjg 

(23) 

where  XTg  is  the  local  wing  leading  edge,  xjg  is  the  local  wing  trailing  edge,  C  is 
the  local  wing  section  chord  and  Cr  is  the  root  section  chord.  These  stretching 
functions  have  the  effect  of  changing  the  local  scaling  from  the  local  chord  to  the  root 
chord  far  upstream  and  downstream  of  the  wing.  This  removes  much  of  the  added  sweep  due 
to  taper  and  provides  the  more  stable  computational  grid. 


I 
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4.3  BOUNDARY  CONDITIONS 

Boundary  conditions  for  the  wing-body  code  are  similar  to  those  for  the  wind  tunnel 
code.  The  wake  is  treated  in  exactly  the  same  fashion.  Its  position  is  assumed  and  made 
part  of  the  airfoil  definition.  Continuity  of  longitudinal  and  normal  components  of 
velocity  are  enforced  aero.*  s  the  wake  to  approximate  a  shear  surface  without  a  pressure 
jump.  Specifically,  the  wake  is  not  assumed  to  be  a  streamline,  just  a  free  shear  surface. 

On  the  body  and  wing,  no  normal  flow  is  allowed.  Also,  no  normal  flow  is  allowed  at 
the  upper  and  lower  boundaries  of  the  two-dimensional  grids  on  the  cylindrical  surfaces 
since  these  lines  correspond  to  the  plane  of  symmetry.  Flow  normal  to  these  lines  on  the 
cylindrical  surface  corresponds  to  cross  flow  which  must  be  zero  for  symmetry  reasons. 
Therefore,  the  flow  on  the  two-dimensional  surfaces  looks  just  like  the  wind  tunnel  flow 
for  a  wing  section  in  a  solid  wall  tunnel. 

Upstream,  the  Mach  number  and  angle  of  attack  are  specified.  Downstream,  the  per¬ 
turbation  velocity  in  the  x-direction  is  assumed  to  vanish.  This  provides  a  first- 
order  approximation  to  a  return  to  freestream  pressure.  On  the  outer  shell,  all  the 
perturbation  velocity  components  are  assumed  to  vanish.  Of  course  the  far  field  boun¬ 
daries  in  the  finite-volume  algorithm  are  really  at  a  finite  distance  from  the  configuration. 
This  in  itself  introduces  some  error;  however,  comparisons  with  other  analyses  and  wind 
tunnel  data  would  indicate  the  effect  to  be  small. 

4.4  SAMPLE  COMPUTATION 

The  wing-body  code  has  been  exercised  for  several  representative  configurations. 

Results  have  shown  good  agreement  with  other  numerical  techniques  in  their  common  range 
of  validity.  Two  sample  results  are  presented.  The  first  example  is  a  Learjet  for  which 
no  wind  tunnel  data  are  available  for  comparison.  The  second  configuration  is  a  Navy 
attack  aircraft  (A- 7 )  with  a  nonstandard  supercritical  wing  which  was  designed  for  the 
configuration  using  numerical  optimization  techniques.  The  wing-body  configuration  was 
tested  at  NASA  Ames  Research  Center  to  verify  to  new  design  goals  and,  hence,  wind  tunnel 
data  is  available  for  comparison.  The  redesigned  wing  configuration  resulted  from  a 
design  exercise  to  test  transonic  numerical  design  techniques . It >  ” 

Figure  16  shows  a  coarse  computational  grid  on  the  Learjet.  The  final  computational 
mesh  has  four  times  as  many  grid  lines  in  each  direction  and  is  formed  by  dividing  the 
mesh  spacing  shown  in  half  and  then  in  half  again.  Figure  17  shows  the  pressure  distri¬ 
bution  on  the  wing  at  a  span  station  near  the  root  and  one  near  the  tip.  Wind  tunnel 
data  currently  being  processed  should  provide  a  good  comparison. 


Figure  16.  Com*  Grid  on  Loarjot 
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Figure  17.  Cordwise  Pressure  Distribution  on  Laarjot. 


Figure  18  shows  a  comparison  of  wind  tunnel  data  with  the  results  from  the  wing-body 
finite-volume  code  and  a  wing-alone  finite-volume  code  for  the  redesigned  A-7  configura¬ 
tion.  The  first  station  shown  on  Figure  18  (n  =  0.146)  is  close  to  the  wing  body  juncture 
(n  =  0.12)  .  These  results  show  the  strong  influence  of  the  fuselage  and  the  good  agree¬ 
ment  of  the  wing-body  code  with  the  wind  tunnel  data.  Both  the  wing-body  and  wing- 
alone  computer  codes  were  run  at  the  same  angle  of  attack  as  the  wind  tunnel  model;  there 
was  no  attempt  to  match  overall  lift.  Lower  surface  pressure  agreement  is  excellent 
across  the  span.  Upper  surface  pressures  predicted  by  the  code  seem  to  be  generally 
higher.  This  could  be  due  to  some  viscous  effect  or  possibly  wall  interference.  The 
viscous  effect  due  to  shock-boundary  layer  interaction  is  quite  noticeable  near  the  tip, 
where  the  inviscid  code  predicts  a  stronger  compression  through  the  shock  than  was 
obtained  by  the  experiment. 


M  086 
o  4  68" 

n  li* 


X  Experimental 

-  Wing  Body 

—  —  —  Wing  Akx>e 


Figure  18.  Comparison  of  Computed  and  Experimental  Cordwieo  Pressure  Distributions  on  Modified  A-7  Modal. 


Figure  19  shows  the  effect  of  the  fuselage  on  the  spanwise  loading.  The  results  are 
nondimenstonalized  by  the  total  lift  coefficient  so  that  the  comparison  shows  the  distri¬ 
bution  effect.  The  presence  of  the  fuselage  tends  to  increase  the  loading  inboard  on  the 
wing.  The  effect  of  the  fuselage  on  the  total  lift  is  indicated  on  the  figure.  For  an 
angle  of  attack  of  4.68°,  the  fuselage  reduced  the  total  lift  by  38  percent,  from  0.485 
for  the  wing-alone  case  to  0.300  for  the  wing-fuselage  case. 

5.  DISCUSSION  AND  CONCLUSIONS 

The  finite-volume  algorithm  provides  a  very  powerful  basis  to  generate  computer 
codes  to  solve  the  full-potential  equations  in  conservation  form  about  complex  geome¬ 
tries.  The  two  codes  described  in  this  paper  show  the  fundamental  process  that  needs  to 
be  followed  in  order  to  develop  such  codes.  The  accuracy  of  the  results,  when  compared 
to  other  codes  and  experimental  data  for  the  two  codes,  attest  to  the  range  of  applica- 


i 
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Figure  19.  Effect  of  Fuselage  on  Computed  Spanwise  Loading  of  Modified  A-7  Model. 


tion  of  the  algorithm.  More  work  needs  to  be  done  to  determine  the  restrictions  which 
must  be  placed  on  the  mesh  generation.  For  example,  this  work  uncovered  that  mesh  sweep 
could  destabilize  the  solution.  The  exact  mechanism  and  limits  on  the  sweep  have  not 
been  fully  studied.  Furthermore,  the  smoothness  of  the  mesh  is  known  to  place  limits  on 
the  procedure,  particularly  in  the  vicinity  of  shocks.  Again,  the  exact  limits  are 
unknown.  Finally,  two-dimensional  computations  have  indicated  that  the  aspect  ratio  of 
the  mesh  is  important.  These  exact  bounds  are  also  unknown. 

Although  many  of  these  limits  have  not  yet  been  quantized,  they  have  not  proved  to 
be  real  restrictions.  The  consequence  of  overstepping  the  bounds  has  so  far  been 
catastrophic,  i.e.,  divergence.  The  main  purpose  of  presenting  them  is  to  make  potential 
program  developers  aware  of  where  problems  may  occur  should  their  codes  suddenly  diverge 
without  apparent  reason. 

The  two  codes  presented  here  have  faced  one  or  more  of  these  difficulties  during 
the  course  of  their  development.  Their  present  status  is  such  that  they  should  run 
without  difficulty  on  a  wide  variety  of  configurations.  The  wing-body  code  does  repre¬ 
sent  a  practical  limit  to  what  can  be  achieved  using  a  single  mesh-generation  scheme. 

To  include  a  tail,  nacelles,  etc.,  will  require  the  marriage  of  more  than  one  grid 
system.  This  will  require  combining  special  grid-generation  algorithms,  each  best 
suited  to  a  specific  component  on  the  configuration.  Matching  of  flow  parameters 
across  common  boundaries  will  have  to  be  incorporated  into  the  solution  procedure. 

One  other  consideration  which  has  not  been  mentioned  yet  is  that  of  computing  time. 
Currently,  both  the  wind  tunnel  program  and  the  wing-body  program  require  about  45 
minutes  of  CDC  7600  time.  Some  bench  mark  runs  have  been  made  on  the  CRAY-1.  From 
these  tests,  execution  times  of  8  to  9  minutes  are  expected.  Improvements  in  execution 
speed  on  the  CRAY  machine  are  expected  since  the  increased  memory  will  allow  the  program 
to  run  totally  in  core  without  the  need  to  store  computational  variables  on  disks. 

Still  further  improvements  could  be  expected  if  the  solvers  were  vectorized. 

Long-term  improvements  in  speed  are  expected  from  the  new  algorithms  being  de¬ 
veloped.  An  order  of  magnitude  improvement  or  better  in  speed  has  been  indicated  by 
some  researchers  using  new  algorithms  such  as  multigrid.  Near-term  benefits  have  been 
demonstrated  using  such  procedures  as  extrapolation.  Work  performed  at  Flow  Research 
has  shown  that  a  30  to  50  percent  reduction  in  computing  could  be  expected  in  general  by 
applying  this  technique.  More  work  is  required  to  determine  how  robust  this  technique 
is. 


Work  currently  in  progress  at  Flow  Research  is  addressed  to  short-  and  long-term 
development  of  general-configuration  transonic  codes.  The  goal  is  to  achieve  a  general- 
configuration  code  which  will  provide  designers  with  the  most  accurate  results  they  can 
achieve  outside  of  the  wind  tunnel. 
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RESUME 

II  s'agit  de  presenter  la  methode  d'elements  finis  developpet  a  1 ‘Aerospatiale  pour  la  simulation  name- 
rique  des  ecoulements  transsoniques  stationnaires  non  visqueux  autour  de  geometries  complexes,  vcilurc- 
aveo  fuselage  par  exemple.  Dans  cette  methode,  l'ecoulement  aerodynamique  est  decrit  par  1'equatio:.  gene- 
rale  du  potentiel,  sous  forme  conservative.  Pour  resoudre  cette  equation,  on  utilise  one  formulation  ori¬ 
ginate,  basee  sur  une  extension  du  principe  variationnel  ie  Bateman  au  cas  transsonique.  Cette  formulation 
permet  de  reduire  le  nombre  d‘ iterations  necessaire  pour  obtenir  une  solution.  L'unicite  de  cette  solution 
est  assuree  par  l'emploi  de  viscosite  artif icielle ,  sous  forme  de  densite  "retardee".  ha  discretisation  uu 
problfeme  s'effectue  par  une  approximation  isoparametrique  trilineaire  sur  des  elements  hexaedraux.  Dans  ie 
cas  d ' ecoulements  portants,  la  condition  de  Kutta  Joukowski  est  realisee  grfiee  aux  solutions  circulatoij es 
associees.  Des  -esultats  pratiques  sont  presentes  poui  valider  la  methode.  Ils  sont  compares  a  des  resui- 
tats  experimentaux  et  a  des  resultats  fournis  par  d'autres  methodes  numeriques. 

imoMcmw  - 

Les  methodes  numeriques  occupent  une  place  de  plus  to  plus  importante  dans  1’ analyse  des  formes  aero- 
dynamiques  complexes  en  regime  transsonique.  La  methode  des  differences  finies  est  la  plus  utilisee  : 
dans  ses  versions  recentes,  elle  est  rapide  (methodes  semi-directes  ou  methodes  de  factorisation)  et 
elle  permet  de  "capturer"  les  chocs  eventuels  (methodes  de  viscosite  artificielle  ou  methodes  de  den¬ 
site  retardee).  Cependant,  elle  semble  limitee  dans  l'immediat  a  des  formes  simples  (voilure  +  fuselage 
simplifie). 

La  methode  des  elements  finis,  par  contre,  est  plus  indiquee  pour  des  formes  complexes  (possibility  de 
maillage  quelconque  et  traitement  exact  des  conditions  aux  limites),  maio  son  utilisation  en  regime 
transsonique  est  encore  du  domaine  de  la  recherche.  On  peut  signaler  deux  difficultes  : 

1 )  -  il  faut  savoir  eliminer  les  chocs  de  detente  qui  ne  sont  pas  physiquement  acceptables,  mais 

sont  contenus  dans  l’equation  du  potentiel, 

2)  -  les  principes  variationnels  classiques  ne  s'appliquent  plus,  car  les  f onctionnelles  considerees 

perdent  leurs  proprietes  de  convexite  lorsque  le  nombre  de  Mach  local  depasse  1' unite, 

L'objet  de  ce  rapport  est  de  presenter  une  mdthode  d'elements  finis  basee  sur  une  approche  variation- 
nelle  et  valable  en  regime  transsonique.  Cette  methode  a  ete  conpue  pour  accepter  d  ;s  maillages  quel- 
conques  et  permettre  ainsi  le  calcul  d'avions  complets.  Bans  les  paragraphes  qui  suivent  on  trouvera 
un  r^sumd  de  la  formulation  thdorique  ai.isi  que  des  resultats  p,  eiiminaires  pour  des  voilures  et  un 
ensemble  voilure-fuselage. 
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J.1  -  Equations  - 


FIG.  1 


Ces  Equations  sont  d^duites  des  equations  d' Euler  stationnaires  en  faisant  l'hypoth&se  d  irrota- 
tionalit^.  Puisqu'un  ^coulement  irrotationnel  est  isentropique,  1 1 introduction  d'un  potentiel 
impose  le  remplacement  des  ondes  de  choc  par  des  discontinuity  au  travers  desquelles  1  entropie 
est  conserve .  On  se  limitera  done  aux  ecoulements  transsoniques  stationnaires  ou  les  ondes  de 
choc  sont  suffisamment  faibles  pour  justifier  cette  hypothfese.  Par  ailleurs,  les  effets  visqueux 
ne  sont  pas  pris  en  compte  et  ils  devront  gtre  introduits  ulterieurement  au  moyen  d’un  couplage 
avec  un  calcul  de  couche  limite. 
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2.2  -  Methods  - 


La  methode  de  resolution  est  basee  sur  une  extension  du  principe  variationnel  de  BATEMAN.  Co 
principe  donne  la  solution  des  probifemes  subcritiques  comme  4tant  le  potential  <p  qui  minimise 
la  fonctionnelle  T(y)  ,  integrals  de  la  presoion  Hr)  aur  le  domains  de  oalculJT.  (voir  fig.l): 


J  (f)  =  -  J  f>(y)  ciz  _  I  (p„  1/  .  A/Jjp  ok 


(5; 


Kalheuxeusement,  des  qu' apparaissent  des  zones  supersoniques  dans  1 ' ecoulement,  cette  fonction¬ 
nelle  n*est  plus  concave  partout  et  1’ extremum  cherchl  ne  peut  plus  Stre  obtenu  par  une  methode 
de  descente. 


On  considere  alors  la  fonctionnelle  de  pression  modifiee 


*e  J((£)  : 


J(y>)  -  -  [  c  pfy)  -  (d~c)  d  yl] cLz-j(j)  V .  N  )(j>do' 


(6) 


'ft  sr 

o*> 

ou  ^  et  ell  sont  des  fonctions  ponctuelles  a  definir  (pour  C  =  'l  on  retrouve  la  fonctionnelle  de 
pression  de  BATEMAN).  On  peut  montrer  : 

a)  -  que  J(f)  est  .-.trictement  concave  dans  l'espace  des  fonctions  a  derivdes  de  carre  sommable 
U4(/l)  si  : 


(  C  ^  'd  lorsque  le  mach  local  K(^y)  <  1 
J  et 

lorsque  K (jp)  >  1 


(7) 


C  < 


i.lntp.i] 

b)  -  que  la  stationnaritd  de  J(f)  par  rapport  h  ij)  dans  B*  [/l )  implique  : 

doer  f[c p(j>)  +(l-C)cfl]  CjAxud  (j)J  =  0 
j[cj>(f)-i-0-C)dJ  cjPudeLej)  _  p  V  J.  N  ~  0 


(s) 

(9) 


Ces  deux  r4sultats  constituent  la  base  de  la  methode  it4rative  propos4e.  On  d4finit  une 
suite  d'int4grales  de  pression  {%}>}■  modifies  de  fa? on  A  assurer  leur  concavity  par- 

tout  grflee  au  choix  de  c  verif iant  lea  conditions  (7).  Chacune  de  ces  integrates  a  done  pour 
minimum  une  fonction  potential  unique  ^  .  Si  A  cheque  iteration  A.  on  prend  pour  fonction 

,  la  solution  ^  du  problfeme  transsonique  peut  8tre  obtenue  en  tant  que  limi- 
te  de  la  suite  J  10  1.  En  effet,  A  convergence,  cette  limite  vdrifie  l'dquation  gdndrale  du 
potentiel  (l)  alnsi  que  les  conditions  aux  limites  (3  -  4). 

II  faut  remarquer  que  le  choix  C  5  O  qui  satisfait  aussi  les  conditions  de  concavity  '{7 ) 
correspond  &  la  lindarisation  habituelle  de  l'dquation  au  potentiel,  e'est  &  dire  : 


(10) 


I  4 

M 


¥ 
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dependant  les  fonctions  C  doimees  par  lea  formulas  (7)  permettent  une  approximation  non 
lineaire  plus  riche  de  l'integrale  de  pressiou  (5).  La  methode  propos4e  laisse  done  espfe- 
rer  une  reduction  substantielle  du  nombre  des  iterations  r\,  . 


11  rente  k  assurer  la  convergence  de  la  suite  IfJi  vers  la  solution  physique  du  pr obi feme 
trans sonique  et  1' elimination  des  chocs  dfe  detente.  Ceci  est  realise  an  introduisant  de  la 
viscosite  artificielle  dans  les  equations,  au  moyen  de  la  methode  de  la  "densite  retard4e" 
precoriisee  par  HAFEZ,  SOUTH  &  MURMAnI 

Celle-ci  ccnsiste  a  remplacer,  dans  les  zones  supers oniques,  la  dennitej^au  point  courant 
par  la  densite  j>  en  un  point  situe  legerement  en  amont,  suivant  la  formula  : 


hr-sfr-r.)  , 

[0}- 


/> 


—  MAX 


4-  e. 


] 


£ 


{■■) 

{-.’cl 


et  p  represente  la  densite  sur  1' element  situe  immediatement  en  amont  du  point  courant. 

M 

On  montre  qu'il  y  a  equivalence  entre  la  methode  de  la  densite  retardee  et  les  methodes  de 
decentrage  de  JAMESON^  et  MURHAN  ET  COLE^,  qui  sent  utilisees  en  differences  fir.ies,  depen¬ 
dant,  l'approohe  densite  retardee  se  prSte  mieux  a  la  discretisation  par  elements  finish 


2.3  -  Discretisation  - 

Le  domair.e  de  oaloul  JT_  est  represente  par  une  partition  d' elements  qui  sont  des  hexaedres  dont 
les  faces  sont  des  quadrilateres  gauohes.  Sur  cette  partition,  le  potentiel  p  est  approche  par 
une  approximation  isoparametrique  trilindaire  qui  ne  depend  que  des  valeurs  du  potentiel  aux 
noeuds  du  maillage.  Ainsi  ohaque  probleme  oontinu  de  determination  du  potentiel  p  ,  minimum 
de  l'integrale  J  ,  est  remplace  par  un  probleme  disoret  aux  N  inconnues  p  .  pour  a.  =  4 '  V 

T  ,  -t,  ^ 

Pour  cela,  l’integrale  J ^  n'est  pas  calculee  exactement,  mais  de  fa^on  approchee  par  une  formule 
de  quadrature  sur  chaque  element.  Une  formule  de  GAUSS  a  huit  points  d* integration  est  utilise©  a 
proximite  du  coips  et  une  formule  k  un  point  d' integration  pour  le  reste  du  domaine.  La  determina¬ 
tion  des^J^  .  est  un  probleme  de  minimisation  sans  contrainte  d'une  fonction  concave.  La  solution 
est  unique  et  elle  est  obtenue  par  l’algorithme  des  gradients  conjugu4s,  Cet  algorithme  permet  une 
faible  occupation  de  la  memoire  de  1 ’ ordinateur,  puisqu’il  necessite  seulement  le  stockage  de  trois 
vecteurs  de  dimension  /V  . 


2.4  -  Condition  de  KXJTTA  -  JQUKQVSKI  - 

Dans  le  cas  d'un  ecoulement  autour  d'un  corps  portant,  la  condition  de  KUTTA  -  JOUKOVSKI  (egalite 
de  pression  &  l'intrados  et  &  l'extrados  du  bord  de  fuite)  conduit  a  une  fonction  potentiel  qui 
presente  une  discontinuity .  Cette  surface  de  discontinuity  symbolise  un  sillage  issu  de  la  ligne 
du  bord  de  fuite  du  corps  portant  et  on  supposera  qu'elle  a  une  forme  determinee  a  priori. 

Le  potentiel  solution  du  probleme  portant  est  recherche  sous  la  forme  d'une  combinaison  lineaire 
du  potentiel  solution  du  probleme  continu  associe,  et  de  potentiels  circulatoires,  sont  des 
fonctions  harmoniques  presentant  une  discontinuity  etalon  au  bord  de  fuite.  Les  coefficients  de  la 
combinaison  lineaire  sont  obtenus  k  partir  de  la  condition  de  KUTTA -JOUKOVSKI ,  ecrite  en  des  points 
de  contrdle  le  long  du  bord  de  fuite  sous  la  forme  : 


— ► 

—  \/  tx+ra.{Jos 

Ces  equations  non  lineaireo  sont  resolues  par  un  processus  iteratif  de  NEWTON  qui  est  mene  paral- 
lfelement  aux  iterations  M.  du  problbme  transsonique . 

Une  telle  formulation  permet  d* assurer  1* egalite  des  pressions  ainsi  qu’une  allure  convenable  du 
potentiel  au  bord  de  fuite  du  corps  portant. 


-  HlLiULTATL  PREL1MINAIRKL  - 

La  methode  presentee  ci-dessus  a  ete  congue  pour  simuler  1* ecoul ament  transsonique  autour  d'avions  com¬ 
plete.  En  effet,  le  dev- loppement  theorique  a  montre  que  l’approche  elements  finis  n'est  pus  res treinte 
A  dee  maillages  de  type  "cartesien  deforme  ”,  comme  ceux  utilises  en  differences  finies.  Cette  liberte 
dans  le  choix  du  maillage  permet  le  traitement  de  conditions  aux  limites  compliquees.  La  mise  en  oeuvre 
informatique  a  ete  faite  de  fagon  a  conserver  cette  propriete  et  accepter  des  maillages  quelconques. 

Le  but  de  ce  rapport  n'est  pas  de  decrire  une  procedure  pour  gen^rer  de  tels  maillages.  On  presenters 
plutSt  des  resultats  destines  a  valider  la  methode  et  obtenus  avec  des  maillages  plus  classiques  sur  des 
g^om^tries  representatives  :  voilures  et  combinaison  aile-fuselage . 

3.1  -  Resultats_pour  ailes  a  l^_paroi  - 

Trois  types  de  voilures  ont  ete  analysees  et  les  resultats  compares  h  des  resultats  anterieurs  et 
b.  des  donnees  experimentales .  La  premiere  voilure,  designee  SUTO  est  une  voilure  droite  a  profil 
NACA  0012,  d'allongement  6.  La  seconde,  designee  M6,  a  ete  etudiee  e xp£ rime ntal erne nt  a  l'ONERA^. 

La  troisieme  est  une  voilure  supercritique  congue  &  1 'Aerospatiale  sous  le  nom  de  10AG5  »  sa  forme 
en  plan  est  representee  sur  la  figure  2. 


FORME  EN  PLAN  -  VOILURE  10  AG  5  - 


Le  maillage  utilisd  pour  chaque  voilure  comprend  5468  elements  et  il  est 
mensionnelles  juxtaposdes .  La  figure  5  donne  un  exemple  de  maillage  dans 
tion  des  mailles  au  bord  de  fuite  (detail  de  la  figure  j)  n'est  possible 


rdalis^  par  tranches  bidi- 
une  tranche  j  la  disposi- 
que  dans  une  approche  ele¬ 


ments  finis. 


Y-Cte  COUPE  DU  MAHLAGE 


FIG.  3 


DETAIL  FIG:  3  -  MALL  AGE  AU  BORD  DE  FUJTE 


Le  tableau  suivant  resume  lea  eas  de  calcul  presentes  dans  18s  figures  4  a  22  : 


CAS 

N» 

VOILURE 

MACH  M„ 

INCIDENCE 

mm 

mmm 

2° 

I 

0° 

Bfl 

H 

■SH 

1,5° 

mm 

0.84 

0“ 

mm 

0.92 

0° 

Wm 

10AG5 

0.8 

-  0,255° 

Pour  la  verification  des  resultats,  on  dispose  : 

a)  -  dans  le  oas  incompressible,  d'une  mdthode  de  singularitds  developpee  a  1 ' Aerospatiale 

(solution  quasi-exacte), 

b)  -  d'une  mdthode  de  differences  finies  non  conservative  developpde  par  A.  JAMESON  et  D.A 

CAUGHET  sous  le  nom  de  FL0-22^f 

c)  -  pour  l'aile  M6,  des  rdsultats  experimentaux  de  l'ONERA, 


d)  -  pour  l’aile  10AG5>  des  resultats  experimentaux  obtenus  par  l'Aerospatiale. 


Le  cas  de  calcul  incompressible  permet  de  tester  la  precision  de  la  methods  et  sa  capacite  a  traitor 
lea  problhmes  portents.  Lea  resultata  aont  excellent:,,  tant  pour  les  courbea  de  coefficients  de 
preasion  que  pour  la  repartition  de  portance  locale  en  envergure.  Au  bord  de  fuite,  ils  presenter,! 
m§me  un  traitement  de  la  singularity  meilleur  que  ceux  dea  differences  finies. 

Lea  comparaisons  sont  plus  approximativea  pour  les  ealculs  transsoniques.  A  cela,  il  exiate  troia 
raisons  principalea  : 

a)  -  la  methode  des  elements  finis  eat  conservative  alora  que  celle  dea  differences  finies  ne 

l'est  pas, 

b)  -  la  methode  des  elements  finis  ne  tient  pas  compte  pour  1' instant  des  effets  visqueux  qui 

sont  presents  dans  les  easaia, 

c)  -  enfin  le  maillage  d'elements  finis  eat  trop  grossier,  surtout  dans  la  direction  longitudi- 

nale  (il  n'y  a  que  25  points  sur  l'extradoa  d'un  profil) 

La  figure  10  permet  d'ailleurs  de  voir  1" influence  du  maillage  pour  un  cas  transsonique  bidimension- 
nel.  On  note  que  la  methode  des  elements  finis  genfere  un  choc  trfes  raide,  pratiquement  reparti  sur 
une  maille. 

Les  resultata  presentes  ci-dessus  ont  ete  obtenus  dans  leur  majorite  sur  un  ordinateur  CDC  CYBER-174. 
Dans  le  cas  de  calcul  n“  2,  on  a  utilise  : 

200  minutes  de  temps  CP 
58240^  mots  de  mEmoire  centrale 
2 52830 | q  mots  de  memoire  ECS 

Pour  ce  m?me  cas,  la  formulation  variationnelle  gEneralisee  necessite  8  fois  moins  d' iterations  H. 
que  la  formulation  linearisee  (l0)  qui  est  employee  habituellement. 


3.2  -  Resultata  pour  combinaison_aile-fuselage  - 

Afin  de  montrer  la  capacite  de  la  methode  a  traiter  des  configurations  realistes,  une  combjnaison 
aile-fuselage  a  aussi  ete  Etudiee.  La  figure  23  donne  un  plan  3  vues  de  cet  ensemble.  Il  s'agit 
d'un  cas  non  portant  et  on  considfere  settlement  le  quart  du  domaine  entourant  l'obstacle.  On  pourra 
completer  par  syme tries .  S'agissant  de  resultats  preliminaires  un  maillage  grossier  de  3000  ele¬ 
ments  (dont  48  sur  un  c8te  de  la  voilure)  est  utilise.  Les  figures  24  et  25  montrent  les  isobares 
h  la  surface  du  corps  en  rEgime  incompressible  et  en  regime  transsonique  (M^=  0.8). 


CONCLUSION  -  __  ...... 

Le  resume  d’une  methode  de  calcul  originale  des  ecoulements  transsoniques  tridimensionnels  stationnaires 
vient  d'Stre  prEaente ,  ainsi  que  quelques  resultats  preliminaires .  Ces  resultats  permettent  de  valider 
l'approche  Elements  finis  et  ils  donnent  une  idee  de  sa  gEnEr&lite .  Le  travail  futur  va  porter  sur  deux 
points  principaux  : 

a)  -  brancher  le  programme  de  calcul  sur  un  genErateur  automatique  de  maillages  quelconques,  qui  per¬ 

mettent  d'utiliser  pleinement  les  possibilitEs  de  la  mEthode, 

b)  -  ameliorer  les  performances  de  la  methode,  en  y  incorporant  notamment  In  technique  des  maillages 

imbriquEs . 


On  peut  penser  qu'alors  cette  methode  constituera  un  veritable  outil  aErodynamique  pour  les  Ecoulements 
transsoniques . 


•  msttods  dx  dftsrsncM  (Mn  (JAMESON) 

•  fflAthods  dM  AUfnsrts  finis  (SNtAS) 


♦  msfhodt  dM  OHtfrtncss  Mss  (JAMESON) 

•  mMhods  dH  AMnwnte  finis  ( 5NMS) 


VOILURE  SUTO 


MACH  .0,78  a  •  1,5* 


•  msfhods  dM  dHHnnan  Mm  (JAMESON) 

•  msfhodt  dM  AMmsnts  Ms(SNMS) 


•SKJ»  (ONERA) 
nMM  dn  * 
KP  crtttqu* 


Mnwite  «Mt(SMUkS) 


URE  M6 


MACH  •  ,>i  a>0* 


••MM  (ONER A) 

rnMmk  dn  Mmtntt  Ml(SMAS) 


KP  crKkju* 


MACH  *  0.92  a*0* 


VOILURE  M6  -ISOBARES 


URE  M  6 


MACH -0,92  a-0* 


inched*  dn  Mments  flntt(SMAS) 

kp  critique 


MACH  -0,92  a-0> 


mdthode  des 

ko  critique 


element*  flntt(SMAS) 


MACH  *  0, 8  a>0* 
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ETUDE  PAR  LA  METHODE  DES  ELEMENTS  FINIS  DES 
INTERACTIONS  VOILURE-FUSELACE-NACELLE  D'UN  AVION 
DU  TYPE  FALCON  A  MACH  -  0,79 

par  Gilbert  HECKMANN 

Departement  des  Etudes  Theoriques  Aerodynamiques 
Division  des  Etudes  Avancees 
AVIONS  MARCEL  DASSAULT  BREGUET  AVIATION 
78,  Quai  CARNOT  92214  St-CLOUD  (FRANCE) 


0  *  INTRODUCTION 


0.1  -  L'adaptation  du  moteur  GARRETT  ATF3-6,  sur  le  bireacteur  d'affaires  FALCON  20  equipe  en  serie 
d'un  General  Electric  CF  700,  mit  en  evidence  un  accroi ssement  de  trainee  en  ecoulement  trans- 
sonique  important  et  imprevu,  bien  que  1 'ensemble  fuselage-nacelle  ait  ete  etudie  prealablement 
par  des  methodes  tradit ionnelles . 

L'etude  en  soufflerie  de  la  configuration  nouvelle  montra  des  chocs  sur  l'avant  de  la  nacelle 
moteur  et  sur  l’arriere  de  la  voilure  a  l'extrados  pres  de  l'emplanture  a  Mach  =0.79  :  1 'ecou¬ 
lement  de  I'air  entre  voilure  et  nacelle  etait  localement  supersonique .  II  fut  done  decide  de 
modifier  la  forme  et  la  position  de  la  nacelle  et  du  mat. 

La  configuration  complexe  fuselage-voi lure  -  mat-nacelle  devait  etre  etudiee  en  ecoulement  super¬ 
critique  en  tenant  compte  du  debit  du  moteur.  Une  technique  s'imposa  :  celle  des  ELEMENTS  FINIS 
qui  permer  le  calcul  aerodynamique  en  ecoulement  t ridimensionne 1  et  transsonique  avec  chocs  dans 
un  domaine  geometr iquement  quelconque  avec  des  conditions  aux  limites  requises. 

A  l'epoque,  la  methode  des  elements  finis  n'etait  pas  suf f isamment  performante ,  a  cause  entre 
autres  des  problemes  de  maillage  dans  les  cas  complexes  et  de  ceux  de  la  convergence  du  calcul 
avec  chocs  importants. 

0.2  -  Nous  nous  proposons  de  montrer  ici,  que  la  maitrise  d'une  methode  de  calcul  transsonique  permet 
de  resoudre  des  problemes  aerodynamiques,  non  detectables  quelques  annees  auparavant  autrement 
que  par  des  essais  en  vol  ou  en  soufflerie. 

Apres  avoir  etudie  brievement  le  probleme  en  soufflerie,  et  presente  les  outils  mathemat iques  et 
informatiques  indispensables ,  nous  presenterons  les  methodes  d ’ exploitation  et  les  resultats  de 
calcul  sur  deux  configurations  ; 

-  avec  nacelle  d'origine  dite  N1  et  mat  1 

-  avec  nacelle  definitive  dite  N5  (position  et  forme  modifiees)  et  mat  8. 


I  -  CARACTERISATIQN  DES  PROBLEMES  TRANSSONIQUES 

1.1  -  Le  depouil lement  des  premiers  vols  du  FALCON  20  G  montra  une  augmentation  de  trainee  importante 

par  rapport  au  FALCON  20  F.  Cependant  les  deux  avions  ne  differaient  que  par  leurs  moteurs  :  le 
FALCON  20  F  est  equipe  de  deux  General  Electric  CF  700  de  2040  kg  de  poussee  au  point  fixe  pour 
un  debit  de  59  kg/ s  et  une  dilution  de  2.  ;  le  FALCON  20  G  utilise  deux  GARRETT  ATF3-6  de  2470  kg 
de  poussee  grace  a  un  debit  de  74  kg/s  et  une  dilution  de  2.8  environ. 

Le  moteur  ATF3  a  done  besoin  d'une  entree  d'air  nettement  plus  grande  que  celle  du  CF  700.  La 
figure  1  montre  la  proximite  de  la  voilure  et  de  la  nacelle  dans  les  deux  cas  :  une  variation  de 
volume  de  celle-ci  entraine  une  variation  importante  du  couloir  entre  nacelle,  fuselage  et  voilure, 

Les  deux  avions  ayant  le  meme  fuselage  et  la  meme  voilure,  le  supplement  de  trainee  ne  pouvait 
resider  que  sur  la  partie  arriere.  L'avion  des  essai®  en  vol  fut  equipe  de  fils  de  laine  sur  la 
nacelle,  le  mat,  le  fuselage  arriere.  L'examen  en  vol  montra  un  decollement  important  sur  l'in- 
trados  du  mat,  sur  la  partie  inferieure  de  la  nacelle  avoisinante  et  sur  le  fuselage  situe  en 
arriere.  Des  mesures  de  pression  prouverent  I'existence  de  zones  ou  le  nombre  de  Mach  depassait 
1,4  :  raison  amplement  suffisante  pour  entraTner  des  decollements  et  par  consequent  l'accroisse- 
ment  de  trainee  (figure  2). 

1.2  -  Des  essais  aerodynamiques  furent  effertues  dans  la  soufflerie  transsonique  T4  de  Saint-Cyr  l'Ecole. 

Les  deux  premieres  maquettes  utilisees  (le  FA1XON — 2Q  F.Jimoteur  CF  700  et  le  FALCON  ?n  0  a  moteur 
ATF3  dans  la  nacelle  Nl)mirent  en  evidence  le  probleme  dotccte  v.*.  s>ar  I'obtention  de  l’ecavt 
de  trainee  entre  les  deux  avions  et  la  mesure  dc  press  ions  stat  iques  sur  le  m'**""  r> r  j  Ju  moteur. 
L'ecart  de  trainee,  inexistant  en  dessous  de  Mach  0,7,  depassait  12  7,  a  Mach  0,83  (figure  ~ 

(.'existence  de  chocs  importants  sur  le  mat,  le  fuseau  et  meme  la  voilure  (figure  4a  et  4b)  fut 
mise  en  evidence  par  des  visualisations  parietales  de  l 'ecoulement .  Les  decollements  detectes  en 
vol  n'etaient  pas  nettement  visibles  sur  l 'arriere  du  fuselage. 

La  mesure  des  pressions  sur  1'intrados  du  mat  recoups  par fai foment  le  vol  (figure  2).  1'effot  du 
nombre  de  Reynolds  n'etait  pas  visible  sur  la  pression  par i etale, done  le  phenomeno  transsonique 
de  vol  etait  bien  represente  par  la  soufflerie. 
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1.3  -  Des  calculs  theoriques  par  singularites  et  par  elements  finis,  associes  a  la  soufflerie,  per- 
mirent  des  modifications  de  la  forme  du  mat,  de  la  forme  de  la  nacelle  et  de  la  position  de 
ceux-ci  sur  le  fuselage  (voir  paragraphe  2.4). 

La  configuration  obtenue  permit  de  diminuer  le  nombre  de  Mach  local  sur  le  mat  et  sur  la  nacelle 
N5  et  par  suite,  de  reduire  voire  supprimer  la  zone  transsonique  de  l’ecoulement  dans  le  couloir 
entre  voilure  et  nacelle  :  si  une  recompression  existait  encore  dans  cette  zone,  elle  ne  devait 
pas  etre  importante  car  non  detectee  par  les  visualisations  parietales .  La  trainee  de  l'avion 
devenait  egale  a  ceile  de  son  predecesseur  le  FALCON  20  F  (figure  3). 


2  -  CONTRA INTES  DE  FABRICATION  FT  CALCULS  THKOR1QUES 

2.1  -  Pourquoi  apres  avoir  defini  avec  succes  la  forme  arriere  du  fuselage  du  trireacteur  FALCON  30, 

'  1  *  aer<  dynamique  theorique  avait-eile  ete  incapable  d'obtenir  un  resultat  correct  dans  le  cas  du 

FALCON  20  G  ? 

La  reponse  est  simple  :  les  contraintes  sur  les  formes  exterieures  n’etaient  pas  du  tout  les 
memes.  Dans  ie  cas  du  FALCON  50,  le  Bureau  d'Etudes,  les  calculs  de  resistance  des  materiaux  ou 
les  couts  de  fabrication  imposaient  des  exigences  faciles  a  satisfaire  sur  une  forme  exterieure 
d'un  avion  qui  restait  a  definir  :  la  forme  du  profil  d'emplanture  de  la  voilure  ou  la  "taille 
de  guepe"  du  fuselage  arriere  furent  determinees  en  tenant  compte  de  la  presence  des  fuseaux 
moteur . 

2.2  -  Le  probleme  du  FALCON  20  G  etait  beaucoup  plus  contraignant  :  le  fuselage  et  la  voilure,  dont  les 

outillages  avaient  ete  fabriques  pour  le  FALCON  20  F,  ne  pouvaient  en  aucun  cas  etre  modifies. 
L'operation  de  changement  de  moteur  devait  etre  executee  le  plus  rapidement  possible.  Le  mat  du 
reacteur,  plus  gros  que  l’ancien,  devait  s'accrocher  aux  memes  points  sur  le  fuselage. 

Les  modifications  autorisees  ne  permettaient  pas  de  reduire  notablement  les  zones  supersoniques 
et  le  nombre  de  Mach  local  ;  le  probleme  etait  sans  conteste  celui  d'un  ecoulement  supercri t ioue 
tridiraensionnel  avec  des  nombres  de  Mach  importants  et  des  chocs  dont  la  model isation  etait  in¬ 
dispensable  . 

2.3  -  Lors  de  la  premiere  definition,  les  calculs  avaient  ete  effectues  par  methode  de  singularity  tri- 

dimensionnelle.  Le  second  membre  de  1 'equation  de  poissonA>p  =  -  5-^  represente  par  des  sources 

reparties  dans  I'espace  ne  permettait  pas  de  depasser  un  nombre  de°Mach  local  de  1.  environ  :  le 
probleme  transsonique  ne  pouvait  etre  traite  ni  tneme  detecte. 

2.4  -  Lors  de  la  detection  en  vol  des  problemes  evoques  ci-dessus,  nous  possedions  un  nouvel  outil  de 

calcul  :  la  methode  des  elements  finis.  Mais  a  ses  debuts,  seules  des  configurations  simples  (ure 
nacelle  seule  par  exemple  :  figure  5)  pouvaient  etre  calculees  dans  un  ecoulement  avec  ondes  de 
choc  faibles  ;  l'outil  theorique  etait  toujours  insuffisant  pour  retrouver  dans  notre  cas  les 
resultats  de  vol  ou  de  soufflerie  (chocs  forts,  influence  de  la  voilure). 

Tout  au  plus  avait-on  pu  modifier  legerement  le  mat  (figure  6),  l'exterieur  de  la  nacelle  et  in- 
diquer  la  position  optiraale  de  celle-ci  dans  I'espace  en  tenant  compte  du  champ  aerodynamique  de 
la  voilure  et  du  fuselage  (figure  7).  Mais  il  etait  impossible  par  calcul  theorique  de  s avoir  si 
les  ameliorations  apportees  etaient  ou  non  suffisantes  en  remplaqant  la  nacelle  Nl  par  N5  calve 
dif fererament. 

Aujourd'hui  il  en  est  tout  autrement.  La  methode  des  elements  finis  a  fait  des  progres  considera¬ 
bles.  Nous  avons  developpe  des  maillages  automatiques  de  I'espace  rendant  calculable  toute  confi¬ 
guration.  Nous  nous  proposons  done  ici  d’illustrer,  sur  un  exemple,  certaines  des  possibilities  de 
ces  programmes  recemmment  mis  au  point. 


3  -  RAPPELS  SUR  LA  METHODE  DES  ELEMENTS  FINIS 

3.1  La  modelisation  des  ecoulements  tridimensionnels  ,a  potentiel  transsonique,  autour  d'un  obstacle 

partant,  d  un  fluide  parfait  compressible  conduit  a  la  resolution  du  probleme  non  lineaire  aux  li- 
mites  roixtes  dans  un  domaine  ( A^limi  te  par  (r)  . 


CD 

V.  p  =  0  f 

potentiel  de  vitesse  discontinu  dans  -H. 

(2) 

P=  (  1  -  b  |v^>  I1)* 

densite  du  fluide  dans  _fl 

(3) 

(  p  vcp  .TL  )+=  (pvtp.T?)’ 

Rankine  -  Hugoniot  ( V Cp  discontinu) 

(4) 

A  Cf  <  k 

condition  d'entropie 

(5) 

<p  +  =  l 

sur  la  nappe  de  discontinuity  (1  -  circulation) 

(6) 

|  vcp  |  +  =  |vTp|" 

sur  le  bord  de  fuite  (JOUKOVSKI) 

(7) 

_  rf 

7>n  ~  * 

Neuman  homogene  ou  non 

(8) 

cp=Q 

pour  fixer  le  niveau  du  potentiel 

^  t< 


(8) 
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avec 


I  .  X  .  1  I 

““*-1  <t1  C*’ 

C  vitesse  critique 

Y  rapport  de  chaleurs  specifiques 


La  condition  de  Neuman  est  soit  homogene  dans  le  cas  de  glissement  sur  1 'obstacle  (g  =  0),  soit 
non  homogene_^g  »  V,,..  il)  a  la  limite  de  i'ecoulement  non  perturbe  ou  dans  le  plan  d'entree  du 
moteur  (g  -  .  n) . 


Une  particularity  des  ecoulements  transsoni ques  a  potentiel  reside  dans  1 'existence  de  chocs  de 
faible  intensity  (Mach  amont  au  choc  inferieur  a  1,5),  imposes  par  la  condition  d ' irrotationna- 
lite ,  dus  au  caractere  mixte  elliptique  (subsonique) ,  hyperbolique  (supersonique)  des  equations 

(1)  et  ^2 ) .  A  travers  un  choc  I'ecoulement  doit  satisfaire  les  conditions  de  Rankine  -  Hugoniot 
(3)  (ou  n  est  la  direction  normale  a  I'ecoulement).  Les  chocs  inclus  dans  les  solutions  de  (1)  et 

(2)  sont  des  chocs  de  compression  ou  de  detente.  Afin  d'eviter  ces  derniers  une  condition  d'en- 
tropie  est  modelisee  sous  la  forme  (4). 


Le  domaine  de  calcul  relatif  au  FALCON  20  G  est  represente  sur  la  figure  8  avec  les  equations  a 
resoudre  et  les  conditions  aux  liraites. 


3.2  -  Le  problSme  (!)  (2)  ....  (8)  consiste  a  trouver  tp  solution  de 

(9)  T  ( tp )  =  0  t j)6  V 

T  operateur  non  lineaire  (transsonique) 

V  espace  fonctionnel  incluant  les  conditions  aux  limites,  les  contraintes  de  portance  et  d'entro- 
pie.  La  methodologie  utilisee  est  la  technique  des  moindres  carres  fonc tionnels .  Elle  consiste  a 
reraplacer  (9)  par  un  probleme  de  minimisation  dans  une  norme  fonctionnel le  appropriee  a  1 'espace 
dans  lequel  on  cherche  :  en  l'occurence  H”1  dual  de  1 'espace  de  Sobolev  H'o.  (CLOWINSKI , 

PIRONNEAU  ( IRIA-FRANCE) ,  PERIAUX,  POIRIER  (AMD-BA)  :  references  de  1  a  4). 

L'algorithme  general  consiste  en  deux  boucles  de  calcul  : 

-  I' une  externe  sur  la  circulation  fixant  la  portance  via  la  condition  de  JOUKOVSKI 

-  l'autre  interne  sur  la  compressibility  via  un  probleme  de  controle  optimal  resolu  par  gradient 
conjugue. 

3.3  -  La  raise  en  oeuvre  informatique  des  algorithmes  de  moindre  carre  fonct ionnels  couples  a  des  metho- 

des  d'elements  finis  sur  des  configurations  industriel les  complexes  (avion  complet)  souleve  plu- 
sieurs  difficultes  liees  aux  grandes  dimensions.  La  tetraedri sat  ion  de  1 'espace  conduit  a  des 
dizaines  de  milliers  d'elements  et  a  des  matrices  a  centaines  de  milliers  d'elements  non  nuls.  La 
repetition  des  calculs  (iterations)  nous  a  fait  choisir  une  resolution  directe  du  type  Cholevski  - 
profil  ou  l'operateur  de  Dirichlet  est  factorise  sous  la  forme  A  =  LLT 

(Lt  matrice  triangulaire  inferieure) 

Malheureusement  le  nombre  d'elements  non  nuls  de  L  est  bien  superieur  a  celui  de  A  (quelques  mil¬ 
lions).  L  industrialisation  de  ces  methodes  nous  force  a  utiliser  des  processus  nouveaux  (methodes 
de  factorisation  incompletes,  operateurs  auxiliaires  de  condi tionnement . . . )  et  1 ' ut i 1 isat ion  in¬ 
tensive  done  optimale  de  memoire  auxiliaire  (disques  ou  bandes  magnetiques)  s'avere  indispensable 
avec  des  methodes  de  transfert  des  donnees  appropriees. 


4  -  PROBLEMES  DE  MAILLAGE  TR1DIMENS IONNELS 

4.1  -  Jusqu'a  present  les  problemes  qui  se  posaient  pouvaient  etre  resolus  soit  par  intervention  manuel- 

le  (mailles  sur  la  surface  exterieure  de  1 'avion  en  sigularites)  soit  par  des  maillages  bidimen- 
sionnels  repetitifs  (fig.  9)  pour  des  traitements  par  differences  finies  avec  prise  en  compte  cor- 
recte  des  conditions  limites  (domaines  complexes  impossibles),  soit  par  decoupage  direct  de  I'es- 
pace  reel  non  supporte  par  un  calcul  transsonique. 

4.2  -  La  methode  des  elements  finis  a  base  de  tetraedres  permet  de  traiter  un  maillage  vraiment  tridi- 

mensionnel  autour  de  corps  de  forme  quelconque.  Dans  un  premier  temps  les  discretisations  etaient 
de  type  bidimensionnel  (voilure,  voilure  +  fuselage  obtenus  par  deformation  du  plan  de  symetrie, 
entrees  d'air  avec  topologie  de  revolution)  en  utilisant  des  hexaedres  comme  mailles  intermediai- 
res.  Deux  problemes  sont  apparus. 

La  taille  des  ordinateurs  limitait  le  nombre  d’elements  de  discretisation.  De  plus  le  developpe- 
ment  des  zones  supers  ini ques  impose  une  limite  exterieure  notablement  plus  eloignee  de  1 'avion 
que  pour  un  calcul  entierement  subsonique.  De  toute  faqon,  il  etait  aussi  indispensable  que  logi- 
que  d'utiliser  a  fond  les  possibilites  :  elements  petits  dans  les  zones  3  fort  gradient  de  vites¬ 
se,  elements  tres  gros  dans  les  zones  peu  perturbees,  elements  allonges  dans  la  direction  normale 
au  gradient  local.  Ceci  est  obtenu  par  condensation  d'un  maillage  plus  regulier  tout  en  gardant 
sur  les  noeuds  conserves  des  informations  topologiques  de  creation. 

Une  zone  complexe  tridimensionnelle  devait  etre  decomposee  en  sous  ensembles  disjoints  traites  par 
les  methodes  pr^cedentes.  Puis  les  interstices  sont  remplis  par  une  methode  absolument  generale 
mais  couteuse  :  il  aurait  ete  inconcevab 1 e ,  notamment  pour  des  raisons  de  temps  de  calcul,  d’uti- 
liser  cette  methode  generale  dans  le  domaine  complet.  Elle  consiste  a  remplir  de  tetraedres  joints 
un  volume  limite  par  une  surface  fermee  constitute  de  triangles. 
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4.3  -  Des  verifications  sont  operees  a  tous  les  niveaux  soit  automat iquement  soit  en  mode  conversation- 
nel  a  l'aide  de  visualisations  sur  ecran.  Far  exemple  tous  les  tetraedres  doivent  avoir  un  volume 
positif  :  les  faces  dites  limites  done  connunes  a  un  seul  element  doivent  se  trouver  sur  une  li- 
mite  du  domaine  de  calcul.  Des  informations  topologiques  par  noeuds  ou  elements  sont  indispensa- 
bles  pour  le  calcul  (types  de  conditions  aux  limites)  ou  pour  Sexploitation  des  resultats  (re- 
perage  de  la  surface  de  I'avion,  limitation  spaciale  d’une  zone). 

Les  figures  10  et  11  donnent  I’allure  d'une  coupe  plane  du  maillage,  l' une  normale  au  plan  de  sy- 
metrie  juste  en  avant  du  bord  d'attaque  de  la  nacelle,  l'autre  parallele  a  ce  meme  plan  et  pas¬ 
sant  par  le  centre  de  la  nacelle  (avant  remplissage  de  l'espace  autour  de  la  nacelle).  La  figure 
12  montre  le  maillage  sur  la  peau  externe  de  I’avion. 


5  -  RESULTATS  ET  COMPARAISON  AVEC  LES  ESSAIS  EN  SOUFFLERIE 

5.1  -  Nacelle  1  :  Le  calcul  par  elements  finis  a  Mach  *  0,79  et  CZ  =  0,30  conduit  sur  la  voilure  au 

systeme  d'ondes  de  choc  habituel  :  un  choc  faible  sur  la  voilure  a  mi-profil  dans  le  sens  de 
l'envergure  Cl  et  un  choc  issu  du  bord  d'attaque  du  profil  d'emplanture  C2  qui  rencontre  le  pre¬ 
mier.  Ce  resultat  aurait  pu  etre  obtenu  par  un  calcul  schematisant  simplement  la  voilure  et  le 
fuselage.  Mais  ce  qui  est  plus  interessant  e’est  I'apparition  d'une  zone  supersonique  qui  se  ter- 
mine  par  une  recompression  C3  entre  la  nacelle  et  l'extrados  voilure.  II  est  difficile,  par  manque 
de  mesures  en  soufflerie  ou  en  vol,  de  savoir  si  les  pressions  sont  exactes  mais  le  gradient  de 
recompression  tres  important  est  suffisant  pour  creer  un  decollement  de  la  couche  limite  (voir  5.2) 
ce  qui  explique  les  visualisations  parietales  (figure  16).  Le  champ  de  vitesse  est  represente 
dans  l'espace  sur  la  figure  13  dans  une  coupe  verticale. 

La  zone  supersonique  qui  etait  de  faible  importance  lors  du  calcul  avec  une  nacelle  isolee  s'est 
done  etendu  jusqu'a  la  voilure  a  cause  de  l'effet  de  "couloir"  (figure  ’.5)  tout  en  accroissa*  r  le 
nombre  de  Mach  maximum  sur  la  nacelle. 

Nous  pouvons  verifier,  par  analogie,  1 'existence  de  chocs  sur  la  nacelle  (figure  18).  Le  seul  re¬ 
sultat  qualitatif,  outre  la  position  des  chocs,  est  la  mesure  de  pressions  sur  le  mat.  Le  cal¬ 
cul  recoupe  correctement  celle-ci  dans  la  partie  supersonique  (figure  17).  Le  choc  s'est 
bien  developpe  correctement  ainsi  que  la  zone  supersonique  mais  neanmoins  le  resultat  est  totale- 
ment  different  du  resultat  bidimensionnel  (figure  6).  La  repartition  des  nombres  de  Mach  dans  une 
coupe  de  l’espace  passant  entre  la  nacelle  et  le  fuselage  est  representee  figure  14.  On  y  remarque 
deux  zones  supersoniques  :  I'une  a  nombre  de  Mach  peu  eleve  sur  l1 avant  de  la  voilure,  l'autre  en¬ 
tre  le  mat  et  la  voilure.  Le  nombre  de  Mach  depasse  a  peine  1  sur  l'arriere  du  profil  de  la  voi¬ 
lure  (resultat  analogue  figure  14),  mais  il  atteint  1,4  comme  en  soufflerie,  sous  l'intrados  du 

mat  pres  du  bord  d'attaque.  La  valeur  de  pression  calculee  est  representee  figure  15. 

5.2  -  Extension  a  un  fluide  visqueux 

Le  champ  de  pression  ou  de  vitesse  dans  l'espace  etant  connu,  il  est  facile  d'evaluer  les  gradients 
de  pression  en  suivant  les  lignes  de  courant  du  fluide.  Le  calcul  de  couche  limite  (epaisseur, 
epaisseur  de  deplacement,  cisaillement ,  etc...)  s'opere  en  tenant  compte  des  courbures  longitudi- 
nales  et  transversales  de  la  surface  avec  des  conditions  initiales  et  aux  limites  qui  sont  celles 
du  vol  ou  de  la  soufflerie. 

Sur  un  avion  civil  en  croisiere  et  correctement  mis  au  point,  les  ondes  de  chocs  si  elles  existent 

sont  faibles  sinon  elles  entraineraient  une  trainee  d'onde  et  une  trainee  due  au  decollement  des 

couches  limites  qui  nuiraient  aux  performances.  Neanmoins  il  existe,  lors  des  iterations,  des  ondes 
de  chocs  fortes  qui  obligent  a  tenir  compte  dans  le  calcul  de  la  variation  d'entropie  du  fluide. 

5.3  -  Influence  du  debit  du  moteur  :  les  resultats  precedents  (5.1)  ont  ete  obtenus  en  imposant  dans  le 

calcul  un  debit  d’air  dans  la  nacelle  correspondent  a  celui  du  moteur  en  vol.  Il  est  a  noter  que 
les  essais  en  soufflerie  tenaient  compte  correctement  de  cette  contrainte.  Mais  le  debit  du  moteur 
a  une  tres  grande  influence  sur  la  zone  supersonique  dont  une  des  raison  d'exister  est  le  contour- 
nement  des  levres  de  nacelles.  La  forme  de  celles-ci  doit  en  effet  etre  un  compromis  entre  les  cas 
de  vol  en  croisiere  et  le  decollage  par  fort  vent  de  travers. 

Cependant  il  faut  noter  que  les  probiemes  transsoniques  apparaissent  ici  au-dela  de  Mach  0,75 
(figure  3).  Le  nombre  de  Mach  a  1 'entree  du  compresseur  varie  peu  lors  d’un  vol  en  croisiere.  S' il 
est  indispensable  d'imposer  le  bon  debit  du  moteur  pour  faire  un  calcul  realiste,  la  configuration 
obtenue  ne  devrait  pas  poser  de  probiemes  aerodynamiques  majeurs  lors  des  vols  dans  des  conditions 
no rmales . 

5.4  -  Nacelle  5  :  L'etude  de  la  configuration  modifiee  montre  la  disparition  totale  de  zone  supersonique 

sur  1 ' extrados  voilure  vers  le  bord  de  fuite  pres  de  la  nacelle  moteur  (figures  16  et  17),  comme 
en  soufflerie  et  en  vol.  Il  reste  bien  entendu  des  poches  supersoniques  sur  le  mat  et  sur  la  na¬ 
celle  (figure  19)  mais  le  nombre  de  Mach  maximum  atteint  a  diminue  notablement  et  les  gradients  de 
recompression,  quand  ils  existent,  ne  font  plus  decoller  la  couche  limite.  En  consequence,  les 
phenomenes  de  buffeting  et  d' accroissement  de  trainee  (figure  3)  par  rapport  au  FALCON  20  F  ont 
disparu. 


CONCLUSION 


6.1  -  Avant  1 'utilisation  de  methode  d'elements  finis,  les  calculs  d ' ecoulements  non  visqtieux  etaient 

limites  soit  par  le  nombre  de  Mach  local  (compressible  subcritique  traite  par  singularity)  soit 
par  la  complexity  de  l'espace  (transsonique  et  methodes  de  differences  finies). 

6.2  -  Pour  demontrer  la  puissance  des  methodes  par  elements  finis,  il  fallait  : 

a  -  un  exemple  complexe  analyse  physiquement  par  la  soufflerie  ou  les  essais  en  vol 

b  -  une  solution  mathematique  aux  equations  transsoniques  a  potentiel  discontinu 
(JOUKOVSKI)  et  3  vitesse  discontinue  (chocs) 

c  -  une  mise  en  oeuvre  informatique  pour  un  probleme  a  un  tres  grand  nombre  d'elements 
de  discretisation 

d  -  une  construction  geometrique  de  l'espace  discretise  dans  un  cas  tridimensionnel 
quelconque 


Les  recoupements  avec  les  essais  en  soufflerie  et  en  vol  du  FALCON  20  G  ont  permis  de  valider 
l'ensemble  coherent  de  programmes  repondant  aux  imperatifs  b,  c  et  d. 
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INCREASING  THE  VALUE  OF  AIRFORCES  BY 
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SUMMARY 

This  paper  surveys  the  value  of  improvements  to  the  external  stores  configuration,  such  as  reduced  drag 
(with  consequent  improvements  of  performance),  and  reduced  release  disturbances  to  the  trajectory.  It 
is  shown  that  the  effectiveness/cost  ratio  of  a  fighter  G.A.  airforce  could  be  improved  greatly  -  perhaps 
better  than  doubled  -  by  refining  the  aerodynamics  of  external  store  carriage,  and  that  the  payoff  in 
value  should  be  over  100  times  the  cost  of  re-equipment. 

INTRODUCTION 

Some  15  years  ago,  aircraft  designers  were  becoming  concerned  that  the  drag  of  external  stores(including 
carriers)  was  excessive.  Could  it  be  right  that  we  take  such  care  with  the  smoothness  of  the  aircraft, 
but  tolerate  such  crude  excrescences  on  the  stores  (Figure  1)? 


In  the  U.K.  research  was  started  into  drag  reduction,  which  soon  showed  major  improvements.  Eventually  it 
was  realised  that  action  to  incorporate  many  of  these  improvements  wouM  need  NATO-wide  co-operation  and 
in  1974  the  U.K.  suggested  a  NATO  Working  Group.  The  Working  Group  was  set  up  by  the  AGARD  Fluid 
Dynamics  Panel  (under  my  chairmanship)  with  members  from  the  Flight  M.chanics  Panel  and  the  Structures 
and  Materials  Panel. 

We  considered  that  the  aerodynamic  effects  of  stores  (including  pylons  and  carrier  in  the  term  "stores”) 
were  far  wider  than  drag  alone,  so  the  Working  Group  studied  not  only  drag  and  its  immediate  consequences 
(such  as  degraded  performance  and  manoeuvrability)  but  also  aspects  such  as  release  trajectory,  flutter, 
loads  and  stability. 

However,  we  were  determined  that  our  report  (1)  should  lead  to  action,  so  we  tried  to  answer  in  advance 
the  sort  of  questions  that  budget-bosses  might  raise  while  deferring  a  decision.  Obviously  they  would  be 
entitled  to  say  something  like  this: 

"O.K.,  you  believe  you  can  reduce  drag,  and  release  disturbances  and  so  on  by  redesigning  stores. 

You  may  well  be  right,  but  do  you  realise  how  much  it  will  cost  to  change  them?  Those  stores 
COST  A  LOT  OF  MONEY,  and  we  will  not  spend  much  more  without  very  good  reason'  How  much  are  those 
improvements  worth  -  in  MONEY?" 

My  paper  today  concentrates  largely  on  answering  those  questions  a  little  less  vaguely  than  in  the  report, 
but  it  is  important  to  emphasise  that  this  was  only  a  small  part  of  our  report  (1).  The  main  drive  of 
that  was  to  understand  and  improve  the  aerodynamic  effects  of  stores.  One  important  section  was  the 
chapter  on  drag,  reviewed  meticulously  by  Barry  Haines,  who  will  discuss  that  topic  in  the  next  paper. 

I  do  not  claim  that  my  evaluation  of  improvements  is  accurate  or  particularly  novel,  or  that  it  is  elegant 
enough  to  become  fashionable  for  academics,  but  I  do  believe  it  is  important .  It  is  important  because  it 
concentrates  our  attention  on  the  things  that  matter  most,  and  helps  us  all  to  get  the  most  defence  for 
our  taxes,  but  most  of  all  it  is  important  that  we  learn  to  translate  from  aerodynamicists'  language  to 
budget-boss'  language  and  thus  get  action  on  our  recommendations. 
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ASSESSING  THE  VALUE  OF  AN  AIRFORCE 

Value  is  related  to  the  amount  one  would  be  prepared  to  pay  for  the  usefulness  supplied,  in  the 
c ircumstances .  Thus  the  value  may  vary  greatly  with  the  circumstances:  for  example  the  value  of  a 
parachute  would  differ  according  to  whether  one  was  falling  out  of  an  aeroplane,  or  drowning.  Richard  Ill 
must  have  appreciated  this  distinction,  when  he  assessed  the  loan  of  a  horse  as  equivalent  to  his  kingdom. 

Since  value  can  vary  greatly  from  one  scenario  to  another,  and  there  is  uncertainty  about  future 
scenarios,  we  have  to  envisage  a  probable  mixture  of  scenarios.  For  illustration  we  will  consider  Close 
Air  Support  (CAS)  operations  in  a  "European"  scenario,  which  implies  sophisticated  opposition  in  a  short, 
sharp  war  -  at  the  end  of  which  most  of  our  aircraft  have  been  put  out  of  action. 

Factors  of  Effectiveness  Value 


The  effectiveness  of  an  airforce  is  proportional  to  the  number  of  targets  it  can  destroy  before  it  is 
put  out  of  action.  Clearly  this  effectiveness  is  proportional  to  a  number  of  factors,  such  as  the  rate 
the  aircraft  can  transport  warload  (W) ,  the  average  availability  of  the  aircraft  in  wartime  (A),  and  the 
target  killing  effectiveness  (K).  Let  us  examine  these  more  closely. 

Factors  of  Effectiveness  Value  (V) 

Value  OC  Effectiveness 

Effectiveness  OC  (Warload  rate,  unimpeded)X 
(Availability  in  wartime)X 
(Kill  effectiveness) 

whence 

V  -  WACK  . (1) 

where  C  is  the  constant  of  proportionality. 


Warload  Transport  Rate  (W) 


w 

-  Mass  of  orAiance  transportable  when  unimpeded, 

relative  to  datum  aircraft 

*  (Load  of  ordnance, 

per  sortie)R 

x  (Number  of 

sorties,  per  day)R 

Here  the  sortie  rate  (N) 

depends  on 

* 

turn-round  time 

(r)l 

_1 _ 

* 

block  speed 

(\r\  L  N  m 

r+2d 

V 

* 

distance  from  base  to 

battle  area 

(d)J 

thus 


Where  the  suffix  R  indicates  that  the  parameter  is  to  be  made  "relative"  by  dividing  by  the  comparable 
parameter  for  the  datum  aircraft. 

Availability  in  Wartime  (A) 

Availability  ■  average  fraction  of  aircraft  days  usable  during  war. 


This  depends  on  factors 
t  ■  fraction  of  total  time  usable 


a  »  fraction  of  aircraft  usable 


b  *  fraction  of  bases  usable 


s  *  availability  of  stores 


{ 

{ 

{ 


bad  weather  capability 
night  time  capability 
target  availability 

survivability 
repairabil ity 
maintainability 

runway  length  requirement 

ground  hardness  requirement 

base  survivability  (including  detectability) 


{ 


logistics 

interchangeability 


Thus : 

A  -  (tabs)R 


l 
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Target  Killing  Effectiveness  (K) 

K  -  specific  rate  of  destroying  targets  (per  unit  of  ordnance  released)  relative  to  datum  aircraft 
and  stores. 

This  depends  on  various  aspects,  but  not  generally  in  a  simple  law  of  proportionality:- 

*  power  of  weaponry 

*  active  guidance  of  weaponry 

*  aiming  accuracy  of  aircraft 


*  accuracy  of  stores  trajectory 

The  Constant  of  Proportionality 

If  we  arrange  that  all  the  factors  of  Value  are  made  non-dimensional  by  making  them  ratios,  relative  to 
the  factors  appropriate  to  a  known  datum  aircraft,  then  the  constant  C  amounts  to  the  value  of  an 
airforce  comprising  a  given  number  of  the  datum  aircraft.  Now  that  value  is  not  set  by  engineers  or  by 
accountants:  it  is  a  political  judgement. 

1  suggest  we  assume  that  the  government,  in  its  collective  wisdom,  has  decided  that  the  value  of  the 
datum  airforce  is  not  less  than  its  current  lifetime  cost.  Then  it  follows  that  the  value  C  is  at  least 
the  lifetime  cost  of  the  datum  airforce. 

For  most  comparisons  the  value  C  is  not  needed  accurately,  but  it  seems  that  typically  it  is  around  5 
times  the  cost  of  buying  the  aircraft  (Figure  2). 


f 


aircraft  controllability. 

sighting  system. 

pilot's  workload  and  fatigue. 


{ejector/carrier  dynamics, 
aerodynamic  release  disturbance. 


Figure  2  APPROXIMATE  LIFE-CYCLE  COSTS  OF  C.A.S.  AIRFORCE 

For  the  order  of  magnitude,  the  constant  C  is  around  $5  billion  for  an  airforce  of  (say)  120  CAS 
aircraft.  So  if  we  double  the  effectiveness  of  that  airforce,  we  add  $5  billions  worth  of  value  -  and 
even  a  mere  \X  increase  in  effectiveness  is  worth  $50M. 

Overall  Value 

Substituting  from  (2)  and  (3)  into  (1)  we  get 

V  “  C(^F)  Uab8>«  .  (4> 
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EFFECTS  OF  STORES 

For  some  of  the  terms  in  the  value  equation,  it  is  difficult  to  work  out  how  they  depend  on  normal 
performance  data.  Our  present  aim  is  not  to  go  deeply  into  that r  simply  to  illustrate  the  sort  of 
sensitivity  involved  in  a  typical  example.  For  our  example  we  will  take  the  calculations  performed  by 
Professor  Dr.  J.  Barche  for  chapter  7  of  Reference  1,  for  a  hypothetical  Close  Air  Support  (CAS)  aircraft. 

Generally  there  are  two  possible  ways  of  reaping  the  benefit  of  aerodynamic  improvements.  First,  for 
existing  aircraft  we  can  make  use  of  the  improved  performance  capabilities.  Second,  for  new  aircraft  on 
the  drawing  board,  the  aircraft  can  be  shrunk  to  smaller  size  and  cost  for  the  given  capabilities.  We 
will  look  at  both  ways,  in  turn. 

1)  Example  of  Existing  CAS  Aircraft 

For  the  first  example  the  datum  aircraft  will  be  taken  as  the  nominal  CAS  aircraft  when  fitted  with 
stores  and  carriers  of  current  aerodynamic  crudity.  The  improved  aircraft  is  the  same  machine  but  fitted 
with  aerodynamical ly  smoother  stores  and  carriers. 

With  current  knowledge  the  installed  drag  of  service  bombs  and  their  carriers  can  be  reduced  by  around 
50%,  and  missiles  could  be  improved  by  about  25%  of  current  drags.  So  it  should  be  feasible  to  reduce 
store  drag  overall  by  about  30%  (which  is  comparable  with  the  entire  drag  of  the  wing  -  see  Figure  3). 


ORIGINAL 

STORES 


CLEAN 

AIRCRAFT 


INTER¬ 
FERENCE, 
EXCRESCENCES 
ETC. 


WING 


FINLAND 

TAILPLANE 


FUSELAGE 


Figure  3  DRAG  OF  STORE  ARRAY,  AND  CLEAN  AIRCRAFT 

Such  a  reduction  of  drag  would  allow  the  aircraft  to  penetrate  to  target  faster  with  a  given  warload 
(M  *  0.81  instead  of  M  -  0.74  in  this  example)  or  to  range  further  at  given  speed. 

The  effect  on  the  warload  transport  term  (W)  is  not  large,  giving  an  increase  of  perhaps  43  to  the  term 
in  square  brackets,  in  (4). 

In  the  availability  term  (a)  we  note  that  the  only  terms  affected  by  the  drag  are  the  aircraft 
availability  term  (a)  -  by  virtue  of  improved  survivability  in  the  face  of  defences,  and  perhaps  the 
"time  avilable"  term  (t)  -  by  virtue  of  greater  range  permitting  more  target  availability. 

Aircraft  survivability  varies  greatly  with  the  nature  of  the  defences,  but  for  low-altitude  intrusion 
against  most  defences,  the  survivability  increases  sensitively  with  increased  speed  of  penetration,  but 
decreases  with  height  (which  has  to  increase  with  speed  over  bumpy  terrain).  For  the  speed  change  and 
low  height  concerned  here  the  factor  (a)  relevant  to  ground-to-air  defences  probably  ranges  from  about 
1.15  to  2.70. 

In  the  face  of  enemy  fighters,  the  first  factor  of  concern  is  the  probability  of  not  being  seen  and 
attacked  -  a  factor  which  increases  with  increasing  penetration  speed  with  stores  on).  Once  the  enemy 
fighter  has  started  turning  to  attack,  our  CAS  aircraft  should  jettison  its  bombs,  so  its  manoeuvrability 
is  now  affected  by  the  drag  of  the  installed  air/air  missiles  and  the  empty  bomb  carriers.  Drag 
reductions  on  the  missiles  and  carriers  may  be  worth  about  33  of  the  drag  of  the  clean  aircraft,  and 
on  the  bare  pylons  about  53  of  the  clean  aircraft  drag;  a  total  reduction  of  over  53  of  the  drag  of  the 
datum  aircraft  with  bombs  gone.  Typically,  this  may  increase  the  specific  excess  power  by  some  6  m/sec, 
and  the  manoeuvrability  with  it.  Assessment  of  the  effects  of  these  improvements  cannot  be  accurate,  but 
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the  combined  effects  of  higher  penetration  speed  (with  bombs  on)  and  higher  agility  (with  bombs  gone) 
suggests  a  factor  on  survivability  in  the  face  of  enemy  fighters  of  about  1.25.  In  addition,  the  extra 
agility  should  enable  our  CAS  to  shoot  down  perhaps  17Z  more  ol  the  enemy  fighters  than  before:  a  factor 
that  will  enter  into  the  target-killing  effectiveness  term,  K. 

Taking  a  mixture  of  ground  defences  and  fighter  defences,  it  seems  that  the  improved  survivability  due 
to  drag  reductions  could  plausibly  be  represented  by  fiC*1.25. 

If  the  option  were  taken  to  use  the  reduced  drag  to  range  further  over  enemy  territory  (at  the  original 
penetration  speed)  the  situation  would  be  quite  different.  Area  coverage  over  enemy  territory  goes  up 
sensitively  and  with  it  the  availability  of  targets:  if  the  aircraft  were  based  at  half  its  datum  radius 
of  action  from  the  battle  edge,  the  area  coverage  would  be  increased  about  70%.  However,  block  time  and 
particularly  the  exposure  to  enemy  defences  (all  at  original  speed,  remember)  go  up.  The  latter  effect 
may  worsen  survivability  by  about  1.8  at  maximum  range.  When  the  bombs  are  gone,  the  aircraft'  benefits 
from  its  extra  agility  and  speed  on  the  way  home.  The  increased  target  availability  and  the  worsened 
aircraft  survivability  at  the  maximum  increased  range  seem  to  balance  out  and  leave  the  airforce  ..bout 
as  effective  as  the  datum  airforce.  However,  at  lesser  ranges  (still  above  the  maximum  for  the  datum 
aircraft)  there  remains  an  option  to  penetrate  faster  as  well  as  cover  more  targets,  so  the  average* 
availability  term  a  is  above  unity. 

Availability  of  stores  (as  denoted  by  s)  is  not,  of  course,  dependent  on  the  aerodynamics,  but  it  is 
relevant  to  introduce  the  term  here.  It  has  been  stated  by  senior  officers  that  NATO  forces  lose  iOT  to 
50 Z  of  potential  effectiveness  through  lack  of  interchangeability,  and  bomb  racks  were  singled  out  for 
comment.  Furthermore,  many  existing  racks  are  very  old,  and  suffering  from  corrosion  and  fatigue.  It 
will  also  be  argued  that  the  qualities  shared  by  most  current  racks  are  excessive  drag  and  inaccurate 
release  trajectory.  It  follows  that  if  the  NATO  airforces  were  re-equipped  with  racks  that  would  admit 
interchangeability  of  stores,  the  benefit  would  correspond  with  i  factor  (s)  between  1.4  and  2.0. 

The  target-killing  effectiveness  (K)  is  affected  by  store  aerodynamics  on  two  main  counts:  the  ..ining 
accuracy  of  the  aircraft,  and  the  disturbances  to  the  release  trajectory. 

The  aiming  accuracy  of  the  aircraft  can  be  affected  by  buffet  (perhaps  due  to  local  underwing 
separations,  or  perhaps  a  change  in  the  stalling  pattern  on  the  upper  surface) ,  or  by  changes  of  stability 
and  controllability  (mostly  due  to  changes  in  dovnwash  pattern  at  the  tail)  or  more  generally  by  the 
excessive  drag  (which  may  make  the  pilot  think:  "with  that  load  aboard,  the  aircraft  manoeuvres  with  the 
agility  of  an  old  cow").  There  is,  indeed,  a  famous  supersonic  aircraft  (when  clean)  that  has  been 
described  thus  when  carrying  a  big  load  of  external  bombs.' 

Even  if  the  aircraft  can  be  pointed  in  time  in  the  right  direction,  there  are  often  severe  disturbances 
to  the  release  trajectory  due  to  the  complicated  and  sensitive  variations  of  airflow  around  the  carriers 
(particularly  triple  and  multiple  carriers).  Bombs  may  go  on  wildly  different  trajectories  (sometimes 
damaging  the  aircraft)  according  to  which  station  they  were  carried  on,  the  speed  and  incidence,  and  the 
setting  of  the  ejector  release  unit.  Furthermore  the  effective  stiffness  and  inertia  characteristics  at 
a  carrier  may  vary  wildly  according  to  the  number  of  bombs  still  carried.  So  after  all  the  trouble  and 
expense  involved  in  getting  the  aircraft  to  the  target  area,  the  bombs  may  scatter  widely,  and  even 
"sin  t'  down  fhe  parent  aircraft! 

The  number  of  variables  involved  can  be  large,  and  flight  testing  is  extremely  expensive,  so  important 
areas  of  techniques  have  been  under  development  both  in  wind  tunnels  and  computational  fluid  dynamics. 

An  important  group  comprises  various  two-sting  rig  techniques  (where  the  store  is  moved  on  a  separate 
sting  through  the  aircraft  flow  field). 

Frobably  the  newest  wind-tunnel  technique  is  that  known  as  the  Accelerated-Model  Rig  (AMR),  which  is  now 
in  regular  use  in  the  pressurised  wind-tunnel  of  British  Aerospace  at  Brough  (Fig.  4).  In  this,  the  main 
error  of  "light  model"  jettisons  is  corrected  by  accelerating  the  aircraft  model  upwards  away  from  the 
store,  so  that  the  store  experiences  the  aircraft  flow  field  for  the  right  time  and  distance.  This 
technique  thus  combines  accuracy  with  quickness,  for  little  more  cost  than  light-model  jettisons. 


4-<> 


Developing  and  applying  the  various  techniques  for  store  jettison  predictions  has  absorbed  a  significant 
fraction  of  the  thin  slice  of  money  allocated  to  R  4  D,  but  they  save  far  more  money  from  the  flight  test 
programmes.  For  example,  two-sting  rig  techniques  saved  $16M  on  the  A-7D  programne. 

At  a  more  fundamental  level,  it  is  known  that  wing-mounted  multiple-store  carriers  introduce  many 
variables  and  penalties  not  found  with  conformal  carriage  under  the  fuselage.  Unfortunately,  it  is  not 
always  possible  to  carry  stores  conformal  1 y.  In  general,  it  is  clear  that  store  release  aerodynamics  gives 
scope  for  many  different  advances  in  value. 

Targets,  weapons  and  aircraft  vary  so  much  that  it  is  hardly  possible  to  typify  the  effects.  As  an 
arbitrary  illustration,  consider  a  small  target  that  needs  a  direct  hit,  being  attacked  with  iron  bombs. 

If  redesigned  carriers  reduced  the  Length  and  width  of  the  mean  scatter  pattern  by  14%,  the  probability  of 
a  direct  hit  would  be  increased  by  a  factor  of  1.3  and  (at  least  for  such  targets)  the  effectiveness 
value  would  be  multiplied  by  that  factor.  It  seems  likely  that  the  scatter  pattern  could  be  improved 
more  than  this.  Release  disturbances  may  also  affect  guided  weapons,  for  loss  of  "lock-on"  has  sometimes 
occurred  under  severe  disturbances.  For  lack  of  a  statistically  weighted  assessment,  I  will  take  the 
arbitrary  factor  K=1.3  as  a  guide  to  the  value  of  improvements  to  release  trajectories. 

Now  we  can  summarize  the  overall  effects  of  the  various  factors  discussed  above.  We  have  assessed  them  as 
fol lows 


War load  transport  rate  W 

Aircraft  availability  a  - 

Stores  availability  s  - 

Kill  efficiency  K  * 


While  all  other  factors  remain  unaffected, 


(factor  sortie  rate) 
(improved  survivability) 
(interchangeabil i ty  etc.) 
(trajectory  accuracy) 

at  about  unity. 


1.04 

1.25 

1.4  to  2.0 
1.3 


The  product  of  the  aerodynamic  terms  alone  (i.e.  excluding  S)  comes  to  about  1.7,  and  the  stores 
availability  term  brings  the  overall  factor  on  value  to  between  2.36  and  3.38.  Thus,  if  the  datum  value 
(C)  of  the  airforce  were  taken  as  £5B,  the  aerodynamic  improvements  alone  would  be  worth  an  additional 
$3.45B  -  which  is  perhaps  6  times  the  total  purchase  cost  of  all  the  stores.  When  the  benefits  of  store 
interchangeability  and  improved  rack  logistics  are  included,  the  total  improvement  of  value  ranges  from 
around  #7B  to  #12B,  for  the  small  airforce  considered.  These  are  useful  contributions,  and  I  would 
happily  accept  a  commission  of  0.1%  on  them!  So  much  for  the  benefits  that  would  arise  on  an  existing 
aircraft. 


2)  Example  of  new  aircraft,  on  the  drawing  board 

If  we  have  a  project  on  the  drawing  board,  and  we  ace  presented  with  improved  stores,  we  can  choose 
various  ways  to  adapt  the  design  to  take  advantage  of  the  reduced  drag  and  other  benefits. 

One  way  would  be  to  shrink  both  the  airframe  and  the  engine  to  maintain  the  datum  performance  and  agility, 
and  cheapen  the  aircraft  by  making  it  smaller.  Then  we  finish  with  our  "shrunk"  aircraft  having  equal 
"old-cow-like"  agility  to  the  original,  but  with  slightly  less  cost  -  but  we  would  still  have  the  improved 
weapon  delivery  accuracy  and  stores  availability.  Probably  we  may  finish  with  aircraft  4%  or  5%  lighter 
than  datum,  costing  perhaps  1 $%  less  to  buy,  and  using  about  10%  less  fuel.  Overall,  we  would  have  saved 
about  2%  of  the  cost  of  the  datura  airforce,  while  relinquishing  the  30%  improvement  in  value  that  would 
have  stemmed  from  extra  agility  and  survivability.  So  this  is  not  the  best  way  to  go. 

The  better  way  (and  usually  the  more  practical  choice)  is  to  leave  the  engine  alone,  and  take  advantage  of 
the  store-drag  reduction  to  shrink  the  airframe.  This  way,  we  further  improve  the  agility  and  consequently 
the  survivability  -  as  well  as  saving  a  trifle  on  the  costs. 

Some  rough  figuring  suggests  that  the  combat  mass  would  be  reduced  about  0.8%  from  that  of  the  original 

aircraft  when  carrying  the  low-drag  store  array,  and  the  specific  excess  power  would  be  improved  as  much. 
The  penetration  speed  hardly  increases,  but  the  survivability  in  air  combat  improves  perceptibly  (partly 
on  account  of  the  smaller  aircraft  size  being  harder  to  detect).  The  effect  on  value  is  smal i-probably 
raising  a  to  about  1.26.  The  reduction  in  cost  also  is  small:  about  0.25%  off  the  cost  of  the  aircraft 

and  spares,  or  0.08%  off  the  life-cycle  cost  of  the  airforce  -  a  saving  of  around  $4M. 

CONCLUSIONS 

By  examining  the  value  of  aerodynamic  improvements  to  stores,  we  have  seen  that  there  are  two  areas  where 
extremely  large  improvements  can  be  made: 

1)  low  drag  can  lead  to  greatly  increased  survivability,  and  2)  more  predictable  store  trajectory  can 
greatly  improve  the  target-killing  effectiveness,  and  also  save  substantial  costs  from  flight  test 
programne s. 

A  programme  of  fitting  better  stores  and  carriers  could  greatly  increase  the  availability  of  stores  in 
action,  -  the  value  exceeding  the  cost  by  perhaps  two  orders  of  magnitude. 

The  benefits  obtained  by  reducing  airforce  costs  tend  to  be  small  compared  with  those  due  to  increased 
effectiveness  value. 

It  is  worth  remarking  that  we  have  not  considered  store  mass  here,  but  there  are  benefits  to  come  from 
reduced  total  mass. 
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SUMMARY 


External  store  installations  are  frequently  a  source  of  considerable  adverse  aerodynamic  interference 
giving  large  increases  in  drag,  reductions  in  usable  lift  and  poor  store  release  characteristics.  Research 
has  however  shown  how  this  adverse  interference  can  be  greatly  alleviated  or  even  transformed  into 
favourable  interference.  This  paper  reviews  some  of  the  available  evidence  for  a  wide  variety  of 
arrangements.  The  nature  of  the  interference,  both  adverse  and  favourable,  is  described,  particular 
emphasis  being  placed  on  the  major  adverse  interference  in  standard  multiple  carriers  and  in  some  underwing 
installations.  The  possible  benefits  of  wing  tip  carriage  and  carefully  arranged  underfuselage  arrays  are 
noted.  Throughout,  stress  is  laid  on  the  fact  that  dramatic  improvements  might  be  possible  by  adopting  a 
radical  approach  to  store  carriage. 


1 .  INTRODUCTION 


This  conference  is  concerned  with  aerodynamic  interference.  A  leading  question  is:  how  can  we  design 
to  minimise  adverse  aerodynamic  interference  and  to  exploit  favourable  interference?  Nowhere  is  this  more 
important  than  when  we  are  considering  external  store  installations  on  military  combat  aircraft.  This  is 
self-evident:  one  only  has  to  look  at  any  photograph,  eg  Fig  la,  of  a  combat  aircraft  on  show  at  a  flight 
display.  It  is  surrounded  by  a  vast  number  of  different  stores  which  typically  have  to  be  carried  in  many 
alternative  arrangements  below  the  wing,  above  the  wing,  at  the  wing  tips  or  below  the  fuselage.  As  Pugh 
has  observed  in  a  recent  lecture,  (I),  they  are  the  ’raison  d'etre'  for  the  aircraft.  Pugh  also  noted  that 
even  a  photograph  does  not  tell  the  full  story.  Fig  lb  contrasts  the  true  geometric  view  of  a  hypothetical 
aircraft  with  a  heavy  load  of  guided  weapons  and  an  'aerodynamic  view'  in  which  the  frontal  area  of  each 
item  has  been  scaled  up  in  proportion  to  its  contribution  to  the  total  drag.  The  message  is  clear  and 
Fig  1c  which  compares  the  drag  increment  due  to  two  standard  triple  carriers  loaded  with  Mk  10  454  kg  bombs 
and  mounted  underwing  with  the  drag  of  the  parent  clean  aircraft  (2),  is  typical  of  many  others  that  could 
be  quoted.  This  figure  also  illustrates  that  it  is  not  simply  a  question  of  there  being  a  large  number  of 
stores:  the  drag  increment  of  the  two  fully  loaded  carriers  is  far  greater  than  6  times  the  free  air  drag 
of  a  single  Mk  10  bomb/pylon  tested  in  isolation.  Clearly,  the  interference  within  the  carrier,  and  between 
the  store  installation  and  the  aircraft  wing  has  greatly  increased  the  drag  increment  by  a  factor  which 
increases  progressively  with  Mach  number.  Above  M  =  0.75,  the  drag  increment  -  just  to  carry  6  stores  -  is 
greater  than  the  drag  of  the  clean  aircraft:  a  poor  result  when  one  considers  that  the  clean  aircraft  has 
been  designed  to  achieve  a  drag-rise  Mach  number  of  more  than  M  =  0.85.  Fig  Id  presents  another  example 
frequently  quoted  in  the  literature  (2,3);  it  is  based  on  model  test  data  for  the  F-4  in  the  AEDC  4ft 
tunnel  and  shows  that  the  F-4  is  only  estimated  to  achieve  M  =  1.3  when  carrying  12  x  Mk  82  bombs  on  a 
multiple  aarrier  (MER)  underfuselage  and  2  triple  carriers  (TER)  underwing  as  compared  with  M  *  2.1  at 
a  higher  altitude  for  the  datum  aircraft. 

Standard  external  store  installations  are  therefore  fertile  ground  for  serious  aerodynamic  interference. 
In  late  1974,  the  AGARD  FD  Panel  set  up  a  Working  Party  to  consider  'Drag  and  Other  Aerodynamic  Effects  of 
External  Stores'.  The  group  reported  (4)  in  late  1977  and  much  of  the  material  in  the  present  paper  is 
taken  from  the  chapter  on  'Drag'  in  the  Group  Report.  Wherever  possible,  however,  the  evidence  has  been 
updated  and  extended.  In  particular,  the  scope  of  the  paper  has  been  widened  to  cover  more  than  drag 
because  high  drag  is  only  one  possible  manifestation  of  aerodynamic  interference.  Reference  will  be  made 
to  the  effects  of  the  stores  on  the  flow  field,  aircraft  stability,  usable  lift  and  buffet  boundaries  and 
the  store  load  and  release  characterist ics .  One  aim  of  the  paper  will  be  to  demonstrate  that  by 
alleviating  adverse  interference  and  by  reducing  the  viscous  effects  and  improving  the  quality  of  the  flow, 
one  should  be  able  not  merely  to  decrease  the  drag  but  to  reduce  other  loads  or  at  least  make  the 
characteristics  more  predictable  and  repeatable  -  a  very  important  aim  when  considering  store  release. 

2.  EXAMPLES  OF  ADVERSE  AND  FAVOURABLE  INTERFERENCE 


Let  us  start  by  tabling  some  typical  examples  of  the  interference  drag  that  can  arise  with  standard 
equipment  and  standard  store  arrangements.  First,  Fig  2a  gives  an  idea  of  the  extra  drag  due  to  interference 
within  a  triple  carrier.  Tests  were  made  in  the  ARA  9ft  x  8ft  transonic  tunnel  on  1/4  scale  models  of  a 
standard  triple  carrier  loaded  with  Mk  10  454  kg  bombs  and  mounted  on  two  different  pv lon/adaptor 
arrangements  (2,4,5).  It  will  be  seen  that  the  drag  increment  due  to  adding  a  single  bomb  increases 
progressively  with  the  number  of  bombs  that  are  already  present.  If  one  defines  a  low  speed  assembly  drag 
factor  as  the  ratio  of  the  measured  drag  at  M  =  0.4  to  the  sum  of  the  measured  drags  of  the  components  in 
isolation,  one  obtains  values  ranging  from  1.19  for  the  carrier  with  a  single  bomb  up  to  1.75  for  the  fully 
loaded  carrier  with  pylon/adaptor  A.  At  high  Mach  numbers,  eg  M  =  0.9,  the  analysis  of  the  data  for  A 
suggested  that  the  interference  drag  due  to  adding  a  shoulder  bomb  expressed  as  a  percentage  of  the  drag  of 
a  single  pylon-mounted  bomb  increases  from  about  60%  when  it  is  the  first  bomb  to  about  300%  for  the  second 
and  to  about  400%  when  it  is  the  last  bomb  to  be  added  to  the  carrier.  The  figure  also  demonstrates  t1  it 
the  results  depend  considerably  on  the  details  of  the  pylon/adaptor  design.  At  first  sight,  it  may  seem 
strange  that  apparently,  the  changes  in  pylon/adaptor  have  most  effect  on  the  drag  increment  due  to  adding 
the  bottom  bomb  to  the  carrier  but  the  explanation  of  this  apparent  anomaly  lies  in  the  fact  that  the  pylon/ 
adaptor  evidently  has  more  effect  on  the  complex,  highly  viscous  flow  situation  when  3  bombs  are  present. 


For  a  twin  arrangement,  one  would  predict  that  in  inviscid  flow,  there  would  be  high  suctions  on  the  side 
of  the  bombs  and  hence,  an  attractive  force  between  the  stores,  modified  in  the  real  flow  bv  compressibility 
and  viscous  effects-  With  the  triple,  the  viscous  effects  are  more  dominant  and  tests  (and  in  particular, 
store  release  tests)  have  shown  that  there  is  often  a  repelling  or  explosive  force  between  the  stores.  The 
complex  flow  over  the  stores  in  the  fully  loaded  triple  carrier  is  illustrated  by  the  photographs  in  Fig  2a. 
These  show  the  flow  with  pylon/adaptor  A  at  M  =  0.75;  the  photographs  were  taken  after  the  tunnel  run  and 
for  the  two  lower  pictures,  the  bottom  bomb  was  removed  to  show  the  oil  flow  patterns  in  the  channel  formed 
by  the  3  bombs  and  carrier  body.  For  a  bomb  in  isolation,  one  would  predict  two  peak  suctions  near  the 
shoulder  between  forebody  and  centre  parallel  section,  and  near  the  start  of  the  afterbody.  Adverse 
pressure  gradients  and  reduced  surface  shear  stress  would  be  expected  on  the  centre-body  and  this  is 
supported  by  the  appearance  of  the  oil  flow  pattern  on  the  outer  side  of  the  shoulder  bomb.  It  is  of  course 
the  flow  in  the  channel  and  its  consequences  over  the  rear  of  the  bombs  that  is  of  most  interest.  The  flow 
diverts  away  from  the  small  passage  between  the  bombs  and  the  CBTE  body  and  it  will  be  seen  that  near  the 
nose/parallel  centre-body  junction,  the  combination  of  high  sideflow  angles  and  high  local  velocities  result 
in  a  local  shock-induced  separation.  The  effects  of  these  separations  convect  downstream  in  the  channel  to 
produce  very  extensive  separations  and/or  rolled  up  vortex  flows  over  the  rear  of  the  bombs.  The  presence 
of  the  ERU  forward  crutching  arms  does  not  help:  they  are  clearly  in  an  ideal  location  to  induce  a  large 
area  of  separated  flow  over  the  top  and  inside  surfaces  of  the  shoulder  bomb  afterbodies.  The  top  and  inner 
fins  of  the  shoulder  bomb  and  the  top  fins  of  the  bottom  bomb  are  apparently  immersed  in  a  highly  confused 
wake.  Standard  multiple  carriers  are  therefore  a  potent  source  of  adverse  aerodynamic  interference  likely 
to  give  major  increases  in  drag  as  shown  in  Fig  2a  and  poor  release  characteristics .  Fortunately,  these 
ill  effects  can  be  greatly  reduced  by  improving  the  aerodynamic  cleanliness  of  the  carrier  body  and  mounting 
assembly  and  by  repositioning  the  stores  -  I  will  return  to  this  theme  later  in  the  paper. 

Turning  to  the  interference  between  store  installations  and  the  parent  aircraft.  Fig  2b  illustrates 
the  interference  that  can  arise  with  underwing  pylon-mounted  stores  (one  store  per  pylon,  no  multiple 
carriers).  It  should  be  noted  that  in  Fig  2b,  the  ordinate  is  the  drag  per  store,  ie  for  the  case  where 
there  were  3  stores  per  wing  on  separate  pylons,  the  graph  shows  1/6  x  the  total  drag  increment  for  the 
stores/pylon  combinations.  The  results  are  for  =  0  and  refer  to  Mk  10  454  kg  bombs  mounted  on  wing  A 
(see  §3).  Admittedly,  results  for  >  0  would  be  less  dramatic  but  on  the  other  hand,  results  for  other 
wings,  eg  wing  B:  see  Fig  5,  could  be  more  serious:  hence,  it  is  fair  to  suggest  that  Fig  2b  is  a  typical 
picture.  Once  again,  serious  adverse  interference  is  evident,  particularly  at  high  subsonic  speeds.  If 
expressed  as  installation  drag  factors,  the  values  reach  about  5  at  M  «  0.9.  It  will  be  seen  later  in  the 
paper  that  rather  than  quoting  installation  factors,  it  is  probably  more  sensible  to  relate  such  results 
to  the  drag  characteristics  of  the  clean  aircraft.  A  single  pylon-mounted  store  per  wing  degrades  the 
drag-rise  Mach  number  of  the  combination;  a  multiple  arrangement  with  say,  3  pylon-mounted  stores 
completely  modifies  the  nature  of  the  flow  over  the  wing  lower  surface  and  introduces  a  significant  drag 
creep  ahead  of  the  steep  drag  rise. 

Mounting  stores  below  a  wing  designed  without  regard  to  the  consequences  of  store  carriage  can 
therefore  lead  to  serious  adverse  interference.  Mounting  the  stores  in  arrays  under  the  fuselage  can 
however  lead  to  favourable  interference  as  illustrated  in  Fig  2c.  The  upper  picture  has  been  used  in 
several  earlier  papers  (4,5).  It  shows  the  results  of  tests  in  the  £RA  transonic  tunnel  in  which  4  rows  of 
5  small  stores  with  flat  bases  were  mounted  on  a  pallet  below  a  flat-bottomed  fuselage.  Above  about 
M  *  0.92,  the  total  drag  increment  for  the  20  stores  is  smaller  than  the  increment  for  a  single  row  of  5 
stores:  to  reiterate,  the  total  drag  increment  and  not  just  the  drag  per  store!  It  is  clear  that  favourable 
tandem  effects  are  sufficient  to  offset  the  adverse  effects  due  to  the  side-by-side  carriage.  However,  it 
may  be  argued  that  this  very  favourable  result  is  simply  due  to  the  fact  that  they  are  small  stores  mounted 
tangentially  and  mostly  immersed  in  the  boundary  layer.  However,  it  is  certainly  fair  to  compare  the  lower 
picture  in  Fig  2c  with  Fig  2b.  This  lower  picture  was  based  on  more  recent  evidence  from  tests  in  the  RAE 
8ft  x  6ft  tunnel  on  an  array  of  6  large  boattailed  stores,  again  mounted  tangentially  on  a  pallet  below  an 
aircraft  fuselage.  Even  in  this  case  where  the  stores  are  much  larger  in  relation  to  the  size  of  the 
aircraft,  the  drag  increment  for  the  array  consisting  of  3  rows  of  2  stores  is  generally,  particularly  at 
high  Mach  number,  less  than  the  sum  of  the  free  air  drag  of  the  stores  in  isolation.  Favourable  interference 
is  thus  a  genuine  possibility  and  in  the  AGARD  Working  Party  report  (4),  other  examples  are  to  be  found, 
often  interpreted  in  terms  of  the  stores  having  produced  a  better  longitudinal  distribution  of  cross- 
sectional  area  for  the  complete  configuration. 

Having  now  set  the  scene,  let  us  look  in  more  detail  at  the  sources  of  interference  and  the 
possibilities  for  improving  the  store  layouts. 

3.  UNDERWING  FUEL  TAMKS  AT  LOW  Ct, 

It  seems  appropriate  to  start  the  detailed  discussion  by  considering  the  interference  effects  due  to 
the  carriage  of  external  fuel  tanks.  A  fuel  tank  is  the  simplest  and  probably  the  cleanest  type  of  store. 
Fuel  tanks  are  generally  carried  on  pylons  below  the  wing  or  fuselage.  It  is  far  more  efficient  to  carry 
them  under  the  fuselage.  For  example,  in  model  tests  (6)  at  AEDC  for  the  F-4C,  it  was  found  that  carrying 
fuel  in  a  2264  litre  (600  gal)  tank  under  the  fuselage  was  more  than  4  times  as  efficient  at  M  «  0.7  and 
almost  3  times  as  efficient  at  M  -  0.9  as  carrying  fuel  in  1396  litre  (370  gal)  tanks  under  the  wing, 
efficiency  being  defined  as  the  ratio  of  fuel  capacity  divided  by  the  installed  drag.  Nevertheless,  on 
many  aircraft  there  are  practical  reasons  why  the  fuel  tanks  have  to  be  carried  underwing  and  Fig  3a 
presents  results  for  15  different  aircraf t/fuel  tank  combinations.  In  all  cases  the  tanks  were  pylon- 
mounted  under  the  wing  near  mid-semi-span;  except  for  the  curves  marked  A  and  B,  this  figure  was  included 
in  the  Working  Party  report  (4).  The  graph  shows  the  variation  with  Mach  number  at  *  0  of  a  ' figure-of- 
merit1  or  inverse  efficiency, 

y  m  Measured  installed  drag  increment  (or  draR  in  isolation) 

*  Estimated  profile  drag  for  tank /pylon  at  low  Mach  number 

ie  assuming  the  estimate  in  the  denominator  is  correct,  Xj  ■  1.0  implies  zero  net 
drag  contributions  from  flow  separations,  base  drag,  bluffness  drag,  excrescence 
drag,  wave  drag  and  interference  within  the  assembly  and  between  the  assembly 
and  the  aircraft. 


k 


5-3 


The  results  for  a  typical  fuel  tank  in  isolation  are  included  for  comparison.  The  figure  clearly 
illustrates  that  most  of  the  drag  increment  is  related  to  the  installation  interference  effects.  For  the 
tank  in  isolation,  A.  is  less  than  1.1  up  to  M  3  0.94  but  for  the  installed  tank  assemblies,  values  of  Aj 
ranging  from  1.2  to  3.5  are  obtained  even  at  M  -  0.6;  rapid  increases  in  Aj  with  Mach  number  are  already 
occurring  at  M  *  0.6  in  the  worst  case  but  not  to  beyond  M  >•  0.86  in  the  best  case.  At  first  sight,  it  may 
appear  an  impossible  task  to  predict  or  interpret  this  figure  but  certain  trends  can  be  deduced.  First  and 
foremost,  as  shown  in  Fig  3b,  there  is  a  trend  for  both  Aj  at  M  =  0.6  and  Mf)g ,  the  Mach  number  for  the  start 
of  the  rapid  increase  in  1 to  improve  in  sympathy  with  the  drag-rise  Mach  number  Mp  of  the  clean  wing. 

This  is  only  to  be  expecteu:  an  increase  in  Mp  will  generally  imply  a  reduction  in  wing  thickness/chord 
ratio  and/or  an  increase  in  wing  sweepback  and  thus,  a  reduction  in  the  suctions  below  the  wing  lower  surface 
and  a  later  appearance  of  a  »hock  wave  in  the  channel  between  the  wing  and  tank.  Research  has  shown  that 
the  appearance  of  this  shoe’,  wave  generally  collates  with  Mpg.  With  tanks  of  a  standard  shape,  therefore, 
it  may  be  difficult  to  obtain  notably  better  results  than  those  implied  by  the  dashed  lines  in  Fig  3b  but 
the  significant  point  is  .hat  there  are  a  fair  number  of  installations  where  the  interference  is  such  that 
the  results  do  not  approach  this  norm. 

Let  us*  consider  two  of  these  examples.  First,  Fig  3c  compares  configurations  6  and  11.  This  is 
discussed  in  detail  in  Ref  5.  For  both  cases,  the  installed  drag  values  for  Cl  *  0  lie  above  the  norm. 

Figs  3a, b,  but  the  excess  is  far  greater  for  case  6;  even  at  Cl  =  0.4  where  one  would  expect  some 

improvement,  the  results  are  still  poor.  Looking  at  the  geometry,  it  will  be  seen  that  in  case  6,  the  tank 

is  larger  relative  to  the  aircraft.  Partly  because  the  pylon  is  relatively  thin  (7%  thick  compared  with 

I3Z  thick  for  case  II),  the  crutch  arms  are  exposed  and  unfaired.  A  simple  estimate  suggests  that  the  drag 

of  these  crutch  arms  treated  as  isolated  excrescences  would  be  about  the  same  as  the  extra  drag  of  the 
thicker  pylon  in  case  11  but  it  has  generally  been  found  that  such  excrescences  can  induce  serious 
interference  if  the  flow  downstream  of  the  excrescences  encounters  a  region  of  high  adverse  pressure 

gradient.  This  would  be  true  in  the  present  case.  The  major  weakness  however  with  configuration  6,  is  the 

rapidly  diverging  channel  at  the  rear.  All  three  surfaces,  ie  wing,  pylon  and  tank  contribute  to  this 
divergence.  One  could  say  that  the  installation  could  not  have  been  tailored  better  to  produce  a  shock 
across  the  channel  at  a  relatively  low  Mach  number,  or  to  produce  a  flow  separation  on  one  or  all  of  the 
rear  surfaces!  Extra  viscous  drag  and  early  wave  drag  are  therefore  only  to  be  expected.  Fig  3c  shows 
revised  configuration  for  which  the  interference  would  be  expected  to  be  less;  the  Aj  curve  for  this  revised 
configuration  is  a  speculative  estimate:  no  tests  have  been  made  on  this  layout. 

Second,  Fig  3d  presents  a  comparison  between  cases  A  and  B.  These  results  are  for  the  same  tank  u.unted 

on  the  same  pylon  at  the  same  spanwise  position  on  two  wings  A  and  B  of  the  same  planform  but  which  differ  in 
section  shape.  The  section  of  wing  B  is  thicker  and  is  designed  to  give  more  rear  loading.  Strictly,  the 
results  for  A  and  B  are  not  comparable  with  the  other  cases  in  Fig  3a  because  two  additional  bare  pylons 
were  present  on  the  inner  and  outer  wing  and  thus  it  is  probable  that  the  values  of  A j  have  been  increased 
by  the  aerodynamic  interference  between  the  tank/pylon  and  th#»se  other  pylons.  However,  it  is  still  fair 
to  compare  A  and  B  and  Figs  3a, b  show  that  the  values  of  Aj  and  Mps  are  much  poorer  for  wing  B.  These 
differences  can  be  explained  qualitatively  in  terms  of  the  measured  pressure  distributions  over  the  wing 
lower  surface.  These  are  shown  in  Fig  3d  for  M  *  0.80  for  a  station  at  0.4  x  semi-span,  ie  inboard  of  the 
tank.  These  distributions  can  be  described  as  follows: 

A  B 

Clean  wing  Subcritical  Subcritical 

Wing  with  3  pylons  Subcritical  Strong  shock,  no  separation 

Wing  with  3  pylons  and  tank  Strong  shock,  Shock-induced  separation 

no  separation 

* 

Indicated  by  the  lower  pressures  downstream  of  the  shock  relative  to  the  other  cases  and  by  the  partial 
collapse  of  the  supersonic  region  ahead  of  the  shock. 

One  can  therefore  forecast  from  the  pressure  distributions  that  both  the  wave  drag  and  the  viscous 
drag  will  be  higher  with  the  tank  mounted  on  wing  B.  The  greater  interference  for  a  given  Mach  number  and 
Cl  is  a  consequence  of  the  different  pressure  distributions  over  the  clean  wings.  The  significant  features 
are  that  near  0.35c  the  suctions  are  about  70%  higher  on  wing  B  than  on  wing  A  and  that  the  subsequent 
adverse  pressure  gradient  is  about  twice  as  great. 

It  would  be  wrong  to  conclude  however  that  the  greater  interference  with  wing  B  is  an  inevitable 
consequence  of  attempting  to  carry  the  tank  on  a  more  advanced,  thicker  wing.  For  example,  as  with 
configuration  6  in  Fig  3c,  one  could  either 

(i)  move  the  tank  forward  or  aft  in  an  attempt  to  separate  longitudinally  the  peak  suctions  on  the 
wing  and  the  tank, 

or  (ii)  change  the  shape  of  the  tank  to  one  with  a  parallel  centre  section  opposite  the  peak  suction  on 
the  wing, 

or  (iii)  reshape  the  rear  of  the  tank  with  either  a  longer,  less  tapered  boattail  or  a  raised  upper  line, 
ie  a  banana-shape  tank, 

or  (iv)  modify  the  pylon  design, 

or  (v)  change  the  wing  camber-line  to  produce  a  more  suitable  shape  of  lower  surface  pressure  distribution. 

It  is  worth  noting  that  concept  (ii)  was  introduced  more  than  30  years  ago  on  an  early  jet  fighter  to 
eliminate  flow  separation  and  buffeting  problems  that  had  resulted  from  the  underwing  carriage  of  a  tank 
having  a  continuous  longitudinal  variation  in  cross-sect ional  area.  The  problem  was  solved  by  changing  the 
tank  shape  to  one  with  a  forward,  parallel  mid  and  tapered  aft  section  mounted  in  such  a  position  that  the 
peak  suctions  at  the  junctions  between  the  three  sections  were  displaced  fore  and  aft  of  the  peak  suction 
in  the  clean  wing  flow  field.  Now,  when  the  need  for  care  in  eliminating  adverse  interference  is  even 
greater  with  modern  wing  designs,  the  concept  is  rarely  used.  This  is  not  true  of  configuration  6  discussed 
above  but  in  this  case,  for  practical  reasons,  the  concept  was  misapplied  as  will  be  realised  from  the 
sketch  in  Fig  3c.  Logistically,  it  may  be  unattractive  to  think  in  terms  of  a  different  tank  shape  for 
different  aircraft  and  to  some  extent,  one  could  argue  that  (i-iv)  should  be  regarded  as  palliatives  for  a 
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situation  that  should  not  have  arisen.  The  real  lesson  -  and  this  will  become  even  clearer  in  §5  below  - 
is  that  wings  should  be  designed  with  store  carriage  in  mind  from  the  outset.  At  the  very  least,  one  should 
design  a  wing/pylon  combination  rather  than  a  clean  wing. 

4.  UNDERWING  STORES:  FACTORS  AFFECTING  INTERFERENCE  DRAG  AT  LOW  CT 

4.1.  Store  Shape 


It  should  be  apparent  from  the  discussion  of  the  fuel  tank  examples  in  Fig  3  that  the  aerodynamic 
interference  with  underwing  mounted  stores  is  likely  to  be  proportionately  more  serious  for  clean 
streamlined  stores  than  for  parallel  or  dirty  stores.  Even  relatively  small  changes  to  the  shape  of  the 
store  can  have  a  significant  effect  on  the  interference.  This  is  shown  by  the  comparison  in  Fig  4a.  Two 
alternative  stores  X  and  Y  were  mounted  (8)  on  wing  A,  Fig  3d,  on  the  same  underwing  pylon  at  0.55  x  semi¬ 
span.  The  two  stores  have  about  the  same  overall  dimensions  but  a  somewhat  different  shape,  store  Y  having 
a  bluffer  nose,  a  longer  parallel  centre  section  and  a  shorter  boattail.  The  free  air  drag  and  indeed,  the 
installed  drag  increment  was  much  greater  for  store  Y  but  as  shown  in  Fig  4a,  the  interference  contribution 
ACq£  to  the  drag  increment, 

ie  ACn.  —  Cp.  ,,  ,  —  Cn.  ,  _ 

ui  ^installed  ^isolated 

is  generally  somewhat  less  for  store  Y,  particularly  in  the  range  M  «  0.80  -  0.85.  There  are  two  possible 
qualitative  interpretations  of  this  result.  Either  it  is  an  example  of  a  general  trend  that  when  the  store 
shape  is  such  that  there  is  poor  flow  over  the  store  afterbody  even  under  free-air  conditions,  there  is  less 
chance  that  the  interference  with  the  wing  flow  field  will  further  degrade  the  flow  over  the  afterbody.  Or 
the  shape  and  position  of  store  X  are  such  that  the  interference  increases  the  wing  wave  and/or  viscous 
drag.  Oil  flow  patterns  for  M  =  0.85,  Cl  *  0  suggested  that  the  second  interpretation  is  more  likely  in 
this  case.  The  main  features  of  these  flow  patterns  are  reproduced  in  the  sketch  in  Fig  4a: 

(i)  with  store  Y,  the  shock  is  further  aft  -  consistent  with  the  position  of  the  start  of  the 
afterbody , 

(ii)  with  store  X,  the  sweepback  of  the  shock  both  outboard  and  inboard  of  the  store  is  somewhat 
less  than  with  store  Y, 

and  (iii)  with  store  X,  the  change  in  flow  direction  through  the  shock  is  notably  more  acute,  thus 
implying  a  stronger  shock. 

It  is  thought  that  (iii)  is  the  dominant  factor. 

This  comparison  has  been  included  to  act  as  a  warning  against  naive  use  of  interference  drag 
factors  and  to  encourage  the  hope  that  by  attention  to  detail  and  with  the  benefit  of  the  theoretical 
calculations  that  will  be  possible  in  the  future,  adverse  interference  can  be  alleviated. 

4.2.  Store  Depth  below  the  Wing 

Various  investigations,  eg  Refs  5,9,10,11  have  specifically  considered  the  effects  of  the  vertical 
position  of  a  store  below  the  wing.  All  have  confirmed  that  this  can  be  an  important  parameter  but  it  is 
difficult  to  draw  simple  generalised  conclusions.  When  the  flow  is  entirely  subcritical,  an  increase  in  the 
length  and  hence,  surface  area  of  the  pylon  will  increase  the  pylon  profile  drag  but  will  generally  tend  to 
reduce  the  interference  drag.  There  is  however  a  fair  amount  of  evidence  indicating  that  when  the  flow  is 
supercritical  the  adverse  interference  first  increases  with  store  depth  before  it  starts  to  decrease.  Oil 
flow  tests  and  pressure  plotting  measurement s  have  shown  that  with  a  longer  pylon,  the  flow  separations  in 
the  wing-pylon  junctions  can  be  less  severe.  The  channel  between  wing  and  pylon  is  therefore  less 
constricted  and  the  flow  can  expand  to  a  higher  local  Mach  number.  The  shock  as  well  as  being  longer  in 
extent,  is  stronger  and  there  are  therefore  two  reasons  why  the  wave  drag  is  increased. 

An  example  of  the  effect  of  store  depth  is  shown  by  the  drag  results  in  Fig  4b.  A  missile-tvpe 
store  was  mounted  at  two  vertical  positions  below  the  wing  of  a  25°  sweptback  wing  research  model  in  the 
ARA  transonic  tunnel  (11).  At  low  Mach  number,  at  both  Cl  -  0  and  0.3,  the  drag  increment  was  higher  with 
H/D  =  0.88  than  with  H/0  =  1.23,  thus  showing  that  in  this  particular  case,  the  reduction  in  interference 
as  the  store  and  wing  were  moved  apart  more  than  offset  the  extra  pylon  profile  drag.  Above  M  =  0.75, 
however,  the  drag  increment  increased  with  Mach  number  more  rapidly  with  H/D  =  1.25,  thus  supporting  the 
hypothesis  of  exLra  wave  drag  when  the  wing  and  store  are  further  apart. 

Quant i tat i vo . v ,  the  results  could  well  be  different  with  other  stores  on  other  wings  and  the 
correct  choice  of  pylon  ’ength  will  depend  on  the  aircraft  requirements.  It  seems  possible  that  in  many 
cases,  a  compromise  wi 1 1  have  to  be  made  between  a  short  pylon  to  improve  the  dash  capability  with  bare 
pylons  and  a  long  pylon  to  minimise  the  drag  and  usable  lift  penalties  at  high  Cl  (a  point  not  illustrated 
in  this  paper). 

4.3.  Spacing  of  Pylons  across  the  Span 

In  §  §  3 ,  4.1,  4.2  we  have  been  concerned  with  the  carriage  of  a  single  store  per  wing  panel.  In 
practice,  however,  it  is  likely  that  current  and  future  aircraft  will  be  designed  to  carry  a  heaw  store 
load  requiring  2,  3  or  even  as  many  as  5  pylons  per  side.  Tests  have  been  made  (8)  to  show  whether  the 
drag  increments  for  a  3-pylon  load  of  3  stores  on  wing  A  of  the  previous  example  are  sensitive  to  the 
spanwise  spacing  of  the  pylons.  Three  alternative  spacings  were  compared,  the  widest  and  narrowest  spaeings 
being  indicated  by  the  photographs  of  Fig  4c.  The  graph  shows  the  variation  with  Mach  number  of  A(ACdj) 

Vher€  A(AC°i>  -  <AC»i>narrow  -  <ACDi>w;d, 

and  ACp..  is  ..s  in  the  example  in  §4.1. 

The  figure  shows  that  as  mi^.»L  have  beer  expected,  bringing  the  stores  closer  together  increases  the 
interference  drag  at  low  and  moderate  Mach  numbers,  the  maximum  changes  being  as  much  as  A(ACp.)  -  0.0030 
or  perhaps  15%  of  the  drag  of  the  clean  aircraft.  At  high  subsonic  speeds,  the  trend  begins  to  reverse 


5-5 


until  ultimately,  the  drag  increment  is  less  with  the  narrow  spacing.  The  Mach  number  for  the  crossover 
increases  with 

The  oil  flow  patterns  in  Fig  4c  offer  a  partial  explanation  for  the  change  in  sign  of  A(ACp  > 
between  low  and  high  Mach  number,  eg  between  M  =  0.75  and  0.80  at  *  0.  Irrespective  of  the  spacing,  the 
main  feature  of  these  flow  patterns  is  the  near-unswept  shock  below  the  wing  between  the  pylons.  With  t  <* 
narrow  spacing,  this  quasi-one-dimensional  flow  is  already  established  at  M  *  0.75  with  the  terminal  shoo, 
and  flow  separations  behind  the  shock  extending  from  one  pylon  to  the  next.  With  the  wide  spacing,  this  tvpe 
of  pattern  does  not  become  fully  established  until  M  *  0.80  but  then,  the  shock  waves  in  the  wid**r  gullies 
between  the  stores  appear  to  be  stronger.  The  pictures  therefore  help  to  explain  why  ACp-  increases  more 
rapidly  above  M  3  0.75  with  the  wide  spacing,  the  increase  being  sufficient  to  give  higher  At'p-  than  with 
the  narrow  spacing  above  M  *  0.80.  There  is  an  obvious  similarity  between  these  effects  of  spicing  and 
the  effects  of  store  depth  as  already  described. 

For  configurations  of  the  type  discussed  here,  store  spacing  is  clearly  a  significant  naraaeter; 
the  optimum  value  would  defend  on  the  aircraft  operating  requirements.  It  is  possible  however  t  envisage 
how  the  adverse  interference,  ie  the  values  of  ACp£  might  be  reduced  by  either  changes  in  pvl**n  design  «<r 
store  relative  longitudinal  position,  ie  store  stagger.  In  the  present  case,  the  pylons  wt*rr  of  imnle 
design  with  symmetrical  slab-sided  sections;  the  shocks  between  the  pylons  tended  to  be  unswept  be  ause 
they  extended  from  the  peak  suction  on  the  outboard  side  of  the  inner  pylon  (aft  of  its  maximum  thi  kness) 
to  the  peak  suction  on  the  inboard  side  of  the  outer  pylon  (ahead  of  its  maximum  thickness):  change  in 
design  might  improve  the  shock  sweep.  The  store  longitudinal  positions  were  chosen  with  the  aim  of 
minimising  the  c-g.  shifts  for  partial  and  full  store  loads;  these  considerations  may  be  less  vital  in  the 
future  with  the  advent  of  active  controls  and  acceptance  of  relaxed  stability. 

4.4.  Effect  of  Wing  Design:  Multiple  Carriage  on  Separate  Pylons 

The  influence  of  wing  design  has  already  been  discussed  in  §3  with  reference  to  the  drag 
increments  for  an  underwing  tank  installation  on  wings  A  and  B  (same  planform,  different  sections). 
Comparative  tests  were  also  made  (7)  on  these  wings  with  three  stores  of  Y  mounted  on  three  separate 

pylons.  Results  and  oil  flow  patterns  from  these  tests  are  presented  in  Fig  5.  The  upper  graphs  cotnpaie 
the  Cd  -  M  variation  for  =  0.2  for  (a)  the  clean  wings,  (b)  the  wings  with  3  bare  pylons  per  wing  and 
(c;  the  fully  loaded  configurations.  It  should  be  noted  that  the  false  zeros  on  the  ordinate  scales  have 
been  staggered  by  amounts  corresponding  to  the  estimated  low  speed  profile  drag  of  respectively,  the 
pylons  and  the  pylonsplus  stores:  in  other  words,  if  there  were  no  interference  drag,  the  three  pairs  of 
curves  would  start  at  low  Mach  number  at  the  same  levels. 

The  addition  of  the  pylons  and  then  the  stores  reduces  the  drag-rise  Mach  number  and  by 
implication,  the  penetration  speed  by  significant  amounts,  at  least  0.1  in  Mach  number.  This  is  only  to 
be  expected  and  to  some  extent  at  least,  is  an  inevitable  consequence  of  carrying  a  heavy  store  load 
underwing  in  what  has  generally  been  accepted  as  a  ’standard'  arrangement.  In  passing,  it  should  be  noted 
that  in  this  and  succeeding  sections  up  to  §5.2,  we  are  only  concerned  with  the  multiple  carriage  of  stores 
on  separate  pylons  at  different  stations  across  the  span.  ’Standard’  underwing  carriage  of  a  multiple 
store  load  can  in  practice  imply  the  use  of  a  triple  carrier,  eg  as  on  the  F-4  Phantom,  or  a  twin  carrier 
as  on  the  Harrier  but  these  cases  are  not  considered  here  because  of  the  difficulty  of  separating  the 
store-wing  interference  from  the  interference  within  the  multiple  carrier. 

It  is  clear  that  the  relative  assessment  of  wings  A  and  B  depends  on  whether  the  pylons/stores 
are  fitted  or  not.  Clean,  the  reduction  in  the  Mach  number  for  the  steep  drag-rise  for  wing  B  relative  to 
wing  A  is  about  AM  »  0.035  but  with  pylons,  it  is  as  much  as  AM  *  0.06  and  with  pylons /stores,  about 
AM  -  0.055.  The  unexpected  feature  of  these  results  is  the  striking  effect  of  the  bare  pylons.  This  is  a 
significant  conclusion  because  the  aircraft  will  still  be  carrying  its  pylons  on  the  return  from  the  target 
and  hence  this  is  a  configuration  that  should  if  possible  be  optimised.  Also,  the  shape  of  a  pylon  is 
probably  less  sacrosanct  -  or  less  constrained  by  other  factors  -  than  the  shape  of  most  stores. 

Fig  5  also  shows  the  wing  lower  surface  pressure  distributions  for  stations  at  0.60  and  0.72  x 
semi-span  on  wing  A  and  at  0.64  and  0.74  x  semi-span  on  wing  B,  for  *  0.2,  M  c  Mx.  The  stations  are 
between  the  middle  and  outer  pylons,  the  outer  stations  being  very  close  to  the  outer  pylons.  For  the  clean 
wings,  the  flow  is  subcritical  in  both  cases  although  it  is  significant  that  the  values  of  (-Cp)  near  0.3c 
are  almost  twice  as  great  for  wing  B  as  for  wing  A.  Adding  the  pylons  on  wing  A  leads  to  a  local  supersonic 
region  inboard  of  the  outer  pylon  while  on  wing  B,  this  region  appears  to  extend  across  the  whole  panel  to 
the  middle  pylon.  Adding  the  stores  produces  a  strong  shock  wave  in  the  gully  between  the  stores  as  already 
seen  in  Fig  4c  with  poor  flow  behind  the  shock  particularly  on  wing  B.  Near  the  outer  pylon  on  wing  B,  the 
separation  is  already  sufficient  to  degrade  the  supersonic  region;  this  is  hardly  surprising  bearing  in  mind 
that  M  =*  Mx,  0^  *  0.2  is  far  up  the  drag-rise  for  this  configuration. 

These  pressure  distributions  do  not  however  tell  the  full  story.  Fig  5  also  contains  photographs 
of  oil  flow  patterns  for  M  *  Mx,  Cl  “0.2  for  wings  A  and  B  with  three  bare  pylons.  Weak  shocks  and  fairly 
narrow  pylon  wakes  are  evident  in  the  picture  for  wing  A  but  generally,  the  flow  is  relatively  well  behaved 
compared  with  wing  B  where  there  are  substantial  flow  separations  both  inboard  of  the  outer  pylon  and 
downstream  and  outboard  of  the  inner  and  middle  pylons.  These  pictures  suggest  that  the  drag  creep  in  the 
results  for  wing  B  with  bare  pylons  must  be  largely  associated  not  with  premature  wave  drag  but  with  gross 
viscous  effects  particularly  downstream  of  the  pylons. 

The  full  assessments  of  wings  A  and  B  including  factors  not  discussed  here  could  still  favour 
wing  B.  It  is  a  more  advanced  wing  with  notable  advantages  in  usable  lift  and  fuel  volume.  In  designing 
wing  B,  it  was  accepted  that  there  would  be  some  loss  in  drag-rise  Mach  number  at  low  Cl:  a  reduction  of 
0.03  was  deemed  acceptable.  I r  must  be  emphasised  strongly  that  the  fact  that  the  reduction  is  about  0.06 
with  the  pylons  fitted  does  not  destroy  the  concept  of  the  advanced  wing  design.  It  merely  shows  that  one 
should  design  the  wing-pylon  and  if  possible,  the  wing-pyl ons-stores  as  an  entity.  The  simple  pylons  that 
were  adequate  on  wing  A  arc  no  longer  acceptable  on  wing  B.  Aerodynamical ly ,  as  isolated  pylons,  they  were 
respectable  designs:  6.5%  thick,  symmetrical,  si ab-sided, el l ipt ic  nose,  tapered  aft  section.  Looking  at 
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the  oil  flow  picture,  however,  it  seems  inconceivable  that  one  would  not  be  able  to  modify  the  pylon  design 
to  reduce  the  viscous  interference  effects  on  the  wing. 

5.  UNDERWING  STORES:  OTHER  ASPECTS  OF  INTERFERENCE 

5.1.  Aircraft  Stability  and  Usable  Lift 

If  is  of  course  self-evident  that  underwing  stores  will  interfere  with  the  flow  over  the  wing 
lower  surface.  Until  recently,  however,  it  has  not  been  fully  realised  that  the  stores  can  modify  the  flow 
over  the  wing  upper  surface  and  that  this  can  have  serious  consequences,  particularly  when  the  flow  is 
supercritical.  To  start  with  a  simple  example.  Fig  6  presents  results  from  tests  at  M  -  0.85  on  a  model  of 
an  aircraft  with  a  wing  of  moderate  sveepback  and  moderate  aspect  ratio  tested  with  and  without  two 
underwing  stores  per  wing.  Fig  6a  shows  the  wing  upper  surface  pressure  distribution  for  a  station  near 
mid-semi-span  and  it  will  be  seen  that  the  addition  of  the  stores  increases  the  suctions  in  the  supersonic 
region  and  hence,  the  shock  strength.  Two  factors  can  contribute  to  this  interference:  an  increase  in 
upwash  and  an  increase  in  local  velocity.  The  shock  strength  is  increased  -  but  by  varying  amounts  -  across 
the  complete  span  and  thus,  the  shock-induced  separation  leading  to  a  forward  movement  of  the  shock  occurs 
at  a  lower  incidence.  This  is  shown  in  Figs  6b, c  for  stations  at  mid-semi-span  and  0.85  x  semi-span. 
However,  the  important  point  is  that  these  effects  were  not  quite  the  same  at  all  spanvise  stations.  The 
differences  appeared  trivial  at  first  sight  but  they  were  sufficient  to  modify  the  (^  -  a  variation  aa 
shown  in  Fig  6d.  The  results  for  the  clean  wing  were  marginally  acceptable;  with  stores,  however,  there 
was  an  unacceptable  pitch  up.  This  is  an  aspect  of  store  interference  which  is  clearly  very  configuration- 
dependent  but  it  cannot  be  ignored  when  seeking  to  optimise  the  configuration. 

The  interference  with  the  upper  surface  flow  has  more  dramatic  consequences  at  high  near  the 

usable  lift  boundary.  Two  examples  drawn  from  the  results  of  the  experiments  (7)  on  wings  A  and  B  are 
presented  in  Fig  7.  First,  at  the  top  of  the  page,  data  from  incidence  traverses  at  a  relatively  high 
subsonic  Mach  number,  M  -  Mx  ♦  0.07,  indicate  serious  adverse  interference,  eg  on  the  lift  break,  by  about 
ACl  3  “0.05  for  the  bare  pylons  or  ACl  “  -0.25  for  the  fully  loaded  case.  Measured  pressures  are  shown  for 
3  stations  at  2  incidences.  With  and  without  pylon  cases  are  compared  at  the  same  incidence.  The 
distributions  show  that  as  might  be  expected,  some  of  the  loss  in  break  CL  is  due  to  the  interference  with 
the  lower  surface  flow  which  is  still  substantial  even  at  this  incidence,  particularly  near  the  outer  pylon. 
The  significant  point  however  is  that  the  flow  breakdown  on  the  upper  surface  appears  to  occur  at  a  lower 
incidence:  the  deterioration  between  a  *  4.9°  and  6.7  at  0.64  and  0.73  x  semi-span  is  certainly  much  more 
rapid  when  the  pylons  are  fitted.  Once  again,  relatively  small  increases  in  shock  strength  have  been 
sufficient  to  provoke  these  differences.  It  is  possible  that  these  effects  could  have  been  averted  or  at 
least  postponed  to  a  higher  Mach  number  by  moving  the  pylon-wing  intersection  further  aft.  The  more 
dramatic  effect  from  fitting  the  stores  is  of  somewhat  academic  interest  because  it  is  unlikely  that  the 
fully  loaded  aircraft  would  have  sufficient  thrust  to  reach  these  conditions. 

The  results  in  the  lower  half  of  Fig  7  have  been  included  to  illustrate  that  the  interference 
effects  of  underwing  pylons/stores  on  usable  lift  are  not  necessarily  adverse.  These  results  for  M  =  Mx 
again  show  a  reduction  in  break  Cl  from  both  the  pylons  and  the  stores  but  the  subsequent  reduction  in 
lift-curve  slope  is  less  and  the  development  of  the  stall  is  then  more  progressive.  Indeed,  the  very  fact 
that  can  be  presented  for  the  cases  with  pylons  and  with  pylons/stores  up  to  a  high  incidence  is 

itself  significant  because  with  the  clean  wing,  the  test  could  not  be  continued  beyond  the  abrupt  lift 
break  because  of  severe  model  bounce.  Pressure  distributions,  with  and  without  stores  are  compared  for 
two  stations  (between  the  middle  and  outer  stores  as  in  Fig  5)  at  three  incidences,  the  lowest  being  near 
separation-onset.  It  will  be  seen  that  stores  off,  there  is  a  lift  contribution  from  the  forward 
supersonic  region  at  both  stations  at  a  =  8°  and  9.5  followed  by  a  collapse  at  both  stations  at  11° 
whereas  stores  on,  the  supersonic  region  has  already  completely  collapsed  at  one  but  only  one  station  at 
i  =  9.5°:  in  other  words,  an  earlier  but  more  progressive  stall,  stores  on.  This  implies  earlier  buffet 
onset  but  better  buffet  penetration.  The  presence  of  the  pylons  and  the  stores  is  tending  to  dictate  the 
manner  in  which  the  areas  of  separated  flow  extend  with  increasing  incidence  and  as  a  result,  the  stall 
development  is  likely  to  be  less  sensitive  to  other  variables:  for  example,  there  is  evidence  from  tests 
on  other  wing  designs  that  the  presence  of  underwing  stores  can  alleviate  any  tendency  to  lateral  problems 
such  as  wing  drop  and  wing  rock.  This  statement  would  not  however  be  true  of  every  wing  design:  examples 
could  be  quoted  where  the  exact  opposite  would  apply. 

Speculatively  and  arguably,  a  wing  design  philosophy  can  be  suggested  that  would  exploit  this 
possible  favourable  interference  of  the  pylons/stores  on  the  stall  development.  One  should  design  the 
clean  wing  to  carry  as  much  lift  as  possible  at  buffet-onset;  there  is  then  the  risk  that  the  flow  will 
tend  to  break  down  all  across  the  span  at  almost  the  same  incidence;  however,  the  addition  of  underwing 
pylons  (and  stores)  could  then  slightly  degrade  the  stall  onset  but  give  the  progressive  breakdown  that  is 
required  for  satisfactory  flying  qualities.  This  design  philosophy  has  been  set  out  in  broad  terms:  to 
follow  it  literally  may  not  be  possible  with  a  given  design  at  all  Mach  numbers.  The  interference  from 
the  pylons/stores  is  probably  due  to  their  effect  on  the  spanwise  upwash  distribution  ahead  of  the  swept 
leading  edge  of  the  wing;  the  detailed  effects  could  be  modified  by  small  changes  in  the  get....* try  of  the 
wing-pylon  leading  edge  junction. 

5.2.  Buffet  at  low  C] 

As  affinal  contribution  from  the  results  of  the  tests  (7)  on  wings  A  and  B,  Fig  8  presents 
Cg  -  CL  curves  f^r  M  -  Mx  and  M  *  Mx  ♦  0.07  for  wing  B  with  and  without  py 1 ons/stores .  It  will  be  seen 
that  even  at  M  **  Mx,  the  stores  are  tending  to  provoke  a  buffet  response  at  low  positive  Cl  while  at 
M  -  Mx  ♦  0.07,  with  stores,  there  is  no  CL~range  that  can  be  described  as  being  free  from  buffet  and  even 
the  bare  pylons  give  significant  buffet  at  low  Cl-  Most  modifications  introduced  to  reduce  the  drag 
increments  should  also  tend  to  alleviate  the  buffet. 


C  m  tuned  rms  wing  root  strain 
B  dynamic  pressure 

■! 

i 
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5.3.  Flow  Fields:  Store  Loads  and  Release 

Various  references,  eg  Ref  12,  have  concluded  that  for  underwing  stores,  the  flow  field  about  the 
aircraft  with  stores  may  be  the  most  important  parameter  affecting  the  store  trajectory.  Mathews  in 
Chapter  5  of  Ref  4  notes  that  the  flowfield  is  likely  to  vary  with  aircraft,  store,  store  position,  adjacent 
stores,  flight  conditions,  and  aircraft  attitude.  As  an  illustration.  Fig  9  shows  the  velocity  components 
measured  (13)  in  two  lateral  planes  near  the  front  and  rear  of  3  M— I  1 7  bombs  on  a  TER  on  the  inboard  wing 
station  of  an  F-4  at  M  =  0.85.  The  flow  survey  was  made  with  the  stores  present.  There  is  much  downwash 
near  the  nose  of  the  weapon  on  the  bottom  station  and  much  upwash  near  the  tail.  This  typical  flowfield 
produces  an  extremely  large  nose  down  aerodynamic  pitching  moment  on  large  diameter  stores,  particularly  at 
higher  Mach  numbers  and  again  to  quote  Mathews,  'has  been  found  to  result  in  unsatisfactory  release 
trajectories  for  many  weapons.' 

This  example  has  introduced  the  confusion  that  was  avoided  when  discussing  the  performin'--/'  data, 
ie  some  of  the  interference  is  between  the  store  installation  and  the  wing  and  some  would  be  present  in  the 
flowfield  around  the  TER  in  isolation.  It  will  be  suggested  later  that  the  latter  could  be  alleviated  by 
repositioning  the  stores  on  the  carrier  but  also,  it  is  plausible  to  suggest  that  the  changes  in  flow 
direction  in  pitch  would  have  been  less  if  the  stores  had  been  mounted  either  further  aft  or  further 
forward:  changes  that  would  also  probably  have  reduced  the  drag  increments.  Indeed,  the  important  general 
point  is  that  any  modification  that  reduces  drag  by  eliminating  or  reducing  the  tendency  for  a  strong  shock 
wave  or  major  flow  separation  is  also  likely  to  reduce  the  sensitivity  of  the  store  loads  to  Cl,  Mach 
number  and  minor  differences  in  geometry  and  fitting  of  individual  stores.  This  should  serve  to  make  the 
trajectories  more  predictable  and  repeatable:  a  worthwhile  aim  in  itself. 

6.  WING  TIP-MOUNTED  STORES 

Wing  tip  carriage  is  increasingly  becoming  a  favoured  option  for  carriage  of  slender  missiles.  There 
may  be  practical  reasons  for  this,  eg  a  missile  mounted  well  forward  at  the  tip  will  have  a  good 
unobstructed  field  of  view  and  it  may  be  the  best  position  to  avoid  ground  clearance  problems.  However,  on 
many  wings.it  is  also  an  attractive  proposal  aerodynamical ly  and  it  certainly  should  be  discussed  in  this 
paper  because  it  provides  a  prime  example  of  favourable  aerodynamic  interference. 

The  AGARD  FDP  Working  Party  Report  (4)  included  two  examples  (14,15)  showing  that  wing-tip  carriage  of 
external  stores  can  reduce  the  lift-dependent  drag.  Fig  10  presents  some  results  from  a  recent  series  of 
tests  which  are  of  considerable  interest  because  surface  pressure  measurements  are  available  to  help  in  the 
interpretation  of  the  favourable  interference.  Tests  were  made  on  a  sweptback  wing  research  model  fitted 
alternatively  with  a  curved  wing  tip  and  with  a  cropped  square-cut  tip  on  which  was  mounted  a  model  of  a 
missile  and  its  launcher.  The  tests  covered  a  wide  range  of  Mach  number  but  the  results  for  M  =  0.7 
presented  in  Fig  10  are  typical  of  those  obtained  at  Mach  numbers  up  to  at  least  M  *  0.9.  They  are  non- 
dimensional  ised  using  the  geometry  of  the  wing  with  the  square-cut  tip.  The  drag  increment  at  a  given  CL 
from  adding  the  missile  and  its  launcher  decreases  with  Cl  becoming  negative  above  about  CL  =0.3.  A 
prediction  based  on  treating  the  missile  and  launcher  as  an  effective  extension  of  the  span  gives  very  good 
agreement  with  the  measured  results  up  to  quite  high  values  of  CL.  This  may  suggest  a  very  simple  analogy 
but  a  detailed  study  of  the  pressure  distributions  measured  in  these  tests  shows  that  this  analogy  does  not 
entirely  represent  the  physics  underlying  the  favourable  interference. 

Fig  10  shows  that  the  reduction  in  the  lift-dependent  drag  collates  with  an  increase  in  lift  at  a 
given  incidence;  some  of  this  extra  lift  is  generated  on  the  missile  itself  but  mostly,  it  is  produced  on 
the  outer  wing  as  shwon  by  the  local  C^j  values  for  the  station  at  0.95  x  semi-span.  Indeed,  the  local  lift 
at  this  station  is  almost  as  great  as  for  the  wing  with  curved  tip  and  is  greater  than  would  be  predicted 
on  Che  effective  span  analogy.  Further,  the  changes  in  chordwise  loading  at  this  station  due  to  the 
addition  of  the  missile  cannot  be  explained  simply  by  a  change  in  induced  incidence.  Comparison  of  the 
results  from  the  tests  with  and  without  the  missile  tail  fins  shows  that  some  of  the  extra  lift  even  at 
this  station  some  distance  away  from  the  fins  is  due  to  local  interference  between  the  fins  and  the  rear 
wing  (increased  suctions  on  the  upper  surface,  increased  pressures  on  the  lower  surface). 

The  results  in  Fig  10  and  in  the  earlier  comparisons  (14,15)  are  for  conventional  tip-mounted 
installations.  It  does  not  need  much  imagination  to  suggest  that  it  might  be  possible  to  exploit  the 
favourable  interference  further  by  repositioning  the  missile.  Winglet  research  is  obviously  relevant.  Not 
all  the  interference  can  be  described  as  favourable:  the  increased  adverse  pressure  gradients  near  the 
leading  edge  on  the  upper  surface  near  the  wing  tip-launcher  junction  at  low  Mach  numbers  and  a  further 
forward  shock  position  near  the  tip  at  higher  Mach  numbers  could  have  adverse  consequences  particularly  for 
wings  designed  to  stall  progressively  inwards  from  the  extreme  tip.  However,  with  care,  it  should  be 
possible  to  avoid  these  local  problems  and  thus  reap  the  benefits  of  the  favourable  interference. 

7.  BASIC  CONCEPTS  FCi-.  FAVOURABLE  INTERFERENCE  (OR  MINIMISING  ADVERSE  INTERFERENCE) 

The  discussion  in  553-6  has  concerned  wing-store  interference.  Let  us  now  consider  store-store 
interference  and  the  implications  for  carrier  design  and  for  multiple  store  arrangements,  eg  below  the 
fuselage.  Three  basic  concepts  (16)  are  available  to  reduce  adverse  or  to  produce  favourable  interference 
viz 

(i)  increased  lateral  spacing  of  the  stores, 

(ii)  longitudinal  stagger  between  idjacent  stores, 
and  (iii)  tandem  carriage  of  the  stores. 

Fig  II  presents  results  from  tests  in  the  2ft  x  ljft  tunnel  at  RAE  Farnborough  in  which  drag 
measurements  were  made  P7)  on  various  arrays  of  stores  mounted  on  45°  sweptback  struts  from  the  roof  of 
the  tunnel.  The  pylon  extended  one  store  diameter  from  the  roof  and  so  the  stores  were  positioned  just 
clear  of  the  roof  boundary  layer;  in  effect,  the  stores  were  being  tested  close  to  a  reflection  plane 
simulating  the  surface  of  a  wing  with  zero  thickness.  Results  are  shown  in  Fig  II  for  2  types  of  store, 
one  with  a  pointed  nose  and  the  other  with  a  hemispherical  bluff  nose.  The  results  have  been  collapsed  in 
the  form  of  three  interference  drag  factors,  viz 
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Ky 


Drag  of  row  of  2  stores _ 

2  x  drag  of  individual  store 


for  a  row  of  2  stores  at  different  lateral 
spacings,  y. 


g  .  Drag  of  staggered  row  of  2  stores 
st  2  x  drag  of  individual  store 

(ie  with  zero  stagger,  Kst  *  Ky) 

Drag  of  column  of  2  stores 
T  2  x  drag  of  individual  store 


for  a  row  of  2  stores  at  a  given  lateral  spacing 
(0.25  calibres)  but  different  longitudinal 
stagger,  Xst, 

for  a  column  of  2  stores  at  different  axial 
separation,  X-j*. 


The  graphs  in  Fig  II  give  an  idea  of  what  might  be  achieved  ideally  with  these  3  basic  concepts.  It 
should  be  noted  that  the  actual  values  of  Ky,  Kst,  ICr-  and  their  variation  wt  ih  Mach  number  depend 
considerably  on  the  shape  of  the  store.  Some  of  the  main  features  of  the  results  are  described  below. 


7.1.  Lateral  Spacing 

2  stores  side-by-side  at  the  close  spacing  (y  *  0.015  calibres)  typical  of  store  carriage  on 
standard  twin  carriers  clearly  gives  appreciable  adverse  interference:  the  values  of  Kv  increase  from  about 
1.5  at  low  Mach  number  to  maxima  of  1.65  -  1.75  before  decreasing  to  1.3  -  I. A  at  transonic  speeds.  The 
maxima  in  these  curves  occur  at  a  Mach  number  close  to  the  drag-rise  Mach  number  Mds  of  the  individual 
store  if  tested  in  isolation.  Increased  lateral  spacing  rapidly  reduces  the  adverse  interference  at  Mach 
numbers  below  Mog,  the  decrease  with  y  at  low  speeds  being  predicted  reasonably  by  the  equation 

„  _  .  .  0.*2 

T'  ‘  exp  iy’/0.42d)' 

where  d  =  store  diameter 

and  y*  »  minimum  distance  between  the  two  stores 


Above  M  -  Mp  ,  the  benefits  of  increased  lateral  spacing  become  less  pronounced,  the  variation  with  y 
tending  to  disappear  first  at  low  values  of  y.  Near  and  above  M  *  1,  the  changes  in  Ky  with  y  only  amount 
to  about  0.1. 


When  applying  this  concept  to  an  actual  twin  or  triple  carrier,  other  factors  intrude,  eg  an 
increase  in  y  will  tend  to  give  more  surface  area  on  the  carrier  body  and  will  modify  the  interference 
between  the  stores  and  this  body.  On  a  practical  installation,  the  variation  of  D/q  with  y  can  therefore 
be  non-monotonic  particularly  at  high  subsonic  speeds.  This  is  yet  another  example  of  a  phenomenon  already 
noted  in  other  areas,  viz  if  one  widens  a  channel  between  two  surfaces,  one  can  reduce  low  speed  viscous 
interference  but  allow  the  supercritical  flow  to  expand  to  a  higher  local  Mach  number,  thus  increasing  the 
wave  drag.  In  general,  however,  for  aircraft  with  a  heavy  store  load,  it  is  probably  the  results  at  Mach 
numbers  up  to  Mqs  that  are  important  and  thus,  increased  lateral  spacing  should  be  helpful.  In  addition  to 
the  reduction  in  drag,  the  increased  lateral  spacing  should  improve  the  release  characteristics  -  less 
tendency  for  a  collision  during  release  and  more  opportunity  to  use  an  optimum  ejection  angle.  The  possible 
benefits  on  maximum  store  release  speeds  are  shown  in  Fig  13  to  be  discussed  in  §7.3  below. 

7.2.  Store  Stagger 

A  relatively  small  amount  of  stagger,  eg  Xst  =  1  calibre  is  sufficient  to  displace  the  peak 
suction  regions  near  the  shoulders  of  the  store  and  Fig  II  shows  that  this  can  reduce  the  drag  significantly, 
particularly  at  Mach  numbers  near  Mds»  The  values  of  Kst  for  y  =  0.25  calibres  are  then  about  1.2  as 
compared  with  maxima  in  the  range  1.4  %  1.6  for  stores  with  zero  stagger.  Having  displaced  the  peak  suction 
regions,  there  is  then  little  further  change  in  drag  until  the  forward  shoulder  of  the  rear  store  has  moved 
aft  of  the  rear  shoulder  of  the  forward  store.  There  is  then  a  further  reduction  in  Kst,  eg  for  Xst  =  A  and 
6  calibres  for  the  pointed  nose  store  and  Xst  =  6  calibres  for  the  bluff  nose  store.  Values  of  Kst  near 
0.8  are  then  obtained  at  transonic  speeds.  The  most  sensible  way  of  describing  this  result  is  to  say  that 
the  favourable  interference  to  be  expected  (see  below)  from  carrying  staes  in  tandem  can  still  be  achieved 
to  some  extent  with  store  centres  displaced  laterally  by  1.25  calibres. 

Longitudinal  stagger  of  the  stores  as  a  means  of  reducing  the  drag  of  loaded  multiple  carriers  at 
high  subsonic  and  transonic  speeds  was  being  suggested  (18)  as  early  as  1966  and  again  at  an  AGARD  FDP 
conference  (19)  in  1973.  Tests  (A, 5)  on  a  I/A  scale  model  of  a  standard  triple  carrier  on  the  ARA  isolated 
store  drag  rig  showed  that  staggering  the  bombs  on  the  shoulder  stations  by  0.92  calibres  forward  and  aft 
of  the  bottom  bomb  reduced  the  drag  by  more  than  20%  at  M  =  0.9.  These  and  other  results  have  confirmed 
that  stagger  can  reduce  the  adverse  interference  in  a  practical  installation.  The  benefits  affect  more 
than  just  drag:  forces  and  moments  on  both  installed  and  released  stores  can  be  reduced,  as  illustrated  in 
Fig  12. 


These  results  in  Fig  12  are  taken  from  tests  (20)  in  which  the  close  interference  forces  and 
moments  between  two  Mk  10  bombs  mounted  underwing  on  a  standard  twin  carrier  have  been  measured  during 
simulated  release  of  the  inboard  'free  bomb'.  Tests  were  made  with  the  bombs  mounted  side-by-side  and 
staggered  fore-and-aft,  by  ±1  calibre,  the  positive  sign  denoting  that  the  inboard  'free  bomb'  is  staggered 
aft.  Load  measurements  were  made  on  the  sting-mounted  'free  bomb'  and  the  carrier-mounted  'captive  bomb’ 
and  also  pressures  were  measured  on  the  lower  surface  of  the  carrier  both  along  the  carrier  centre  line 
and  above  the  'free  bomb'  centre  line.  Results  for  M  =  0.80  are  presented  in  Fig  12.  The  pressure 
distributions  appearing  above/below  the  bomb  pictures  were  taken  with  the  captive  bomb  respectively  present 
and  absent;  the  free  bomb  was  slightly  below  its  installed  position.  The  bottom  graphs  show  the  effect  of 
stagger  on  the  variation  of  store  pitching  moment  and  yawing  moment  with  vertical  displacement  of  the  free 
bomb  with  and  without  the  captive  bomb  present. 

The  pressure  measurements  on  the  carrier  clearly  show  that  store  stagger  is  effective  in  reducing 
the  store-store  and  store-carrier  interference.  The  shock  strengths  are  reduced  with  both  positive  and 
negative  stagger,  the  highest  peak  local  Mach  numbers  being  Mj  *  I . A 1  ( 1 . A I )  for  side-by-side  carriage. 


-  1.30  (1.22)  for  positive  stagger  and  *  1.26  (1.09)  for  negative  stagger,  the  values  in  brackets 
referring  to  the  single  bomb  case. 
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Poor  release  characteristics  are  often  diagnosed  as  being  due  to  the  magnitude  of  the  aerodynamic 
yawing  moments  and  nose  down  pitching  moments  on  the  released  stores  and  the  results  in  the  lower  graphs 
indicate  that  positive  stagger  should  be  very  helpful  in  both  respects.  Note:  with  positive  stagger, 
moments  for  first  bomb  to  be  released  are  given  by  Xst  -  1,  captive  bomb  present  and  for  the  second  bomb  bv 
Xs t  3  0,  no  captive  bomb. 

Mathews  in  Ref  4  also  quotes  an  example  where  staggering  the  stores  on  an  MER  was  found  to  reduce 
the  installed  pitching  moments.  He  draws  the  conclusion  that  'store  staggering  appears  to  offer  considerable 
potential  for  both  drag  reductions  and  store  separation  improvements  and  that  additional  research  in  this 
area  is  highly  recommended.' 


7.3.  Tandem  Carriage 


Returning  to  Fig  11,  the  bottom  pair  of  graphs  illustrate  that  carrying  stores  in  tandem  is  a 
powerful  method  of  obtaining  favourable  interference,  particularly  with  bluff-nose  stores.  If  the  stores 
are  virtually  nose-to-tail ,  ie  Xj  *  0.005  calibres,  the  reduction  in  overall  drag  for  a  column  of  2  stores 
amounts  to  about  30%  near  M  3  1.0  for  the  bluff  nose  and  20%  for  pointed  nose  stores:  even  at  a  separation 
of  3  calibres,  these  figures  are  20%  and  15%.  In  inviscid  subcritical  flow,  one  would  predict  compensating 
buoyancy  effects  decreasing  the  drag  of  the  front  store  and  increasing  the  drag  of  the  aft  store.  The 
actual  measurements  showed  that  with  the  stores  close  together,  these  opposing  trends  were  present  at 
M  <  Mqs  but  the  increase  in  drag  of  the  rear  store  was  not  sufficient  to  offset  the  reduction  in  drag  of 
the  forward  store.  At  high  Mach  number  near  M  *  1.0,  the  drag  of  even  the  rear  store  could  be  less  than 
the  drag  of  the  store  in  isolation.  Five  mechanisms  for  drag  reduction  in  a  tandem  arrangement  were  listed 
in  Ref  4,  viz 

(i)  the  rear  store  is  in  a  stream  of  reduced  mean  dynamic  pressure, 

(ii)  at  very  small  spacings,  the  nose  of  the  rear  store  is  in  an  essentially  dead-air  region  behind 
the  base  of  the  forward  store  (this  applies  to  stores  with  large  effective  base  area), 

(iii)  the  wake  of  the  forward  store  can  modify  the  flow  separation  characterist ics  from  the  nose  of 

a  relatively  bluff  rear  store, 

(iv)  the  rear  store  is  in  a  stream  of  reduced  Mach  number  and  thus,  the  onset  of  wave  drag  from 

the  rear  store  is  delayed  and  also,  the  shock  wave  on  the  forward  store  is  probably  moved 

forward  thus  reducing  the  wave  drag  of  this  store. 


and  (v)  the  longitudinal  cross-sectional  area  distribution  of  the  combination  is  better  tban  for  the 
forward  or  rear  stores  in  isolation  and  thus,  the  wave  drag  at  transonic  speeds  will  be  less. 


Once  again,  the  concept  of  tandem  carriage  is  not  new.  Ref  4  quotes  results  obtained  (18)  in 
1966  at  CAL  showing  that  the  drag  increments  due  to  adding  3  stores  to  the  rear  station  of  an  MER  was 
appreciably  less  than  that  from  adding  the  first  3  stores  to  the  empty  carrier  -  by  15%  at  M  *  0.8  or  more 
than  40%  at  M  =»  1.2.  Drag  results  for  tandem  carriers  (5)  and  for  tandem  arrangements  (21)  of  stores  under 
a  fuselage  are  also  quoted  in  Ref  4:  all  show  large  drag  reductions  broadly  consistent  with  Fig  11,  the 
improvements  being  frequently  about  40%  at  transonic  speeds  and  particularly  noticeable  for  stores  with  a 
completely  bluff  nose.  Methods  for  the  quantitative  prediction  of  these  effects  are  being  developed. 


In  addition  to  the  drag  improvements,  tandem  carriage  can  also  lead  to  better  release  speeds. 
Tests  on  a  model  of  the  Phantom  showed  that  the  store  installed  loads  for  tandem  carriers  were  of  the  same 
order  as  for  a  standard  twin  carrier;  the  moments  were  in  fact  somewhat  smaller.  Even  with  the  same  loads, 
release  from  a  tandem  carrier  could  be  preferable  because  sideways  movement  during  release  does  not  have  to 
be  limited  because  of  the  proximity  of  an  adjacent  store  as  with  a  twin  carrier. 


A  Schoch/Couvert  analysis  (22)  was  used  (23)  to  forecast  maximum  safe  release  speeds  on  the  basis 
of  the  store  loads  measured  for  stores  mounted  on  various  different  carriers  on  Phantom.  It  is  believed  (23) 
that  this  simplified  analysis  yields  a  reasonable  idea  of  the  speed  at  which  the  release  trajectories  begin 
to  depart  significantly  from  those  observed  at  low  speeds  and  that  relatively  at  least,  the  estimates  should 
be  reliable.  The  results  are  shown  in  bar  chart  form  in  Fig  13.  It  will  be  seen  that  compared  with  a 
standard  twin  carrier,  use  of  an  improved  twin  carrier  employing  wider  lateral  spacing  and  some  stagger 
gave  a  40%  improvement  in  predicted  release  speed  but  the  best  results  were  obtained  with  a  tandem  carrier 
where  the  increase  was  nearly  100%.  In  practice,  of  course,  an  increase  of  100%  would  not  be  possible 
because  the  aircraft  fully  loaded  would  not  be  capable  of  flying  at  these  speeds.  In  other  words, 
therefore,  the  results  indicate  that  with  tandem  carriers,  the  release  characterist ics  do  not  impose  any 
limitation  on  the  safe  release  speeds. 


The  case  for  tandem  carriage  on  grounds  of  drag  and  store  release  is  therefore  very  strong  and 
the  concept  should  be  exploited  whenever  possible.  It  is  appreciated  that  carrier  flexibility,  CG/stability 
considerations  can  raise  problems  but  it  is  hoped  that  the  latter  will  be  less  serious  on  future  aircraft 
equipped  with  active  control  technology. 


8.  FEASIBLE  DRAG  IMPROVEMENTS  FOR  PRACTICAL  STORE  ARRANGEMENTS 


Research  in  the  UK  over  the  past  8  years  has  shown  that  large  improvements  in  the  drag  of  multiple 
external  store  arrangements  are  feasible.  The  improvements  are  achieved  by  judicious  application  of  the 
concepts  discussed  in  17  and  by  refining  the  general  aerodynamic  cleanliness  of  the  assemblies,  eg  by 
fairing  of  external  sway  braces.  The  reductions  in  drag  imply  less  adverse  interference,  better  flow, 
weaker  shocks,  less  extensive  separations  and  so  in  many  cases,  the  reductions  in  drag  should  be 
accompanied  by  smaller  installed  loads  and  better  and  more  predictable  release  characteristics.  Figs 
I4a-c,e,f  illustrate  the  reductions  in  drag  thought  to  be  feasible;  in  all  cases,  present  in-service 
equipment  is  taken  as  the  datum  for  comparison.  In  most  cases  the  'feasible  improvements'  are  based  on 
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actual  test  data  and  are  for  arrangements  that  could  be  engineered  in  practice,  eg  the  carriers  were 
designed  to  allow  space  for  the  ejector  release  units  and  are  not  idealised  configurations. 

8.1.  Carriers 


The  scales  of  all  the  graphs  are  the  same,  the  stores  in  all  cases  are  Mk  10,  454  kg  bombs.  To 
this  extent,  the  results  are  specific  but  the  gains  are  so  large  that  hopefully,  this  is  of  little 
consequence.  Summarising  the  results  for  say,  M  =  0.85: 

(i)  the  drag  of  the  fully  loaded  triple  carrier.  Fig  14a,  can  be  reduced  to  only  about  33 %  of  the 
fully  loaded  standard  CBTE .  As  a  measure  of  the  achievement,  the  drag  of  the  feasible  triple 
carrier  at  this  Mach  number  is  only  about  20%  greater  than  the  simple  sum  of  the  isolated  drags 
of  three  separate  bombs  and  the  empty  carrier.  Three  bombs  can  be  carried  for  less  drag  than  a 
single  bomb  on  the  present  in-service  triple  carrier  or  two  bombs  on  the  present  in-service 
twin  carrier, 

(ii)  the  drag  of  the  empty  triple  carrier.  Fig  14b,  can  be  reduced  to  less  than  25%  of  the  drag  of 
the  empty  standard  triple  carrier  and  in  isolation,  the  drag-rise  can  be  postponed  to  about 
M  -  0.98, 

(iii)  the  drag  of  the  loaded  twin  carrier.  Fig  I4c,  can  be  reduced  to  less  than  60Z  of  that  of  the 
standard  twin  carrier  of  the  type  shown.  Relative  to  the  practice  adopted  on  some  aircraft 
of  carrying  two  stores  on  a  standard  triple  carrier,  the  figure  is  less  than  30%. 

These  figures  are  for  carriers  in  isolation.  The  improvements  may  be  even  larger  if  the  carrier 
is  mounted  underwing  but  might  not  be  as  great  if  a  number  of  carriers  are  installed  close  together 
underf use lage  (unless  the  whole  array  was  then  designed  as  a  unit). 

Many  factors  enter  into  the  design  of  a  good  twin  carrier.  These  include  the  lateral  spacing  of 
the  stores,  the  store  ejection  angle,  the  longitudinal  stagger  of  the  stores,  the  surface  area,  fineness 
ratio  and  shape  of  the  carrier  itself.  The  standard  twin  carrier  has  a  body  in  the  form  of  a  thick  faired 
plate  of  low  aspect  ratio  but  various  other  possible  types  of  twin  carrier  can  be  envisaged  as  shown  in 
Fig  1 4d .  Oil  flow  patterns  (4)  from  1/4  scale  model  tests  at  ARA  have  shown  that  with  poor  twin  carrier 
designs 

(a)  there  can  be  considerable  outflow  over  the  bomb  nose,  rolling  up  to  form  a  vortex  over  the  top  of 
the  bomb  with  a  clearly  defined  secondary  separation  line, 

(b)  the  flow  diverts  downwards  and  accelerates  over  the  bomb  nose  leading  to  a  shock  in  the  entry  to 

the  bomb-carrier  passage,  this  shock  being  strong  enough  to  induce  a  local  flow  separation, 

(c)  air  is  sucked  through  the  gaps  between  the  bombs  and  carrier  body  near  and  between  the  fixation 

bolts,  thus  adding  to  the  confused  flow  situation  further  aft. 

With  a  good  twin  carrier  design,  however,  these  features  are  much  less  pronounced  and  indeed,  the  flow  over 
the  bombs  can  appear  to  be  relatively  innocuous  (4). 

8.2.  Underwing  Stores 

Fig  14e  presents  a  similar  in-service  standard  versus  feasible  comparison  for  the  carriage  of  3 
store  under  a  wing  panel,  ie  6  stores  per  aircraft.  For  the  'standard'  arrangement,  the  stores  are  carried 
on  a  standard  triple  carrier  as  on  Phantom;  an  intermediate  curve  shows  what  might  be  achieved  for  the  same 
3  stores  mounted  on  3  separate  pylons  as  in  the  arrangements  discussed  earlier  in  §§4,5.  Fig  I4e  suggests 
that  at  M  =  0.85,  for  example,  it  would  be  feasible  to  reduce  the  drag  to  less  than  65%  of  the  value  for 
the  simple  arrangement  on  3  separate  pylons  and  less  than  40%  of  that  of  the  in-service  arrangement  using  a 
standard  triple  carrier. 

The  Mach  number  scale  of  this  figure  clearly  depends  on  the  model  selected  for  the  comparison. 

It  may  be  helpful  to  note  that  in  the  particular  case  shown  in  Fig  14e,  Mp  for  the  clean  wing  was  about 
M  =  0.82. 

8.3.  Unde rfuse lage  Stores 

Fig  I4f  presents  a  comparison  for  the  multiple  carriage  of  bombs  underfuselage.  In  the  standard 
installation,  the  bombs  are  mounted  on  standard  multiple  carriers.  The  graph  suggests  that  relative  to 
this  datum,  it  should  be  possible  to  reduce  the  drag  by  about  40%  and  to  achieve  a  drag  increment  at  M  *  1.1 
that  is  no  greater  than  that  for  the  standard  arrangement  at  M  =  0.9.  At  high  subsonic  and  transonic 
speeds,  the  forecast  'feasible'  drag  increment  was  less  than  the  free  air  oiag  of  the  bomb  in  isolation, 
ie  it  is  possible  to  mount  the  stores  in  a  closely  packed  array  and  obtain  some  overall  favourable 
interference.  These  are  measured  results;  almost  certainly,  they  could  be  improved  further  in  a  truly 
conformal  arrangement,  (see  §9  below). 

It  should  be  noted  that  the  model  chosen  for  this  comparison  is  not  the  same  as  for  the  underwing 
store  comparison  and  to  that  extent,  it  may  be  misleading  to  present  the  two  figures  side-by-side. 
Nevertheless,  the  implication  that  it  is  preferable  to  carry  a  heavy  store  load  in  arrays  under  the 
fuselage  rather  than  underwing  can  be  accepted  as  a  valid  conclusion.  Other  examples  supporting  this 
conclusion  and  drawn^from  US  research  (21,25)  are  to  be  found  in  Ref  4.  Ideally,  the  stores  should  be 
mounted  tangentially  (or  semi-submerged  if  the  penalties  of  empty  cavities  after  the  stores  have  been 
dropped  (25)  can  be  minimised),  in  tandem  with  close  longitudinal  spacing,  with  due  regard  to  the 
longitudinal  distribution  of  cross-sectional  area  for  the  complete  configuration  and  with  the  ejector  units 
hidden  within  the  fuselage  or  behind  a  specially  devised  pallet.  We  have  therefore  arrived  at  the  theme  of 
conformal  carriage  which  is  clearly  the  prime  approach  for  mounting  stores  in  a  way  that  will  exploit 
favourable  aerodynamic  interference. 


not  necessarily  under  the  fuselage;  Ref  24  argues  the  case  for  a  radical  overfuselage  installation. 


9. 


CONFORMAL  CARRIAGE 
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The  aim  with  conformal  carriage  is  to  carry  the  external  stores  as  closely  as  possible  to  the  external 
surface  of  the  aircraft.  The  best  way  of  accomplishing  this  is  to  either  extend  the  surface  of  the  aircraft 
to  meet  the  stores  or  to  enclose  the  mounting  racks  within  the  aircraft  so  that  the  stores  meet  the  surface. 
The  primary  emphasis  to  date  has  been  on  fuselage  mounted  arrangements,  the  advantages  of  which  have  been 
demonstrated  in  flight  on  at  least  the  F-4  and  F— 1 5  aircraft  in  the  United  States.  It  seems  probable  that 
wing -mounted  conformal  arrangements  could  also  be  developed.  To  date,  slipper  tanks  have  been  the  only 
common  example  of  this  approach. 

It  should  be  remembered  that  the  conformal  carriage  concept  has  other  major  advantages  apart  from  drag 
reductions,  eg  it  allows  the  use  of  bluff  stores  which  would  give  unacceptable  performance  penalties  if 
mounted  on  external  carriers  but  which  one  may  wish  to  use  for  the  sake  of  their  desirable  release  and 
trajectory  characteristics  and  second,  it  allows  the  use  of  locations  which  may  have  a  notable  benefit  on 
the  aircraft  stability,  control  and  handling  qualities.  Concentrating  the  loadings  closer  to  the  aircraft 
rotational  (stability)  axes  can  improve  the  inertial  qualities  to  the  extent  that  an  aircraft  loaded  with 
stores  behaves  comparably  with  an  unloaded  aircraft,  the  major  difference  in  'feel'  to  the  pilot  being 
merely  that  due  to  the  greater  vehicle  weight.  Various  practical  problems  may  however  make  conformal 
carriage  difficult  to  engineer  on  some  aircraft;  these  problems  are  however  outside  the  scope  of  the  present 
paper.  The  aim  here  is  to  highlight  the  performance  benefits  which  show  that  conformal  carriage  can 
'exploit  favourable  aerodynamic  interference*  to  an  outstanding  extent. 

9.1.  F-4  Conformal  Carriage  Flight  Demonstration  (26) 

Fig  15a  shows  the  conformal  carriage  adaptor  which  was  designed  and  fitted  to  the  F-4  for  the 
flight  test  programme  (27).  49  positions  were  available  for  mounting  ejector  racks  including  3  rows  of  4 
racks  side-Ly-side  for  any  given  store  loading.  The  fairing  over  these  racks  provided  a  clean,  smooth 
installation  on  the  undersurface  of  the  fuselage.  Tests  were  made  with  and  without  the  forward  fairing. 

Both  flight  and  tunnel  tests  showed  that  the  subsonic  drag  of  the  F-4  with  the  conformal  adaptor  was  less 
than  the  drag  of  the  clean  aircraft.  A  similar  result  was  obtained  with  the  conformal  fuel  tank 
installation  (28),  'Fast  Pack',  on  the  F-15,  which  is  described  in  §9.2  below  and  shown  in  Fig  16.  It 
would  be  easy  to  dismiss  these  as  particular,  coincidental  results  but  in  fact,  it  could  be  claimed  that 
they  show  the  usefulness  of  the  conformal  arrangements  in  improving  the  aerodynamic  cleanliness  of  the 
overall  configuration. 

Some  selected  results  from  the  flight  test  programme  are  shown  ir.  Figs  15b-e.  For  example, 

Figs  15b, c  give  an  idea  of  the  likely  performance  benefits  of  conformal  carriage  for  12  x  Mk  82  bombs,  ie 
a  typical  representative  store  load  on  the  F-4  Phantom.  It  will  be  seen  that  at  high  altitude  and  Mach 
numbers  in  the  range  0.7  -  0.8,  the  reduction  in  specific  range  for  this  store  load  is  only  about  62  with 
conformal  carriage  as  compared  with  202  with  conventional  carriage  on  a  conventional  TER/MER/TER 
arrangement.  This  also  implies  a  major  fuel  saving  for  a  given  mission.  Even  without  the  stores,  ie  on 
the  return  flight,  no  extra  fuel  is  needed  to  carry  the  empty  conformal  carrier  as  compared  wtih  122  for 
carrying  the  empty  standard  carriers.  The  figures  for  the  low  altitude  condition  are  also  impressive:  the 
reduction  in  specific  range  is  52  rather  than  27%  for  the  standard  carriers  and  indeed,  conformal  carriage 
of  the  12  Mk  82  stores  can  be  accomplished  at  nearly  the  same  cost  as  operating  the  F-4  with  conventional 
carriers  and  no  stores.  Flying  with  the  empty  conformal  adaptor  at  this  altitude  required  72  less  fuel  as 
compared  with  the  clean  F-4  (no  pylon  or  carriers)!  The  conventional  arrangement  could  not  be  flown  for 
the  acceleration  flights  but  an  estimated  durve  is  shown  for  a  conventional  Mk  82  payload  arrangement 
showing  that  the  maximum  performance  would  then  be  barely  supersonic  whereas  the  conformal  carriage 
arrangement  allowed  operation  at  supersonic  spedds  over  a  wide  range  of  altitude.  Fig  15d  shows  the  large 
expansion  of  the  flight  envelope. 

Fig  1 5e  shows  the  performance  achieved  with  conformal  carriage  of  2  types  of  bluff  stores:  full 
details  of  the  stores  are  given  in  Ref  4  but  it  is  sufficient  in  the  present  paper  merely  to  comment  that 
this  is  another  potential  advantage  of  conformal  carriage:  it  enables  one  to  carry  compact  arrays  of  bluff 
stores  which  are  likely  to  have  superior  store  separation,  trajectory  and  impact  characteristics.  To  carry 
these  stores  in  any  other  fashion  would  produce  very  large  incremental  drags.  The  tests  with  the  arrays  of 
bluff  stores  included  an  additional  fairing  installed  on  the  forward  ramp  (Fig  15a)  and  store  on,  this 
improved  the  performance.  In  operational  practice,  however,  it  would  be  necessary  to  either  retract, 
deflate  or  jettison  the  fairing  after  store  release  to  avoid  a  signif icantdrag  penalty.  Amongst  the  many 
conclusions  that  could  be  made  from  the  results,  one  striking  comparison  worth  quoting  is  that  flying  with 
a  compact  array  of  9N  bluff  stores  (ordnance  almost  40%  greater  than  12  Mk  82)  gives  a  specific  range  at 
low  altitude  greater  than  the  clean  F-4  up  to  a  Mach  number  of  0.85. 

The  main  conclusion  (26)  from  the  F-4  programme  is  that  the  performance  advantages  of  conformal 
carriage  were  convincingly  demonstrated  in  both  flight  tests  and  in  supporting  wind  tunnel  tests.  Obviously, 
the  precise  quantitative  results  are  a  function  of  the  aircraft  design  and  it  would  not  be  possible  on  all 
aircraft  to  devise  retrospectively  arrangements  that  would  give  such  large  performance  advantages.  However, 
the  results  should  provide  the  spur  to  design  new  aircraft  with  conformal  carriage  in  mind  from  the  outset. 

9.2.  F-15  Conformal  Fast  Pack  Pallets 


As  a  second  example  of  conformal  carriage,  reference  can  be  made  to  the  prototype  flight  test 
programme  (28)  undertaken  by  McDonnell  Douglas  Corp,  which  showed  that  two  fuel  pallets  mounted  in  the  wing- 
fuselage  junction  of  the  F-15  as  shown  in  Fig  16a  could  provide  an  additional  5808  litres  fuel  capacity 
without  undue  compromise  to  the  air  superiority  capability  of  the  basic  aircraft.  Each  pallet,  or  tank, 
had  a  streamline  shape  designed  with  regard  to  the  longitudinal  cross-sectional  area  distribution  of  the 
complete  a i rcraf t - t ank  combination.  Fig  I6a  also  illustrates  that  the  conformal  pallet  could  be  used  not 
only  for  fuel  storage  but  also  to  carry  electronics,  weapons  or  guns.  Additional  payload  could  be 
tangentially  attached  externally:  Fig  16b  shows  that  the  addition  of  the  pallets  reduced  the  subsonic  drag 
level  and  delayed  the  drag-rise;  at  supersonic  speeds,  it  allowed  the  carriage  of  5808  litres  of  fuel  for  a 
drag  increment  that  was  only  about  402  and  652  respectively  of  the  drag  increments  for  4828  litres  carried 


conventionally  underwing  or  6791  litres  carried  partly  underwing  and  partly  underfuselage:  a  major 
achievement  fully  justifying  the  suggestion  that  on  new  aircraft  in  the  future,  the  aim  should  be  to  design 

with  these  radical  ideas  for  store  carriage  in  mind  from  the  outset. 

10.  CONCLUDING  REMARKS 

The  two  main  aims  of  this  paper  have  been  first  to  describe  the  nature  of  the  major  adverse  and 
favourable  aerodynamic  interference  encountered  with  external  store  installations  and  second,  to  present 
some  examples  of  the  improvements  that  should  be  feasible.  The  main  conclusions  are  as  follows: 

1.  With  existing  external  store  arrangements,  the  drag  increments  can  be  very  large  and  the  release 
characteristics  can  pose  serious  problems. 

2.  Research  has  already  shown  how  major  improvements  could  be  achieved.  Many  of  the  proposals  should 

be  feasible  even  on  existing  aircraft.  Larger  improvements  should  be  possible  on  new  aircraft 

types  provided  the  external  store  requirements  are  specified  and  borne  in  mind  in  the  early 

phases  of  the  design. 

3.  To  obtain  the  full  benefit  from  advanced  wing  design,  the  wings  should  be  designed  with  dm 
regard  to  store  carriage.  In  particular,  the  wing/underwing  pylons  should  be  considered 
together.  If  this  is  done,  it  should  be  possible  to  alleviate  adverse  interference  at  low 
Cl  and  to  achieve  some  favourable  interference  on  the  flow  breakdown  at  high  Cl  at  moderate 
and  high  subsonic  speeds* 

4.  Research  should  be  undertaken  to  exploit  further  the  favourable  interference  possibilities 
of  wing  tip  carriage  of  slender  missiles. 

5.  New  multiple  carriers  and  underfuselage  arrays  of  stores  should  aim  to  exploit  the  concepts 

of  tandem  carriage  and  store  stagger  and  should  avoid  very  close  lateral  spacing  of  the  stores. 

6.  For  new  aircraft,  the  complete  conf igurat ion  should  be  designed  as  an  entity  with  due  regard 
to  its  longitudinal  cross-sectional  area  distribution  and  with  the  stores  mounted  either  in 
conformal  packages  or  from  conformal  pallets. 

Research  to  date  notably  in  the  UK  on  multiple  carriers  and  in  the  US  on  conformal  carriage  has 
pointed  the  way.  The  theoretical  methods  now  being  developed  and  which  form  the  subject  of  other  papers 
at  this  conference  will  provide  the  means.  It  is  hoped  that  this  paper  will  have  helped  to  stiffen  the 
resolve  to  develop  new  radical  approaches  to  store  carriage. 

I  1 .  ACKNOWLEDGEMENTS 

The  author  wishes  to  thank  MOD(PE)  and  RAE  for  permission  to  use  some  of  the  material  contained  in 
this  paper.  Most  of  the  results  of  tests  in  the  ARA  transonic  tunnel  quoted  in  the  paper  were  obtained 
in  research  funded  under  MOD(PE)  research  contracts.  Further,  the  author  acknowledges  the  help  of 
various  colleagues  at  RAE  and  ARA  while  preparing  this  paper,  in  particular,  Mr  D  H  Peckham  and 
Mr  D  E  Treadgold  of  RAE  and  Mr  J  B  Berry,  Mr  P  G  Hutton  and  Mrs  I  Capps  of  ARA.  Finally,  parts  of  the 
paper  are  based  directly  on  Chapter  2  of  the  AGARD  FDP  Working  Party  Report  on  ’Drag  and  Other 
Aerodynamic  Effects  of  External  Stores*,  for  which  Mr  J  H  Nichols  Jr  of  DTNSRDC  and  the  present  author 
were  joint  editors. 

REFERENCES 

!.  Pugh  P  G-  Store  carriage  and  release  -  the  raison  d'etre  of  the  military  aircraft:  a  personal  view. 
1979.  Lecture  given  at  RAeS.  To  be  published  in  Journal  RAeS. 

2.  Haines  A  B.  The  reduction  of  the  installed  drag  of  multiple  store  carriers.  1975.  Paper  no  7,  JTCG 
Aircraft /Stores  Compatibility  Symposium  Proceedings,  Arlington. 

3.  Evaluation  of  the  conformal  carriage  concept  on  the  performance  and  basic  static  longitudinal  stabilit 
of  the  F-4E  aircraft.  1971.  AFATL-TR-7 t-76 . 

4.  Drag  and  other  aerodynamic  effects  of  external  stores.  1977.  AGARD-AR- 107 . 

5.  Haines  A  B.  Drag  of  external  stores:  present  standards  and  possibilities  for  reduction.  1975.  ARA 
Report  40.  j 

6.  Whoric  J  M,  Effect  of  various  external  stores  on  the  static  longitudinal  stability,  longitudinal 
control,  and  drag  characteristics  of  the  model  F-4C  airplane.  1973.  AEDOTR-73-1 86. 

7.  Berry  J  B,  Stanniland  D  R,  Haines  A  B.  The  implications  of  wing/store  interference  on  wing  design. 
Unpublished  ARA  communication. 

8.  Day  J,  Berry  J  B.  Measurements  of  the  incremental  drag  due  to  various  combinations  of  Mk  10  1000  lb 
bombs  installed  on  the  Z.29/2  combat  aircraft  wing  research  model.  Unpublished  ARA  coomunicat ion. 

9.  Berry  J  B,  Hutton  P  G,  Haines  A  B.  The  drag  of  external  stores.  An  analysis  of  some  experimental 
data  and  a  proposed  framework  for  the  prediction  of  installed  drag  increments.  1969.  ARA  Report  11. 

10.  Ottensoser  J.  Some  effects  of  longitudinal  and  vertical  store  position  variation  on  a  0.10  scale 
F-8  aircraft  model.  1968.  NSRDC  Test  Report  AL-46. 

11.  Berry  J  B.  Pressure  plotting  and  drag  measurements  on  store-pylon  installations  on  a  swept  wing  half 
model.  1978.  ARA  Report  47. 

12.  Marshall  J  C,  Sunmers  W  E.  An  analysis  of  the  relative  importance  of  parameters  required  for  the 
simulation  of  store  separation  trajectories.  1971.  Aircraf t /Stores  Compatibility  Symposium 
Proceedings,  Vol  2,  Dayton,  Ohio. 

13.  Davis  R  E.  Flow  field  characterist ics  beneath  the  F-4C  aircraft  at  Mach  numbers  0.5  and  0.85,  1970. 

AEDC-TR-70-8. 

14.  Silvers  H  N,  King  T  J  Jr.  Investigation  at  high  subsonic  speeds  of  bodies  mounted  from  the  wing  of 
an  unswept-wing-fuselage  model.  1952.  NASA  RM  L52J08. 

15.  Bucciantini  G.  Private  conmunication.  1975, 

16.  Hoerner  J  F.  Fluid-Dynamic  drag.  New  York.  Published  by  the  author.  1965. 

17.  Lee  P.  Drag  measurements  at  transonic  speeds  of  individual  stores  within  multiple  s  ■ . e  at rangement s . 
Unpublished  RAE  Memo. 


5-13 


!8.  Analysis  of  high  speed  wind  tunnel  tests  on  single  and  multiple  carriage  bomb  racks.  1966.  Douglas 
Aircraft  Co  Inc  Report  No  LB-32647. 

19.  Pugh  P  G,  Hutton  P  G.  Aerodynamic  drag.  1973.  AGARD  CP  124.  Paper  no  19. 

20.  Jordan  R.  Measurement  of  close  interference  forces  between  bombs  on  a  twin  carrier  during  simulated 
release.  Effects  of  stagger  and  bomb  incidence.  Vol  1:  Free  and  captive  bomb  loads.  Vol  2:  Pressure 
distributions  on  twin  carrier.  Unpublished  ARA  note. 

21.  Ottetsoser  J.  Drag  effects  of  various  methods  of  carrying  fuselage  mounted  stores.  1968.  NSRDC  Aero 
Report  1150. 

22.  Schindel  0  H.  Store  Separation.  1975.  AGARDograph  202. 

23.  Pugh  P  G.  Private  communication. 

24.  Gough  M  N,  Carlson  D  R.  Advanced  weapons  carriage  concepts  through  integrated  design.  1979.  AIAA 
paper  79-0092. 

25.  Furey  R  J,  Martin  C  J.  A  study  of  captive  flight  drag  and  separation  characteristics  of  lifting  body 
(half-bomb  and  half-pod)  store  configurations.  1970.  AGARD  CP  71. 

26.  Nichols  J  H  Jr,  Martin  C  J.  Conformal  weapons  carriage  -  joint  service  development  program.  1971. 
DTNSRDC  Rpt  4027  AL-1188. 

27.  Nichols  J  H  Jr.  The  conformal  carriage  joint  service  development  program.  1973.  JTCG  Aircraf t/Stores 
Compatibility  Symposium,  Sacramento. 

28.  F-15  weapon/fuel  carriage  improvements  with  Fast  Pack  conformal  pallets.  1975.  McDonnell  Douglas 
Report  MDC  A  3507. 


clean  aircraft 


5-14 


with  weapons 
aerodynamic  drag  view 


b  three  views  of  an  aircraft 

(  From  Pugh ) 


c  AC0  FOR  MULTIPLE  UNOERWING 
INSTALLATIONS 

(From  ARA  complete  model  tests) 


d  EFFECT  OF  LOADED  MUlTIPtE  CARRIERS 
ON  PERFORMANCE  ENVELOPE  OF  F-4E 
(based  on  AEDC  1/20  scale  model  tests) 


FIG  1  MULTIPLE  CARRIAGE  OF  EXTERNAL  STORES 

FERTILE  GROUNO  FOR  MAJOR  AERODYNAMIC  INTERFERENCE 


5- 1 


VIEW  WITH  BOTTOM  BOMB  REMOVED 


OIL  FLOW  AT  M  -  0  75  WITH  A 


INTERFERENCE  WITHIN  STANDARD  TRIPLE  CARRIER 
(Mk  10  XXX) lb  bombs) 


A  3  stores  on  separate  pylons  per  wing 


FIG  2 


EXAMPLES  OF  FAVOURABLE  AND  ADVERSE  INTERFERENCE 


07  08  09  M 

a  INSTALLED  DRAG  FOR  15  EXAMPLES  :  CL  =  0 


08  09  Mo 

b  ANALYSIS  OF  INSTALLED  DRAG 
CL^0 


C,  rO  4 


_ / 


/ 


contig.  11 


config.  6 


estimate  lor  improved  contig.  6 


c  EFFECT  OF  TANK  INSTALLATION 


PP  statcn 


d  EFFECT  OF  WING  DESIGN  (TWO  WINGS  OF  SAME  PLANFORM) 


CL  =0 


FIG  3  EFFECT  OF  UNDERWING  TANKS 
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FIG  6  EFFECT  0iT  UNDERWING  STORES  ON  UPPER  SURFACE  FLOW 
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FIG  7  EFFECT  OF  UNDERWING  STORES  AT  HIGH  CL 
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FIG  9  EFFECT  OF  UNDERWING  STORES  ON  FLOW  FIELD :  F- 4  AT  M=0  85 


FIG  10  EFFECT  OF  WING  TIP-MOUNTED  STORES 
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FIG  15  F-4  CONFORMAL  CARRIAGE 
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FIG  16  F 15  -  CONFORMAL  CARRIAGE  STUDY 


EVALUATION  OF  AIRCRAFT  INTERFERENCE  EFFECTS  ON  EXTERNAL  STORES  AT 
SUBSONIC  AND  TRANSONIC  SPEEDS 


by 

RONALD  DESLANDES 

MBB  Unternehmensbereich  Flugzeuqe 
8000  Miinchen  80  -  Germany 


SUMMARY 

To  analyse  the  separation  behaviour  of  external  stores  from  a  combat  air¬ 
craft,  the  store  loads  must  be  evaluated  at  all  times  after  release.  The  resulting 
forces  and  moments  are  highly  unsteady  and  depend  upon: 

•  the  non-uniform  flowfield  around  the  aircraft 

•  the  store  motion  itself. 

The  exact  evaluation  of  unsteady  aerodynamics  of  such  complicated  confi¬ 
gurations  is  nearly  impossible,  due  to  the  required 

•  computer  capacity 

•  cost  effectiveness 

S impl i f icat ing  issumptions  lead  to  the  quas i 1  inear izat ion  of  the  time  depend- 
ance  to  omit  unsteady  calculations  and  to  the  use  of  the  flow  angularity  technique  to 
minimize  computational  time. 

The  MBB-Store  Separation  Programme  System  *)  will  be  presented  as  a  possible 
solution.  The  mixed  experimental  analytical  approach  realized  here  is  not  restricted  by 
compressibility  effects,  but  will  be  mainly  described  at  subsonic  flows.  However  the 
transonic  and  supersonic  extensions  will  be  mentioned,  as  well  as  the  application  of  the 
programme  system  to  realistic  combat  aircraft  missions  under  realistic  conditions,  such 
as 

•  jettison  at  hiqh  q  manoeuvre 

•  multiple  jettison 

•  rail-  and  drop-launch  of  missiles 


NOTATION 


ALFAF  (”) 
AC 

BETA  ( * ) 


'-N 

Cx . 

Cl, 

CPU 


;y* 

-M' 


CTS 

EDP 

q  (m/s5 
1  (m) 

M,  Ma 


z 

n 


n 

S 


z 


S1 . n 

t  (sec) 

A  t  ( sec) 

U  (m/s) 

^  flow'  local  ( m/s ) 
!*store  (m/s) 
nstore'  local  lm/s) 
X,  Y,  7. 

a  (*) 
n  (*) 


aircraft  anqle  of  attack 
Subscript  for:  aircraft 
Sideslip  anqle 

Store  normal  force  coefficient 
Store  force  coefficients 
Store  moment  coefficients 

Central-processor-unit  (Times  on  IBM  370/3033) 

Captive  Trajectory  System 

Electronic  Data  Processing 

acceleration  of  gravity 

Store  length 

Mach  number 

Load  factor  w.r.t.  the  z-direction 
Subscript  for:  store 
Store  sections 
t  irae 

time-step  or  interval 

free  stream  velocity 

local  velocity  vector  in  a  flowfield 

velocity  of  the  store 

resultant  velocity  of  a  store  section 
cartesian  coordinates 
a-  gle  of  attack 
anqle  of  sideslip 
Tailplane  setting 

rotation  velocity  w.r.t.  to  the  y-axis 


*)  The  MBB-SSP-System  has  been  sponsered  by  the  FRG  Ministery  of  Defense, 
Department  RiiFo  4. 


id 


1.  INTRODUCTION 


The  missions  of  the  today's  fighter  aircraft  generation  are  inconceivable 
without  an  external  store  equipment. 

Such  a  configuration  is  shown  in  Fig.  1,  pointing  out  two  major  areas  of  the 
external -store-aerodynamics : 

•  the  carriage  flight  configuration, 

•  store  separation  from  the  aircraft. 


Range  of  Tasks  of  Store  Configurations 


Store  carriage 

•  drag  and  stability  of 

the  complete  configuration 

•  stress  due  to  the  steady 
installed  loads 


Store  release 

•  unsteady  load  s 

(including  steady  loads} 
at  any  time  during 
the  trajectory 


Fig.  1 

The  topics  of  investigation  of  weapon  carriaqe  are  the  determination  of 
overall  draq-  and  stability  changes  of  the  complete  configuration,  so  that  the  real 
flight  performances  can  be  assessed.  Great  importance  also  lays  in  recording  the 
steady  loads  on  the  installed  stores  to  ensure  optimal  design  of  the  local  airframe 
strength . 


The  second  area  deals  exclusively  with  the  overall  store  aerodynamics  in  the 
vicinity  of  the  aircraft.  In  this  case  store  loads  have  to  be  accurately  evaluated, 
including  all  unsteady  effects  occurinq  between  the  installed  and  free  fallinq  store 
pos i t ions . 

Since  all  problems  of  the  evaluation  of  loads  on  external  stores  appear  here, 
the  following  will  primari’v  deal  with  the  release  situation. 

Fig.  2  therefore  qives  an  overview  of  all  possible  release  conditions  for 
several  stores  under  different  aspects  of  manoeuvring  flight.  In  addition  tu  the 
simple  case  of  steady  interference  between  the  aircraft  and  the  store,  other  coupling 
effects  must  be  taken  into  account,  such  as: 

Release  Conditions 


Fig.  2 

•  unsteady  interference  between  several  stores  in  the  case  of  a  multiple 
jettison 

•  dynamic  interferences  due  to  the  relative  motion  between  store  and  aircraft 
at  flight  manoeuvres. 


Aerodynamic  Task  to  Evaluate 
the  Loads  on  a  Released  Store 


Looking  at  wind  tunnel  drop  tests,  it  is 
obvious  that  only  straight  and  level  flight  para¬ 
meters  can  be  realized,  because  there  is  only  one 
available  flow  direction.  This  fact  justifies  the 
development  even  of  complicated  theoretical  proce¬ 
dures  to  match  all  the  remaining  release  condi- 
t ions . 

So  the  evaluation  of  loads  on  the  exter¬ 
nal  store  can  be  formulated  as  the  aerodynamic 
coupling  of  four  main  effects,  shown  on  fig.  3  and 
consisting  in: 

•  first  order  effects:  standing  for  the 
steady  interference  of  the  aircraft  on 
the  air  flow  around  the  store 


Description  of 

•  1st  Older  Effects 

Owe  tv  A  •_  .nt*i  f * 

•  .’nd  Order  Effects 

Owe  i '  sto'e  'eieo%e  jno 

A’C  *r'C’'eu»er  -TMtions 


•  3ro  Order  Effects 

•3. *  to  store  store  .nierfeier'ce 
Itst  •  ?no  cat'  of 
adjacent  stores  da'-ng 
multiple  lett  soni 


•  Higher  Order  Effects 
due  to  store  -  A/C  •  inter 
ff’ence 


Fig.  3 


•  second  order  effects:  due  to  store  motion 
and  aircraft  motion  effects  on  the  store 
effective  angles  of  attack  and  sideslip, 
including  store  and  aircraft  rotations 
during  release  and  maneuvering  with  arbi¬ 
trary  load- factors . 

•  third  order  effects:  occuring  only  during 
multiple  jettison  and  consisting  in  first 
and  second  order  effects  of  adjacent 
stores  in  motion. 

•  finally  higher  order  effects:  or  the 
disturbance  on  the  store  caused  by  air¬ 
craft  components  close  to  this  store  and 
induced  by  the  reciprocal  interference  of 
the  store  on  these  components. 


2.  EVALUATION  OF  INTERFERENCE  EFFECTS  ON  A  RELEASED  STORE 


A  typical  design  concept  used  to  evaluate  these  interference  effects  is  shown 
in  f ig .  4. 


It  generally  consists  in  a  large 
do-loop  which  combines  two  main  partial 
tasks : 


•  the  interference  evaluation  by  fluid 
dynamics  and  aerodynamics 

•  and  the  resulting  store  motion  by  flight 
mechanics . 

During  one  release  calculation  about  400 
do-loop  runs  must  be  performed,  whereby  inter¬ 
ference  is  calculated  in  400  different  quasi¬ 
steady  positions  of  the  aircraft  and  the  exter¬ 
nal  store. 


Typical  Programme  Design  Concept 


T ime  -  Dependant-  Quasilineor  isotion  -  Boundary 
,  ,  , ,  ,  ,  *  store  length 

A'^.'icr.  i.l  — —-a— -  ,,.ci 


Fig.  4 
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2 . 1  Quas i- I  inear i st ion  of  time 


This  quasi-steady  approach  is  only  valid  if  the  load  alternation  on  the  exter¬ 
nal  store,  during  release,  occurs  slowly  enough  to  be  neglected.  In  this  case  it  is  re¬ 
liable  to  operate  with  variable  time  steps  which  are  calculated  by  deviding  the  store 
length  by  its  velocity.  These  intervals  can  be  interpreted  as  the  time  taken  by  an  air 
particle  to  pass  the  external  store.  If  those  steps  are  too  long,  store  motion  and  con¬ 
sequently  also  interference  evaluation  will  be  completely  misrepresented. 

This  effect  is  shown  in  fig.  5,  where 
the  store  inclination  has  been  plotted  versus 
fliqht  time.  The  dashed  line  indicates  the  range 
in  which  the  time  intervals  were  set  too  larqe, 
the  solid  lines  those  where  A t  is  small  enough 
for  the  quas i-1 inear isat ion.  Curve  (1)  shows,  in 
the  dashed  part,  much  higher  inclinations  as 
curve  (2).  Thus  the  store,  due  to  high  drag  at 
high  incidences,  is  considerably  decelerated 
along  this  dashed  part  of  (1).  At  about  2.5  sec 
the  velocity  has  decreased  enough  to  match  the 
quasi-linear  condition  with  the  initial  value  of 
At.  Now  the  high  pitch  amplitude  rapidly  de¬ 
creases  to  normal  values  and  the  store  motion 
becomes  stable.  Interference  evaluation,  flying 
time  and  ground-impact-point  differ  completely 
from  the  results  plotted  for  curve  (2).  In  that 
case  A  t  was  correctly  chosen  to  match  the 
quasi-linear-condition  at  any  time  of  trajecto¬ 
ry.  With  shorter  time  steps  the  results  remain 
stable . 


It  is  obvious  that  the  use  of  variable 
time  steps  has  one  further  advantage.  This  me¬ 
thod  of  quasilinearization,  always  operates  with 
an  optimum  time  interval,  and  thus  saves  CPU 
time  by  reducing  the  do-loop-runs  during  the  re¬ 
lease  calculations. 


Fig.  5 


As  seen  before,  each  loop-cycle  during  a  trajectory 
computation  implicates  an  absolutely  new  interference  situa¬ 
tion  between  the  aircraft  and  the  released  store.  Assuming  a 
quasi-steady  motion  of  aircraft  and  store,  an  idealised  con¬ 
cept  to  evaluate  interference  is  presented  in  fig.  6. 


It  should  work  on  the  basis  on  the  potential  theory, 
taking  into  account  all  compressibility  effects.  Estimating 
a  high  optimistic  value  of  2  min  CPU  for  each  complete 
solution,  one  release  calculation  would  take  a  total  of  800 
min.  CPU.  Even  the  use  of  much  faster  computers  would  make 
no  difference  to  the  fact,  that  such  solutions  in  closed 
form  are  absurd  and  must  give  way  to  simplified  methods. 

Such  a  concept  is  shown  in  fig.  7.  The  basic  simpli¬ 
fication  consists  in  assuming  that  second  and  third  order 
interference  effects  can  be  neglected,  and  that  the  total 
interference  (first  +  higher  order)  is  only  a  local  func¬ 
tion,  which  decreases  with  growing  of  the  relative  distance 
between  store  and  aircraft.  Interference  is  once  calculated 
at  four  different  positions  of  the  aircraft  and  the  store, 
using  potential  panel  methods,  e.g.  Ref.  (1),  Ref  (2)  or 
Ref.  (3).  The  resulting  store-coefficients  are  fed  to  the 
programme  as  initial  conditions,  providing  a  linear  decrease 
between  two  different  store  positions.  Since  only  a  sinqle  flow  direction  can  be  simu¬ 
lated,  all  effects  of  second  and  third  order  have  to  be  neglected.  This  means  that  tra¬ 
jectories  generated  with  this  concept,  are  only  acceptable  as  long  as  the  ejector  accel¬ 
erations  during  release  were  low  and  the  store  subsequently  moved  slowly  and  with  smooth 
or  nearly  no  rotation.  This  method,  used  at  MBB  in  1974,  displayed  one  great  advantage: 
low  CPU-time  to  compute  a  trajectory. 


2. 2  Interference  Concepts 


Ideal  Interference 
Evaluation  Concept 


’,v*y 


Description 

of  Q<  interference  effects 

Basic 

Assumptions 

quasi -steady  motions  during 
a  time-step  ot 


optimistic  estimated 

CPU  -  time  2  min  per  cycle 

'on  IBM  370/3033!  800  min  per  release 


Fig.  6 


Effect  of  Time- Step 
on  the  Interference  Loads 


store  inclination 


Basic  int«rf#r«nct  -  Concept 


DESCRIPTION  OF: 


first  order  effects 
due  to  A/C'interference 


•  higher  order  effects  due 
to  store -A./C" interference 


BASIC  ASSUMPTIONS 

•  interference  is  a  local  function  and 
decreases  linearity 

•  motion- effects  con  be  neglected 


Current  Interference  Concept  (MBB-SSP) 

Panel  Methods  applied  to  , 


th#  .soiateO  Oi'croM 


;n«‘  ii»t  ■  Vel  0'4*-  £*••<«» 


Basic  Assumptions 

•  higher  order  effects  can  be  neglected 

•  quasi -steady  motions  of  stores 
and  aircraft  for  Al  * 

v*tore 


Fiq.  7  Fig.  8 

The  current  interference  concept  is  based  on  the  flow  angularity  technique, 
quite  familiar  to  those  methods  described  by  Korn  (Ref.  4),  Grosse/Br istow  (Ref.  5)  and 
Fernandes  (Ref.  6).  The  so-called  MBB  Store  Separation  Proqramme  System  (MBB-SSP) 
specially  utilizes  data  derived  from  modern  potential  theory. 

First  of  all,  two  preliminary  computations  are  separately  performed,  in  order 
to  evaluate  the  external  flowfield  around  the  aircraft  and  to  predict  the  isolated 
external  store  aerodynamics. 

Aircraft  Flowfield: 


In  the  first  run  the  surface  of  the  aircraft  is  subdivided  into  several  two- 
dimensional  elements,  having  each  a  constant  singularity  distribution.  The  disturb¬ 
ance  potential  of  the  aircraft  is  then  evaluated  to  fulfill  the  kinematic  flow  condi¬ 
tion  (no  flow  through  the  surface)  on  each  of  these  socalled  panels.  The  disturbance 
potential  and  the  potential  of  the  undisturbed  flow  are  summed  up  to  the  total  poten¬ 
tial  of  the  aircraft.  From  this,  the  velocity  components  of  the  entire  flowfield  can 
now  be  computed.  In  practice  this  computation  is  confined  to  a  corridor  in  which  the 
trajectory  of  the  external  store  is  expected.  These  flow-grids  are  generated  only 
once  around  the  proper  aircraft  and  are  then  stored  on  EDP-disks,  ready  to  be  called 
up  for  all  further  computations. 


Isolated  Store  Aerodynamics: 

The  pressure  distribution  of  the  isolated  store  is  determined  by  the  same 
method.  Only  here,  the  velocity  components  are  computed  directly  on  the  store  sur¬ 
face,  permitting  thus  the  determination  of  the  panel  pressure  coefficients.  In  a 
further  step  the  distribution  so  found  is  partially  summed  up  to  the  characteristic 
sectional-loads  of  the  external  store. 

Interference 


The  required  interference  evaluation  is  then  performed  during  the  trajectory 
calculation  in  the  previously  mentioned  do-loop.  There  the  disturbed  flowfield  compo¬ 
nents  together  with  the  proper  velocities  of  store  and  aircraft  are  converted  into 
effective  flow  angularities  on  each  section  of  the  store.  Interference  forces  and 
moments  are  found  by  partially  superposing  the  store  sectional  derivatives  with  the 
local  flow  angularities,  and  then  by  summing  up  these  partial  loads  to  total  store 
loads . 


This  approx imat ion  covers  the  subsonic  Mach  number  range,  but  still  yields 
reasonable  results  in  the  transonic  range,  when  measured  grids  are  used. 

The  basic  assumption  of  this  interference  concept  consists  in  considering 
any  higher  order  interference  effect  of  the  external  store  to  be  negligibly  small. 


«>*(» 


2.3  Used  Panel  Model 


Aircraft  1200G  Surface  Elements) 
Used  in  Flowfieid  -Calculations 


Fiq.  9  shows  two  of  the  used  panel 
models.  A  comparatively  large  number  of  pan¬ 
els  is  required  to  evaluate  the  disturbance 
flow  field.  High  amounts  of  CPU-Time  (about 
20  min)  for  solving  these  systems  of  equa¬ 
tions,  however,  occur  only  during  the  primary 
computat ions . 

A  smaller  number  of  panels  (400  or 
less)  is  sufficient,  when  determining  the 
isolated  store  aerodynamics.  (CPU-Time 
amount:  4.  min  or  less). 


$tor«  (400  Pon«ls)  to  Evaluate 
ih*  isolated  Store  Aerodynamics 


Fig.  9 

2.4  Result s  of  F low-Field  Calculations 


On  Fig.  10  four  streamlines  are  plotted  around  the  aircraft  shape  to  describe 
the  disturbed  flow  at  typical  carriage  stations.  The  flight  situation  corresponds  to 
8°  anqle  of  attack  at  M  =  0.6.  Near  the  fuselage  centerline  the  flow  is  well  ducted 
and  follows  the  under  fuselage  surface.  At  the  lower  fuselage  corner  the  streamlines 
are  displaced  sidewardly  and  maintain  nearly  the  freestream  inclination.  The  inboard 
winq  streamline  first  follows  the  lower  wing  surface  in  an  upward-outboard  directed 
motion,  and  then  is  deflected  by  the  wing  downwash  field.  Due  to  high  local  sidewash 
effects  the  outboard  wing  streamline  is  ducted  to  the  tip  where  it  interacts  with  the 
tip-vortices.  There  it  chanqes  from  the  lower  winq  surface  to  the  upper  one  and  moves 
inwards . 


Und.rluselag.  ana  una.fwmg 
Streamlines 
M-06  a-8°  p-0° 


Streamlines  in  Regions  with 
Heavy  Disturbances 
M  *09  ot-8°  p  -5°  T)l0ll  -10°i"«.uei 

(polenliol  theory  of  Ref  [3]  ) 


Fig.  10  Fig.  11 

The  situation  shown  in  Fig.  11  is  much  more  complicated.  Flight  conditions  are 
here  M  =  0.9  at  8"  angle  of  attack  and  +  5*  sideslip.  In  addition,  a  store  is  mounted  on 
the  outboard  winq  pylon  in  front  of  the  10"  nose-up  inclined  taileron.  High  interference 
regions  are  demonstrated  here  by  vortex  roll-up,  strong  sidewash  and  downwash  effects. 
Finally  Fig.  12  shows  a  comparison  between  theoretical  and  experimental  flow-field  data 
at  the  lower  fuselage  centerline  and  near  the  wingbody  intersection  area.  Angle  of 
attack  of  the  freestream  is  set  at  8°,  with  M  *  0.7  (fuselage)  and  M  *  0.6  (underwing). 
In  spite  of  light  overpredicted  interferences  near  the  canopy  and  wingbody-intake 
sections,  the  theory  is  in  excellent  agreement  with  the  exoerimental  data.  This  can  also 
be  stated  for  the  sidewash  component  0  shown  on  Fiq.  12  (results  taken  from  Ref.  (7)). 


L 


Comparison  Between  Measured 
and  Predicted  Flowfield 

M  =0  7  a=8°  p  =  0° 


Under  fuselage  -  Centerline 


First  o  der  interference  is  here  defined  as  the 
difference  between  the  freestream  and  the  local 
flow  angularities. 

2.6.  Loads  on  the  external  stores 


The  maximum  interference  due  to  store  in¬ 
stallation  is  shown  on  Fig.  13. 

There,  the  store  normal  force  coefficient 
is  plotted  versus  the  angle  of  attack  for  the  iso 
lated  and  the  installed  store.  Maximum  interfer¬ 
ence  is  the  difference  between  both  curves. 
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Fig.  12 


In  both  cases  nonlinearities  occur  at 
higher  angles  of  attack. 


Static  Interference 

(  1st  Order  ) 


Fig,  13 

It  is  obvious  that  the  linear  potential  theory  does  not  reproduce  the  strong 
nonlinear  effects  of  vortex  shedding  on  the  store.  Therefore  the  empirical  crossflow 
analogy  described  in  Ref.  (8)  and  Ref.  (9)  is  used  to  cover  those  effects. 


Load-Co«lfici»nt  on  a  Wing  Pylon 
Mounted  Store 


Fig.  14 


On  Fig.  14  carriage  loads  of  a  wina-pylon  mounted  store  are  plotted  against 
some  experimental  results  up  to  20“  of  aircraft  incidence.  This  evaluation  includes 
only  first  order  effects,  because  the  relative  velocity  between  store  and  aircraft 
motion  is  zero.  Measured  data  are  marked  by  circles,  linear  potential  results  by 
triangles  and  total  loading  including  non-linearities  by  squares. 


Underfuselage  installation  loads  are  shown  for  the  same  store  on  fig.  15.  The 
parallel  shifting  of  the  moment-characteristics  is  due  to  a  slightly  differing  centers 
of  pressure  between  theoretical  model  and  analized  store,  which  was  equipped  with  4 
wings  plus  4  fins  and  a  missile-launcher  on  its  top.  (see  also  fig.  9) 


As  mentioned  before,  second  and  third  interference  effects  tend  to  change  the 
effective  anqle  of  attack  of  the  jettisoned  store.  Therefore  these  effects  were  evaluat 
ed  for  an  underfuselage  jettison  case  at  M  =  0.9  and  aAC  =  11.5*.  The  resultin'-, 
angles  have  been  plotted  versus  the  vertical  displacement  of  the  store  relative  to  the 
aircraft  in  Fig.  16. 


Load- Coefficient  on  a  Fuselage  -  Pylon 
Mounted  Stort 
M-0  6 


Analysis  of  interference  Effects 
on  the  Store  Angles  ot  Attack 
I  pitching  up  store  ) 


Fig.  16 


The  broken  line  represents  the  orienta¬ 
tion  of  the  store  respective  to  the  aircraft 
free  stream  direction  during  release.  It  starts 
at  11.5*  and  increases  with  a  rapidly  changing 
curvature.  The  solid  line  includes  only  the 
first  order  interference  effects.  It  starts  with 
the  local  flow  inclination  of  2.5°  in  the  vi¬ 
cinity  of  the  underfuselage  and  smoothly  in¬ 
creases  with  vertical  displacement  due  to  de¬ 
creasing  interference.  The  dotted  line  demon¬ 
strates  first  and  second  order  effects  on  the 
effective  angle  of  attack.  A  break  of  its  slope 
occurs  at  about  z  =  0.10  due  to  the  end  of  the 
ejection  acceleration  (end  -if  piston  stroke).  It 
then  continuer,  with  a  slightly  higher  gradient 
than  the  solid  curve.  First  order  interference 
is  the  difference  between  store  inclination  and 
the  solid  line.  So  first  plus  second  order 
effects  on  the  store  effective  angles  of  attack 
also  appear  as  the  difference  between  the  dotted 
line  and  the  inclination.  Third  order  effects 
are  zero,  for  it  is  a  single  lettison  case. 

Fig.  17  then  shows  the  situation  of 
body-nose  and  tail  sections.  Here  the  solid  line 
qives  the  values  of  effective  angles  at  the  nose 
and  the  dotted  one  at  the  tail  of  the  body.  The 
orientation  is  identical  as  in  the  previous  case 
( broken  line).'  •  •• 
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Effective  Angles  a(  Body-Nose 
and  Body  Tail  due  fo  1st  •  2nd 
Order  interference  Effects 


c-  t  i  - 


Fig.  17 


Effect  of  Pitch-Control  on 
Interference 


h-y 


Effects  of  slight  changes  of  the  initial  condi¬ 
tion  on  the  interference  evaluation  is  shown  on 
fiq.  18.  The  lower  lines  have  been  calculated  by 
subtracting  the  store  orientation  and  effective 
angle  of  attack  of  Fig.  16.  The  broken  line 
stands  for  first  order  effects,  the  solid  one 
for  the  first  and  second  order  effects.  Applyinq 
now  pitch  control  on  the  store  with  an  ejection 
release  unit,  the  store  motion  chanqes  complete¬ 
ly  and  thus  also  the  interference  calculation 
results.  Positive  ■ -Aa  indicate  a  hiqh  interfer¬ 
ence  region  with  low  local  inclinations  and 
stronq  velocity  changes  in  the  flow  field.  A  ne¬ 
gative  -Act  indicates  a  pitch  up  of  the  re'  joe.l 
store,  when  it  occurs  in  the  vicinity  of  the 
aircraft . 


Trajectory  Loads  with  1st 
Order  only,  and  1st  «  2nd 
Order  Interference  Effects 


Thus  it  is  clear  that  the  solid  lines 
always  give  a  pessimistic  view  of  the  sepira- 
tion  behaviour  compared  with  the  broken  lines. 
This  is  a  typical  dynamic  response  effect,  and 
cannot  be  reproduced  by  steady  grid  measurements 
as  done  wich  a  CTS-System,  and  where  the  inter¬ 
ference  effects  on  dynamic  derivatives  are  not 
taken  into  account.  This  fact  however  is  of 
qreat  importance,  for  theoretical  results  should 
have  always  a  sufficient  security  margin  when 
predicting  safe  separation  limits. 


Trajectory-loads  are  shown  on  fig.  19. 

The  normalforce  and  the  pitching  moment  of  the 
jettison  without  pitch  control  have  been  plotted 
versus  the  vertical  displacement.  Due  to  the 
lack  of  suitable  tests,  comparison  is  made  for 

theoretical  first  and  first  +  second  order  effects  with  free  flight  measured  store  aero¬ 
dynamics,  marked  by  the  broken  lines.  Actual  load  measurements  from  CTS-Rigs  are  only 
valid  to  describe  first  order  effects.  To  measure  realistic  trajectory-loads  it  would  be 
necessary  to  jettison  a  store  with  a  flight  data  recording  equipment. 


2.6  Effect  of  ~varying  sectional  loads 

Trajectory . computations  with  different  partitioning  of  the  store  geometry  have 
shown  an  important  effect  on  the  separation  behaviour.  Fig.  20  therefore  shows 
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Fig.  20 

the  calculated  tendencies  for  different  sectional  models  of  one  store.  Nearly  any 
separation  type  can  be  reproduced.  Trajectories  1.1.1  to  1.1.4  accentuate  the  effective 
angles  of  attack  on  the  body  axis.  Number  1.1.5  takes  the  fin’s  angles  into  account,  but 
with  a  rough  approximation  of  the  load-distribution  on  the  body.  Finally  1.1.6  and  1.1.7 
indicate  a  stable  tendency.  Using  additional  sections  no  further  changes  occur.  Analyzing 
these  results,  it  was  found  that  the  trajectory  becomes  stable  when  using  sections  of  the 
store  with  a  constant  center  of  pressure.  Cases  with  fewer  sections  alternate  the  load 
distribution  on  the  store  surface,  and  thus  lead  to  wrong  moment  curves  and  wrong 
trajectories . 

3.  COMPUTATION  OF  SEPARATION ,  COMPARISON  WITH  EXPERIMENTAL  RESULTS 

The  usefulness  of  the  MBB-SSP  System  has  been  proved  in  many  recent  store 
separation  projects.  Two  of  these  typical  results  are  plotted  against  flight  test 
data  on  fig.  21;  on  the  left  side  an  emergency  jettison  and  on  the  right  side  a  firing 
case  at  M  ■  0.8  with  a  AC  “  4«5*. 
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Fig.  21 


Longitudinal,  vertical  and  lateral  displacements  are  plotted  versus  time. 
Triangles  indicate  test  data,  circles  thf  theoretical  prediction.  Differences  in 
lateral  displacement  shown  here  are  due  to  sideslip  during  flight  test.  All  other 
displacements  are  matching  well. 


Comparison  with  Winatunnol  Drop  Tost* 
I  FROUOE-Scaling) 

M-O.S  or-  0*,  U\  23* 


Fig.  22 

Comparison  with  wind  tunnel  data  is  presented  on  fig.  22.  It  includes  an  a  - 
-variation  with  and  without  pitch  control  up  to  23°  with  different  stores.  Finally  some 
more  complicated  cases  are  demonstrated  on  fig.  23,  such  as: 

•  missile  launch 

•  missile  drop  launch 

•  multiple  jettison 

•  firing  of  submunition  from  carried  dispensers 

•  range-analysis  of  submunition. 
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4.  CONCLUDING  REMARKS 


The  combination  of  the  flow  angularity  technique  with  modern  potential  theory 
is  a  powerful  tool  to  evaluate  interference  effects  during  store  separation.  Theore¬ 
tical  and  experimental  data  can  be  optionally  used,  without  any  difficulty.  The 
qreatest  advantage  is  the  CPU-reduct ion  achieved  using  this  concept  with  sufficient 
accuracy.  Thus,  one  timestep  of  the  do-loop  affording  0.019  sec  of  CPU,  the  complete 
trajectory  is  calculated  with  only  7.6  sec.  CPU. 

A  further  advantage  is  the  application  to  complicated  and  realistic  manoeuv¬ 
res  with  any  laod  factor  as  well  as  in  cases  of  multiple  jettison  where  several  flow- 
fields  must  be  superposed  within  an  iteration  after  each  time  step. 

The  only  inaccuracy  is  given  by  the  fact  that  any  reciprocal  interference  on 
the  store  due  to  its  own  disturbance  must  be  neglected  during  the  first  few  steps  of 
the  trajectory. 

Finally,  the  actual  lack  of  theoretical  methods  to  evaluate  the  disturbances 
of  arbitrary  transonic  3D-conf igurat ions  restricts  this  concept  to  the  use  of  expen¬ 
sive  experimental  transonic  flowfields. 
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SUMMARY 

A  review  is  presented  of  an  extensive  expel imental  ■ theoret leal  program  which  is 
directed  toward  establishing  a  predictive  method  for  determining  firstly,  three-dimensional 
transonic  flow  fields  about  parent  aircraft  and  secondly,  loading  distributions  on  external 
stores  located  in  these  nonuniform  flow  fields.  Yh -  worx  xepresents  several  stages  in  the 
systematic  development  of  a  theoretical  capability  lor  enabling  a i r era f t/ store  compatibil¬ 
ity  studies  at  transonic  speeds  with  applications  to  reraft  str  re  design  optimisation  ar.d 
store  certification  programs. 

The  primary  emphasis  of  the  worx  l.as  been  on  the  development  and  verification  oi  a 
theoretical  method  for  the  rapid  computation  of  nonlinear  three-dimensional  transonic  flow 
fields  due  to  modern  fighter-bomber  configurations,  account w  ,  for  effects  of  the  fuselage 
wing/pylon  components.  The  objectives  of  the  paper  are  two- fold:  (1)  to  describe  the 

exter.sive  companion  experimental  program  and  present  highlights  of  those  results,  which 
include  detailed  measurements  of  both  flow  fields  and  surface  pressures  (parent  and 
external  store),  taken  in  a  systematic  component  buildup;  and  -2)  to  discuss  the  develop¬ 
ment  of  the  associated  theoretical  method,  describe  its  appli  : at ion  to  a  class  of  idealized 
fighter-bomber  configurations,  and  display  comparisons  with  data  from  the  parallel  experi¬ 
mental  program,  including  both  flow  field  and  store  loading  distribution  results. 


1.  INTRODUCTION 

The  safe  and  controllable  separation  of  external  stores,  either  powered  or  unpowered, 
from  modern  fighter-bomber  aircraft  remains  a  current  proLlem  of  significant  military 
importance.  Operational  limitations  due  to  dangerous  store  release  character .  st  ics  car. 
reduce  aircraft  mission  effectiveness  and  survivability.  Consequently,  development  of 
accurate  engineering  predictive  methods  for  determining  clear  separation  as  well  as 
optimizing  store  design  and  placement  fills  a  critical  dual  role.  Use  of  such  methods 
not  only  enhances  the  performance  and  safety  of  weapon  delivery,  but  also  provides  a 
means  for  reducing  the  time  required  for  both  wind-tunnel  and  full-scale  flight  tests 
relating  to  store  certification  programs. 

Development  of  such  methods  for  purely  subsonic  and  puiely  supersonic  flows  has  been 
successfully  underway  for  some  time1''.  Favorable  applications  of  these  procedures ‘ 
have  demonstrated  their  effectiveness  for  establishing  weapon  system  design  criteria, 
lor  transonic  speeds,  the  application  of  such  techniques  becomes  significantly  more 
complicated.  A  more  intense  development  of  the  basic  theoretical  solution  procedure  is 
required  due  to  the  essential  nonlinear  character  of  the  flow.  The  linear  methods  pre¬ 
viously  developed  for  the  subsonic  and  supersonic  regimes  do  not  apply  and  finite- 
difference  solutions  are  necessary.  However,  for  the  complex  geometries  typical  of 
realistic  external  store/fighter-bomber  configurations,  together  with  the  large  number 
of  individual  cases  usually  required  for  design  or  parametric  analysis,  exclusive  use  of 
three-dimensional  finite-difference  methods  is  not  practical.  These  limitations  identify 
the  primary  constraints  on  any  prediction  method  for  determining  external  store  transonic 
aerodynamic  behavior  in  the  near  vicinity  of  a  parent  aircraft.  That  is,  the  method  must 
be  capable  of  predicting  with  sufficient  accuracy  the  essential  nonlinearities  of  the 
nonuniform  parent-generated  three-dimensional  transonic  flow  field  surrounding  the  store, 
while  maintaining  a  minimum  of  computational  requirements  so  as  not  to  limit  severely  its 
use  as  a  design  tool.  Additionally,  the  method  must  be  capable  of  treating  complex 
geometries  involving  nonaxisymmetric  fuselages/inlets/multiple  pylon-store  combinations 
characteristic  of  modern  fighter-bombers. 

In  order  to  accomplish  such  a  theoretical  development  in  a  rational  systematic 
fashion,  a  specifically-designed  wind-tunnel  test  program  was  simultaneously  carried  out 
to  establish  the  essential  data  base  to  check  and  verify  the  predictive  method  at  crucial 
stages.  The  experimental  results  obtained  from  this  series  of  three  tunnel  entries  are 
not  only  important  to  the  present  effort,  but  are  of  significant  general  value  to  3-D 
transonic  modeling  efforts  in  that  they  comprise  a  generic  data  base  of  detailed  three- 
dimensional  transonic  flow  field  measurements  about  a  simplified  wing/body  combination 
which  has  not  been  previously  available. 

In  the  following  section  we  describe  the  extensive  companion  experimental  program  and 
present  highlights  of  those  results,  which  include  detailed  measurements  of  flow  fields 
(pressures  and  three  velocity  components) ,  surface  pressures  (wing/body  fuselage  and 
external  store),  «nd  wing/body  forces  and  moments,  taken  in  a  systematic  component  build¬ 
up — wing/body/alone,  wing/body/pylons,  wing/body/pylons/attached-store,  wing/body/pylons/ 
separated-store ,  and  store-alone. 

The  emphasis  of  the  theoretical  work  has  been  on  the  development  and  verification  of 
a  predictive  method  for  the  rapid  computation  of  nonlinear  three-dimensional  transonic 


flow  fields  about  idealized  fighter-bomber  configurations,  accounting  for  effects  of  the 
f uselage/wing/pylon  components.  In  the  third  section,  we  discuss  the  development  of  the 
associated  theoretical  method,  describe  its  application  to  a  class  of  wing/body  configura¬ 
tions,  and  display  comparisons  with  data  from  the  parallel  experimental  program. 


2.  EXPERIMENTAL  PROGRAM 

2.1  Overview  and  Rationale 

The  basic  rationale  underlying  the  experimental  program  was  to  select  realistic  model 
geometries  and  flow  conditions  so  as  to  provide  data  for  the  parallel  theoretical  program 
representative  of  modern  fighter-bomber  configurations  operating  at  transonic  cruise  con¬ 
ditions;  while  at  the  same  time  maintaining  as  much  geometric  simplicity  as  possible  so  as 
to  be  able  to  separate  out  individual  effects  of  different  components.  Test  conditions  had 
to  ensure  topological  coverage  of  all  important  transonic  flow  conditions  -  from  mildly 
supercritical,  to  strongly  supercritical  to  mildly  supersonic.  The  primary  data  would 
consist  of  (1)  detailed  flow  field  surveys  in  the  near  vicinity  of  the  parent,  in  partic¬ 
ular  in  locations  typical  of  attached  and  initially-separated  stores,  and  (2)  detailed 
external  store  surface  pressure  measurements  for  store  locations  throughout  the  flow  field 
survey  grid.  To  achieve  the  desired  coverage  of  various  transonic  conditions,  testing  near 
Mach  number  one  was  initially  anticipated  (and  later  confirmed)  to  be  inevitable.  Conse¬ 
quently,  a  means  for  both  assessing  and,  if  necessary,  accounting  for  tunnel  wall  effects 
was  considered  essential.  In  order  to  achieve  this,  limited  corraborative  testing  in  a 
much  larger  tunnel  was  planned  for  assessment  purposes;  and  in  the  tunnel  where  the  primary 
testing  would  be  done,  supplementary  outer  flow  field  surveys  would  be  taken  to  provide 
measured  boundary  conditions  for  input  into  the  theoretical  predictive  method  to  account 
for  tunnel  interference.  Parent  model  surface  pressures  and  force  and  moment  measurements 
were  planned  to  provide  additional  inner  flow  field  information  as  well  as  to  assist  in 
evaluation  of  tunnel  interference  and  viscous  effects.  Finally,  minimization  of  tunnel 
interference  effects  insofar  as  possible  by  (1)  appropriate  model  sizing,  (2)  aerodynam- 
ically-clean  configuration  design,  and  (3)  test  condition  selection  at  low  to  moderate 
lift  would  be  undertaken. 

2.2  Model  Design 

The  design  of  the  test  model  was  constrained  by  the  dual  objectives  of  (1)  testing 
a  simplified  but  geometrically-related  configuration  characteristic  of  modern  fighter- 
bombers,  and  (2)  obtaining  as  wide  a  range  as  possible  of  transonic  flow  conditions.  The 
model  size  was  established  by  the  conflicting  requirements  of  minimizing  wind-tunnel 
interference  and  maximizing  pressure  probe  accuracy  measurements.  To  provide  a  critical 
evaluation  of  the  flow  field  predictive  method,  two  different  sets  of  wings  having 
identical  planforms  are  needed. 

The  model  chosen  is  illustrated  in  Figure  1  and  is  an  idealized  22.5:1  scale  model  of 
the  F-16.  The  fuselage  is  circular  with  a  three-caliber  parabolic-arc  nose  profile 
followed  by  a  straight  cylinder.  The  two  sets  of  identical  planform  wings  are  mid-mounted, 
cropped  delta  wings  having  thickness  only  (zero  camber  and  twist)  profiles  whose  coordi¬ 
nates  are  based  on  (1)  a  scaled  F-16  wing  (4%  thick),  and  (2)  a  NACA  65A006  airfoil.  A 
force  balance  is  included  in  the  model,  and  25  surface  pressure  taps  are  provided  on  the 
fuselage  surface. 

2.3  Test  Program  Description 

Three  separate  tunnel  tests,  as  summarized  below, 

•  4T-wing-body  alone 

*  flow  field  pressures,  velocities 

*  fuselage  surface  pressures,  forces/moments 

•  16T-wing-body  alone 

*  selected  flow  field  pressures,  velocities 

*  limited  fuselage  surface  pressures,  forces/moments 

•  4T-wing-body/pylon/stores  combination 

*  flow  field  pressures,  velocities 

*  external  store  surface  pressures 

*  fuselage  surface  pressures,  forces/moments 

were  performed  at  the  Arnold  Engineering  Development  Center  (AEDC)  using  the  4T  and  16T 
Propulsion  Wind  Tunnel  test  facilities;  and  are  reported  in  detail  in  references  6  and  7. 
The  initial  entry  was  in  the  AEDC  4T  Transonic  Tunnel  where  the  primary  diagnostic  flow 
field  data  for  the  wing-body  alone  were  obtained.  The  second  entry  was  in  the  AEIC  16T 
Transonic  Tunnel  and  was  made  to  obtain  a  limited  amount  of  selected  repeat  data  for 
assessing  both  wind-tunnel  interference  as  well  as  tunnel  flow  quality  effects.  The  final 
entry  was  in  the  AEDC  4T  tunnel  where  both  detailed. /low  field  data  as  well  as  detailed 
external  store  surface  pressures  were  obtained  for  the  original  wing-body  augmented  by 
various  wing  and  fuselage  pylon/store  combinations. 

In  *-he  initial  4T  entry,  in  order  to  obtain  all  of  the  important  flow  conditions  of 
interest  in  transonic  flight  -  from  subcritical  to  slightly  supercritical,  to  strongly 


supercritical,  to  mildly  supersonic  -  testing  was  carried  out  at  three  Mach  numbers 
(M,,,  =  0.925,  0.975,  1.025)  and  three  angles  of  attack  {<  =  0°,  2°,  5°).  The  principal 
flow  field  data  were  taken  using  the  Captive  Trajectory  System  (CTS)  at  typical  store 
locations  on  the  pressure  side  of  the  winy.  Secondary  data  were  taken  on  the  suction 
side  of  the  winy  in  order  to  obtain  additional  diagnostic  information  for  evaluatiny  the 
flow  field  prediction  model.  Figure  2  provides  a  photograph  of  the  winy-body  model  at  1 
sting  mount  in  the  4T  tunnel,  together  with  the  conical  flow-field  survey  probe  on  the 
CTS.  In  order  to  provide  an  idea  of  the  flow  field  detail  obtained,  we  have  prepared 
Figure  3  which  displays  the  grid  survey  locations  for  the  inner  flow  field.  Symmetric 
side-by-side  surveys  were  made  to  assess  flow  quality  and  repeatability.  Figure  4  dis¬ 
plays  the  outer  flow  field  surveys  which  were  taken  on  a  cylindrical  surface  as  far  from 
the  model  centerline  as  the  CTS  would  allow  (R  -  14.14  inches)  to  provide  measured  outer 
boundary  conditions  as  input  to  the  theoretical  model  to  evaluate  wind-tunnel  wall  inter¬ 
ference.  Model  fuselage  pressures  and  forces  and  moments  were  obtained  at  all  test 
conditions . 

For  the  16T  entry,  to  obtain  the  corraborative  flow  field  data,  selected  survey 
locations  were  used  from  the  flow  field  grid  as  denoted  in  Figure  3  in  the  y-z  crossflow 
plane  view  by  the  symbol  ©,  while  the  corresponding  outer  grid  is  denoted  in  Figure  4. 

The  test  conditions  included  the  three  Mach  numbers  (M.,  =  0.925,  0.975,  1.025;  of  the  4T 
tests,  but  only  the  angles  of  attack  a  =  0°,  5°.  Fuselage  surface  pressures  and  forces 
and  moments  were  also  obtained  at  each  test  condition. 

In  the  final  4T  entry,  the  experimental  procedure  consisted  of  two  separate  system¬ 
atic  model-buildup  sequences  involving  various  pylon/store  combinations  added  to  the  basic 
wing-body.  For  the  first  sequence,  flow  field  velocities  and  pressures  were  obtained  for 
each  configuration  in  those  regions  normally  occupied  by  an  attached  or  initially-separated 
store.  The  various  wing-body/pylon/store  configurations  tested  together  with  their  flow 
field  grids  are  illustrated  in  Figure  5.  The  wing  pylons  employed  had  30°  swept  leading 
edge  and  a  straight  trailing  edge  with  a  biconvex  4%  thickness  profile,  while  the  fuselage 
pylon  had  both  straight  leading  and  trailing  edge  also  with  a  biconvex  41  thickness  pro¬ 
file.  The  dummy  stores  mounted  cn  these  pylons  were  axisymmetric  ogive/cylinders  having  a 
2-caliber  nose  and  8.5  caliber  length  and  a  3/4  inch  diameter.  Geometric  details  of  the 
pylons  and  stores  are  provided  in  reference  7.  As  before,  force/moment  and  surface  pres¬ 
sure  measurements  were  taken  on  the  wing-body  model,  together  with  outer  flow  field 
measurements.  Figure  6  provides  a  photograph  of  the  test  model  with  the  wing-mounted 
pylon  and  stores  and  the  CTS-mounted  flow  survey  probe.  The  second  model-buildup  sequence 
involved  a  special  pressure-instrumented  store  of  identical  geometry  as  the  dummy  stores 
involved  in  the  first  sequence,  but  mounted  on  the  CTS  and  positioned  in  normal  store- 
attached  and  various  store-separated  positions.  The  configurations  tested  in  this  sequence 
involved  configuration  24  and  25  of  Figure  5  with  the  dummy  store  replaced  by  the  .-  notri- 
cally-identical  instrumented  one.  At  each  flow  condition  in  this  sequence,  detailvu 
surface  pressure  distributions  on  the  instrumented  store  were  obtained  from  a  single 
longitudinal  row  of  surface  pressure  taps  by  rolling  the  store  through  360°  at  10°  roll- 
angle  increments. 

2.4  Test  Results 

A  thorough  survey  of  the  experimental  results  from  the  initial  4T  entry  (wing-body 
alone)  has  verified  that  the  test  parameters  were  exceptionally  well  selected  for  pro¬ 
viding  as  wide  a  range  of  transonic  phenomena  as  possible.  The  data  display  flow  con¬ 
ditions  from  suberitical  to  slightly  supercritical,  to  strongly  supercritical,  to  mildly 
supersonic,  as  were  desired.  For  the  two  subsonic  free-stream  Mach  numbers.  Figure  7 
illustrates  this  fact  and  displays  the  growth  of  the  supersonic  pockets  on  the  pressure 
and  suction  sides  of  the  wing.  The  results  are  for  a  (x,z)  plane  located  at  the  spanwise 
location  y  =  2  inches  (25?  semispan)  and  are  for  the  model  with  the  scaled  F-16  wing.  The 
figure  on  the  top  indicates  the  extent  of  the  supersonic  zone  at  H,  =  0.925  for  the  three 
angles  of  attack,  while  corresponding  results  for  M„  =  0.975  are  shown  in  the  bottom  plot. 
The  symbol  M^  denotes  the  local  Mach  number.  Since  the  vertical  limits  of  the  inner  flow 
surveys  were  1  jS.  |z|  i  5  inches,  the  maximum  lateral  locations  of  the  larger  supersonic 
pockets  on  the  suction  side  were  beyond  the  last  inner  survey  location  at  z  =  5  inches. 
However,  only  for  the  M^  =  0.975,  »  =  5°  case  did  the  pocket  extend  out  to  the  outer  flow 

survey  location  at  z  =  14  inches.  These  results  indicate  the  extreme  sensitivity  of  the 
flow  at  supercritical  conditions.  Analogous  results  for  M,  =  1.025  are  shown  in  Figure  8 
which  displays  the  variation  and  growth  of  the  embedded  subsonic  pocket.  Of  particular 
note  in  both  Figures  7  and  8  is  that,  at  modest  angles  of  attack,  flow  conditions  on  the 
pressure  side  of  the  wing  remain  primarily  subsonic  for  a  wide  range  of  conditions. 

An  indication  of  the  quality  of  the  data  obtained  in  the  4T  tunnel  is  indicated  in 
Figure  9  which  displays  side-to-side  symmetry  comparisons  for  flow  surveys  of  sidewash 
and  upwash  at  M.„  =  0.975  and  u  =  0°  at  a  vertical  location  just  under  the  wing  (z  =  1  inch) 
and  at  the  location  y  =  i4  inches  which  is  at  50?  semispan.  In  these  surveys,  the  x  loca¬ 
tion  of  the  local  leading  and  trailing  edges  of  the  wing  are  denoted  by  LE  and  TE.  The 
■omparisons  indicate  extremely  good  flow  field  symmetry  and  are  typical  of  the  4T  data. 

A  close  examination  of  all  the  data  has  indicated  that  at  extreme  spanwise  locations  near 
the  wing  tips,  discrepancies  of  one-quarter  of  a  degree  are  observed  which  can  actuu'lly  be 
traced  to  tunnel  flow  quality,  but  this  is  already  at  the  limits  of  the  accuracy  attainable 
(Ref.  6)  for  these  tests. 


In  order  to  achieve  the  range  of  flow  conditions  desired  for  the  aerodynamical! y 
clean  model  configurations  tested,  the  necessity  of  selecting  two  of  the  tost  Mach  numbers 
so  close  to  one  (Mpj  =  0.975  ,  1.025)  was  unavoidable.  Consequently,  the  question  of  whether 
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significant  wall  interference  effects  were  present  in  the  data  is  quite  pertinent.  In 
addition,  since  subsequent  tunnel  entries  are  planned,  establishment  of  the  Land  of  free- 
stream  Mach  numbers  about  M,„  =  1  outside  of  which  tunnel  effects  are  small  is  essential. 

An  indication  of  the  presence  of  wind-tunnel  effects  in  the  4T  data  is  provided  by 
Figure  10  which  displays  the  comparison  of  body  surface  pressures  obtained  on  the  scaled 
F-16  wing/body  combination  from  tests  in  the  AKDC  4T  and  16T  tunnels.  Indicated  in  the 
upper  plot  are  the  nonlifting  results  for  M._,.  =  0.9 25,  x  -  0°,  while  corresponding  lifting, 
pressure  side  results  for  M ,  =  0.970,  •  =  0°  and  Hx  =  1.025,  ,  =  5°  are  displayed  in  the 

two  lower  plots.  The  results  shown  for  the  nonlifting  M,  =  0.925  flow  exhibit  essentially 
no  interference  effects  and  are  typical  at  this  Mach  number  for  lifting  conditions  as  well. 
Those  shown  in  the  middle  plot  for  the  pressure  side  for  M.  =  0.975,  x  -  5°  indicate  good 
agreement  at  axial  locations  ahead  of,  behind,  and  over  the  major  portion  of  the  winy  root 
chord  axial  position,  with  some  slight  discrepancies  near  the  root  chord  leading  edge  and 
trailing  edge,  while  similar  pressure  side  results  for  M.,  ■=  1.025,  ,  =  5°  indicate  some¬ 

what  larger  discrepancies  in  those  regions.  As  a  direct  indication  of  tunnel  interference 
effects,  however,  these  discrepancies  are  clouded  by  two  additional  factors  present  in  the 
16T  data.  These  are  (1)  the  model/sting  support  strut  from  the  tunnel  floor,  and  (2)  flow 
quality  effects.  The  16T  model  support  strut  is  known  to  be  capable  of  causing  a  Mach 
number  decrement  of  up  to  H,  =  0.01  in  the  test  section  (Ref.  6) .  Compensation  for  that 
decrement  has  been  attempted  in  the  comparisons  for  the  M =  1.025  results  shown  in  the 
bottom  figure.  Here  the  4T  tunnel  results  for  M,  =  1.025,  shown  as  the  circular  symbol 

(2  ),  have  been  extended  to  M.  =  1.015  ( )  to  compare  with  the  X6T  data  by  interpolating 

between  the  4T  results  for  M.  =  0.975  and  1.025.  Some  improvement  is  indicated  but  the 
discrepancies  are  not  eliminated. 

Our  conclusions  from  the  comparative  wing-body  alone  tunnel  tests  are  that  (1;  essen¬ 
tially  no  interference  exists  at  M.  =  0.925,  (2)  at  M.  -  0.975  and  1.025  minor  interference 

exists  on  the  pressure  side  of  the  wing/body,  and  (3)  the  outer  flow  field  measurements 
obtained  will  afford  a  means,  if  necessary,  of  accounting  for  tunnel  effects  in  the  theo¬ 
retical  predictions. 

With  regard  to  the  final  4T  entry,  on  the  basis  of  the  tunnel  interference  results 
from  the  initial  4T  and  16T  tests  for  the  wing-body  alone,  test  Mach  numbers  were  selected 
at  M.  =  {0.925,  0.950,  1.05,  1.10:  and  angles  of  attack  i  =  i 0° ,  2°,  5°.  in  order  to  avoid 
as  much  as  possible  even  the  slight  interference  observed  at  M,  =  0.925  and  1.025,  while 
still  covering  the  spectrum  of  flow  conditions  characteristic  of  transonic  flight.  A 
thorough  survey  of  the  experimental  results  for  the  various  wing-body/pylon/store  config¬ 
urations  has  indicated  that  the  test  conditions  were  again  well  selected.  The  data 
typically  display  conditions  from  mildly  supercritical  to  strongly  supercritical,  to 
mildly  supersonic  for  the  various  combinations  tested.  for  the  two  subsonic  free-stream 
Mach  numbers,  Figure  11  illustrates  the  variation  with  angle  of  attack  of  the  size  of  the 
embedded  supersonic  pockets  for  the  wing-body  configuration  with  wing-pylon/stores.  The 
results  are  for  a  (x,z)  plane  located  exactly  at  the  wing-pylon  span  location  (y =  3.5 
inches).  The  figure  at  the  top  displays  results  for  the  extent  of  the  supersonic  zone  at 
M,  -  0.925  for  the  angles  of  attack  x  -  0°,  2°,  5°,  while  corresponding  results  for  M,  = 
0.950  are  provided  in  the  bottom  plot.  In  this  (x,z)  plane,  the  vertical  limit  of  the 
survey  locations  was  1.98  v  z .  ^  2.73  inches.  The  results  indicate  two  separate  super¬ 
sonic  pockets;  one  on  the  ogive  nose  of  the  store  and  terminating  at  or  near  the  shoulder, 
and  another  located  rearward  of  the  first  extending  over  the  cylindrical  portion  of  the 
store.  At  M. ,  =  0.925,  the  results  in  the  upper  plot  indicate  substantial  supersonic 
pockets  at  i  -  0° ,  which  notably  contract  at  x  =  2°,  and  which  at  i  =  5°  disappears 
altogether  on  the  nose  but  remains  over  a  small  axial  interval  on  the  cylindrical  portion 
of  the  store.  These  results  are  in  distinct  contrast  to  those  for  the  wing-body  alone 
(see  Fig.  7),  which  displayed  only  a  very  small  supersonic  pocket  at  x  =  0°,  which  dis¬ 
appeared  altogether  at  x  -  2°,  and  indicate  a  substantial  effect  of  the  pylon  and  store 
on  the  flow  field.  The  corresponding  results  at  M„  =  0.950  in  the  lower  plot  display  a 
similar  trend,  but  maintain  a  notably  larger  supersonic  pocket  on  the  cylindrical  portion 
of  the  store  even  at  i  =  5°.  These  latter  flows  provide  typical  strongly  supercritical 
results,  while  the  former  provide  corresponding  mildly  supercritical  results. 


3.  THEORETICAL  PROGRAM 

3.1  Summary  of  Flow  Field  Method  Development 

The  development  of  the  theoretical  method  for  predicting  the  parent-generated  three- 
dimensional  transonic  flow  field  has  proceeded  through  a  series  of  increasingly  more 
accurate,  but  computationally  more  expensive  methods  as  were  indicated  as  being  required 
from  comparisons  with  data  from  the  companion  experimental  proqram.  Starting  with  the 
simplest,  as  summarized  below,  these  were  methods  based  on 

•  Classical  transonic  equivalence  rule 

•  Extended  transonic  equivalence  rule 

•  Nonlinear  3-D  correction  procedure 

In  the  following  sections,  we  will  briefly  (Inscribe  each  method,  discuss  their  respective 
strengths  and  weaknesses,  and  display  typical  comparisons  of  results  predicted  by  each 
with  data. 


1.2  Classical  Transonic  Kqui  valencu  R :it_ 

The  transonic  equivalence*  rule  {Ti.i*  1  * m  :uvul  ju-!  initially  i:.  tne  forn;,  now  known 

as  the  classical  or  thickness-domi  nat  e-,i  i  e.a  ,  oy  uswatitsch  (Kei.  b)  tor  1  *  f  t  ;  n  j 

winqs,  and  extended  later  to  moderately  lutinq  wm-.jb  (Ref.  '■))  and  slender  configurations 
of  arbitrary  cross  section  (Ref.  10).  Subiic  qu»-:.t  extension  ot  tile  rule  (Rei.  11;  to 
include  situations  whete  the  lift  is  siqni:iouut  both  revealed  its  dependence  on  lift  as 
well  as  clarified  the  classical  iiir.it  and  ranee  ot  validity.  In  essence,  the  rule  pro¬ 
vides  the  basis  for  qreatly  simplify inj  the  calculation  ot  transonic  flows  past  special 
but  aerodynamical ly- important  classes  of  three-dimensional  configurations.  It  accomplishe 
this  by  recoqni.zi.nq  that  the  structure  ot  transonic  flows  past  slender  shapes  in  the 
vicinity  of  M.ti  1  consists  of  two  distinct  but  coupled  domains  whose  yovermncj  equations 
and  boundary  conditions  are  significantly  easier  to  solve  than  the  full  3-D  transonic 
potential  equations.  The  fundamental  structure  of  the  equivalence  rule  is  found  to  be 
governed  principally  by  a  similarity  parameter  {Ref.  11)  involving  a  combination  of 
the  configuration  thickness  ratio,  lift  force,  and  leading-edge  sweep,  and  represents 
essentially  the  ratio  of  lift/thickness  effects.  Depending  on  the  magnitude  of  A,  the 
nonlinear  outer  problem  classifies  into  one  of  three  domains:  (1)  :A  1,  thickness- 

dominated,  (2)  *  -  0(1),  intermediate,  and  (3)  1,  1 i t t-dom mated .  For  the  modern 

fighter-bomber  configurations  and  operating  conditions  of  interest  in  this  study,  the 
similarity  parameter  *  is  small  (Ref.  12)  and  the  subsequent  flows  lie  within  the 
classical  or  thickness-dominated  limit.  In  this  limit,  the  solution  domains  consist  of 
an  inner  region  governed  by  a  linear  equation,  the  same  as  in  slender-body  theory,  and  an 
outer  nonLLnear  region  consisting  of  the  axisymmetric  flow  about  an  "equivalent”  nonlift¬ 
ing  body  of  revolution  having  the  same  longitudinal  distribution  of  cross-sectional  area. 

The  theoretical  essentials  of  the  classical  TRR  are  illustrated  in  Figure  12,  which 
displays  the  decomposition  of  the  flow  into  its  first-order  inner  and  outer  components  and 
the  resulting  uni formly-val id  composite  solution;  that  is 

;  =  ;2, a  +  ;2,t  _  ;2,B  +  ;B  (1> 

Here,  each  component  has  the  meaning  indicated  in  Figure  12.  The  first-order  lift  (;2  i ) 
and  thickness  ( 1 2 ,  t )  inner  solutions  describe,  respectively,  the  translating  and  expanding 
cross  section  in  the  y,z  plane,  and  satisfy  the  two-dimensional  Laplace  equation  in  the 
crossflow  plane  together  with  the  no-flow  boundary  condition  at  the  body  surface.  The 
first-order  outer  solution  ig  satisfies  the  axisymmetric  transonic  small-disturbance  equa¬ 
tion  indicated  in  the  figure  subject  to  an  inner  boundary  condition  determined  by  the 
"equivalent"  body  singularity  source  distribution,  and  an  outer  boundary  condition  related 
to  flow  conditions  far  from  the  configuration.  These  would  correspond,  for  example,  to 
free-air  conditions  or  to  those  appropriate  to  a  tunne,  environment. 

Previous  applications  (Ref.  11)  of  the  classical  TER  to  various  nonax i synmet r ic 
slender  bodies  and  a  thin  triangular  wing  of  unit  order  aspect  ratio  displayed  very  good 
agreement  with  data,  and  provided  a  Lasis  for  application  to  the  configurations  of  interes 
in  this  study.  The  TER  procedure  was  applied  to  the  idealized  F-16  wing-body  model  shown 
in  Figure  1.  A  description  of  the  appropriate  inner  and  outer  solution  procedures  devel¬ 
oped  is  provided  in  reference  12.  Figure  13  provides  typical  results  of  the  TER  theory 
with  4T  data  for  the  wing-body  model  with  the  scaled  (4%  thick)  F-16  thickness-only  wing 
(see  Fig.  1).  In  that  figure,  we  have  displayed  theoretical  and  experimental  comparisons 
at  Mr  =  0.975  of  the  local  upwash  up  and  sidewash  ;-p  angles,  in  degrees,  for  a  longitudina 
survey  at  the  crossflow  location  (y,z)  =  (4,-1)  inches,  which  is  at  the  505  semispan  loca¬ 
tion  and  as  close  vertically  to  the  wing  as  surveys  were  tak^n.  The  plots  in  the  left  of 
the  figure  provide  results  for  1  =  0°,  while  those  on  the  right  are  for  1  =  5°.  In  genera 
the  comparisons  are  quite  good,  capturing  both  the  level  and  the  trend  of  the  data  in  al'. 
locations  except  near  the  trailing  edge.  In  that  region,  the  results  become  spurious. 
These  results  are  essentially  unchanged  at  the  lower  subsonic  (Mx  =  0.925)  and  super  son.  .- 
( M, ,  =  1.025)  Mach  numbers  tested.  Initially,  it  was  believed  that  this  behavior  was 
to  discontinuities  in  the  axial  area  distribution  derivatives  due  to  breaks  in  tin  w ; :  . 
planform.  Various  smoothings  of  those  derivatives,  however,  ameliorated  the  protler. 
slightly  (Ref.  14).  A  close  examination  of  the  rlow  structure  in  the  vicinity  of  .. 

tip  and  the  trailing  edge  revealed  that  those  changes  in  planform  for  the  aspec*  :  r  . 
the  model  tested  UR  =  2.98)  induce  three-dimensional  spanwise  variations  wh:  • 

the  capability  of  slender-body  theory  which  underlies  the  basis  of  the  classical 
leneo  rule.  Consequently,  the  deficiency  is  one  in  terms  of  aspect  rat  is.  !  : 
t  ions  to  the  conf igurations  of  interest  in  this  study,  an  extension  cr  m  i  . :  .  .  • 
classical  TER  is  necessary  to  overcome  this  limitation. 

3.3  Extended  Transonic  Equivalence  Rule 

In  an  attempt  to  alleviate  the  aspect  ratio  shortcoming  tin 
rule,  we  have  examined  an  extended  equivalence  rule  in  which  tin.  • 
inner  solutions  in  the  original  TER  are  replaced  l.y  t  hree-d .  :v  : 
obtained  from  paneling  methods.  The  corresponding  com:  is ;  (•.  .  • 

try 

•  ;,  1 1  <  "  ■  ),)<  *  •; 

Here  ‘  j  t  +  ,  is  the  solution  to  the  three-dime  ss  1  1 .  . 
an  arbitrary  angle  of  attack  ■ ,  : -j  1,  is  the  1  . : i>  .  . 
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flow  past  the  equivalent  body,  and  1)13  is  the  usual  nonlinear  axi symmetric  solution  to  the 
transonic  small-disturbance  equation  for  nonlifting  flow  past  the  equivalent  body. 

In  this  form,  it  was  anticipated  that  the  appropriate  three-dimensional  spanwise 
variations  of  the  flow,  which  could  not  be  represented  accurately  by  the  two-dimensional 
inner  solutions,  would  be  obtained;  while  the  nonlinear  transonic  effects  would  hopefully 
be  captured  sufficiently  accurately  from  the  axisymmetric  equivalent  body  solutions. 
Additionally,  paneling  method  solutions  for  $3,t+a  f°r  both  the  subsonic  and  supersonic 
cases  already  exist  (Refs.  1  and  2).  In  Figures  14  and  IS,  we  display  results  for  the 
extended  equivalence  rule  corresponding  to  those  provided  in  Figure  13  for  the  classical 
TER.  Figure  14  provides  a  comparison  of  theoretical  predictions  and  data  at  =  0.975 
and  a  =  0®  for  the  axial  velocity  ratio  as  well  as  the  local  upwash  and  sidewash  angles 
along  the  survey  location  at  (y,z)  =  (4,-1)  inches,  while  Figure  15  provides  corresponding 
comparisons  for  a  =  5®.  The  results  of  the  extended  equivalence  rule  are  indicated  by  the 
flagged  solid  circles  (4),  while  the  three-dimensional  paneling  method  results  (♦3,t+a) 
are  shown  as  solid  circles  (•),  and  data  as  open  circles  (©).  At  points  ahead  of  the 
trailing  edge,  the  extended  equivalence  rule  and  the  linear  theory  are  essentially  iden¬ 
tical,  indicating  no  correction  from  the  axisymmetric  equivalent  body  calculations. 

However,  near  the  trailing  edge,  the  extended  equivalence  rule  results,  although  providing 
significantly  improved  results  from  the  classical  TER,  display  a  serious  discrepancy  in 
both  axial  velocity  and  sidewash.  The  upwash  component  would  not  be  expected  to  display 
much  of  an  equivalent  body  correction  at  this  location  due  to  the  restraining  influence 
of  the  wing  in  the  vertical  direction. 

One  of  the  notable  features  of  the  above  results,  as  well  as  a  significant  result  of 
this  study  as  determined  from  a  large  number  of  similar  comparisons  at  a  variety  of  flow 
conditions  throughout  the  transonic  range,  is  the  reasonably  good  predictions  of  the 
lateral  velocity  components  (upwash  and  sidewash)  as  predicted  by  the  three-dimensional 
paneling  methods  for  this  configuration  even  at  free-stream  Mach  numbers  quite  close  to 
one.  The  axial  velocity  component,  as  would  be  expected  and  as  shown  in  Figures  14  and  15, 
consistently  displays  a  large  discrepancy  between  the  linear  solution  and  data  in  the 
trailing  edge  region  where  shock  waves  are  present.  For  that  velocity  component,  a  three- 
dimensional  nonlinear  solution  is  necessary  to  account  for  the  3-D  character  of  the  shock 
in  that  region.  However,  as  discussed  in  the  store  loading  calculation  section  below, 
external  store  loads  in  the  presence  of  parent-aircraft,  depend  primarily  on  the  lateral 
velocity  components,  and  secondarily  on  the  axial  velocity  component,  with  the  exception 
being  regions  where  parent-generated  shock  waves  impinge  on  the  store.  Consequently,  we 
conclude  that  three-dimensional  paneling  methods  can  be  used  to  predict  the  parent¬ 
generated  lateral  velocity  components,  while  a  3-D  nonlinear  procedure  is  necessary  to 
account  for  transonic  effects  on  the  axial  velocity  component.  This  has  formed  the  basis 
of  the  method  described  in  the  next  section. 

3.4  Nonlinear  3-D  Correction  Method 

Based  on  the  observation  that  paneling  method  solutions  are  capable  of  providing  good 
predictions  of  lateral  (but  not  axial)  velocity  components  for  certain  fighter-bomber  like 
configurations;  and  the  hypothesis  that  the  addition  of  geometric  complexities  to  a  basic 
configuration  can  be  treated  with  differences  between  appropriate  paneling  method  solu¬ 
tions,  and  that  the  primary  transonic  effects  generated  by  these  configurations  are  due 
to  the  wing,  the  following  nonlinear  correction  procedure  is  suggested  for  solution 
decomposition  to  account  for  various  geometry  modifications  of  a  basic  configuration. 

For  pylon  addition  to  a  basic  wing-body,  we  have 


where  (i|>3  wBP)rjn  and  {♦3,WB)I,in  denote  paneling  method  solutions  for  the  wing-body/pylon 
and  wing-body  alone  configurations,  and  (4>3,wb)  denotes  a  nonlinear  3-D  transonic  finite- 
difference  solution  for  the  wing-body  alone! 

A  similar  decomposition  has  been  employed  with  success  in  reference  15  to  model 
geometrically-complex  fuselage  effects  on  wing  pressures  at  transonic  speeds.  The  primary 
point  is  that  as  long  as  detailed  transonic  effects  are  not  required  on  the  modeled  com¬ 
ponent,  then  such  a  procedure  is  capable  of  providing  good  representations  of  the  primary 
lift  and  volume  effects  of  the  modeled  component  upon  the  remainder  of  the  flow. 

For  the  pylon  addition  to  the  wing-body,  we  have  tested  this  decomposition  experi¬ 
mentally  by  comparing  the  difference  in  results  for  flow  quantities  for  the  wing-body /pylon 
and  wing-body  alone  as  measured  and  as  predicted  by  the  paneling  method  solutions.  In 
Figure  16,  we  provide  such  a  comparison  for  the  differences  in  the  three  velocity  compo¬ 
nents  for  a  wing  pylon  addition  at  a  flow  survey  directly  under  the  pylon  (y,z)  =  (3.5, 
-1.23)  inches  for  M*,  =  0.950  and  a  =  0®.  The  axial  locations  of  the  wing  and  pylon  lead¬ 
ing  and  trailing  edge  are  denoted  by  LE,  TE  and  PLE,  PTE,  respectively.  We  note  that,  as 
in  the  case  of  the  wing-body  alone,  the  paneling  solutions  provide  good  predictions  of  the 
upwash  and  sidewash  components,  but  display  a  familiar  discrepancy  in  the  axial  velocity 
component  in  location  and  magnitude  of  the  compression  in  this  case  near  the  shock  by  the 
pylon  trailing  edge.  A  similar  but  somewhat  milder  discrepancy  is  illustrated  in  Figure  17 
which  displays  the  corresponding  comparisons  for  the  wing-body  with  fuselage  pylon. 

In  order  to  examine  the  magnitude  of  the  nonlinear  correction  (43,wb>nl  to  the  com_ 
posite  solution,  we  have  determined  a  number  of  nonlinear  3-D  transonic  small-disturbance 
solutions  for  the  wing-body  alone  both  to  provide  some  benchmark  solutions  to  compare 
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against  the  other  theoretical  solutions,  as  well  as  to  input  into  the  composite  solutions 
given  by  Eq.  (3)  to  determine  wing-body/pylon  solutions.  For  these  solutions,  we  employed 
the  3-D  transonic  small  disturbance  (TSD)  procedure  of  reference  16  which  is  based  on  the 
procedure  originally  developed  by  Bailey  and  Ballhaus  (Ref.  17).  Figure  18  provides  a 
comparison  of  theoretical  results  and  data  for  the  three  velocity  components  at  (y,z)  = 
(4,-1)  inches  for  M„  =  0.950  and  a  =  5°.  The  agreement  for  all  three  velocity  components 
is  quite  good,  capturing  the  transonic  effect  on  the  axial  velocity  component  and  also 
providing  an  additional  indication  that  tunnel  interference  effects  at  this  Mach  number 
are  minimal,  as  the  theoretical  results  are  for  a  free-air  boundary  condition. 

The  effect  of  the  3-D  nonlinear  correction  for  this  flow  field  is  provided  in  Figure 
19  which  displays  a  comparison  of  theoretical  and  experimental  results  for  local  upwash 
and  sidewash  for  the  wing-body  with  wing  pylon  at  a  flow  survey  location  directly  under 
the  wing  pylon  (y,z)  =  (3. 5, -1.98)  inches.  The  theoretical  result  with  the  nonlinear 
correction  is  indicated  as  the  solid  curve,  while  the  corresponding  paneling  method  result 
is  shown  as  the  dashed  curve.  Both  predictions  compare  quite  well  with  data,  with  the 
nonlinear  results  somewhat  superior.  The  importance  of  these  differences  in  the  theo¬ 
retical  lateral  velocity  predictions  to  the  store  loading  determination  are  discussed  in 
the  following  section. 


s 

E 


3.5  Store  Loading  Method 

The  current  procedure  employed  for  determining  store  loading  distributions  is 
described  in  detail  in  reference  1.  The  method  proceeds  by  first  determining  the  non- 
uniform  flow  field  due  to  the  parent  but  with  the  store  absent.  The  loading  distribution 
on  the  store  is  then  determined  by  locally  employing  apparent  mass  concepts  together  with 
the  nonuniform  crossflow  velocity  components  at  the  locus  of  points  corresponding  to  the 
position  that  the  longitudinal  axis  of  the  store  would  occupy  in  the  flow.  The  procedure 
accounts  for  buoyancy  due  to  streamline  curvature  as  well  as  local  slender-body  loading, 
and  a  viscous  crossflow  correction  to  account  for  vortex  separation  can  be  included.  Such 
a  loading  determination  procedure  avoids  the  time-consuming  integration  of  surface  pres¬ 
sures,  and  has  proven  to  be  quite  accurate  for  the  many  subsonic  applications  carried  out 
to  date  (Refs.  1,  3-5). 

Application  of  this  procedure  employing  the  ogive/cylinder  store  model  and  the  theo¬ 
retically-generated  flow  fields  illustrated  in  Figure  19  provides  the  normal  dCfj/dxs  and 
sidewash  dCy/dxs  loading  distributions  shown  in  Figure  20  for  a  store  location  directly 
under  the  wing  pylon  at  M^  =  0.950  and  a  =  5°.  The  results  indicate  little  difference  in 
loading  when  employing  the  3-D  nonlinear  corrected  flow  field  or  the  linear  paneling 
method  flow  field,  presumably  since  the  loading  method  only  makes  use  of  the  lateral 
velocity  gradients  for  which  Figure  19  indicated  no  substantial  differences.  Comparison 
of  the  theoretical  results  with  data  indicates  generally  good  agreement  except  in  the 
vicinity  of  the  large  gradient  near  the  pylon  trailing  edge.  That  deficiency  in  a  high- 
gradient  region  is  demonstrated  more  clearly  in  Figure  21  which  provides  a  comparison  of 
measured  and  theoretical  normal  force  loading  distributions  for  simulation  of  a  store 
separated  from  a  wing  pylon  at  M^  =  0.950,  a  =  0°,  and  (y,z)  =  (3. 5,-1. 45)  inches.  At 
a  =  0°,  discrepancies  are  present  in  the  regions  near  both  the  pylon  leading  and  trailing 
edge,  while  at  a.  =  5°  the  deceleration  of  the  flow  has  eliminated  the  discrepancy  at  the 
pylon  leading  edge  and  reduced  but  not  eliminated  that  near  the  pylon  trailing  edge. 

These  comparisons  serve  to  identify  two  deficiencies  of  the  present  loading  calcula¬ 
tion  procedure  as  applied  to  transonic  flows;  i.e.,  (1)  the  procedure  cannot  handle  steep 
gradients  in  the  parent-generated  flow  field  accurately,  and  (2)  the  method  does  not 
account  for  store-induced  transonic  effects. 

The  importance  of  the  latter  effect  is  shown  in  Figures  22  and  23.  Figure  22  dis¬ 
plays  data-only  results  for  measured  local  upwash  at  M^  =  0.925,  0.950,  and  1.050  for  a 
flow  survey  location  directly  under  the  wing  pylon  at  a  =  0°  and  5®.  These  results 
illustrate  strong  transonic  effects  near  the  pylon  trailing  edge  which  are  greatest  for 
M«,  =  1.050  and  more  pronounced  at  a  =  0°  than  at  a  =  5°,  as  would  be  expected  due  to  the 
slowing  of  the  flow.  Figure  23  displays  the  measured  loading  distribution  when  the  store 
is  placed  in  the  flow  in  such  a  manner  that  the  store  longitudinal  axis  corresponds  to 
the  flow  survey  location  of  Figure  22.  Note  that  the  transonic  effects  are  strongest 
near  the  pylon  trailing  edge  and  for  o  =  0°  as  would  be  anticipated  from  Figure  22.  How¬ 
ever,  the  measured  normal-force  gradient  is  strongest  for  M^  =  0.950  rather  than  1.050 
where  the  measured  flow  f i«4d-gradaent  is  largest.  This  is  assuredly  due  to  the  local 
transonic  effects  on  the  relatively  large  store  employed  -  which  would  be  greatest  at  a 
strong  supercritical  oncoming  Mach  number,  but  would  disappear  at  lower  or  higher  Mach 
numbers.  This  is  verified  by  the  fact  that  the  phenomenon  has  almost  disappeared  when 
the  angle  of  attack  is  changed  from  0®  to  5®,  which  acts  to  slow  the  flow  significantly  on 
the  pressure  side  of  the  wing  and  substantially  reduce  the  local  transonic  effects  induced 
by  the  store  itself. 

We  have  recently  developed  a  modification  to  the  loading  calculation  procedure  to 
account  for  store-generated  transonic  effects  by  applying  the  transonic  equivalence  rule 
to  the  store  alone  and  accounting  for  store-induced  transonic  effects  on  the  crossflow 
velocity  components  in  the  loading  calculations.  This  result  will  be  reported  in  detail 
in  a  future  publication. 

An  indication  of  the  magnitude  of  this  improvement  is  provided  in  Figure  24  which 
displays  a  comparison  of  the  difference  in  the  pitching  moment  coefficient  cma  variation 
throughout  the  transonic  regime  when  including  and  not  including  store-generated  transonic 
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effects.  The  results  indicated  in  the  bottom  plot  are  for  an  ogive/cylinder  store  similar 
to  that  considered  in  the  wing-body  tests,  but  of  5  caliber  rather  than  8.5  caliber  length 
These  results  were  carried  out  for  uniform  free-air  flow  past  the  store-alone,  for  which 
the  previous  method  without  parent-generated  flow  field  curvature  reduces  to  the  slender- 
body  result.  The  effect  of  this  modification  to  the  loading  calculation  has  an  even  more 
dramatic  effect  when  boattailing  (and/or  fins)  are  employed  on  the  rear  of  the  store. 

That  change  in  pitching  moment  for  a  boattail  addition  is  also  indicated  in  Figure  24  for 
a  1/2  caliber  conical  boattail. 


3.6  Ancillary  Theoretical  Developments 

Two  important  ancillary  theoretical  developments,  which  were  partially-developed 
under  the  present  effort  and  which,  although  important  in  their  own  right,  will  have  a 
significant  effect  on  the  future  development  of  theoretical  external  store  predictive 
methods.  The  first  is  a  rapid  perturbation  method  for  predicting  nonlinear  transonic 
flows  and  impacts  on  the  3-D  nonlinear  correction  method  discussed  in  section  3.4  in  that 
it  would  minimize  the  number  of  computationally-expensive  3-D  nonlinear  finite-difference 
solutions  that  would  be  required  for  a  particular  parametric  or  design  study. 

The  procedure  employs  two  "expensive"  nonlinear  solutions  separated  by  some  reasonable 
change  in  an  arbitrary  geometric  or  flow  parameter  to  predict  a  range  of  neighboring  non¬ 
linear  solutions  at  trivial  computational  cost.  The  method  uses  coordinate  straining  to 
account  for  displacement  of  discontinuities  or  rapid  but  continuous  high-gradient  maxima. 

It  has  been  applied  to  a  variety  of  2-  and  3-D  problems  (Refs.  18  and  19)  to  predict 
surface  properties.  Reference  19  provides  a  summary  of  a  wide  variety  of  nonlinear  sub¬ 
sonic  and  transonic  flow  applications.  In  particular,  a  number  of  transonic  examples 
with  large  surface  shock  movement  over  the  parametric  range  considered  are  provided.  The 
results  display  a  remarkable  accuracy. 

Figure  25  displays  an  application  of  that  method  to  the  prediction  of  the  3-D  tran¬ 
sonic  flow  fields  about  the  wing/pylon  combination  for  which  results  were  previously 
provided  in  Figure  19  employing  the  nonlinear  3-D  correction  method.  In  Figure  25,  we 
have  used  the  composite  3-D  nonlinear  correction  solutions  (see  Eq.  (3))  for  the  local 

upwash  n  at  H,  =  0.950  and  0=0°  and  5®,  given  by  the  dashed  ( - )  and  dash-dot  ( - ) 

curves,  respectively,  to  predict  the  corresponding  result  at  a  =  2®,  indicated  by  the 

solid  ( - )  curve.  That  theoretical  result  is  meant  to  be  compared  with  the  data  points 

indicated  by  the  crosses  (x).  Agreement  is  excellent. 

The  other  development  relates  to  a  transonic  wind-tunnel  interference  assessment 
procedure  which  can  provide  the  means  for  evaluating  the  effect  of  tunnel  walls  on  data 
taken  about  parent/external  stores  configurations.  An  effective  means  of  accounting  for 
wind  tunnel  effects  can  be  particularly  important  to  store  certification  programs  which 
rely  heavily  on  tunnel  programs  to  provide  information  for  flight  tests. 

The  c6ncept  is  to  obtain  experimental  pressure  measurements  during  a  tunnel  test 
program  on  a  convenient  control  surface  located  somewhat  inward  from  the  actual  tunnel 
walls  so  as  to  be  removed  from  local  wall  disturbances.  These  conditions  are  then 
employed  in  a  computational  procedure  to  determine  the  potential  flow  about  the  model 
interior  to  the  control  surface.  Results  for  two-dimensional  (Ref.  20)  and  axisymmetric 
(Ref.  21)  flows  have  demonstrated  the  effectiveness  of  the  procedure  for  accounting  for 
tunnel  interference  effects.  Although  we  have  not  yet  carried  out  the  full  3-D  tunnel 
interference  calculation  for  the  wing/body  model  tested,  we  have  performed  a  series  of 
calculations  in  which  we  approximately  assessed  tunnel  interference  present  in  the 
initial  4T  wing-body  alone  test  (Ref.  6) . 

For  those  calculations,  we  replaced  the  3-D  wing/body  by  its  equivalent  body  of 
revolution  determined  from  the  actual  wing/body  axial  area  distribution.  Measured  pres¬ 
sure  distributions  obtained  along  a  cylindrical  control  surface  located  14.1  inches  from 
the  tunnel  centerline  (max.  distance  for  the  CTS)  at  several  Mach  numbers  and  for  a  =  0° 
were  employed  as  an  outer  boundary  condition  in  a  nonlinear  axisymmetric  TSD  calculation 
for  the  interior  potential  flow.  Results  are  shown  in  Figure  26  for  the  surface  pressure 
coefficient  along  a  portion  of  the  equivalent  body  corresponding  to  the  location  of  the 
leading  and  trailing  edge  of  the  wing  root  chord  for  flow  at  Moo  =  1.025.  The  closed 
circles  indicate  the  results  employing  the  measured  outer  boundary  condition,  while  the 
x's  represent  the  corresponding  results  using  a  free-air  outer  boundary  condition.  The 
difference  between  the  two  provides  an  indication  of  the  level  and  location  of  the 
interference  present. 

The  comparisons  shown  in  Figure  26  indicate  that  for  Moo  =  1.025  essentially  no  inter¬ 
ference  exists  over  most  of  the  axial  locations  corresponding  to  the  wing  root  chord, 
denoted  by  LE  and  TE,  with  the  exception  of  the  vicinity  near  the  trailing  edge.  Analogous 
comparisons  at  *  0.975  displayed  similar  results  with  even  less  discrepancy  near  the 
wing  trailing  edge,  while  that  at  Mn  =  0.925  showed  no  discrepancy  at  all  between  the 
free-air  results  and  that  employing  the  measured  pressure-distribution  outer  boundary 
condition.  This  is  in  exact  correspondence  with  the  experimental  results  obtained  from 
the  4T  and  16T  tests  as  indicated  in  Figure  10.  Consequently,  even  this  rather  approxi¬ 
mate  use  of  a  measured  outer  boundary  condition  for  assessing  wind  tunnel  interference 
about  a  3-D  configuration  can  provide  important  information  regarding  the  location  and 
magnitude  of  wall  effects. 
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4 .  CONCLUDING  REMARKS 

A  review  has  been  presented  of  a  combined  experimental/theoretical  investigation  of 
transonic  flow  fields  about  aircraft  with  application  to  external  stores.  The  objective 
of  the  work  has  been  firstly  on  the  development  and  verification  of  a  theoretical  method 
for  the  computationally-efficient  determination  of  nonlinear  three-dimensional  transonic 
flow  fields  due  to  modern  fighter-bomber  like  configurations,  accounting  for  fuselage/ 
wing/pylon  components;  and  secondly,  on  the  accurate  determination  of  loading  distribu¬ 
tions  on  external  stores.  An  extensive  companion  experimental  wind-tunnel  test  program 
based  on  an  idealized  F-16  model  was  carried  out  in  order  to  provide  the  essential  data 
base  to  verify  the  theoretical  method.  The  data  obtained  from  that  program  include 
detailed  pressure  and  velocity  component  measurements  of  the  flow  fields,  surface  pres¬ 
sures  on  the  wing-body  fuselage  and  external  store,  and  wing-body  forces  and  moments. 

These  have  been  taken  in  a  systematic  component  buildup  from  wing-body  alone,  wing-body 
plus  wing  or  fuselage  pylons,  wing-body/pylons  plus  attached  stores,  wing-body/pylons 
plus  separated  store,  and  store  alone;  and  represent  a  generic  data  base  of  detailed 
three-dimensional  transonic  flow  measurements  about  a  simplified  wing-body  combination 
xhich  has  not  been  previously  available.  Consequently,  they  are  of  significant  general 
value  to  3-D  transonic  modeling  efforts. 

Development  of  the  theoretical  flow  field  predictive  method  has  proceeded  through  a 
series  of  three  successively  more  accurate,  but  computationally  more  expensive  models, 
beginning  with  procedures  based  on  the  classical  transonic  equivalence  rule,  then  to  an 
extended  transonic  equivalence  rule  in  which  the  linear  2-D  crossflow  solutions  were 
replaced  by  linear  3-D  solutions  obtained  by  paneling  methods,  and  ultimately  to  the  non¬ 
linear  3-D  correction  procedure  currently  being  employed.  In  the  latter  procedure,  the 
full  geometry  effects  of  the  wing-body /pylon  configuration  are  accounted  for  by  employing 
linear  3-D  paneling  method  solutions,  while  the  essential  3-D  nonlinear  effects,  which  are 
primarily  due  to  the  wing,  are  accounted  for  through  a  nonlinear  correction  using  a  3-D 
finite-difference  solution  of  the  nonlinear  transonic  small-disturbance  equation  for  the 
wing-body  alone.  Extensive  comparisons  of  predictions  from  each  of  these  theoretical 
methods  with  data  from  the  companion  experimental  program  have  been  made  (Ref.  7)  and 
typical  examples  of  those  comparisons  have  been  presented  here.  One  of  the  notable 
results  of  these  comparisons  determined  from  a  large  number  of  comparisons  at  a  variety 
of  flow  conditions  throughout  the  transonic  range,  is  the  reasonably  good  predictions  of 
the  lateral  velocity  components  (sidewash  and  upwash)  as  predicted  by  the  3-D  linear 
paneling  methods  for  the  wing-body  and  wing-body /pylon  configurations  considered.  Similar 
comparisons  for  the  longitudinal  velocity  component,  however,  consistently  show  a  large 
discrepancy  between  the  3-D  linear  solution  and  data  in  the  regions  near  shock  waves,  as 
might  be  expected.  For  that  velocity  component,  the  nonlinear  correction  is  significant 
and  must  be  included. 

Extensive  comparisons  of  theoretical  results  and  data  for  loading  distributions  on 
the  external  stores  immersed  in  the  nonuniform  wing-body/pylon  flow  fields  have  also  been 
made  at  a  variety  of  flow  conditions  throughout  the  transonic  range  (Ref.  22)  and  typical 
results  of  those  comparisons  have  been  presented.  While  in  good  overall  agreement,  these 
comparisons  have  served  to  point  out  deficiences  in  the  current  loading  determination 
method  when  applied  to  transonic  flows.  These  relate  to  the  inability  of  the  method  to 
account  accurately  for  (1)  high-gradient  regions  -  either  transonic  or  otherwise;  and 
(2)  store-generated  transonic  effects.  Preliminary  results  of  an  effective  method  for 
successfully  treating  the  latter  are  presented. 

Finally,  two  ancillary  theoretical  developments;  (1)  a  rapid  perturbation  method  for 
predicting  nonlinear  transonic  flows,  and  (2)  a  wind  tunnel  interference  assessment  pro¬ 
cedure,  that  were  partially  developed  under  this  effort,  were  described  insofar  as  they 
relate  to  the  present  external  store  problems.  Preliminary  applications  of  these  methods 
indicate  that  (1)  the  perturbation  method  can  provide  an  effective  means  for  obtaining 
related  nonlinear  3-D  flow  fields,  thereby  substantially  reducing  the  computational 
requirements  for  a  design  or  parametric  analysis,  and  (2)  a  wind  tunnel  interference 
assessment  procedure  based  upon  employing  measured  pressures  on  an  outer  control  surface 
can  successfully  indicate  both  level  and  location  of  tunnel  wall  effects. 
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Fig.  1.-  Geometric  details  of  idealized 
F-16  wing-body  model. 


Fig.  2.-  Wing-body  model  and  CTS-mounted 
flow  survey  probe  in  AEDC  4T  tunnel. 
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Fig.  3.-  Inner  flow  field  survey  locations 
for  wing-body  model  tests  in  AEDC  4T 
and  16T  tunnels. 
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Fig.  4.-  Outer  flow  field  survey  locations 
for  wing-body  model  tests  in  AEDC  4T 
and  16T  tunnels. 
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Fig.  5.-  Cross-sectional  illustration  of 
various  wing-body/pylon/store  configura¬ 
tions  and  flow  field  survey  grids 
employed  in  AEDC  4T  test,  viewed 
from  rear  of  model. 


Fig.  6.-  Wing-body  model  with  wing-mounted 
pylon  and  stores  and  flow  survey  probe 
in  AEDC  4T  tunnel. 
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Fig.  16.-  Comparison  of  measured  and 
paneling  method  theoretical  differ¬ 
ences  between  wing-body/pylon  and 
wing-body  alone  flow  field 
quantities  directly  under 
wing  pylon  at  «  0.950 
and  a  »  0®. 
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Fig.  17.-  Comparison  of  measured  and  panel¬ 
ing  method  theoretical  differences  between 
wing-body /pylon  and  wing-body  alone 
flow  field  quantities  directly 
under  fuselage  pylon  at 
Mw  =  0.950  and  o  =  0®. 


Fig.  20.-  Comparison  of  theoretical  and  experimental  external  store  loadings  for 
a  store  location  directly  under  wing  pylon  at  =  0.950  and  a  “  5*. 
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Fig.  21.-  Comparison  of  measured  and  theoretical  normal-force  loading  distributions 
based  on  paneling  method  flow  field  for  store  separated  from  wing  pylon 
simulation  at  M  =  0.950  and  a  =  0°,  5°. 
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Fig.  22.-  Measured  upwash  for  wing-body /pylon  model  for  flow  survey  location 
directly  under  wing  pylon  at  the  test  Mach  numbers  and  a  =  0°,  5'. 
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Fig.  25.-  Comparison  of  perturbation- 
predicted  nonlinear  results  and  data 
for  local  upwash  directly  under  wing 
pylon  for  wing-body/pylon  model  at 
M_  =  0.950  and  a  -  2°. 


Fig.  26.-  Comparison  of  theoretical  surface 
pressure  coefficients  on  the  equivalent 
body  of  the  idealized  F-16  wing-body 
model  using  free-air  and  measured 
pressure  outer  boundary 
conditions. 
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SUMMARY 

The  need  and  use  of  computational  aerodynamics  in  the  design  of  aircraft  and  missile  configurations  in 
steady  flow  conditions  is  explored  through  several  examples.  These  include  aircraft  and  missile  synthesis 
programs  for  predesign  and  evaluation  work  of  aircraft  and  missile  weapon  systems,  subsonic  and  transonic 
airfoil  and  high  lift  design,  subsonic  and  transonic  invicid  and  viscous  wing  and  aircraft  design  in¬ 
cluding  leading  edge  vortex  flows,  aircraft-engine  integration  and  threedimensional  flows  with  separation. 

Use  of  these  numerical  and  semi-empirical  methods  can  substantially  increase  airplane  performance  capa¬ 
bilities  while  reducing  risk,  flow  time,  and  testing  requirements  and  thus  total  cost.  The  capabilities 
of  current  aerodynamic  methods  are  demonstrated  by  comparison  with  windtunnel -results  and  by  case  studies. 


INTRODUCTION 

Aircraft  development  costs  have  escalated  exceedingly  within  the  last  four  years.  Greater  emphasis  must 
be  placed  on  exploring  analytically  and  experimentally  new  configuration  concepts  aimed  at  substantially 
expanding  airplane  performance  capabilities.  The  present  state  of  the  art  in  aerodynamic  analysis  and 
design  requires  extensive  configuration  iterations  through  repeated  wind  tunnel  testing  that  is  costly, 
time  consuming,  and  relies  heavily  on  inhouse  experiences  and  expertise.  Significant  advances  have  been 
achieved  recently  in  aerodynamic  computational  methods  which  allow  the  numerical  computation  of  flows 
around  three  dimensional  configurations  and  provide  valuable  guides  to  those  seeking  understanding  of 
specific  problems  or  those  pushing  innovative  design  concepts. 

At  Dornier  a  selection  of  numerical  and  semi-empirical  methods  in  fluid  mechanics  has  been  established 
which  have  application  to  the  analysis  and  design  of  general  aviation  and  transport  aircraft  as  well  as 
fighter  type  configurations  and  missile  weapon  systems  in  the  subsonic  and  transonic  speed  regime.  A  great 
amount  of  effort  and  emphasis  has  been  placed  on  the  validation  of  these  methods  and  on  establishing 
limits  in  applicability.  Results  to  date  have  been  encouraging  and  the  use  of  those  methods  can  provide 
a  substantial  reduction  in  time  as  well  as  cost  to  achieve  a  good  design. 

This  paper  adresses  to  the  validity  and  application  of  current  aerodynamic  sizing  programs,  subsonic 
high  lift  airfoil  and  wing  analysis  methods,  transonic  inviscid  and  viscous  airfoil  and  maneuver  slat/ 
flap  codes,  program  systems  for  subsonic  and  transonic  viscous  threedimensional  flows,  engine  inlet/ 
airframe  integration,  buffet  onset  prediction,  and  delta  wing  and  strake  flow  analysis  by  nonlinear 
potential  flow  models. 


DESCRIPTION  OF  COMPUTATIONAL  AERODYNAMIC  METHODS 

A  large  selection  of  computational  methods  are  available  that  have  broad  application  to  the  analysis  and 
design  of  general  aviation,  transport,  and  fighter  aircraft  as  well  as  missiles  flying  in  the  subsonic 
and  transonic  speed  regimes.  A  thorough  review  of  these  methods  will  not  be  given  here  since  the  back¬ 
ground  literature  is  easily  accessible.  On  the  other  hand,  their  main  feature  pertinent  to  the  work 
presented  herein  are  briefly  discussed. 


Aircraft  Synthesis  Systems 

Three  different  package-  are  available  at  Dornier  to  design  and  size  aircraft  systems,  see  Ref.  1,  2,  3. 
The  block  diagram  of  method  [31  given  in  Figure  1  is  more  or  less  representative  for  aircraft  design  pro¬ 
cedures.  Based  on  a  minimum  set  of  information  about  mission  requirements  and  aircraft  size  as  well  as 
basic  aircraft  geometry  configuration  studies,  trade-offs  and  optimizations  can  be  performed.  The  aero¬ 
dynamic  characteristics  within  this  program  are  determined  by  a  semi -empirically  based  computer  program. 
Ref.  4,  which  is  an  improved  and  extended  version  of  Ref.  5.  This  method  evaluates  rapidly  and  accura¬ 
tely  the  aerodynamic  longitudinal  characteristics  of  general  aviation,  large,  and  fighter  aircraft  from 
takeoff  through  landing  and  through  the  subsonic,  transonic,  and  supersonic  speed  regimes.  It  calculates 
lift,  moment  and  drag  characteristics  at  both  low-  and  high-lift  conditions,  including  the  effects  of 
ground  proximity  during  landing  and  takeoff,  as  well  as  buffet  onset  boundaries. 

As  input  only  the  configuration  geometry  and  the  flight  condition  are  needed,  however,  user  supplied  da¬ 
ta  can  be  used  internally.  The  program  includes  the  capability  of  analyzing  both  fixed-wing  and  variable 
sweep-wing  configurations  as  well  as  strake-wing  and  supercritical  wing  designs. 
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Missile  Synthesis  System 

A  similar  computer  package  is  used  for  missile  design.  Ref.  6.  A  variety  of  different  missive  configura¬ 
tions  can  be  handled  by  the  program  whose  block  diagram  is  depicted  on  Fig.  2.  The  aerodynamic  character¬ 
istics  within  this  package  are  again  determined  by  a  semi-empirically  based  computer  program.  Ref.  7, 
which  is  specially  taylored  for  slender  missile  configurations.  This  method  evaluates  very  rapidly  the 
aerodynamic  longitudinal  characteristics  of  missiles  from  0  to  90  degrees  angle  of  attack  and  roll  through 
the  subsonic,  transonic,  and  supersonic  speed  regimes.  For  hypersonic  speed  the  angle  of  attack  range  is 
restricted  to  attached  flow.  As  input  only  the  configuration  geometry  and  the  flight  condition,  are 
needed.  The  program  includes  the  capability  of  analyzing  wings  and  tails  in  +,  X,  as  well  as  interdigi- 
tated  positions.  Bodies  can  consist  of  different  ax i symmetric  sections  and  for  wings  also  flaps  are  per¬ 
mitted. 


Subsonic  Airfoil  and  High  Lift  Systems  Design 

Several  two-dimensional  subsonic  methods  have  been  developed,  by  various  organisations,  which  are  able 
to  analyse  viscous  single  and  multiple  element  airfoil  flow  up  to  maximum  lift,  e.g.  Ref.  8,  9,  10.  All 
three  methods  are  in  use  at  Dornier  since  the  physical  models  used  are  quite  different. 

The  method  of  Grashof  [81  at  present  is  restricted  to  the  analysis  of  twodimensional  airfoils  in  viscous 
incompressible  steady  flow  with  or  without  separation.  For  this  theory  two  properties  of  such  flows  with 
dead  air  regions  are  of  basic  importance: 

-  in  the  separated  flow  a  pressure  distribution  appears  which  is  typical  for  dead  air  flows,  e.g. 

Cp  =  const 

-  between  the  dead  air  region  and  the  distant  wake  a  relatively  narrow  region  exists,  where  the  ve¬ 
locities  vanish  in  time  average  (free  stagnation  point) 

The  physical  flow  is  modelled  by  three  zones,  Fig.  3 

-  the  inviscid  and  an  irrotational  external  flow 

-  the  boundary  layer  flow 

-  the  dead  air  flow 

These  three  zones  interact  mutually.  The  events  within  the  dead-air  region  are  not  studied  in  detail,  but 
only  their  integral  reaction  upon  the  external  flow  is  considered.  The  influences  of  the  boundary  layer 
and  of  the  dead  air  upon  the  external  flow  are  simulated  by  a  fictitious  body.  Within  the  attached  flow 
region  the  physical  body  is  thickened  by  the  displacement  thickness  of  the  laminar  or  turbulent  boundary 
layer.  Downstream  of  the  separation  point  a  fictitious  contour  has  to  be  constructed  such  that  the  poten¬ 
tial  flow  over  this  body  is  just  causing  that  pressure  distribution  which  is  typical  for  dead  air  flows. 

Therefore  in  potential  flow  a  mixed  boundary  value  problem  has  to  be  solved.  The  rear  stagnation  point 
in  this  idealised  flow  corresponds  to  the  free  stagnation  point  in  the  real  flow  and  coincides  with  the 
trailing  edge  of  the  fictitious  body  extension. 

The  method  of  Jacob  [9]  can  be  applied  to  simulate  the  viscous  flow  over  systems  of  up  to  five  airfoils 
in  almost  incompressible  (M„  <  0.20)  flow  including  multiple  separation  on  the  upper  surface.  The  method 
verifies  a  three  part  flow  model 

-  attached  flow  or  flow  with  short  separation  bubbles 

-  "open  separation"  regions 

-  "closed  separation"  zone 

The  attached  flow  is  computed  as  the  converged  solution  of  the  potential  flow  and  the  laminar  or  turbu¬ 
lent  boundary  layer  including  transition  and  short  separation  bubble  treatment.  The  “open"-type  separa¬ 
tion  is  simulated  by  typical  source  distributions  (from  numerical  experiments)  which  simulate  a  dead  air 
region  with  nearly  constant  pressure.  Only  past  the  last  airfoil  section  in  streamwise  direction  a  closed 
separation  zone  is  constructed  by  sinks  and  sources.  The  potential  flow  models  are  solved  by  a  superpo¬ 
sition  of  basic  solutions.  The  boundary  layers  are  computed  by  integral  methods.  No  special  attention  is 
given  to  confluent  layers. 

The  method  of  Leicher  [10]  is  the  most  general  one,  as  far  as  the  range  of  airfoil  systems  and  the  types 
of  separation  are  concerned.  In  contrast  to  the  preceeding  ones,  this  method  does  not  model  the  separated 
region  as  a  dead  air  region  by  a  potential  flow  model,  but  computes  the  displacement  thickness  of  the 
separated  boundary  layer.  A  subsonic  compressible  twodimensional  panel  method  and  a  set  of  boundary  layer 
programs  are  connected  with  each  other  by  the  surface  transpiration  or  equivalent  source  concept.  By 
sucessive  application  of  both  programs  finally  a  converged  viscous  flow  analysis  is  available.  Drag  is 
estimated  on  the  basis  of  the  Squire  and  Young  formula  correlating  the  momentum  losses  to  drag. 

All  boundary  layer  methods  used  are  of  integral  type.  The  laminar  code  is  a  twodimensional  version  of 
Stock's  general  compressible  laminar  boundary  layer  Integral  method  [11] .  Transition  can  either  be  spe¬ 
cified  by  input  or  is  estimated  by  a  modified  empirical  Michel  correlation.  Laminar  stall  as  well  as 
short  laminar  separation  bubbles  are  included.  For  attached  turbulent  boundary  layers  Nash's  method  is 
used.  Turbulent  separation  is  modeled  within  the  turbulent  boundary  layer  method  by  semi-empirical 
assumptions  as  well  as  reattachment.  Confluent  boundary  layers  are  treated  Identically  as  in  Goradia's 
program,  Ref.  12. 
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Three-Dimensional  Subsonic  Potential  Flow-Methods  for  Arbitrary  Configurations 

A  computational  method  has  been  developed  in  Ref.  13  that  can  treat  arbitrary  subsonic  three-dimensional 
potential  flows  including  inlet  flow  fields.  This  is  a  linear  method  solving  Laplace's  equation  satisfy¬ 
ing  exact  boundary  conditions  based  on  Ref.  14  and  15.  In  this  approach  the  velocity  potential  at  any 
point  in  a  flow  field  is  expressed  in  terms  of  the  induced  effects  of  source  and  doublet  (or  vortex) 
sheet  distributed  on  the  boundary  surfaces.  The  configuration  surfaces  are  divided  into  panels,  and  hence, 
this  approach  is  known  as  a  panel  method.  Essentially,  this  is  a  general  three-dimensional  boundary  value 
problem  solver  that  is  capable  of  being  applied  to  most  problems  that  can  be  modeled  within  the  limita¬ 
tions  of  potential  flow.  Compressibility  effects  are  approximated  by  the  Goethert  rule,  and  thus  analysis 
of  transonic  flow  is  not  possible  with  this  method.  Viscous  effects  can  be  represented  by  the  surface 
displacement  or  transpiration  concept.  An  improved  higher  order  method  [16]  is  available  as  a  pilot  code. 
These  methods  are  ideally  suited  for  analyzing  complex  aircraft  configurations  in  subsonic  flow. 


Three-Dimensional  Vortex  Lattice  Method  for  Arbitrary  Configurations  Including  Vortex  Lift 

A  method  based  on  vortex  lattice  theory  has  been  developed  at  Dornier  that  can  be  applied  to  the  combined 
analysis,  induced  drag  optimization,  nonlinear  vortex  lift  (based  on  Polhamus  Analogy)  computation,  and 
jet  simulation  of  threedimensional  configurations  of  arbitrary  shape  [17],  [18].  This  is  a  linear  method 
solving  Laplace's  equation  satisfying  thin  wing  boundary  conditions  on  the  camber  surface  and  optionally 
curved  wake  influence.  The  optimization  process  utilize  the  method  of  Lagrange  multipliers.  Compressibi¬ 
lity  effects  are  approximated  by  the  mass  flux  rule.  Its  ease  of  use,  high  computational  speed,  and  de¬ 
sign  capability  make  it  particularly  valuable  in  evaluating  design  variations,  arriving  at  optimized 
configurations,  and  designing  new  wing  camberline  shapes. 


Three-Dimensional  AIC  Methods  for  Wings  with  Leading  Edge  Vortex  Separation 

The  flow  at  the  leading  edge  and  tip  edges  of  a  swept  wing  with  sharp  edges  separates  at  moderate  to 
high  angles  of  attack,  the  separation  producing  vortex  sheets  that  roll  up  into  strong  vortices  above  the 
upper  surface  of  the  wing.  The  formation  of  these  vortices  is  responsable  for  the  well  known  nonlinear 
aerodynamic  characteristics  exhibited  over  the  angle-of-attack  range.  Several  theoretical  methods  are  in 
use  to  predict  these  characteristics.  While  the  leading-edge-suction  analogy  as  used  in  Ref.  18  and  al¬ 
ready  described  in  the  preceding  chapter  is  well  suited  for  total  force  and  moment  prediction,  more 
sophisticated  methods  are  necessary  to  predict  detailed  pressure  distributions  and  flow  fields  above 
swept  wings  with  leading-edge  vortex  separation.  The  use  of  vortex  lattice  concepts  with  free  vortices 
in  Ref.  19,  20,  21  led  to  methods  which  reasonably  well  predict  the  vortex  cone  location,  but  still  do 
not  produce  good  detailed  flow  fields.  Only  the  application  of  a  new,  general,  potential  flow  computa¬ 
tion  technique  as  described  in  Ref.  22,  23  led  to  reasonable  solutions.  Based  on  this  foundamental  work 
efforts  are  going  on  at  Dornier,  Ref.  24  to  establish  an  accurate  and  reliable  method  for  flow  field 
prediction  with  free  vortex  flow.  The  essential  elements  of  these  flow  models  are  depicted  on  Fig.  4.  On 
all  surfaces  the  flow  most  be  parallel  to  the  configuration.  The  trailing  edge  sheet  (wake)  is  either 
frozen  or  aligned  with  the  local  flow,  the  free  sheets  emerging  from  the  wing  leading  edge  and  tip  are 
force  free,  the  fed  sheet  is  an  extension  of  the  free  sheet,  and  feeds  vortici*'  ’  to  the  vortex  core. 

Kutta  conditions  are  imposed  along  the  appropriate  leading,  side,  and  trailing  edges  of  the  wing  in  the 
presence  of  free  sheets  emanating  from  these  edges.  Bi-quadratic  doublet  distributions  are  used  as 
singularity-types. 


Wing  Characteristics  with  and  without  Flaps  in  Viscous  Subsonic  Flow  Including  Separated  Regions 

In  the  past  extensive  evaluation  of  experimental  data  has  been  performed  to  establish  the  semi-empirical 
method  in  Ref.  25  for  the  estimation  of  lift  distribution,  total  lift,  moment  and  drag  coefficients  for 
moderate  to  high  aspect  ratio  wings  with  and  without  flaps  up  to  maximum  lift. 

Starting  from  either  experimental  or  theoretical  airfoil  section  characteristics  beyond  maximum  lift  the 
semi-empirical  correlations  are  used  to  construct  wing  section  characteristics  which  include  planform, 
flap  and  other  three-dimensional  geometrical  effects.  In  the  next  step  a  lifting  line  method  is  used 
iteratively  to  correlate  the  spanwise  effective  angle  of  attack  and  the  local  lift  coefficient  in  agree¬ 
ment  with  the  wing  section  characteristics.  Body  effects  are  included  through  its  influence  on  lift  dis¬ 
tribution.  Finally,  the  local  lift  coefficients  are  used  to  compute  from  the  corresponding  wing  section 
characteristics  moment  and  drag  coefficients.  The  method  has  to  be  applied  very  carefully,  especially  if 
planform  shapes  are  used  which  exceed  the  configurations  being  used  for  establishing  the  empirical  corre¬ 
lation  airfoil-wing  section  characteristics. 
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Three-Dimensional  Viscous  Body  Flow  Field  Analysis 

A  general  threedimensional  boundary  layer  method  has  been  developed  at  Dornier  that  can  analyse  either 
laminar  or  turbulent  compressible  flows  on  arbitrarily  shaped  wings  and  bodies  in  curvilinear  nonortho- 
gonal  coordinates  Ref.  27,  28,  29. 

The  laminar  method  is  not  restricted  to  small  crossflow.  For  the  evaluation  of  the  integral  thicknesses 
one  parameter  velocity  profiles  for  the  main  stream  direction  and  two  parameter  velocity  profiles  for  the 
cross-flow  direction  are  used.  The  one  parameter  profile  family  is  based  on  the  similar  solutions  of  the 
boundary  layer  equations,  the  two  parameter  profile  family  results  from  a  polynomial  expression,  where 
no  boundary  conditions  of  the  Pohlhausen  type  (direct  relation  to  gradients  of  flow  properties  at  the 
outer  edge  of  the  boundary  layer  (compatibility  condition))  are  applied.  The  x-  und  y-momentum  and  the 
x-  and  y-moment  of  momentum  integral  equations  are  used  for  the  solution.  Only  for  the  case  of  orthogonal 
coordinates  1st  order  moment  of  momentum  equations  are  introduced.  They  result  from  the  x-  and  y-momentum 
equations,  which  are  multiplied  by  the  velocity  components  u  and  v,  respectively  before  the  integration. 
For  non-orthogonal  coordinates  1st  order  moment  of  momentum  equations  do  not  produce  solutions  even  when 
multiplying  the  momentum  equations  by  linear  combinations  of  the  velocity  components  u  and  v.  For  curvi¬ 
linear,  non  orthogonal  coordinates  2nd  order  moment  of  momentum  equations  are  developed,  where  the  mul¬ 
tiplication  is  done  by  the  square  of  the  resultant  velocity  0.  Since  these  equations  are  much  more 
complicated,  the  1st  order  equations,  which  concern  only  the  orthogonal  case,  are  used  for  these  problems. 

The  turbulent  integral  method  has  been  developed  at  Dornier  following  ideas  of  Myring  and  Smith.  The 
streamwise  profiles  are  represented  by  Coles  profiles,  the  cross-flow  profiles  by  Mager  or  Johnston  pro¬ 
files.  Skin  friction  is  computed  directly  from  the  velocity  profiles.  The  influence  of  compressibility 
is  accounted  for  by  applying  Eckert's  reference  temperature  concept.  The  equations  finally  solved  are 
the  x-  and  y-momentum  equation  and  the  entrainment  equation  (equilibrium  entrainment).  To  provide  for 
non-equilibrium  entrainment  lag  entrainment  has  been  included.  8oth  methods  have  been  testes  extensively 
against  finite  difference  methods,  other  integral  methods  and  experimental  results  and  have  proven  to 
be  very  reliable  and  fast  tools. 

To  provide  the  inviscid  outer  flow  field  as  output  to  the  boundary  layer  program,  interface  programs  are 
used  to  transfer  the  corresponding  data  from  the  inviscid  method  to  the  boundary  layer  program  and  vice 
versa.  The  inclusion  of  boundary  layer  technique  into  the  analysis  of  transport  and  fighter  aircraft  de¬ 
sign  provides  for  a  better  representation  of  the  real  flow  field  for  determining  wing  pressure,  but  also 
enables  more  accurate  drag  estimates  to  be  made  as  well  as  estimates  of  maneuver-boundaries. 

More  recently  there  is  increasingly  interest  in  numerical  solutions  of  the  Navier  Stokes  equations  to  si¬ 
mulate  flowfields  with  separation.  In  Ref.  26  a  threedimensional  steady  Navier-Stokes  solver  is  presented 
which  applies  to  the  vorticity  formulation.  The  higher  order  finite  difference  approximation  is  charac¬ 
terised  by  a  free  parameter  derived  from  an  exact  solution  of  the  linear  form  of  the  Burgers  equation. 

This  parameter  balances  the  convective  part  of  the  difference  equation  thus  causing  an  upwind  (convective) 
scheme  for  large  and  a  centered  (diffusive)  scheme  for  small  cell  Reynolds  numbers.  At  present  the  appli¬ 
cation  of  this  method  is  restricted  by  its  extensive  CPU-time  for  three-dimensional  cases. 


Safe  Release  and  Flight  Path  of  External  Stores 

Present  day  fighters  have  to  perform  missions  carrying  quite  different  external  stores  under  wing  and 
fuselage.  Those  external  stores  not  only  influence  the  aerodynamics  of  the  carrier,  but  also  cause  prob¬ 
lems  during  release.  A  set  of  computer  programs  has  been  developed  at  Dornier  [311  which  reasonably  well 
predicts  as  well  safe  release  under  disturbances  and  carrier  dynamics  as  delivery  characteristics.  The 
carrier  interference  effects  on  the  store  load  are  computed  by  a  modified  semiempirically  corrected 
singularity  method,  while  the  store  aerodynamics  are  taken  either  from  experiments  or  the  missile  aero¬ 
dynamics  program  of  Ref.  7.  Carrier  and  store  dynamics  are  simulated  by  a  6  DOF-program.  Main  purpose 
of  this  prediction  method  is  to  reduce  the  total  amount  of  wind  tunnel  testing  and  flight  test  to  va¬ 
lidate  the  flight  envelope  permitted  under  carriage. 


Two-Dimensional  Methods  for  Transonic  Airfoil  and  Cascade  Analysis/Design 

Several  two-dimensional  transonic  methods  have  been  developed  or  evaluated  at  Dornier,  which  are  able  to 
analyse  airfoils  or  cascades  [32),  [33],  [34],  [35],  [36].  The  TSP-methods  are  highly  improved  by  the  mass- 
flux  formulation  [34]  even  for  thick  airfoils  and  have  demonstrated  its  usefulness  in  as  much  as  analysis 
and  mixed  analysis/design  problems  can  be  solved  Including  viscous  effects  based  on  the  displacement 
thickness  as  well  as  unsteady  transonic  flow  for  flutter  prediction  [35],  Flow  time  as  well  as  computer 
costs  are  fairly  small.  The  full  potential  methods  are  superior  at  high  angle  of  attack  and  for  analysis/ 
design  in  the  leading  edge  region.  Jameson's  FL06  [16]  has  proven  to  be  very  accurate  and  fast  due  to  his 
fast  solver  but  is  lacking  flexibility  due  to  the  circle  plane  mapping  Involved.  There  is  some  indication 
that  the  finite  volume  techniques  like  the  flux  finite  element  method  137]  for  the  full  potential  equation 
or  the  quasi-time  dependent  method  [38]  for  the  Euler  eq.  are  the  more  interesting  ones  as  far  as  the 
engineering  environment  to  support  and  guide  a  design  process  is  concerned.  An  advantage  of  the  finite 
volume  Euler  method  is  the  accuracy  over  the  whole  speed  regime  from  subsonic  to  supersonic  free  stream 
Mach  numbers  even  for  flow  with  strong  shocks. 

A  finite  volume  method  for  the  solution  of  the  two-dimensional  time  -  averaged  Navier  Stokes  equations  is 
under  development  at  Dornier  [39]  but  more  work  has  to  be  done  to  make  it  useful  for  practical  design. 
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Two-Dimensional  Methods  for  Transonic  Hul tielement  Airfoil  Analysis/Design 

As  a  joint  venture  between  Saab  and  Dornier  a  numerical  method  has  been  developed  for  the  analysis  and 
mixed  analysis/design  mode  of  two-dimensional  transonic  flow  around  twoelement  airfoil  systems  [40], 

141J  Arbitrarily  shaped  airfoil  sections  can  be  treated  through  the  use  of  a  series  of  conformal  map¬ 
pings.  The  physical  domain  outside  the  two  sections  is  mapped  into  the  ring  domain  between  two  concen¬ 
tric  circles,  the  interior  of  the  outer  circle  being  the  exterior  of  the  main  airfoil  and  the  exterior 
of  the  inner  circle  being  the  exterior  of  the  secondary  airfoil.  Within  this  ring  domain  the  flow  field 
is  computed  solving  the  nonconservative  full  potential  equation  by  means  of  Jamesons  rotated  difference 
scheme  and  SIOR  in  combination  with  nonlinear  extrapolation  and  multigrid  technique.  Viscous  flow  is  si¬ 
mulated  by  coupling  the  inviscid  code  to  a  set  of  boundary  layer  methods  [38). 


Two-Dimensional /Ax i symmetric  Methods  for  Transonic  Inlet  flow  Fields 

Two  different  methods  are  being  used  at  Dornier,  one  developed  at  Saab  [43]  to  compute  the  transonic  flow 
around  axisymnetric  inlets  for  a  prescribed  mass  flow  ratio.  The  inlet  consists  of  an  initial  part  of 
arbitrary  geometry  which  is  continued  to  downstream  infinity  as  a  straight  circular  tube.  With  a  sequence 
of  conformal  mappings  and  a  final  coordinate  stretching  the  whole  exterior  and  interior  flow  field  is 
mapped  to  a  rectangular  domain  in  which  the  full  potential  equation  is  solved  using  type-dependent  line 
relaxation.  The  second  one  is  the  Dornier-developed  finite  volume  method  for  calculating  axisymmetric  and 
plane  pitot-type  inlet  flow  fields  at  supersonic  as  well  as  subsonic  free  stream  Mach  numbers  [44],  This 
second  order  accurate  time  dependent  method  solves  the  Euler  equations  in  integral  conservation-law  form. 
The  equations  are  written  with  respect  to  a  cartesian  coordinate  system  in  which  at  supersonic  speed  a 
body  and  bow  shock  fitted  mesh  adjusts  in  time  to  the  motion  of  the  bow  shock  that  is  automatically 
captured  as  part  of  the  weak  solution.  At  the  compressor  entrance  plane  inside  the  cowl  static  pressure 
is  prescribed  as  subsonic  boundary  condition.  The  method  can  treat  arbitrary  lip  shapes  and  is  presently 
being  extended  to  a  threedimensional  version.  The  integration  of  the  pressure  distribution  from  the  inlet 
throat  to  the  crest  will  provide  valuable  data  for  the  drag  estimation  as  long  as  no  large  viscous  ef¬ 
fects  are  apparent. 


Three-Dimensional  Transonic  Potential  Flow  Methods 

Several  three-dimensional  transonic  potential  flow  methods  have  been  developed,  by  various  organizations, 
which  are  able  to  analyse  either  isolated  wing  or  wing-body  combinations  '45],  [46],  [47],  [48],  [49], 

[51]  Evaluation  of  the  methods  developed  at  Dornier  [46],  [50],  the  methods  developed  as  a  joint  venture 
with  FFA,  Ref.  48,  51,  and  a  Dornier  version  of  FL022  indicate  that  the  three-dimensional  Dornier  TSP-MF 
method  based  on  the  mass  flux  concept  is  a  useful  design  tool,  in  as  much  as  arbitrary  fuselage  shapes 
can  be  modeled,  analysis  as  well  as  mixed  analysis/design  problems  can  be  solved,  shock  strength  as  well 
as  positions  are  well  predicted,  and  the  low  computer  cost  in  combination  with  the  highly  automated  in¬ 
put  provide  the  basis  for  a  method  to  be  used  in  the  engineering  environment.  On  the  other  hand  the  lack 
of  dense  mesh  spacing  in  the  nose  region  imply  use  of  grid  embedding  as  described  in  Ref.  51.  FL022  quite 
often  is  giving  fairly  good  agreement  with  experimental  results,  but  it  should  be  kept  in  mind  that  this 
method  is  not  conservative  and  neither  does  give  correct  drag  data  nor  correct  viscous  results  if  a  boun¬ 
dary  layer  method  is  coupled.  The  detailed  two-dimensional  studies  indicated  that  the  approach  of  using 
finite  volume  techniques  to  solve  either  the  full  potential  equation  or  the  Euler  equations  are  the  most 
promising  ones  for  complex  three-dimensional  flow  computations.  A  pilot  code  on  Euler  has  been  completed 

[52] ,  on  the  full  potential  equation  is  nearly  completet  [53]. 


Buffet  Onset  Prediction  for  Wings 

Some  years  ago  a  light  buffet  prediction  method  has  been  developed  at  Dornier  as  outlined  in  Ref.  54.  A 
buffeting  coefficient  is  defined  which  is  directly  related  to  the  rms  value  of  the  wing  root  bending 
moment.  Assuming  that  local  lift  oscillations  are  caused  by  flow  separation  and  are  proportional  to  the 
length  of  the  separated  flow  at  a  spanwise  station,  this  buffeting  coefficient  is  set  equal  to  the  in¬ 
tegral  evaluated  along  the  wing  span  of  the  product  of  local  separation  length  and  the  distance  from 
the  wing  roots.  Based  on  empirical  correlations  it  was  found  that  light  buffet  is  reached  if  this  buffet 
coefficient  is  equal  to  0.1.  Separation  length  versus  span  can  either  be  estimated  by  stripwise  appli¬ 
cation  of  two-dimensional  transonic  and  boundary  layer  methods  or  fully  three-dimensional  viscous  flow 
simulation  like  in  Ref.  50. 

The  limit  of  this  method  is  reached  if  no  longer  the  relationship  between  separation  length  and  the  rms 
value  is  valid.  To  avoid  this  problem  in  Ref.  50  a  semiempirical  approach  is  included  based  on  working 
plots  established  by  evaluating  experimental  data.  These  plots  include  the  influence  of  geometrical  and 
aerodynamic  parameters  on  the  buffeting  behaviour  of  wings. 
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APPLICATION  Of  METHODS 
Aerodynamic  Siting  Program  for  Aircraft 

Aerodynamic  sizing  programs  are  highly  important  tools  in  the  initial  phase  of  configurations  studies.  Their 
low  cost,  input  simplicity  and  reliability  in  use  prove  them  very  useful  for  project  engineers.  However, 
aerodynami cists  carefully  have  to  survey  the  application  since  the  integrated  program  system  is  based  on 
semi /empirical  methods  for  the  components,  which  implies  a  limitation  in  the  configuration  space.  To 
inprove  accuracy  input  of  specific  aerodynamic  characteristics  is  allowed  as  soon  as  data  are  available 
either  from  experiments  or  more  accurate  methods.  On  Fig.  5  a  redesign  of  the  FA  Phantom  is  shown,  only 
based  on  a  three-side  view  and  an  adjustment  in  Cl  max  based  on  experience  with  an  other  fighter.  The 
agreement  looks  fair. 


Aerodynamic  Sizing  Program  for  Missiles 

Although  missile  configurations  look  much  simpler  in  geometry  than  aircraft,  their  aerodynamics  are  highly 
nonlinear  and  very  hard  to  predict.  However,  the  present  semiempirical  prediction  code  proves  to  be  very 
general  in  application  and  fairly  accurate.  This  method  not  only  is  used  for  performance  prediction  but 
also  for  store  separation.  Moment  characteristics  imply  the  limitations  of  this  method,  especially  in  the 
range  of  20  <  a  <  70  degrees.  But  even  other  much  more  sophisticated  methods  suffer  from  inaccuracy  in 
this  angle  oT  attack  range. 

Due  to  it's  generality  and  input  simplicity  as  well  as  very  low  cost  this  method  is  used  widely.  Again, 
the  final  accuracy  can  be  improved  by  input  of  component  characteristics  if  available.  On  Fig.  6  a  typical 
example  for  a  canard  controlled  configuration  is  portrayed.  While  lift  and  drag  look  very  gooa,  the  mo¬ 
ment  curve  has  some  deviation  in  magnitude.  No  fitting  has  been  applied  to  this  case. 


Subsonic  High  Lift  Section  Analysis 

The  performance  of  subsonic  mechanical  high-lift  devices  is  of  high  importance  for  the  overall  economy 
and  operational  efficiency  of  present  day  general  aviation  and  transport  aircraft.  Although  a  lot  of  ex¬ 
perimental  data  is  available,  and  thus  sizing  can  be  applied  by  modifying  existing  configurations,  theo¬ 
retical  tools  are  important  and  needed.  However,  due  to  the  complexity  of  the  flowfield  with  a  variety  of 
separated  regions  all  component  methods  are  suffering  from  modelling.  Therefore  different  methods  with 
different  models  are  used  at  Oornier  to  get  different  results  from  different  points  of  view. 

Grashof's  method  is  presently  restricted  to  single  element  airfoils,  but  the  flow  model  used  seems  to  be 
reliable  and  accurate.  A  comparison  with  experiments  is  depicted  on  Fig.  7.  Although  pressure  constancy 
in  the  separated  region  is  not  prescribed  explicitly,  the  agreement  is  good. 

For  Jacob's  method  different  comparisons  are  known  from  his  publications,  even  with  ground  effects.  In 
the  present  paper  only  a  comparison  of  results  for  a  three-  and  four  element  configuration  is  shown  to 
indicate  the  value  of  such  a  method  for  understanding  slat  efficiency.  The  four  element  is  the  same  45 
the  three  element  one,  but  with  slat.  The  decrease  in  the  pressure  peak  on  the  main  airfoil  and  the  first 
flap  is  nicely  shown.  Almost  no  influence  is  indicated  on  the  second  flap. 

For  Leicher's  method  various  comparisons  are  found  in  Ref.  10,  but  the  separation  modelling  has  been  im¬ 
proved  recently  to  provide  better  results  for  flows  with  large  separated  regions. 


Subsonic  Panel  Methods 


Panel  aerodynamic  methods  have  been  used  at  Domier  since  1971.  During  this  time  period,  the  panel  method 
has  been  validated  as  a  very  reliable  tool  in  predicting  the  aerodynamic  characteristics  of  airplanes  ope¬ 
rating  at  subcritical  Mach  numbers.  More  recently  the  handling  of  such  programs  has  been  highly  improved 
by  semi-automatically  generated  paneling  using  CADAM-software  as  depicted  on  Fig.  One  interesting  ex¬ 
ample  of  its  use  has  been  on  the  initial  design  phase  of  the  Alpha  Jet  [131.  A  tpyical  example  showing 
isobars  is  depicted  in  Fig.  1.  In  this  example,  main  emphasis  has  been  given  to  the  design  of  the  channel 
between  the  wing  lower  surface,  the  body  side  and  the  engine  inlet. 

The  panel  methods  can  also  be  used  to  study  the  mutual  Interference  between  different  components  Including 
the  engine  inlet  for  different  engine  conditions.  Panel  arrangement  and  results  in  comparison  with  wind 
tunnel  experiments  are  portrayed  in  Fig.  2. 

Such  results  provide  very  accurate  Information  for  local  design  modifications,  while  only  final  selected 
ones  are  tested  In  the  wind  tunnel  to  verify  predictions. 
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Vortex  lattice  Methods 

Vortex  lattice  methods  are  very  easy  to  handle  and  fast  tools  for  design  studies,  not  only  for  simple  wing 
shapes  but  also  for  winglets,  high  lift  devices,  wind  tunnel  wall  interference,  shrouded  propellers,  jet 
effects  and  wing-wing  interference  problems.  They  provide  not  only  accurate  lift  and  moment  curves,  but 
also  very  good  induced  drag  results.  This  method  has  been  used  extensively  at  Dornier  for  linear  flow  pro¬ 
blems,  while  the  use  in  nonlinear  aerodynamics  is  fairly  new.  As  shown  in  Fig.  3,  the  vortex-lattice  me¬ 
thod  in  combination  with  Polhamus -Ana logy  is  a  very  reliable  tool  to  predict  the  nonlinear  flow  behaviour 
caused  by  leading  edge  separation  [181.  The  deviations  in  the  moment  curve  for  small,  resp.  negative  lift 
is  due  to  deficiencies  in  the  body  description.  Even  configurations  with  leading  and/or  trailing  edge 
flaps  are  simulated  nicely.  For  modern  fighter  design  with  wings  of  large  sweep  this  method  plays  an 
important  role  in  wing  as  well  as  maneuver  flap  design. 


Leading  Edge  Vortex  Flow  Fields 

In  the  present  form,  the  program  is  a  research  tool  for  numerical  experimentation;  the  major  emphasis  is 
to  incorporate  differents  models  and  to  study  basic  modelling  as  well  as  flow  field  effects. 

Delta  wings  provide  many  inside  for  understanding  leading  edge  vortex  flow.  In  addition,  they  represent 
a  simple  geometry  which  is  ideal  for  numerical  experimentation.  Fig.  13  shows  the  free  vortex  sheet  de¬ 
velopment  over  the  wing  and  a  comparison  of  the  pressure  distribution.  The  agreement  with  the  Boeing 
method  is  very  good,  but  the  experimental  pressures  still  are  different.  Nicely  the  decrease  in  pressure 
due  to  the  trailing  edge  Kutta  condition  can  be  seen.  On  Fig.  14  the  importance  of  a  proper  wake  modelling 
can  be  seen  since  the  wake  can  not  be  treated  as  frozen  at  all  to  reproduce  the  correct  physics  shown  by 
the  Hummel -experiment.  Continuing  work  is  going  on  to  simulate  the  flowfield  over  strake-type  wings  and 
bodies  with  free  vortices  by  coupling  with  boundary  layer  programs. 


Subsonic  High  Lift  Wing  Analysis 

This  very  useful  tool  for  high  lift  design  of  general  aviation-,  transport-  and  at  least  moderate  aspect 
ratio  fighter  configurations  meets  the  engineering  requirements  since  it  is  a  fast  tool  for  the  estimation 
of  maximum  lift  as  well  as  stall  characteristics  in  the  pre-phase  studies  of  aircraft,  when  no  windtunnel 
results  are  available.  The  use  of  this  method  needs  an  experienced  aerodynamicist  for  complex  configurations 
with  part  span  flaps  or  boundary  layer  fences  are  involved.  The  upper  part  of  Fig.  15  shows  the  comparison 
in  lift,  moment  and  drag  versus  experimental  results  for  an  unswept  AR-9  wing.  The  lower  part  portrayes 
the  lift  distribution  versus  span  for  three  anqles  of  attack  in  comparison  with  experimental  results  from 
oil  flow  pictures.  The  configuration  now  is  an  AR=6  wing  with  part  span  flaps.  Both  comparison  clearly 
indicate  the  useful  1  ness  of  such  a  method. 

If  further  experiments  are  available  the  range  of  applicability  can  be  increased  or  updated  by  establish¬ 
ing  new  working  plots. 


Three-Dimensional  Viscous  Body  Flow  Field  Analysis 

The  three-dimensional  boundary  layer  development  greatly  influences  the  performance  of  subsonic  and  trans¬ 
onic  aircraft.  While  the  use  of  boundary  layer  method  to  study  wing  characteristics  has  become  quite  popu¬ 
lar,  e.g.  [27],  [55],  [56],  only  a  few  items  are  known  for  three-dimensional  body  analysis.  Through  its 
validation  the  Dornier  method  [28J,  [29]  has  been  extensively  tested  for  flows  over  ellipsoids  at  angle 
of  attack.  Fig.  16  portrayes  some  of  the  results  for  an  axis-ratio  8  ellipsoid. 

Separation  line  pattern  over  the  whole  range  of  incidence  agree  well  with  those  predicted  by  the  finite 
difference  method  of  Geissler  and  even  the  shear  stress  at  the  wall  compares  very  well  with  that  measured 
by  DFVLR  or  computed  by  Cebeci's  FD  method.  More  recent  studies  [29]  on  the  symnetry  lines  nicely  repro¬ 
duce  the  switching  characteristics  of  the  separation  point  versus  a  [Fig.  17]. 

However,  more  work  has  to  be  done  to  combine  this  method  with  inviscid  programs  in  order  to  study  separa¬ 
tion  and  vortex  shedding  from  bodies. 

On  Fig.  18  first  results  of  Stock's  inverse  integral  method  [30]  are  shown  for  an  infinite  swept  wing. 

This  code  will  provide  the  basic  capability  to  compute  through  separation. 

Although  it  is  presently  far  beyond  the  engineering  application,  some  results  of  Haase's  three-dimensio¬ 
nal  steady  Navier  Stokes  Solver  [26]  are  portrayed  on  Fig.  19  for  the  ellipsoid  mentioned  before.  Even 
in  research  computations  the  applications  are  limited  due  to  the  total  amount  of  grid  points  either  in 
Re-number  (scaling  of  the  thin  layers)  or  in  complexity.  Future  computers  and  accelerated  schemes,  howe¬ 
ver,  will  provide  the  basis  for  such  computations. 
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Safe  Release  of  External  Stores 


Aircraft  store  compatibility  is  one  of  the  major  problems  for  present  day  fighters.  One  indication  might 
be  the  devotion  of  a  whole  session  of  the  present  AGARD  Conference  to  this  subject.  The  problem  can  be 
seen  at  least  three-part:  Carrier-disturbances  by  store  carriage  and  release,  free  store  release,  and 
accurate  weapons  delivery.  The  present  examples  only  address  to  safe  release,  although  methods  are  fre¬ 
quently  in  use  to  study  the  other  effects.  The  attempt  of  Fig.  20  is  to  show  by  simulations  with  the 
computer  code  of  Ref.  31  the  influences  of  carrier  interference  and  dynamic  store  derivatives  on  the 
release  of  two  different  store.  The  final  simulation  agrees  well  with  the  experimental  data.  But  I  would 
like  heavily  stress  the  importance  of  the  inclusion  of  dynamic  derivatives  in  store  release  simulation 
since  they  seem  to  play  an  important  role. 

The  present  method  is  extensively  used  in  release  studies  for  new  configurations  or  for  standard  earner 
with  new  stores.  In  a  more  recent  version  even  the  release  of  target-type  stores  tixed  to  a  cable  can  be 
simulated. 


Transonic  Airfoil 'Cascade  Ana lysis/ Design 

The  validation  of  two-dimensional  transonic  potential  flow  methods  is  almost  established  by  numerous  su¬ 
percritical  airfoil  designs  based  on  CFO  methods.  Fig.  21  shows  computed  versus  measured  pressure  distri¬ 
butions  for  the  Dornier  A-l  12  t  thick  airfoil,  viscous  as  well  as  wall  effects  in  the  computations  inclu¬ 
ded  [32].  The  result  clearly  indicates  the  Importance  of  boundary  layer  effects  even  in  the  design  region. 
Although  design  as  well  as  analysis  of  this  section  have  been  done  using  TSP,  we  are  aware  of  the  limita¬ 
tions  of  TSP-methods.  However,  the  type  of  numerical  method,  especially  conservation  of  mass,  can  have 
stronger  Influence  on  the  results  than  the  TSP-assumptions.  Therefore,  more  recent  studies  led  to  the  de¬ 
velopment  of  a  two-dimensional  flux-finite  element  method  for  the  full  potential  equation  which  at  pre¬ 
sent  only  has  been  verified  for  the  analysis/design  of  cascades  [37],  see  Fig.  22,  and  to  a  finite  vo¬ 
lume  method  to  solve  the  quasi  time-dependent  Euler  equations  around  airfoils  [38]  as  shown  in  Fig.  23. 

For  comparison,  also  the  TSP-MF  results  are  included,  while  there  is  almost  no  difference  in  the  non¬ 
lifting  case,  a  large  effect  is  apparent  for  lift.  Careful  studies  of  shock  and  Kutta-condition  will 
clarify  this  difference. 

Both  flux  methods  are  very  general  in  their  application  to  arbitrary  configuration  shapes  and  nonorthogo- 
nal  mesh  systems.  While  the  FFEM-raethod  is  very  fast  (0.15  ms  per  iteration  and  mesh  point  IBM  370/158), 
the  finite  volume  method  (0.8  ms)  is  best  suited  to  produce  datum  solutions  and  accurate  results  for 
strong  stocks  which  lie  beyond  the  isentropic  assumptions. 

Since  transonic  flow  phenomena  do  not  only  play  an  important  role  in  aerodynamic  design  but  also  in  flut¬ 
ter  analysis,  the  Oornier-TSP  method  has  been  extended  to  treat  harmonically  oscillating  airfoils  [35]. 

The  comparison  in  Fig.  24  indicates  fair  agreement  with  other  transonic  methods  as  well  as  experimental 
data.  However,  more  work  has  to  be  done  here  to  include  viscous  effects  and  nonlinear  effects  which  imply 
the  use  of  more  complete  unsteady  equations. 


Transonic  Two-Element  Airfoil  Analysis/Design 

The  performance  of  mechanical  high-lift  devices  is  of  increasing  importance  for  the  overall  economy  and 
operational  efficiency  of  all  types  of  aircraft.  The  use  of  such  devices  for  combat  aircraft  at  transonic 
speed  offers  the  chance  of  greatly  enhancing  maneuvering  capabilities  without  affecting  cruise  performan¬ 
ce.  Climb  and  turn  rates  of  existing  modern  fighters  at  transonic  speed  are  remarkably  improved  by  the 
use  of  slats  and  flaps,  although  these  configurations  have  not  been  optimized  as  such  devices. 

At  low  speed  such  devices  can  be  efficiently  designed  by  means  of  numerical  methods  and  a  lot  of  avail¬ 
able  experimental  data.  At  transonic  speed,  however,  we  are  lacking  experimental  data  for  airfoils  with 
slats  and  flaps  to  establish  a  data  base.  Extensive  wind  tunnel  testing  on  such  airfoil  systems  is  highly 
costly  due  to  the  large  number  of  parameters  and  at  transonic  speed  no  simple  interpolation  in  a  data  base 
is  possible.  Only  since  recently  transonic  viscous  analysis/design  methods  are  in  use  for  configuration 
studies  and  Improvements.  In  Fig.  25  results  are  depicted  for  an  airfoil/slat  configuration  with  upper 
slat  surface  and  main  airfoil  shape  plus  lower  surface  slat  pressure  distribution  as  input.  The  results 
for  this  mixed  analyses/design  mode  run  agree  very  well  with  the  experimental  data  and  indicate  clearly 
the  large  separated  region  on  the  lower  slat  surfaces.  This  mode  can  be  used  not  only  to  understand  the 
flow  field  characteristics  of  existing  slats  or  flaps,  but  also  to  efficiently  redesign  configurations 
to  avoid  separation.  Fig.  26  Indicates  a  redesign  process  for  the  slat  lower  surface  to  a  NACA  64A010 
airfoil  section. 

For  analysis  problems  viscous  effects  have  to  be  included  not  only  by  means  of  laminar  and  turbulent  boun¬ 
dary  layers,  but  also  short  and  long  separation  bubbles,  confluent  boundary  layers  and  trailing  edge  se¬ 
paration.  The  present  system  of  codes  for  viscous  transonic  two-element  airfoil  analysis  has  been  success¬ 
fully  applied  to  simulate  the  flow  field  around  the  Do-A4  airfoil  with  a  slat  or  flap.  In  Fig.  27  and  28 
results  are  compared  with  the  experimental  data.  The  computed  pressures  agree  fairly  well  with  the  experi¬ 
mental  ones,  even  for  cases  with  large  separated  regions  where  viscous  effects  completely  dominate.  Since 
such  numerical  simulations  are  rather  fast  and  Inexpensive,  it  is  obvious  that  such  computational  methods 
are  useful  tools  for  designers  looking  for  efficient  high  lift  and  maneuver  devices.  The  design  time  as 
well  as  cost  can  be  much  reduced  by  using  such  numerical  results. 


The  efficiency  of  modern  transonic  and  supersonic  aircraft  to  quite  a  large  extent  depends  on  the  recom¬ 
pression  characteristics  and  the  avoidance  of  separation  causing  distortion.  Experience  has  proven  pitot- 
type  inlets  to  be  well  suited  to  design  criterion  at  supersonic  as  well  as  subsonic  and  transonic  speed. 
For  the  investigation  of  such  types  of  flow  fields  with  subsonic  free  stream  Mach  numbers,  Dor.iier  has 
adapted  Arlinger's  method  for  ax i symmetric  inlets  [431.  A  tpyical  result  with  good  agreement  is  shown  in 
Fig.  29.  Although  this  method  gives  very  accurate  results,  it  lacks  the  generality  for  extensions  to 
three-dimensional  configurations.  Since  the  study  of  pitot-inlets  at  supersonic  and  large  subsonic  free 
stream  raises  some  questions  about  the  disregard  of  total  pressure  losses  due  to  shock  in  methods  using 
the  potential  equation,  Oornier  decided  to  develop  its  own  method  based  on  the  numerical  solution  of  the 
full  Euler  equations.  First  results  of  the  plane  and  axisymmetric  version  of  this  finite  volume  method 
[441  are  portrayed  in  Fig.  30.  Fair  agreement  is  reached  for  the  fairly  low  supersonic  Mach  number  with 
Arlinger's  supersonic  version  as  well  as  experimental  data.  Unfortunately  we  are  lacking  experimental  da¬ 
ta  for  a  detailed  evaluation  at  higher  Mach  numbers.  For  application  in  realistic  aerodynamic  design 
studies  for  fighters  a  three-dimensional  version  of  the  finite  volume  method  is  nearly  completed.  For 
final  flow  simulations  the  corresponding  viscous  codes  will  be  coupled. 


Transonic  Wing/Wing-Body  Analysis 

The  validation  of  three-dimensional  transonic  potential  flow  methods  has  been  reported  recently  in  several 
papers,  e.g.  see  References  48,  50,  56  and  57,  to  name  a  few.  During  the  application  of  the  TSP-MF  method 
for  analysis  as  well  as  design  case  studies,  it  was  found  that  the  method  is  well  suited  to  meet  the  re¬ 
quirements  of  engineering  in  as  much  as  the  code  is  fast  (0.14  ms  per  iteration  and  grid  point),  designed 
for  interactive  treatment  and  very  general  in  its  use  as  depicted  in  Fig.  31. 

For  final  results  the  full  potential  loop  can  be  used  to  ensure  no  major  errors  due  to  TSP-assumptions. 
However,  this  code  is  suffering  from  its  orthogonal  grid  system  in  as  much  as  the  leading  edge  represen¬ 
tation  for  swept  wings  is  poor  as  long  as  no  extremely  fine  grid  systems  are  used.  The  Figures  32-39  show 
some  of  the  results  for  validation  of  the  method  for  a  wide  range  of  configurations.  Relatively  thick 
large  aspect  ratio  wings  as  well  as  moderate  aspect  ratio  fighter  wings  with  complex  fuselage  shape  have 
been  designed  or  analyzed  before  the  wind  tunnel  test  became  available. 

For  fighter  configurations  with  complex  bodies  the  deviations  at  higher  Mach  numbers  don't  seem  to  be  to 
TSP  assumptions  rather  than  inadequate  fuselage  modelling.  Full  potential  FL022  computations  for  the  wing 
alone  did  not  improve  the  agreement. 

For  transport  type  configurations  in  analysis  (Fig.  34)  as  well  as  mixed  analysis/design  mode  (Fig.  37) 
the  method  proved  to  be  very  reliable,  but  is  suffering  from  the  poor  leading  edge  description.  However, 
the  basic  character  of  the  pressure  distribution  and  the  shock  position  and  strength  is  fairly  well  pre¬ 
dicted.  The  recently  included  grid  unbedding  technique  in  the  TSP-MF  method  [51]  highly  improves  the 
leading  edge  and  shock  resolution  as  shown  on  Fig.  39. 

The  PT-7  configuration  shown  on  Figure  36  has  been  a  design  case  study  [48]  testing  extensively  the  mixed 
mode  capabilities  of  the  TSP-method  as  a  joint  venture  between  Dornier  and  FFA. 

First  results  of  the  three-dimensional  finite  volume  Euler  code  [52],  [59]  are  portrayed  on  Fig.  38. 

Since  two-dimensional  experience  has  indicated  the  large  influence  of  the  viscous  effects,  also  in  three- 
dimensional  flows,  the  viscous  displacement  thickness  effect  of  the  three-dimensional  boundary  layer  over 
the  wing  has  to  be  taken  into  account  in  order  to  produce  accurate  performance  characteristics.  The  cou¬ 
pling  of  the  three-dimensional  boundary  layer  integral  methods  [27],  [28]  with  inviscid  potential  flow 
programs  provides  the  capability  for  better  wing  design,  for  diagnosis  of  specific  wing  design  problems, 
and  for  evaluating  the  wing  performance  beyond  the  Reynolds  number  range  of  present  wind  tunnels.  Since 
the  boundary  layer  program  allows  for  arbitrary,  even  nonorthogonal  coordinate  systems,  no  special  inter¬ 
face  programs  are  needed  to  convert  grid  systems.  Only  corresponding  data  handling  in  the  inviscid  method 
coordinate  system  is  needed.  Thereby  it  is  possible  to  cycle  several  times  between  viscous  and  inviscid 
programs.  In  Fig.  36  the  changes  in  pressure  distribution  corresponding  to  the  number  of  iteration  cycles 
is  portrayed.  It  has  been  found  that  a  number  of  cycles  between  the  transonic  potential  flow  program  and 
the  boundary  layer  code  is  necessary  to  achieve  a  satisfactory  converged  solution,  i.e.,  until  the  pres¬ 
sure  distribution  and  the  boundary  layer  displacement  thickness  5»  do  not  change  significantly  between 
cycles.  The  general  trends  of  the  measured  pressure  distributions  are  matched  by  the  theory.  However,  a 
finer  mesh  would  improve  the  agreement  in  the  nose  as  well  as  shock  region.  In  Fig.  36  also  the  corres¬ 
ponding  changes  in  displacement  thickness  for  section  2  and  the  variation  of  the  computed  separation  line 
are  shown.  It  is  clearly  indicated  that  a  boundary  layer  method  within  this  cycle  has  to  be  able  to  treat 
separated  regions  since  the  fully  inviscid  initial  solution  might  exhibit  relatively  large  partial  sepa¬ 
ration  although  the  final  converged  viscous  solutions  is  almost  free  of  separated  regions.  For  complete¬ 
ness,  the  spanwise  lift  distribution  and  the  computed  dragrise  curve  are  also  included.  Measured  and 
calculated  dragrise  compare  reasonably  well.  The  capability  of  estimating  the  spanwise  variation  of  wing 
drag  components,  lift  distribution  and  separation,  identifies  the  critical  wing  design  regions  and  allows 
for  proper  wing  modification  with  reasonable  assurance  of  success. 
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Light  Buffeting  Prediction 

Although  buffet  is  only  one  and  possibly  even  a  very  weak  limitation  in  maneuver  for  fighter  configura¬ 
tions,  it  can  be  thought  as  a  first  indication  for  other  more  severe  evidents.  The  Dornier  method  for 
light  buffet  prediction  [54]  presently  is  restricted  to  sweep  angles  0  <t25  <  50°,  thicknesses 
0.04  <  f/c  <  12,  aspect  ratios  2  <  AR  <  7.5  and  moderate  canter  0.035  <  f/c  <  0.  This  limitation  results 
from  the  configurations  used  to  establish  the  working  plots.  Extensions  are  possible  by  establishing  new 
plots.  The  comparisons  on  Fig.  40  with  experiments  clearly  validate  the  method  as  an  engineering  tool. 

Recently  this  method  has  been  included  in  the  aircraft  aerodynamics  prediction  code  [4]  to  provide  buffet 
information  even  in  configuration  studies. 


CONCLUDING  REMARKS 

The  significant  advances  that  have  been  made  in  computational  fluid  mechanics  are  having  considerable  im¬ 
pact  on  the  aerodynamic  design  process.  Subsonic  panel  and  vortex  lattice  methods,  when  used  within  their 
limits  of  application,  provide  valuable  insight  into  complex  flow  fields,  guidance  for  achieving  integra¬ 
ted  designs,  and  ability  to  explore  innovative  configuration  designs.  The  use  of  these  methods  can  sub¬ 
stantially  increase  airplane  performance  capabilities.  The  integrated  computer  program  system  to  analyse 
subsonic  and  transonic,  viscous  flow  over  airfoils,  multi-element  airfoil  systems  and  wings  and  wing-body 
combinations  for  transport  as  well  as  fighter  aircraft  have  emerged  as  a  very  important  tool  to  support 
the  wing  design  process,  and  to  support  diagnostic  investigation  of  the  aircraft  performance. 

Rewarding  as  the  accomplishments  in  computational  aerodynamic  design  have  been,  much  work  remains  yet  to 
be  done.  The  three-dimensional  transonic  inviscid  flow  methods  need  to  be  generalized  to  include  the  com¬ 
plete  configuration  and  to  greatly  simplify  the  user's  input  and  output  data  manipulation  and  reduce  com¬ 
puter  as  well  as  man  costs.  The  three-dimensional  boundary  layer  method  needs  to  be  enhanced  to  include 
the  fuselage,  to  handle  surface  intersection  problems,  and  to  analyse  separated  flows.  Most  work  has  been 
towards  better  numerical  methods  at  design  conditions  of  modern  aircraft.  However,  off -design  is  limiting 
the  capabilities  or  real  configurations.  A  lot  of  work  in  CFD  and  experiments  has  to  be  done  to  under¬ 
stand  those  phenomena  causing  maneuver  boundaries.  This  will  imply  more  work  on  unsteady  time-accurate 
flow  simulations. 

However,  all  integrated  systems  of  computer  programs  are  only  operational  as  design  tools  within  the  pro¬ 
ject  engineering  area,  if  the  easy  preparation  of  input  data,  the  visibility  of  output,  the  flow  time  re¬ 
quired  to  get  final  results,  and  the  computer  costs  or  running  these  methods  are  highly  improved.  If  these 
enhancements  are  not  included,  we  may  never  experience  the  use  of  numerical  simulation  and  reduced  reliance 
on  the  wind  tunnel  in  airplane  design  as  many  computer  experts  suggest  and  the  basic  capabilities  of  modern 
methods  promise. 
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SUMMARY 

Recently  a  new  method  for  the  design  of  shock-free  configurations  in  the  supercritical  regime 
has  been  presented.  It  is  based  on  the  use  of  fictitious  gas  flow  in  the  supersonic  domain  in  order 
to  provide  an  elliptic  continuation  of  the  basic  equations.  Solutions  of  the  latter  ensure  suitable 
sonic  surfaces,  which  are  used  subsequently  as  initial  condition  for  conventional  shock-free  super¬ 
sonic  field  computation  and  configuration  shape  modification. 

New  concepts  in  wing  design  to  meet  the  requirements  of  higher  efficiency  of  future  aircraft 
include  airfoil  shape  modifications  such  as  for  the  Laminar  Flow  Control  (LFC)  wing,  or  for  the 
Circulation  Control  Wing  (CCW).  Results  of  shock-free  flows  past  such  airfoils  are  presented. 

The  new  design  method  can  also  be  used  for  three-dimensional  :low.  The  redesign  of  a  simple 
test  wing  is  illustrated  in  detail,  the  structure  of  shock-free  local  supersonic  regions  on  aft  and 
forward  swept  wings  is  studied. 

INTRODUCTION 

The  requirements  of  fuel  efficient  flight  have  forced  the  operating  conditions  of  modern  trans¬ 
port  aircraft  into  the  high  speed  regime.  This  fact  brought  a  large  number  of  challenging  theoreti¬ 
cal  questions  to  be  answered  for  the  development  of  computational  procedures  for  analysis  and 
design  of  aircraft  components,  but  also  many  problems  had  and  still  have  to  be  solved  if  experi¬ 
mental  investigation  in  high  speed  wind  tunnels  should  reliably  predict  aerodynamic  performance. 

The  design  goals  for  a  new  generation  of  efficient  aircraft  to  be  reached  by  theoretical  and  experi¬ 
mental  work  are  dominated  by  the  need  to  increase  flight  speed  but  to  suppress  the  accompanying 
negative  effects  resulting  from  recompression  shock  waves  and  viscous  interaction. 

The  knowledge  of  analytical  solutions  for  inviscid  transonic  flows  without  shocks  given  by 
Ringleb  [1 )  did  not  consequently  yield  theoretical  results  for  shock  free  flows  past  wings  or  airfoils 
first,  before  experimental  verification  could  affirm  theoretically  born  concepts.  Mathematical  ques¬ 
tions  about  existence  and  stability  left  doubts  about  the  practical  value  of  such  flows;  also  the 
transonic  regime  was  considered  more'  a  transition  phase  to  supersonic  operating  conditions,  neces¬ 
sarily  passed  only  in  acceleration  and  deceleration  phases  of  the  flight.  This  situation  changed 
when  supersonic  transport  was  postponed  in  the  United  States.  Consequently  the  design  conditions 
were  moved  into  the  high  subsonic  regime  with  many  transonic  flow  phenomena  occurring  and  thus 
actualizing  many  unsolved  problems.  Whitcomb's  [2|  and  Pearcey’s  [3]  experimental  work  brought 
first  results  of  practically  shock-free  airfoil  flows  in  transonic  speeds.  Also  first  analytical  shock- 
free  flow  results  were  given  by  Nieuwland  [4j,  computational  design  methods  were  developed  by 
Garabedian  and  Korn  [5],  and  by  Boerstoel  [ 6  J.  Another,  more  recent  and  urgent  call  for  design 
techniques  for  efficient  aircraft  resulted  from  sharply  rising  fuel  costs.  Systematical  methods  for 
aircraft  design  are  needed  now  mor  ■  than  ever  and  the  supercritical  (nearly  shock-free)  wing 
seems  to  be  one  of  the  most  promising  components  among  the  many  innovations  currently  studied, 
tested  and  already  used  in  new  aircraft. 

The  mentioned  design  methods  for  airfoils  work  in  the  hodograph  plane,  where  the  basic  equa¬ 
tions  are  linear  in  contrast  to  .nonlinearity  observeG  in  2D  or  3D  physical  space.  A  number  of 
airfoils  was  obtained  and  many  were  tested  experimentally.  This  was  a  good  start  toward  the  goal 
of  systematic  computerized  design  but  hodograph  methods  are  not  applicable  to  three-dimensional 
flow  past  wings  and  other  realistic  components  of  aircraft.  For  2D  and  3D  flow  analysis  numerical 
procedures  were  developed  [7,8,9,10]  to  predict  flow  past  given  configurations.  These  methods 
allow  the  determination  of  shock  waves  in  the  flow  with  reasonable  accuracy.  Also  viscous  inter¬ 
action  effects,  mostly  important  at  the  trailing  edge  of  wings  by  affecting  the  circulation,  are  al¬ 
ready  included  into  transonic  analysis  codes  for  airfoil  flows  [11  ].  This  situation,  namely  the  lack 
of  systematic  design  tools  for  the  development  of  new  configurations,  but  availability  of  reliable 
analysis  methods  led  to  development  of  a  theoretical  optimization  procedure  requiring  large  num¬ 
bers  of  analysis  runs  for  parametric  variations  of  given  configurations  to  find  optimal  shapes  [12]. 

In  this  paper  the  availability  of  analysis  methods  is  used  for  design  in  a  different  way.  A  new 
idea  to  obtain  shock-free  2D  airfoils  and  3D  wings  rests  on  previous  work  in  the  hodograph  for 
airfoils,  where  the  rheoelectic  analogy  was  used  to  obtain  shock-free  flows  [13).  While  being  much 
less  economical  than  the  computerized  hodograph  method  [5]  quoted  earlier,  application  of  the 
analogy  led  to  a  very  simple  new  transonic  boundary  value  problem,  which  is  not  restricted  to  the 
hodograph  approach  and  not  restricted  to  2D  flows.  Mathematically  a  method  of  analytic  continu¬ 
ation  it  may  be  interpreted  physically  as  a  gas  flow  with  certain  fictitious  properties.  Existing 
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numerical  analysis  codes  are  converted  and  extended  to  design  tools,  first  examples  for  inviscid 
shock-free  configurations  obtained  from  conventional  input  shapes  were  presented  |14).  The  evo¬ 
lution  of  the  method  from  rheoelectric  hodograph  experiments  to  numerical  design  programs  in 
physical  space  is  described  elsewhere  [15].  Airfoil  design  by  these  indirect  and  direct  approaches 
is  reviewed  [16|. 

The  purpose  of  this  paper  is  an  illustration  of  the  method  applied  to  some  recently  presented 
new  aerodynamic  concepts  [17,  18].  New  ways  to  control  boundary  layer  and  circulation  lead  to  new 
airfoil  shapes  and  variable  wing  geometry  requires  investigation  of  numerous  new  planforms.  The 
chosen  design  examples  are  intended  to  encourage  the  design  engineer  to  use  the  outlined  methods 
for  practical  problems  which  involve  transonic  flow  presently,  as  well  as  for  configuration  studies 
which  might  find  a  realization  in  the  future. 


ELLIPTIC  CONTINUATION  AND  FICTITIOUS  GAS 


A  detailed  description  of  the  design  method  applied  in  this  paper  is  given  elsewhere  [14,15,16], 
Here  a  short  explanation  is  given  for  the  method  termed  "Elliptic  Continuation  Method"  or,  with 
respect  to  physical  illustration  a  "Fictitious  Gas"  design  procedure.  For  a  given  configuration  to 
be  systematically  altered  in  order  to  be  in  shock-free  transonic  flow  at  certain  operating  conditions 
(defined  by  Mqq  the  Mach  number  and  a  the  angle  of  attack)  the  process  is  described  shortly. 


For  an  existing  reliable  analysis  algorithm  in  conservation  form  for  isentropic  irrotational  gas 
flow  we  alter  the  density  -  velocity  relation  p(q)  in  such  a  way  that  the  resulting  basic  partial 
differential  equation  to  be  solved  becomes  elliptic  in  the  entire  velocity  range.  The  isentropic  flow 
relation 


P  =  (  r  +  1 

p*  isentr.  *■  2 


i/(y-D 


(i) 


with  critical  conditions  denoted  by  superscript  *,  ensures  an  elliptic  type  equation  only  up  to  the 
critical  speed,  q  <  a*,  while  for  q  >  a*  the  equation  becomes  hyperbolic.  Consequently  we  leave 
(1)  unchanged  up  to  q  =  a*  but  introduce  an  artificial  relation  p  =  F(q)  which  replaces  (1)  in  the 
domain  q  >  a*.  We  choose,  illustrate  and  use  in  the  following  examples  the  function 

-P 

S.  =  [  9.  >  (2) 

p*  fictit.  V  a*  / 


and  realize  that  P  =  1  means  <p  q)  =  const,  which  leads  to  parabolic  type  while  P  >  1  still  gives 
hyperbolic  type  equations.  For  elliptic  type  our  fictitious  relation  (2)  therefore  is  restricted  to 
P  <  1.  Relations  (1)  and  (2)  are  drawn  in  Figure  1,  with  different  exponents  P.  We  observe  that 
only  the  parabolic  limit  P  =  1  ensures  the  same  gradient  of  relations  (1)  and  (2)  at  the  contacting 
sonic  point  q  =  a*.  One  might  expect  discontinuous  slope  of  a  combined  relation  (1 ) / (2)  in  the  sub¬ 
sonic/supersonic  domain  to  result  in  discontinuous  behavior  of  solutions  of  the  equations  at  the 
sonic  surface,  but  numerical  experiments  showed  that  none  of  such  difficulties  occured  in  both 
finite  element  [18]  and  finite  difference  [19]  evaluation  of  the  all  elliptic  partial  differential  equa¬ 
tions.  Different  values  of  P  were  studied;  our  experience  resulting  from  these  calculations  is  that 

0.5  <  P  <  0.9  (3) 

seems  to  give  optimal  resulting  sonic  surfaces,  "optimal"  in  view  of  the  subsequent  calculation  of 
the  real  local  supersonic  region  to  be  outlined  in  the  following  chapter. 

We  introduce  (2)  now  into  the  analysis  algorithm  and  switch  from  the  use  of  (1)  in  locally  com¬ 
puted  subsonic  flow  to  (2)  if  the  flow  is  supersonic.  Also, we  suppress  the  switch  to  upwind  differ¬ 
encing  and  the  use  of  numerical  viscosity  in  the  analysis  code,  because  these  tools  arc  introduced 
for  effective  calculation  of  hyperbolic  type  flow  including  shock  waves  which  do  not  occur  in  our 


Figure  1.  Isentropic  and  fictitious  density  -  velocity  relations. 
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all  elliptic  problem.  Wlien  calculating  an  example  now  we  see  that  convergence  of  the  numerical 
relaxation  procedure  is  reached  much  faster  than  in  a  mixed  type  flow  analysis  because  we  have, 
numerically,  essentially  a  subsonic  flow  problem  to  solve. 

The  result  of  this  calculation  is  a  correct  one  where  subsonic  flow  is  found.  It  also  gives  sonic- 
surfaces  which  are  found  by  interpolation  in  the  field.  Inside  a  sonic  surface  we  have  solved  a 
fictitious  supersonic  flow  problem  (or  a  flow  problem  with  fictitious  gas  behavior  if  the  speed  of 
sound  is  exceeded)  which  ensures  conservation  of  mass  and  momentum  globally,  which  is  .mportant 
for  the  ^subsequent  calculation  of  the  real  supersonic  domain.  For  this  we  need  to  know  the  flow 
vector  v  distribution  on  the  sonic  surface  where  lv|  =  a*  .  A  smooth  distribution  of  the  velocity 
components  u,  v,  w  along  the  sonic  surface  is  the  initial  condition  for  the  calculation  of  a  local 
supersonic  flow  domain  with  a  marching  procedure  as  will  be  described  next. 

ONION  PEEL  COMPUTATION  OF  LOCAL  SUPERSONIC  FIELDS 

Fictitious  gas  computation  provided  a  sonic  surface  which  has  to  be  used  subsequently  to  find 
the  supersonic  part  of  the  flow  and  a  new  body  surface  compatible  with  the  entire  resulting  shock- 
free  flow.  For  plane  airfoil  flow  the  method  of  characteristics  is  used  in  the  same  way  as  in  the 
hodograph  methods  (5,13)  to  find  the  solution  which  is  defined  beyond  the  resulting  airfoil  contour 
f,  see  Figure  2a.  Two  characteristics  i)  and  the  sonic  line  h  enclose  the  computed  flow  field. 

In  3D  flow  characteristics  are  replaced  by  Mach  conoid  envelopes  £,  t)  originating  from  the  inter¬ 
section  of  sonic  surface  h  and  stream  surface  f.  Fig.  2b.  Characteristics  and  Mach  conoids  in 
3D  flow  allow  an  extension  of  some  knowledge  about  2D  transonic  flow  phenomena  but  an  effective 
3D  method  of  characteristics  for  local  domains  has  not  yet  been  developed.  The  2D  method  of 
characteristics  may  give  results  with  limit  lines  with  locally  infinite  velocity  gradients  and  multi¬ 
valued  solutions.  The  resulting  flow  is  not  smooth  and  shock-free  if  the  limit  line  occurs  in  phy¬ 
sical  flow  between  sonic  line  and  stream  line.  Similar  problems  may  occur  in  a  3D  evaluation 
method,  limit  surfaces  may  show  and  announce  that  no  shock-free  solution  is  possible  for  the 
previously  computed  subsonic  outer  flow  and  operating  conditions.  These  limitations  should  not  be 
confused  with  possible  numerical  problems  of  a  3D  marching  procedure  described  next. 

In  2D  and  3D  flow  the  local  supersonic  domain  has  to  be  computed  starting  at  the  sonic  surface 
which  means  starting  with  Cauchy  initial  data  and  proceed  into  a  direction  falling  outside  of  the 
Mach  conoids.  This  is  of  no  consequence  in  2D  flows  but  in  3D  flow  it  results  in  a  numerical  in¬ 
stability  requiring  a  careful  filtering  of  possibly  growing  high  frequency  perturbations  in  the 
marching  procedure,  (21 1. 

For  large  wing  sweep  or  low  aspect  ratio  lifting  -vings  the  sonic  surface  may  wrap  around  the 
leading  edge  so  that  establishment  of  a  marching  direction  from  the  sonic  surface  toward  the  initial 
configuration  boundary  may  not  be  suitable  simply  normal  to  the  wing  planform  (Figure  3a)  but 
along  curved  lines,  e.g.  defined  by  parabolic  coordinates  around  the  section  nose  focal  point 
(Fig.  3b).  The  initial  configuration  surface  within  the  sonic  surface  may  be  used  for  a  3D  grid 
definition,  like  onion  peels.  Fig.  3c. 

The  numerical  marching  procedure  consists  of  establishing  partial  derivatives  of  the  velocity 
components  (u,  v,  w)  into  the  marching  direction  which  is  performed  by  use  of  the  partial  deri¬ 
vatives  of  the  (u,  v,  w)  -  distribution  along  a  given  surface  (starting  with  the  sonic  surface)  and 
solving  the  system  of  continuity  and  irrotationality  equations.  Velocity  gradients  are  obtained  ex- 
plicitely  this  way  and  used  to  extrapolate  to  a  neighboring  surface  of  the  "onion  peel”  grid  between 
sonic  and  initial  surface.  The  step  from  one  to  the  next  surface  is  performed  iteratively  with 
averaged  gradient  ensuring  second  order  accuracy.  Partial  derivatives  of  (u,  v,  w)  -  data  along  a 
surface  are  obtained  by  spline  differentiation,  which  ensures,  together  with  a  suitable  grid  spacing, 
the  aforementioned  filtering  of  high  frequency  perturbations. 

Arriving  at  the  initial  surface  will  define  new  flow  directions  which  are  used  to  integrate  the 
new  body  stream  surface  wetted  by  supersonic  flow,  (22).  Closure  errors  of  the  deformed  surface 
indicate  conservation  errors  in  the  first  step  elliptic  computation  and/or  in  the  second  step  onion 
peel  marching  procedure. 


Figure  2.  Local  supersonic  shock-free  flow  field  in  2D  (a)  and  3D  (b). 


10-4 


Figure  3.  Onion  peel  computation  of  local  supersonic  field.  Marching  normal  to  planform  (a), 

marching  along  parabolic  coordinates  (b),  Onion  Peel  grid  using  initial  configuration  (c). 


INITIAL  CONFIGURATION  FOR  SHOCK- FREE  REDESIGN 

The  two-step  design  procedure  for  supercritical  flow  makes  use  of  the  fact  that  a  shock-free 
local  supersonic  region  influences  the  surrounding  subsonic  flow  qualitatively  like  additional  body 
displacement.  Outer  flow  therefore  cannot  distinguish  between  a  body  in  isentropic  flow  with  density 

(1)  and  a  body  somewhat  thicker  within  the  supersonic  region  in  a  flow  with  higher  fictitious  density 

(2) :  a  thicker  body  shape  is  compensated  by  narrower  adjoining  stream  tubes.  We  conclude  that 
initial  configurations  for  the  design  method  will  be  flattened  by  the  process.  The  type  of  desired 
pressure  distribution  may  be  influenced  to  some  extent  by  the  choice  of  fictitious  gas  properties  but 
more  effectively  also  by  addition  of  thickness  bumps  on  the  body.  This  is  especially  necessary  if 
an  existing  supercritical  configuration  should  be  optimized  for  some  new  operating  conditions:  The 
flat  upper  airfoil  or  wing  surface  in  combination  with  the  higher  density  fictitious  gas  results  in 
supersonic  domains  forming  patches  of  a  complicated  structure  on  the  wing,  see  Fig.  11  in  [21). 

It  was  shown  [16|  that  existing  supercritical  airfoils  which  were  found  with  a  hodograph  method  can 
also  be  verified  by  the  present  method:  an  added  surface  bump  was  adjusted  iteratively  to  the  sub¬ 
sequently  subtracted  amount  of  thickness.  So  a  "supercritical"  configuration  has  to  be  made  "con¬ 
ventional  subsonic"  before  it  is  suitable  for  supercritical  redesign.  It  is  concluded  that  subsonic 
configurations  like  NACA  -  airfoil  series  are  well  suited  input  for  transonic  redesign  which  seems 
reasonable  because  a  large  complex  of  experience  with  low  speed  airfoils  and  wings  exists  and 
much  of  it  may-  easily  be  extended  into  the  supercritical  regime  by  this  approach. 

DESIGN  OF  SHOCK- FREE  AIRFOILS 

For  illustration  of  the  airfoil  design  process  we  choose  a  reliable  transonic  analysis  method. 
Jameson's  finite  difference  relaxation  algorithm  is  used  for  inviscid  flow  computation;  the  airfoil  is 
mapped  conformally  into  a  circle  [8).  Different  concepts  exist  for  an  effective  treatment  of  viscous 
interaction  between  boundary  layer  and  potential  outer  flow:  one  way  is  the  addition  of  boundary 
layer  displacement  thickness  to  the  airfoil  and  compute  inviscid  flow  past  this  new  effective  shape 
(displacement  concept).  With  boundary  layer  thickness  growth  depending  on  the  outer  flow  pressure 
distribution  this  requires  an  iterative  process  with  each  step  performing  conformal  mapping  of  a 
new  effective  shape  to  a  circle.  The  viscous  wake  is  represented  by  an  open  trailing  edge  and  an 
inviscid  wake  model  with  constant  thickness  downstream  to  infinity.  Disadvantages  of  this  method 
are  the  time-consuming  mappings  and  poor  representation  of  viscous  effects  near  the  trailing  edge 
and  from  the  wake.  A  different  approach  overcomes  the  problem  of  repeated  mappings  by  estab¬ 
lishing  a  surface  velocity  distribution  defined  by  boundary  layer  displacement  growth,  (transpiration 
concept).  Viscous  interaction  of  boundary  layer  and  wake  at  the  trailing  edge  is  treated  with 
Melnik's  theory  [11 1,  airfoil  design  using  this  approach  is  described  elsewhere  [2 3 ). 

Results  from  a  design  method  including  viscous  effects  based  on  the  displacement  concept  are 
given  in  this  paper.  Starting  with  an  initial  guess  displacement  thickness  is  modeled  by  a  function 

t  ke  EBL, 

5  /c  =  L  CBL,  ’  (x/c)  (4) 

k  =1  K 


Suitable  choice  of  the  exponents  EBL  allows  good  representation  of  boundary  layer  computation 
results,  obtained  here  with  Rotta' s  integral  method  [24).  On  the  upper  surface  close  to  the  trailing 
edge  results  of  the  boundary  layer  computation  are  unreliable  and  displacement  is  modeled  by  an 
ad-hoc  technique  based  on  wind  tunnel  boundary  layer  and  wake  measurements  [25)  and  comparisons 
with  results  of  the  interaction  theory  [11).  Results  are  illustrated  here  for  shock-free  redesign  of 
a  given  initial  configuration  14,6  $  thick  rear  loaded  airfoil.  The  design  ^oal  for  lift  coefficient  is 
c^  =  0,6  at  a  Mach  number  M^,  -  0.73  and  a  Reynolds  number  Re  =7.10.  At  first,  analysis  com¬ 
putation  of  the  given  airfoil  at  design  conditions,  (cl  =  0.  6  is  obtained  with  an  angle  of  attack 
a  =  1.4°),  shows  that  the  flow  is  not  shock-free,  see  Figure  4.  The  analysis  version  of  the  code 
includes  treatment  of  shock-boundary  layer  interaction  which  provides  a  corrected  wall  pressure 
distribution  at  the  shock  foot  point  based  on  Inger’s  theory  [26|,  description  of  an  incorporation  of 
this  theory  into  the  inviscid  flow  and  boundary  layer  computation  is  given  elsewhere  (27).  Next  we 
switch  the  program  to  the  design  version  using  the  fictitious  gas  concept  with  P  =  0.  9  and  the 
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Figure  4. 

Analysis  of  initial  configuration  airfoil 
at  specified  operating  conditions. 
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Figure  5. 

Shock  free  redesign  of  airfoil  Fig.  4  (a)  and 
subsequent  analysis  verification  (b). 


Figure  6. 

Surface  modification  of  airfoil  Fig.  4  to  be 
shock-free  at  specified  operating  conditions 
Fig.  5. 


Figure  7. 

Boundary  layer  displacement  thickness 
modeled  (lines)  and  verified  (symbols). 
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a  DESIGN  75312  T/C  =  0.140 

RE  -  70-0NILL.  NRCH  -  0.730.  RLPHfl  =  1 -400EO 

CL  =  0-833.  CO  :  0.000.  CH  =  -0.1*9 


b  DESIGN  75313  1/C  =  0-140 

RE  =  70.0HILL.  NRCH  s  0.730.  RLPMR  *  I -400EG 

CL  =  0.799.  CO  =  0.000.  Cll  =  -0.165 


Figure  8.  Redesign  of  the  airfoil  Fig.  4  with  laminar  flow  control  (a),  lower  surface  modification 
for  LFC  applications  (b). 


method  of  characteristics.  The  result  is  a  shock-free  airfoil  with  a  rooftop  -  type  pressure  dis¬ 
tribution,  see  Figure  5.  A  subsequent  analysis  control  of  the  new  airfoil  shows  practically  shock  - 
free  flow,  too,  as  illustrated  in  Fig.  5.  Present  results  were  obtained  on  an  IBM  370/158  machine 
with  single  precision. 

The  redesigned  airfoil  differs  from  the  initial  configuration  only  along  the  arc  wetted  by  super¬ 
sonic  flow.  Figure  6  shows  the  amount  of  surface  modification  smoothly  distributed  between  2  and 
67  percent  chord  on  the  upper  surface.  The  maximal  local  thickness  reduction  is  situated  at  38 
percent  chord,  airfoil  thickness  is  reduced  from  14.6  to  14.3  percent.  Figure  7  shows  boundary 
layer  displacement  computation  results  (symbols)  and  analytical  modeling  including  trailing  edge 
correcture  (lines).  Only  three  components  (k  e  =  3  in  (4))  were  used  for  simplicity  for  upper  and 
lower  side  displacement  thickness  which  seems  generally  sufficient  for  satisfactory  modeling,  ex¬ 
cept  perhaps  here  on  the  rear  loaded  part  of  the  lower  side.  The  design  example  presented  in 
Fig.  5  has  been  obtained  for  a  high  Reynolds  number  with  an  almost  fully  turbulent  boundary  layer. 
With  respect  to  the  concept  of  maintaining  laminar  flow  over  a  large  portion  of  a  wing,  different 
design  computations  were  carried  out  for  prescribed  transition  stations.  Viscous  displacement 
growth  is  reduced  this  way  and  the  effective  Kutta  condition  allows  for  higher  circulation. 

Figure  8a  shows  a  design  with  assumed  transition  at  60  percent  chord,  lift  coefficient  has  in¬ 
creased  remarkably.  In  Fig.  8b  another  design  is  illustrated,  here  the  initial  configuration  has 
been  changed  on  the  lower  surface  prior  to  the  shock-free  design  process  in  order  to  guarantee 
the  desired  subsonic  pressure  distribution  for  a  Laminar  Flow  Control  (LFC)  wing  section.  The 
concept  is  studied  for  application  in  long  range  transport  aircraft  (29). 

While  boundary  layer  control  is  regaining  some  portion  of  ideal  inviscid  performance,  the  con¬ 
cept  of  Circulation  Control  (CC)  offers  similar  advantages  for  different  applications.  A  well-known 
phenomenon  called  the  Coanda  effect  is  used  to  obtain  high  circulation  around  airfoils  with  round 
trailing  edge,  see  Figure  9a.  Tangential  blowing  from  a  slot  maintains  attached  flow  around  a  large 
part  of  the  rounded  trailing  edge.  Circulation  is  controlled  this  way  and  allows  for  extremely  high 
lift.  The  concept  has  been  investigated  experimentally  (30)  and  applications  for  helicopter  rotors 
are  studied. 

An  idealized  treatment  of  circulatory  flow  past  round  trailing  edge  airfoils  may  be  carried  into 
the  transonic  regime  using  our  shock-free  airfoil  design  code.  As  a  simple  initial  configuration  we 
choose  a  20  ^  thick  ellipse  and  fix  the  trailing  stagnation  point  on  some  prescribed  position  on  the 
round  trailing  edge,  thus  modeling  the  main  influence  of  a  Coanda  jet  on  potential  outer  flow. 

Figure  9b.  Circulatory  flow  around  the  ellipse  results  in  large  local  supersonic  regions,  we  ask 
for  design  limits  in  Mach  number  and  lift  coefficient  defined  by  the  occurrence  of  limit  lines 
showing  from  inside  of  the  airfoil  contour.  Figure  10  shows  some  results,  two  of  them  are  ex¬ 
treme  cases  where  surface  deformation  brings  almost  corners  to  the  contour.  These  design  limits 
are  shown  in  a  c^  -  diagram  Figure  11. 


Figure  11. 

Design  limits  for  shock-free  inviscid 
redesign  of  a  20  $  thick  ellipse. 


to 


Figure  15.  Analysis  of  initial  configuration  elliptic  test  wing  0.7,  a  =  0  ,  c^  =  0.58). 


. 1  : 


Figure  16.  Analysis  of  redesigned  configuration  elliptic  test  wing  (M^  =0.7,  a  -  0  ,  c^  =  0.58). 


DESIGN  OF  3D  SHOCK-FREE  FLOWS:  A  TEST  WING  EXAMPLE 

So  far  this  paper  illustrated  some  airfoil  design  results  including  viscous  effects  or  at  least  in- 
viscid  idealizations  supporting  new  concepts  to  control  viscous  effects.  The  design  of  shock-free 
airfoils  has  proofed  to  be  an  important  first  step  of  practical  supercritical  wing  design  but  never¬ 
theless  any  systematic  extension  of  computational  techniques  from  2D  into  3D  space  is  welcome  to 
the  design  engineer. 

For  3D  wing  design  the  "Onion  Peel"  marching  procedure  is  used  but  present  experience  with 
practical  cases  is  less  extensive  than  with  airfoil  design.  Also  3D  boundary  layer  computation  is 
less  advanced.  Illustration  given  for  shock-free  wing  design  in  this  paper  is  restricted  to  inviscid 
flow.  In  the  following  results  for  a  simple  unswept  test  wing  are  given,  see  Figures  12  -  16.  An 
elliptic  planform  with  aspect  ratio  AR  =  16 /n  =  5.1  and  a  straight  quarter  chord  line  is  chosen. 
With  a  center  chord  length  c  =  1  the  rounded  wing  tip  is  located  at  x  =  0.25  and  semispan  y  =  2. 
One  single  airfoil,  the  NACA  4415  is  used  to  define  all  wing  sections.  Wing  twist  is  prescribed  by 
the  relation 

e°  =  2.  5(1  -  0.25  y2). 

For  inviscid  isentroRic  and  fictitious  gas  analysis  a  simple  finite  element  method  based  on  a 
variational  principle  was  developed  and  provided  by  A.  Eberle  ( 31|.  For  our  redesign  concept  the 
code  was  extended  by  a  careful  interpolation  of  the  sonic  surface  results,  this  is  illustrated  in 
Figure  12:  the  isometric  view  shows  the  test  wing  and  a  sonic  surface  obtained  by  fictitious  gas 
analysis  (P  =  0.9)  at  a  Mach  number  Mqq  =  0.7.  Computational  grid  points  are  marked  within  the 
fictitious  supersonic  region  on  some  representative  sections.  We  observe  that  the  size  of  the  super¬ 
sonic  region  relative  to  the  local  chord  length  is  rather  constant.  Pressure  distribution  within  the 
subsonic  field  outside  the  sonic  bubble  is  already  the  resulting  design  pressure.  Lift  and  drag  co¬ 
efficients  are  also  already  design  results,  they  will  not  be  altered  by  the  subsequent  computation 
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of  local  supersonic  flow.  Interpolated  values  of  the  velocity  distribution  are  found  on  each  section, 
here  on  some  8-10  points  along  the  sonic  lines,  depending  on  the  number  of  grid  intersections. 

Next  the  sonic  surface  values  (geometry  and  velocity  components)  are  redistributed  by  a  spline 
fit  on  a  new  grid  with  more  points  (here:  20)  on  the  sonic  lines.  From  experience  with  the  method 
of  characteristics  in  2D  it  follows  easily  that  sonic  surface  grid  points  should  lie  distributed  with 
a  density  proportional  to  streamline  curvature,  which  follows  from  the  velocity  gradients  along  the 
sonic  surface.  Also,  a  spanwise  redistribution  of  sections  may  be  useful,  here  only  the  outermost 
section  distance  was  reduced  due  to  the  large  gradients  of  geometry  and  velocity  near  the  rounded 
elliptic  tip.  For  definition  of  an  Onion  i’eel  grid  we  also  remesh  the  initial  configuration  surface 
within  the  sonic  bubble,  in  the  present  case  5  Onion  Feels  were  used  to  march  from  sonic  to  initial 
surface  as  illustrated  in  Fig.  3c.  Geometry  and  resulting  velocity  components  on  the  new  wing  sur¬ 
face  are  illustrated  in  Figure  13.  The  smooth  distribution  indicates  a  successful  suppression  of  any 
numerical  instabilities.  Velocity  defines  a  new  shock-free  distribution  of  the  pressure  coefficient 
replacing  the  fictitious  supersonic  part  of  the  results  in  Fig.  12.  The  new  surface  is  found  by 
iterative  integration  of  the  differences  between  directions  of  resulting  velocity  (u,  v,  w)  and  the 
initial  configuration  using  the  stream  surface  condition 
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where  x  (y),  z  (y)  define  a  line  along  the  wing  stream  surface.  Numerical  conservation  errors 
result  in  closure  gaps  of  the  integrated  surface.  In  Figure  14  the  resulting  surface  deformation 
without  correction  is  drawn:  a  closure  gap  approximately  10  percent  of  the  maximum  surface  de¬ 
formation  is  observed  which  seems  satisfactory  with  respect  of  the  chosen  crude  tolerance  require¬ 
ments  in  the  analysis  method.  After  a  closure  correction  the  present  result  is  used  now  to  define 
an  analytical  bump  C (cr )  to  be  subtracted  from  the  initial  configuration  sections.  In  the  present  case 
this  requires  modifications  of  the  NACA  4415  sections  between  sonic  expansion  (A)  and  recompres¬ 
sion  (B)  points.  Fig.  1  1.  The  maximum  value  of  surface  deformation  is 


and  occurs  on  the  center  section. 
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The  modeled  analytical  surface  deformation  C(°)  is  introduced  now  into  the  wing  geometry  gene¬ 
rator  code,  a  flattened  test  wing  is  created.  An  over-all  control  of  the  design  was  carried  out  next 
by  using  the  original  wing  analysis  code.  For  comparison  also  the  initial  configuration  was  analyzed 
with  the  same  operating  conditions  (as  illustrated  earlier  in  Figures  4  and  5  for  airfoil  design). 
Figure  15  shows  the  initial  configuration  in  isentropic  flow  exhibiting  a  local  supersonic  region  ter¬ 
minated  by  a  strong  shock.  Analysis  results  for  the  redesigned  wing  are  shown  in  Figure  16.  A 
very  weak  shock  -  compared  to  the  other  case  -  is  still  observed  but  shape  and  extent  of  the  sonic 
surface  come  close  to  the  design  result  in  Fig.  12. 

The  present  test  wing  example  will  be  investigated  also  by  other  analysis  and  design  methods 
and  subsequently  viscous  displacement  will  be  modeled  from  a  suitable  3D  boundary  layer  computa¬ 
tion.  Such  a  result  may  serve  also  as  an  experimental  test  case  in  a  transonic  wind  tunnel.  How¬ 
ever  until  then,  parallel  to  the  necessary  improvements  of  the  method,  studies  of  inviscid  outer 
flows  seem  useful  to  extend  knowledge  about  the  structure  of  local  supersonic  fields  embedded  in 
flows  past  different  types  of  configurations. 


STRUCTURE  OF  LOCAL  SUPERSONIC  FLOW  FAST  AFT  AND  FORWARD  SWEPT  WINGS 

Another  test  of  the  shock-free  redesign  procedure  is  an  investigation  of  forward  swept  wings  in 
transonic  flow  and  a  comparison  with  equivalent  wings  with  aft  sweep.  Simple  configurations  with 
aspect  ratio  5  and  NACA  4-digit  sections  were  used  to  study  the  influence  of  sweep  on  the  struc¬ 
ture  of  possible  shock-free  flow.  Two  wings  with  equal  aft  and  forward  sweep,  respectively,  of  the 
quarter-chord  line  were  redesigned  to  be  shock-free  at  a  Mach  number  Mqq  =  0.74.  The  wings 
have  the  same  spanwise  section  and  twist  distribution.  Angle  of  attack  was  adjusted  for  both  cases 
so  that  equal  c^  =  0.45  was  obtained.  Wing  planforms  with  the  resulting  area  of  supersonic  flow 
for  equal  (Moo.  c^)  operating  conditions  are  drawn  in  Figure  17.  We  observe  that  the  local  super¬ 
sonic  field  on  the  aft  swept  wing  extends  from  the  center  to  the  tips  with  approximately  equal  size, 
while  the  field  on  the  forward  swept  wing  does  not  extend  to  the  tips  but  is  stronger  in  the  center 
region.  We  conclude  that  wing  tip  effects  on  aft  swept  wings  might  pose  more  practical  problems 
than  on  equivalent  forward  swept  wings.  A  breakdown  of  shock -free  flow  at  the  tip  of  aft  swept 
wings  due  to  interaction  with  the  tip  vortex  seems  almost  inevitable  if  tip  vortex  and  sonic  bubble 
are  not  separated  by  a  winglet.  Our  shock-free  redesign  procedure  is  perturbed  if  the  sonic  bubble 
is  "  open  "  toward  the  tip.  A  proper  formulation  of  the  Cauchy  initial  value  problem  needs  data  on 
a  closed  bubble  in  order  to  keep  the  resulting  stream  surface  completely  within  the  domain  of  de¬ 
pendence  defined  by  the  Mach  conoid  envelopes  Fig.  2b.  The  error  of  "open  "  sonic  bubbles  is  re¬ 
flected  in  untolerable  surface  deformation  closure  gaps  in  the  tip  region  (see  Fig.  14  for  the  ellip¬ 
tic  test  wing)  or  even  a  breakdown  of  the  marching  procedure  due  to  uncontrollable  numerical  in¬ 
stabilities  proceeding  from  the  tip  toward  the  center.  Our  present  experience  to  handle  such  effects 
is  still  very  limited  but  the  favorable  effect  of  "closing"  an  open  sonic  bubble  by  a  winglet  seems 
manifest. 


Forward  swept  wings,  on  the  other  hand,  need  special  care  at  the  center  region.  Following  the 
characteristics  on  the  surface  on  both  swept  wings.  Fig.  17,  we  end  at  the  tips  T  on  the  aft  swept 
wing,  but  on  the  sonic  recompression  point  C  of  the  center  section  on  the  forward  swept  wing.  We 
conclude  that  any  perturbation  of  the  shock-free  field  is  washed  into  points  T  and  C,  respectively. 
Forward  sweep  has  a  contracting  effect  on  the  flow  past  the  upper  surface.  A  wing  body  configu¬ 
ration  with  a  forward  swept  wing  therefore  should  be  more  sensitive  to  area  ruling  of  the  body 
than  the  aft  swept  wing.  Analysis  of  the  present  redesigned  swept  wings  show  good  agreement  with 
the  design  prediction,  see  Figure  18. 

ADAPTIVE  CONFIGURATIONS 

The  chosen  examples  of  swept  wings  Fig.  17  are  investigated  at  relatively  low  transonic  Mach 
numbers  so  that  the  suitable  marching  direction  of  the  Onion  Peel  procedure  is  normal  to  the  plan- 
form  (Fig.  3a).  For  higher  Mach  numbers  and  larger  sweep,  parabolic  coordinates  (Fig.  3b)  need 
to  be  introduced.  Such  a  case  is  studied  as  another  test  example.  Figure  19a.  A  very  thick  low 
aspect  ratio  delta  wing  serves  to  study  surface  modifications  for  varying  Mach  numbers.  The  local 
supersonic  field  extends  to  the  leading  edge  (Fig.  19b)  along  a  large  portion  of  span. 

For  design  Mach  numbers  lower  than  Mqqj  the  resulting  supersonic  field  is  reduced  in 
size  and  extent  on  the  wing  surface,  it  vanishes  at  the  critical  Mach  number  Ma)  where  the 
flow  is  completely  subsonic.  Our  design  method  allows  shock-free  redesign  for  supercritical  con¬ 
ditions  M^  cr  <  Mqq  <  Mqq  i  with  a  constraint,  say  prescribed  Cj_(M<x>),  which  is  met  by  variation 
of  the  design -angle  of  attack. 

We  may  think  of  a  possible  realization  of  the  different  shock -free  shapes  for  different  Mach 
numbers  by  adaptive  section  geometry  of  the  wing  provided  by  mechanical  devices  like  elastic  or 
pneumatic  deformation,  suction  and  blowing  or  a  combination  of  these  means  (32).  An  application 
of  adaptive  section  geometry  to  a  thick  sj  an  loader  flying  wing  might  be  a  suitable  3D  experimen¬ 
tal  test  case  for  the  concept  because  of  available  space  within  the  wing  to  house  the  mechanism 
for  shape  variation. 

CONCLUSION 

A  systematical  method  to  design  supercritical  shock-free  2D  and  3D  configurations  is  illustrated. 

1  Simplified  examples  are  chosen  from  airfoils  and  wings  which  are  used  in  advanced  technology 
aerodynamic  concepts.  With  the  outlined  methods  theoretical  tools  are  presented  to  extend  essentially 
subsonic  design  aerodynamics  into  the  transonic  regime. 
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SUMMARY 

The  development  of  the  A310  wing  represents  a  major  milestone  in  the  history  of 
Furopean  transonic  wing  design  for  large  transport  aircraft.  Since  the  completion 
of  the  wing  for  the  A300,  the  revolution  in  computational  methods  for  predicting 
pressure  distributions  has  enabled  the  A310  design  to  be  carried  out  almost  wholly 
theoretically,  allowing  more  time  and  effort  in  the  wind  tunnel  programme  to  be 
directed  towards  important  interference  effects  between  the  wing  and  other  components 
of  the  aircraft. 

Following  an  overview  of  the  impact  of  the  advances  in  comput a t iona 1  methods, 
these  "interference"  aspects  of  the  A310  wing  design  will  be  presented  in  this  paper. 
Topics  from  the  theoretical  design  programme  include  the  effect  of  the  fuselage 
representation  on  the  inboard  wing  transonic  design  and  the  influence  of  the  tailplane 
in  the  optimisation  of  the  wing  twist  for  minimum  drag  etc.  Highlights,  from  the 
experimental  wind  tunnel  programme  include  the  development  of  the  wing  root  leading 
edge  fillet  to  improve  wing/ fuselage  viscous  interference,  and  the  optimisation  of  the 
flap  support  fairings  for  the  minimum  high  speed  interference.  Attention  is  drawn  to 
the  importance  of  these  aspects  in  developing  a  successful  integrated  aerodynamic 
design  for  a  transport  aircraft. 

INTRODUCTION 

The  A310  is  the  latest  addition  to  the  Airbus  Industrie  family  of  transport 
aircraft,  using  a  shortened  version  of  the  A300  fuselage  to  give  a  capacity  of  about 
210  passengers  (compared  with  260).  Initial  project  studies  explored  options  inc¬ 
luding  the  use  of  the  A300  wing  with  and  w  ithout  modifications,  but  several  fact  rs , 
with  the  greatly  increased  price  of  fuel  in  the  fore-front,  resulted  in  a  decision  to 
design  a  completely  new  wing  of  reduced  sice  for  the  A310.  Although  the  configuration 
of  the  wing  is  superficially  very  similar  to  the  A300  (Figure  1),  it  does  in  fact 
represent  a  major  milestone  in  the  history  of  Furopean  wing  design  for  large  transport 
aircraft  cruising  at  high  subsonic  speeds. 

The  wing  for  the  currently  very  successful  A300,  now  in  service  with  airlines 
worldwide,  was  designed  using  approximate  subsonic  theoretical  methods  and  relied 
heavily  on  wind  tunnel  testing  and  the  experience  of  the  Hatfield  design  team  to 
obtain  good  supercritical  flow  development  at  the  design  cruise  conditions.  Between 
the  completion  of  the  basic  A300  wing  design  in  1969  and  the  start  of  the  A310  design 
in  December  1976,  there  has  been  a  revolution  in  theoretical  pressure  distribution 
computation  methods  led  by  our  friends  in  the  United  States. 

For  the  first  time  it  became  possible  to  compute  the  transonic  flow  field  around 
a  three-dimensional  wing  with  embedded  regions  of  supersonic  flow  terminated  by  shock 
waves.  Apart  from  advancing  the  aerodynamic  standards  achievable,  this  new  theoretical 
capability  had  a  significant  effect  on  the  timescales  of  the  wing  design  process,  and 
released  time  and  effort  in  the  experimental  wind  tunnel  programme  to  investigate  the 
"interference"  problems  involved  in  integrating  the  wing  with  the  other  components  of 
the  aircraft.  Indeed,  with  the  advanced  aerodynamic  starJards  that  were  being  sought 
on  the  A310,  it  was  realised  right  at  the  start  of  this  new  project  that  this 
integration  of  the  wing  was  potentially  going  to  be  more  difficult  than  on  the  A .300. 

A  complete  description  of  the  aerodynamic  wing  design  for  the  A310  would  he 
cpjitc  outside  the  scope  of  this  paper,  as  well  as  being  outside  the  terms  of  reference 
of  this  Symposium.  Therefore,  following  a  short  description  of  the  impact  of  the  new 
computational  methods  on  the  aerodynamic  standards  achieved  and  on  the  organisation 
of  the  wind  tunnel  programme,  I  will  he  concentrating  in  this  paper  on  just  those 
aspects  of  the  high  speed  wing  design  concerned  with  the  interactions  with  the  rest 
of  the  a ircra ft . 

IMPACT  OF  THF  ADVANCF  I N  COMPUTATIONAL  Mi! HOPS 

Before  passing  on  to  the  main  objective  of  this  paper,  it  is  relevant  to  say 
something  on  the  broad  impact  that  the  new  computational  methods  have  had  on  the  wing 
design  process.  The  A310  wing  was  designed  using  computer  programs  developed  by  the 
Royal  Aircraft  establishment,  the  Aircraft  Research  Association  and  'in  house'  at  B.Ae. 
Hatfield.  The  use  of  these  programs  was  responsible  for  a  major  advance  in  aerodynamic 
standards  which  would  have  been  very  difficult  and  time  consuming  to  achieve  with  the 


mix  of  experimental  and  approximate  subsonic  computational  methods  available  at  the  time 
of  the  A  300  design.  The  advance  achieved  is  indicated  in  Figure  2  where  the  spanwise 
distribution  of  wing  thickness-chord  ratios,  and  the  compressibility  drag  rise 
boundaries  from  High  Reynolds  Number  tests  on  the  clean  wings  (mounted  on  identical 
fuselages),  are  compared  for  the  A300  and  \310.  It  may  be  seen  that  the  A310  wing  is 
substantially  thicker,  especially  at  the  inner  end  where  it  has  most  effect  on  wing 
weight  and  fuel  volume  etc.,  and  carries  considerably  more  lift  at  the  expense  of  a 

slight  loss  in  Mach  Number  capability  at  lower  lift  coefficients.  In  fact,  as  it  turned 

out,  the  wind  tunnel  programme  had  very  little  impact  on  the  wing  design  process  in 
achieving  this  advance.  This  was  a  very  different  situation  to  that  on  the  A 300,  as 

may  be  seen  hv  reference  to  the  paper  by  McRae  (Reference  II  given  to  the  Royal 

Aeronautical  Society  in  11)73. 

’  In  this  context  it  is  interesting  to  compare  the  list  of  high  speed  wind  t..nnel 
models  and  overall  timescales  relevant  to  the  basic  wing  design  for  the  A .300  an  1  A.310. 

In  Figure  .3  abridged  versions  of  Tables  .3  and  5  from  Reference  1  are  compared  with  the 
equivalent  data  for  the  A310.  Also  given  are  the  dates  for  the  start  of  the  theoretical 
wing  design  and  for  the  wing  geometry  definition  of  the  respective  aircraft.  In  fact, 
the  difference  in  model  testing  is  even  more  appreciable  than  it  appears  at  fir-'t  sight, 
as  the  two  dimensional  wing  section  testing  for  the  A310  was  at  no  time  s  i  gn  i  f j . ant  1 y 
in  advance  of  the  three  dimensional  testing.  These  two  dimensional  sections  were 
included  only  as  an  ’insurance'  for  comparison  with  the  complete  models  to  assist  in 
diagnosing  any  major  problems  if  they  occurred,  and  to  provide  vehicles  for  rapidly 
checking  minor  modifications  for  the  outboard  wing  sections  if  necessary.  I  he  first 
A310  three  dimensional  model  (Wing  4  in  Figure  3)  incorporated  a  very  preliminary  inner 
wing  design,  and  was  committed  for  testing  to  get  an  early  check  on  the  buffet  boundary 
and  general  characteristics  of  the  new  advanced  outboar„  wing  sections  for  the  A-’O, 
as  well  as  to  provide  a  model  on  which  to  start  investigating  the  various  interference 
problems  that  will  be  discussed  later  in  this  paper.  Wing  5  was  a  very  minor 
modification  to  Wing  4  to  increase  tiie  thickness  in  the  region  of  90*  chord  without 
(as  it  turned  out)  affecting  the  aerodynamics  of  the  wing. 

Wing  6  had  an  identical  outboard  wing  to  Wine  5,  and  incorporated  the  definitive 
inboard  wing  design  from  the  theoretical  design  programme.  As  expected,  this  wing 
showed  similar  buffet  characteristics  to  Wing  5,  hut  a  much  improved  drag  rise  bound;  ry. 

At  this  stage,  the  theoretical  predictions  of  the  buffet  limited  altitude 
capability  of  the  aircraft  were  being  borne  out  by  the  two  and  three  dimensional  test 
results.  Following  further  project  optimisation  studies  by  Airbus  Industrie,  the 
decision  was  taken  to  increase  the  wing  area  to  improve  the  altitude  capability,  mainly 
by  increasing  the  chord  at  constant  wing  thickness  (giving  a  pro-rata  reduction  in 
w ing/ th ickness  chord  ratio).  This  was  done  in  principle  by  redesigning  the  lower 
surface  of  the  wing  sections  and  maintaining  the  same  upper  surface  aerodynamic 
features  on  the  new  Wing  18  as  on  the  previous  King  6,  thus  involving  very  little 
aerodynamic  redesign. 

Wing  18  was  successfully  first  tested  at  ARA  Bedford  in  August  ll.)~8,  leading 
to  the  choice  of  this  wing  for  the  A310  in  the  Autumn  of  1  >‘8.  Because  of  the 
particular  circumstances  at  the  time  each  aircraft  was  going  through  its  project 
phase,  it  is  very  difficult  to  give  comparative  milestones  for  the  A 300  and  A310,  but 
the  start  and  completion  dates  given  in  Figure  3  are  as  closely  equivalent  as  it  is 
possible  to  be. 

Summarising  then,  the  modern  computational  methods  have  led  to  a  significant 
improvement  of  aerodynamic  standard  in  reduced  tinfescales  and  with  less  tunnel  testing 
than  was  the  case  for  the  A300.  On  the  other  side  of  the  equation  it  must  be  said  that 
this  does  not  necessarily  mean  that  the  A310  wing  design  in  total  was  carried  out  any 
more  cheaply  than  the  A300.  Computing  costs  balanced  the  reduction  in  experimental  cost 
but  nonetheless  the  timescales  that  might  have  been  involved  in  seeking  the  same  advance 
in  performance  with  the  older  theoretical/experimental  methods  could  easily  have  been 
more  than  twice  as  long  as  the  present  achievement  of  less  than  two  years,  if  successful 
at  all! 

FACTORS  IN  TIIF.  A310  HIGH  SPFF.D  WING  DESIGN 

The  factors  involved  right  from  the  start  of  the  A310  wing  design  process  are  shown 
in  Figure  4.  booking  through  these  items  in  turn,  the  investigations  fell  into  three 
main  areas;  the  theoretical  wing  design  already  referred  to,  the  wind  tunnel  tost 
programme  and  a  combined  programme  including  flight  testing  on  the  A300  aimed  at 
cleaning  up  the  gaps,  steps,  etc.,  due  to  manufacturing  tolerances  and  control  surfaces, 
and  at  checking  their  effects  on  the  characteristics  of  the  new  advanced  wing  design. 
Having  referred  to  the  impact  of  the  new  computational  methods  and  shown  the  general 
advance  achieved  relative  to  the  A300,  a  full  description  of  the  basic  high  speed  wing 
design  (items  1  and  2  in  Figure  4)  is  outside  the  scope  of  this  present  paper  as 
mentioned  earlier.  However,  some  aspects  of  the  theoretical  design  are  relevant  under 
the  heading  of  "interference"  (items  2  and  3)  and  these  will  be  discussed  along  with 
items  4,5  and  6  in  Figure  4  which  were  investigated  mainly  expi r imental 1 y .  For  the 
most  part,  items  7,8  and  9  were  concerned  with  the  practical  aspects  of  incorporating 
gap  sealing  and  revised  control  surface  configurations  (as  demonstrated  in  flight  on 
the  A300)  to  improve  the  cruise  drag  standard  of  the  wing,  and  with  checking  that  the 


characteristics  of  the  high  speed  control  surfaces  could  be  read  across  from  the  A300 
to  the  new  advanced  wing  design.  Again,  a  oart  of  this  investigation  was  relevant  to 
interference  problems  (item  91. 

Thus  it  will  be  seen  that  a  major  proportion  of  the  effort  that  went  into  the  design 
of  the  A310  was  directed  towards  solving  problems  concerned  with  integrating  the  wing 
into  the  aircraft  as  a  whole,  and  in  the  remainder  of  this  paper  something  will  be  said 
about  these  factors  in  turn. 

INNER  WING  DESIGN 

The  theoretical  transonic  design  of  the  inboard  wing  was  of  course  dominated  by- 
interference  problems,  fundamentally  due  to  the  presence  of  the  fuselage  complicated  by 
the  need  to  make  the  inboard  wing  as  thick  as  possible  to  improve  weight  and  fuel 
volume,  and  to  stow  the  undercarriage  behind  the  basic  structural  wing  box.  Up  to  a 
year  or  so  before  the  start  of  the  A310  programme,  the  theoretical  methods  at  our 
disposal  could  only  cope  with  the  wing  root  by  treating  it  as  the  centre  section  of  an 
isolated  swept  wing.  The  only  further  allowance  made  for  the  fuselage  was  in 
recognising  that  it  had  a  pressure  field  as  an  isolated  body  which  effectively  increased 
the  flow  velocities  over  the  wing.  This  was  incorporated  in  the  wing  design  process  as 
a  requirement  for  a  higher  design  Mach  Number  than  directly  implied  by  the  aircraft 
cruise  conditions. 

Approximating  the  wing  root  section  at  the  fuselage  side  by  the  centre  section  of 
an  isolated  swept  wing  was  known  to  be  inadequate  even  at  the  time  of  the  A300  design, 
and  the  situation  was  worse  when  the  newer  methods  offered  the  possibility  of  designing 
for  shock-free  supersonic  flow  over  the  wing  surface.  This  is  shown  in  Figure  5,  where 
an  acceptable  near  shock-free  theoretical  pressure  distribution  for  the  centre  section 
of  an  isolated  swept  wing  is  compared  with  the  predicted  pressure  distribution  for  the 
wing/fuselage  combination,  with  the  same  geometry  at  the  same  conditions.  It  may  be 
seen  that  a  stronger  shock  is  present  on  the  wing  upper  surface  with  the  fuselage 
present,  but  on  the  other  hand,  the  velocities  on  the  wing  lower  surface  are  less  than 
predicted  in  the  "wing  alone"  case.  These  effects  were  indeed  demonstrated  on  a 
research  wing  designed  by  the  wing-alone  transonic  theory  in  the  period  before  the 
start  of  the  work  for  the  A310.  Of  course,  the  A310  was  designed  (by  an  iterative 
procedure)  to  achieve  the  original  near  shock-free  type  of  pressure  distribution  in  the 
presence  of  the  fuselage,  and  full  use  was  made  of  the  effect  of  the  fuselage  on  the 
wing  lower  surface  to  design  for  the  maximum  root  thickness  consistent  with  the  desired 
lift  distribution  across  the  span  and  the  practical  restraints  on  the  depth  of  the  wing 
centre  section  within  the  fuselage. 

It  should  be  noted  that  the  wing/ fuselage  transonic  flow  calculation  method 
available  to  us  for  routine  use  at  the  time  of  the  A31C  wing  design  represented  the 
fuselage  as  an  infinitely  long  body  of  constant  cross-sectional  shape.  At  least  for 
the  A310  application,  and  perhaps  generally  for  transport  aircraft  where  the  wing  is 
mounted  on  the  parallel  sided  centre  section  of  the  fuselage,  this  assumption  had  been 
shown  to  be  quite  adequate  as  long  as  the  fuselage  "supervelocity"  effect  mentioned 
earlier  is  taken  into  account.  The  effect  of  the  finite  length  of  the  fuselage  on  the 
increase  in  the  flow  velocities  past  the  wing  was  an  important  consideration  for  the 
A310,  which  being  a  reduced  capacity  derivative  of  the  A300  has  a  fuselage  with  a 
relatively  high  diameter  to  length  ratio.  Simple  isolated  body  calculations  showed 
that  the  effective  average  increase  in  flow  Mach  Number  past  the  wing  due  to  the 
shortening  of  the  fuselage  relative  to  the  A300  was  of  the  order  Am  =  0.0045.  Thus 
at  constant  flight  Mach  Number,  a  reduction  in  the  drag  rise  Mach  Number  of  the  wing 
by  the  same  amount  was  predicted,  and  was  incorporated  in  the  wing  design  process. 
Although  close  to  the  accuracy  achievable  in  the  wind  tunnel  tests,  the  equivalent 
small  but  not  negligible  effect  on  cruise  drag  was  indeed  found  in  experiment  (Figure  6). 

The  wing  planform  for  the  A310  is  very  heavily  cranked  at  the  trailing  edge 
(Figure  1).  Similar  to  the  A300,  this  resulted  from  a  requirement  to  maintain  the 
trailing  edge  sweep  of  the  outboard  wing  whilst  giving  (a)  sufficient  space  and  depth 
in  the  inner  wing  to  stow  the  undercarriage  behind  the  main  load  carrying  structural 
wing  box  and  (b)  more  scope  for  increasing  the  overall  depth  of  the  inner  wing  for 
lighter  weight  and  increased  fuel  tank  volume.  There  has  been  some  discussion  about  the 
problems  that  such  a  pronounced  trailing  edge  crank  might  cause  in  a  modern  wing  design, 
but  with  the  design  philosophy  we  followed  for  the  A310,  the  planform  crank  just  did 
not  give  any  significant  trouble.  Certainly,  the  three  dimensional  calculation  methods 
available  at  the  time  were  believed  to  be  misleading  in  the  region  of  the  planform 
crank.  However,  here  the  experience  of  the  design  team  helped,  and  we  followed  the 
same  basic  concept  as  on  the  A300  in  designing  for  isobars  (lines  of  constant  pressure) 
in  the  forward  supercritical  flow  region  which  lay  along  constant  percentage  chord  lines 
of  the  basic  "trapezium"  wing  planform  (Figure  2).  This  was  backed  up  by  arranging  the 
generators  actually  defining  the  doubly  curved  surface  of  the  wing  along  the  same  lines, 
and  defining  the  curvature  of  the  inboard  trailing  edge  so  that  the  wing  section 
incidence  was  held  low  just  inboard  of  the  crank. 

One  example  of  the  success  achieved  is  given  in  Figure  7,  where  wind  tunnel  test 
wing  upper  surface  isobars  for  the  supersonic  zone  are  shown  at  a  condition  where  a 
substantial  shock  wave  has  formed  above  the  cruise  lift  coefficient  range  and  close  to 
the  buffet  boundary  at  the  long  range  cruise  Mach  Number.  A  near  constant  shock  sweep 
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has  been  maintained  (indicated  by  the  region  where  the  isobars  bunch  together  at  the  rear 
of  the  supersonic  zone)  with  some  weakening  of  the  main  shock  on  the  inner  wing  with  a 
hint  of  the  formation  of  the  traditional  forward  "lamda"  double  shock  system  near  the 
root . 

EFFECT  OF  TUB  TAILPLANil  ON  WING  TWIST  OPTIMISATION 

In  searching  for  an  improvement  in  aerodynamic  standards  it  is  very  rarely,  if 
ever,  that  an  advance  is  obtained  completely  free  from  attendant  problems  which  must  be 
allowed  for  in  the  total  optimisation  of  the  project.  Thus  in  obtaining  the  improved 
clean  wing  standards  indicated  in  Figure  2,  it  was  inevitable  that  the  increased  load 
carrying  capability  of  the  wing  sections  was  accompanied  by  higher  sectional  nose  down 
pitching  moments.  This  in  turn  implied  higher  tailplane  down-loads  to  trim  the 
aircraft  about  its  centre  of  gravity,  to  some  extent  reducing  the  load  carrying 
improvement  from  the  wing  and  also  increasing  the  importance  of  considering  the  wing 
plus  tailplane  drag  in  the  trimmed  condition,  when  optimising  such  parameters  as  wing 
twist  and  load  distribution  across  the  span.  Particularly  on  a  highly  loaded,  high 
aspect  ratio  swept  wing,  there  are  very  powerful  reasons  for  wishing  to  increase  the 
load  carried  inboard  relative  to  outboard,  either  by  tapering  the  planform  or  by 
reducing  the  incidence  of  the  outboard  wing  sections.  Not  the  least  of  these  is  the 
consideration  of  wing  weight  and  indeed  the  A310  wing  is  more  highly  tapered  than  that 
of  the  A300.  This  further  leads  to  a  requirement  to  add  more  "wash  out”  to  the  wing 
(i.e.  reduce  the  local  wing  section  incidence  outboard)  to  reduce  the  maximum  local  lift 
coefficients  which  tend  to  occur  well  outboard  due  to  the  basic  effects  of  sweep  and 
taper.  The  limit  on  what  can  be  done  in  this  respect  is  the  vortex  drag  penalty 
incurred,  due  to  the  spanwise  loading  moving  further  and  further  away  from  the  optimum 
elliptic  loading  for  minimum  vortex  drag. 

However,  concentrating  the  load  inboard  on  the  three  dimensional  swept  wing  gives 
a  nose-up  pitching  moment,  which  helps  to  compensate  the  increase  in  nose  down 
sectional  pitching  moment  referred  to  earlier.  This  effect  then  tends  to  reduce  the 
tail  down-load,  which  has  two  important  effects  on  drag:  (a)  for  a  given  trimmed  lift 
coefficient  the  wing  lift  coefficient  is  reduced,  reducing  the  wing  vortex  drag  and, 
particularly  at  important  cruise  conditions,  the  wing  compressibility  drag,  and  (b) 
the  drag  of  the  tailplane  itself  is  similarly  reduced.  Hence,  an  early  parametric 
study  was  carried  out  which  showed  that  at  the  long  range  cruise  conditions  of  lift  and 
Mach  No.  the  wing  vortex  drag  penalty  relative  to  the  elliptically  loaded  "optimum” 
could  be  allowed  to  rise  significantly  to  obtain  the  optimum  overall  drag. 

WING  ROOT  FILLET  OPTIMISATION 

We  now  turn  to  some  of  the  interference  aspects  investigated  in  the  experimental 
programme.  In  general,  it  has  been  found  that  these  items  (summarised  in  Figure  4) 
have  not  in  the  end  had  a  very  large  effect  on  the  aerodynamic  design  of  the  wing 
itself,  rather  that  the  increase  in  wing  thickness  allowed  by  the  advance  in  standards 
made  it  that  much  more  difficult  to  maintain  or  improve  upon  the  current  standards  of 
low  interference  drag  due  to  the  wing/fuselage  junction  etc.,  achieved  on  the  A300. 
Looking  at  the  wing  root  first,  the  traditional  development  area  is  at  the  rear  of  the 
wing  chord  where  without  suitable  filleting  of  the  junction  a  region  of  separated  flow 
is  likely  to  result.  The  very  large  increase  in  thickness/chord  ratio  of  the  root 
section  on  the  A310  led  to  the  expected  worsening  of  the  separation  problem  relative 
to  the  A300,  with  the  result  that  the  wing  root  trailing  edge  fillet  has  been  increased 
in  size  giving  the  saving  in  cruise  drag  as  shown  in  Figure  8.  It  should,  of  course, 
be  remembered  that  the  cruise  drag  improvements  quoted  in  Figure  8  are  indeed  relative 
to  A300  type  fillets, ’but  as  applied  to  the  A310  and  are  not  improvements  which  could  be 
achieved  anyway  on  the  A300.  It  is  perhaps  less  widely  realised  but  nonetheless  well 
documented  (for  example  references  2  and  3)  that  there  is  also  a  flow  separation 
problem  at  the  leading  edge  of  the  wing.  Without  special  filleting,  the  fuselage 
boundary  layer  approaching  the  wing  cannot  traverse  the  adverse  pressure  gradient  close 
to  the  leading  edge  stagnation  zone,  and  it  separates  from  the  fuselage  side,  rolling 
up  into  a  "stand-off  vortex”  which  is  shed  above  and  below  the  wing/fuselage  junction. 

The  energy  going  into  the  vortex  -  and  hence  drag  -  can  be  expected  to  be  a  function  of 
the  boundary  layer  thickness  approaching  the  wing  and  the  width  of  boundary  layer  flow 
affected,  which  must  clearly  in  turn  be  a  function  of  the  wing  root  depth  close  to  the 
leading  edge. 

The  significance  of  the  wing  root  "stand-off  vortex"  was  appreciated  by  the 
Hatfield  design  team  more  than  fifteen  years  ago  in  work  on  a  quite  different  project, 
and  indeed  a  fillet  aimed  at  suppressing  this  vortex  was  included  on  the  A300. 

However,  because  of  the  relatively  smaller  wing  root  leading  edge  radius  of  the  A300, 
the  potential  gain  for  suppressing  the  vortex  completely  was  fairly  modest  -  of  the 
order  jt  of  cruise  drag-and  so  only  a  small  partially  effective  leading  edge  fillet 
was  incorporated  which  would  not  interfere  with  the  chosen  geometry  of  the  leading  edge 
high  lift  devices.  On  the  other  hand,  with  the  A310  wing  root  design,  which  was  much 
thicker  than  the  A300  especially  near  the  leading  edge,  tunnel  tests  soon  showed  that 
the  potential  improvement  in  cruise  drag  for  suppressing  the  stand-off  vortex  was 
significantly  higher  -  of  order  1J1.  With  this  higher  potential  gain  and  the  increased 
emphasis  on  fuel  economy  at  the  time  of  the  A310  design,  it  was  decided  to  incorporate 
a  larger  wing  root  leading  edge  fillet  to  suppress  the  vortex  fully  and  this  time  design 
the  high  lift  device  around  the  fillet. 
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The  development  of'  this  leading  edge  fillet  for  the  A310  was  a  classic  example  of 
the  use  of  traditional  "try  it  and  see"  experimental  methods.  It  was  feasible  to 
envisage  using  theoretical  methods  to  assist  in  designing  the  fillet,  but  it  was  clear 
that  in  this  case  it  was  far  more  economical  in  time  and  effort  to  do  the  job  in  the  wind 
tunnel.  The  problem  was  one  which  could  be  attacked  in  the  initial  stages  in  an 
unpressurised  low  speed  wind  tunnel,  where  several  configurations  could  be  studied  quickly 
and  cheaply.  Even  in  these  sophisticated  days,  there  are  still  some  circumstances  left 
where  there  is  no  substitute  for  a  human  operator  with  an  eye  for  a  smooth  line  and  with 
an  experienced  thumb  to  mould  the  plasticenel  Following  initial  development,  a  more 
restricted  set  of  fillet  shapes  was  checked  at  higher  Reynolds  Number  and  at  cruise 
Mach  Numbers.  A  photograph  of  the  flow  streamlines  over  the  surface  of  the  chosen 
fillet  at  a  typical  cruise  condition  is  shown  in  Figure  9,  where  it  may  be  seen  that  the 
vortex  has  been  completely  suppressed  with  the  flow  dividing  smoothly  along  the  leading 
edge  of  the  fillet.  The  cruise  drag  saving  relative  to  the  A300  size  fillet  was  of  order 
1  1/31  as  indicated  in  Figure  8. 

FLAP  SUPPORT  FAIRINGS 

Naturally,  most  of  the  important  aerodynamic  aspects  in  optimising  the  flaps 
themselves,  and  their  support  and  drive  systems,  were  concerned  with  the  flap  effective¬ 
ness  in  improving  take-off  climb  performance  and  reducing  take-off  and  landing  distances. 
Aerodynamic  efficiency  then  had  to  be  balanced  against  weight,  and  structural  and 
mechanical  simplicity.  However,  the  fairings  necessary  to  enclose  the  flap  supports  and 
drive  system  have  a  significant  effect  on  cruise  drag,  both  from  the  straightforward 
increase  in  sk in- f r ic t ion  drag  from  the  extra  surface  area,  and  from  interference  with 
the  drag  rise  characteristic  etc.  of  the  wing  at  cruise  Mach  Numbers. 

It  was  recognised  from  tests  done  at  the  time  of  the  A300  development  that  the 
underwing  fairings  designed  for  that  aircraft  (see  Figure  1)  had  a  beneficial  effect  on 
the  wing  drag  rise  lift  coefficient/Mach  Number  boundary,  which  under  some  conditions 
more  than  offset  a  small  low  Mach  Number  basic  adverse  interference  drag  increment  due 
to  adding  the  fairings  below  the  wing.  An  example  of  this  from  A300  wind  tunnel  tests 
is  shown  in  Figure  10(a) ,  where  the  interference  drag  (that  is,  the  drag  over  and  above 
a  simple  skin  friction  plus  form  drag  estimate)  due  to  adding  the  fairings  to  the  wing 
is  plotted  against  lift  coefficient  at  a  typical  cruise  Mach  Number.  Although  a  small 
reduction  in  drag  with  increasing  lift  coefficient  might  be  expected  as  the  general  flow 
velocities  reduce  on  the  wing  lower  surface,  it  may  be  seen  that  the  trend  is  not 
progressive,  the  interference  drag  reducing  slowly  to  a  lift  coefficient  of  about  0.4 
followed  by  a  much  more  rapid  fall-off  until  the  interference  has  become  favourable 
above  a  lift  coefficient  of  about  0.43.  It  was  also  noted  that  the  A300  fairings  had 
the  effect  of  increasing  the  wing  lift  at  a  constant  incidence  and  this  appeared  to  be 
the  key  to  the  changes  in  interference  drag,  as  became  clearer  in  the  work  for  the  A310. 

The  alternative  flap  systems  that  were  considered  for  the  A310  required  the 
investigation  of  the  high  speed  inter ference  ef fee ts  o f  the  three  types  of  fairings  shown 
in  the  sketch  in  Figure  10.  Fairing  (1)  was  similar  to  the  A300  type  (see  also  Figure  1) 
except  that  it  was  suitable  for  a  flap  with  less  rearward  translation  when  deployed  for 
take-off  an1  landing.  This  implied  that  for  minimum  additional  surface  area  the 
parallel  sided  centre  section  of  the  fairing  finished  well  before  the  wing  trailing  edge, 
and  the  fairing  was  closed  with  only  a  small  length  extending  aft  of  the  wing.  Fairing 
(2)  was  designed  for  approximately  the  same  flap  area  extension  as  was  Fairing  (1), 
but  for  a  completely  different  support  system.  This  fairing  was  much  narrower  in  front 
view  than  (1),  which  meant  that  the  fairing  could  be  closed  completely  in  front  of  the 
wing  trailing  edge,  but  on  the  other  hand  it  extended  to  a  greater  depth  below  the  wing. 
Fairing  (3)  was  very  similar  to  the  A300  design.  It  was  suitable  for  two  alternative 
support  and  drive  systems  which  were  being  investigated  for  flaps  giving  rather  more 
area  extension  than  those  for  which  Fairings  (1)  and  (2)  were  designed. 

The  effect  that  these  fairings  had  at  a  typical  cruise  Mach  Number  can  be  seen  by 
referring  to  Figure  10(b) .  The  Mach  Number  is  the  same  as  for  the  A300  in  Figure  10(a) , 
and  again  the  interference  drag  is  presented,  that  is  with  the  estimated  isolated  skin 
friction  and  form  drag  subtracted  from  the  experimental  drag  increment  due  to  adding  the 
fairings  to  the  wing.  Also  shown,  in  Figure  10(c),  is  the  effect  that  all  the  fairings 
had  on  lift  at  constant  incidence,  and  these  increments  were  found  to  reflect  directly 
into  the  lift  coefficient  for  the  onset  of  buffeting  -  that  is  into  the  maximum 
altitude  capability  of  the  aircraft.  All  fairings  were  found  to  have  an  adverse 
interference  drag  at  low  lift  coefficients  relative  to  the  simple  estimate.  However, 
as  may  be  seen  from  Figure  10,  they  had  a  remarkably  different  effect  as  lift 
coefficient  increased,  which  appears  to  correlate  directly  with  their  effect  on  lift 
coefficient  at  constant  incidence.  Fairing  (3)  shows  a  similar  behaviour  to  the  A300, 
as  was  expected  from  the  similarity  in  geometry.  Lift  is  increased  at  constant 
incidence  and  at  high  lift  coefficient  the  interference  on  drag  is  favourable.  Fairing 
(1)  had  a  neutral  effect  on  both  lift  and  drag,  and  Fairing  (2)  reduced  lift  at 
constant  incidence  and  showed  an  increased  adverse  effect  on  drag  at  high  lift 
coefficient.  Flow  visualisation  carried  out  during  the  high  speed  tests  showed  that 
this  different  behaviour  could  not  be  explained  by  the  presence  of  local  shock  waves 
around  the  fairings,  hy  flow  separation  in  the  wing/fairing  junctions,  nor  by  any 
fundamental  changes  in  the  wing  upper  surface  supercritical  flow  development  or  shock 
pattern. 
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When  these  different  interference  characteristics  were  first  noted  (between  the 
behaviour  of  the  A300  fairings  and  Fairings  (1)  and  (2)),  a  low  speed  test  was  quickly 
set  up  to  see  whether,  just  as  for  the  wing  root  fillet  investigation,  the  cheaper  low 
speed  facility  could  be  used  to  develop  improved  geometries.  It  was  found  that  at  low 
speed  the  lift  effects  were  still  present  but  that  the  differences  in  drag  interference 
had  disappeared.  This  appeared  to  confirm  the  suspicion  that  we  already  had  that  the 
basic  effect  of  the  different  fairings  was  the  change  in  lift,  which  was  presumably 
coming  from  a  change  in  the  pressure  distribution  on  the  wing  lower  surface  due  to  the 
presence  of  the  fairings.  Thus,  at  low  speed  one  might  expect  only  minor  differences  in 
drag  interference,  but  at  a  constant  lift  coefficient  at  cruise  Mach  Number  the  wing 
upper  surface  would  be  operating  at  differing  levels  of  shock  wave  drag  depending  on 
which  fairings  are  present.  It  was  quickly  shown  in  the  low  speed  tests  that  rearward 
extension  of  the  parallel  part  of  Fair ings( 2)  (i  . e .  as  Fairings ( 3) ), thus  making  them 
more  alike  those  of  the  A300,  recouped  the  lift  increase  at  constant  incidence.  High 
speed  tests  on  Fairings  (3)  then  confirmed  that  the  favourable  drag  interference 
characteristics  had  also  been  obtained. 

Further  evidence  of  the  reason  for  the  drag  interference  behaviour  is  given  in 
Figure  10,  where  the  lift  coefficient  for  the  onset  of  wing  (upper  surface) 
compressibility  drag  is  given,  and  can  be  seen  to  be  closely  associated  with  the  point 
at  which  the  rapid  change  in  interference  drag  level  starts  on  the  A300  fairings  and 
A310  Fairings  (2)  and  (3).  The  reason  for  the  basic  effect  of  the  fairings  on  lift  has 
not  yet  been  fully  explored,  but  clearly  it  is  critically  dependent  on  the  extent  and 
shape  of  the  fairings  near  the  wing  trailing  edge.  The  principles  of  Fairing  (3)  were 
then  used  in  the  design  of  the  final  fairings  for  the  A310,  which  were  similar  to  those 
on  the  wind  tunnel  model  shown  in  Figure  13. 

NACELLE/PYLON/WING  INTERFERENCE 

The  general  problems  of  installing  the  powerplant  below  the  wing  are  well  known 
and  have  indeed  been  the  subject  of  several  papers  given  to  AGARD  conferences  in  the 
past  (for  example  Reference  4).  On  large  transport  aircraft  with  wing  mounted  by-pass 
fan-jet  engines,  the  forward  slung  pylon  mounted  installation  is  almost  universal  and 
the  A300  and  A310  are  no  exception.  The  main  problem  at  cruise  Mach  Numbers  of  course 
is  to  ensure  that  premature  shock  wave  drag  is  not  encountered  due  to  the  very  high  flow 
velocities  which  can  exist  in  the  "channel"  presented  to  the  airstream  between  the  wing 
lower  surface,  the  pylon  side  and  the  nacelle  upper  surface.  The  interaction  with  the 
engine  exhaust  flow,  particularly  the  fan  stream,  exacerbates  the  problem,  and  it  is 
indeed  possible  for  the  presence  of  the  wing  to  induce  a  shock  pattern  and  attendant 
interference  drag  within  the  fan  exhaust  flow  itself.  As  always,  the  situation  is  one 
of  compromise  between  the  optimum  aerodynamics  and  a  practical  engineering  installation. 
Even  on  the  aerodynamic  side  in  deciding  the  pylon  geometry  for  instance,  there  is  a 
possible  conflict  between  what  is  required  to  delay  shock  wave  onset,  and  to  give  the 
optimum  effect  on  other  parameters  such  as  the  wing  span  loading  and  induced  drag. 

Traditionally,  and  this  was  the  case  for  the  A30G,  the  wing  itself  has  been  designed 
in  the  absence  of  the  interference  effects  due  to  the  engine  installation,  and  then  the 
nacelle  position  and  support  pylon  geometry  have  been  designed  to  minimise  any  adverse 
interactions.  With  the  experience  gained  on  the  A300,  the  overall  effects  from  the 
engine  installation  were  borne  in  mind  in  the  A310  wing  design  process,  but  having  said 
that,  this  did  not  have  a  very  big  impact.  A  complete  description  of  the  aerodynamic 
work  entailed  in  the  A310  engine  installation  is  not  possible  in  this  paper  if  for  no 
other  reason  than  that  the  work  is  still  continuing.  The  current  investigation  is  aimed 
at  settling  the  last  details  of  the  pylon  fairing  shapes  behind  the  main  structural 
cantilever  member  which  supports  the  engine,  and  in  the  junctions  between  the  wing  and 
pylon  and  nacelle.  However,  this  work  is  all  mainly  concerned  with  optimising  the  pylon 
geometry  and  in  this  present  paper  on  the  A310  wing  configuration  we  must  return  to  the 
effects  on  the  wing  design  itself. 

There  were  three  basic  effects  of  the  presence  of  the  engine  nacelle  and  pylon 
which  were  considered  in  the  high  speed  wing  design.  The  first  was  the  effect  already 
referred  to  of  significantly  increased  flow  velocities  over  the  forward  part  of  the 
aerofoil  chord,  and  this  had  an  input  into  the  choice  of  the  aerofoil  lower  surface 
pressure  distribution  as  shown  in  Figure  11.  Although  the  flatter  "rooftop"  type  of 
pressure  distribution  did  have  some  advantages,  for  instance  the  reduced  level  of 
maximum  velocity,  it  was  rejected  among  other  reasons  (a)  for  the  higher  velocities 
forward  on  the  chord  where  the  superimposed  effect  from  the  engine  is  worst,  and  (b) 
coming  back  to  the  trim  drag  problem  it  would  have  further  increased  the  nose  down 
pitching  moments  of  the  wing  sections.  The  second  effect  that  was  recognised  in  the 
wing  design  was  that,  although  there  is  very  little  influence  on  the  form  of  the 
wing  upper  surface  pressure  distributions,  the  presence  of  the  nacelle  docs  have  an 
effect  on  the  incidence  of  the  "onset"  flow  seen  by  the  wing  sections.  The  effective 
wing  section  incidence  is  reduced  near  the  nacelle  and  theoretically  this  can  be 
recouped  by  re-twisting  the  wing.  Although  it  would  not  be  possible,  or  even  desirable, 
to  offset  this  local  effect  completely,  because  of  the  implications  on  the  structural 
complexity,  etc.,  a  certain  amount  of  extra  incidence  was  built  into  the  wing  around 
the  planform  crank  area.  Model  tests  showed  that  indeed  the  presence  of  the  nacelle 
and  pylon  appeared  to  have  had  little  detrimental  effect  on  the  supercritical  flow 
development  of  the  wing  upper  surface. 
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The  third  and  last  effect  on  the  wing  design  was  mainly  a  geometric  one. 

Installing  the  modern  large  fan  jet  engine  below  the  wing  puts  space  at  a  premium  in 
the  vertical  direction  with  the  requirements  to  provide  adequate  clearance  between  the 
wing,  the  engine  and  the  ground,  and  on  the  other  hand  to  reduce  the  main  landing  gear 
leg  length  to  a  minimum  dictated  by  other  parameters  to  save  weight  and  cost.  Thus,  in 
setting  up  the  spanwise  wing  dihedral  it  was  necessary  to  get  as  much  height  as  possible 
at  the  engine  station  relative  to  the  main  landing  gear  hinge  position,  although  this 
was  not  allowed  to  compromise  the  overriding  consideration  of  not  interfering  with  the 
aerodynamics  of  the  wing  upper  surface.  This  led  to  the  very  pronounced  "gull  wing” 
effect  shown  in  Figure  12,  but  where  it  may  be  seen  that  the  junction  of  the  wing  upper 
surface  and  the  fuselage  has  not  been  allowed  to  go  much  below  90°  and  the  spanwise 
curvature  anywhere  on  the  forward  part  of  the  wing  upper  surface  has  been  held  to  very 
low  values. 

Sufficient  wind  tunnel  testing  was  done  before  the  wing  geometry  was  frozen  to 
demonstrate  that  the  nacelle  installation  effects  could  be  held  at  least  to  the  same 
levels  as  on  the  A300.  As  already  mentioned,  a  comprehensive  optimisation  programme 
for  the  powerplant  installation  was  then  mounted,  and  is  still  proceeding,  making  full 
use  of  the  latest  techniques  for  simulating  the  engine  airflows.  One  of  the  series  of 
models  tested,  or  soon  to  be  tested,  in  England  and  France  is  shown  in  Figure  13,  this 
model  being  the  first  A310  half  model  using  a  Turbine  Powered  Simulator  engine,  which 
was  tested  last  year  in  the  9ft.  x  8ft.  (2.7m  x  2.4m)  transonic  tunnel  at  the  Aircraft 
Research  Association,  Bedford. 

THE  "CLEAN  UP"  PROGRAMME 

Items  7  and  8  of  Figure  4  will  not  be  discussed  fully  in  this  paper  as  they  are 
part  of  the  routine  product  development  programme  for  any  family  of  civil  airliners, 
particularly  with  the  current  emphasis  on  reducing  drag  to  the  absolute  minimum  for 
improved  fuel  economy.  Item  9  however  was  of  particular  importance  for  the  A310.  It 
was  an  essential  part  of  the  overall  economics  of  the  new  wing  that  many  of  the  same 
manufacturing  techniques  and  timescales  for  building  the  main  structural  wing  box 
could  be  applied  as  for  the  A300.  It  was  therefore  important  that  such  imperfections 
as  steps  at  the  joints  between  wing  skins,  and  the  minimum  practical  tolerances  on  the 
accuracy  with  which  the  wing  profile  could  be  maintained  across  the  chord,  should  not 
interfere  with  the  advanced  aerodynamic  performance  being  sought  and  being  demonstrated 
on  the  high  speed  wind  tunnel  models  (which  of  course  had  been  built  to  the  theoretical 
geometry).  Somewhat  to  our  surprise,  our  theoretical  work  and  a  check  wind  tunnel  test 
showed  that  the  required  tolerance  on  steps  at  joints  was  not  likely  to  lead  to  any 
significant  new  problems  on  the  A310  wing  design.  However,  a  cautionary  note  was 
sounded  on  the  effect  of  inaccurate  profiles.  Again,  the  advent  of  the  new  era  of 
transonic  computational  methods  enabled  us  to  superimpose  a  surface  "Wave"  on  the 
nominal  profile  and  quickly  investigate  the  effect  on  the  supercritical  flow  development 
of  varying  its  position,  magnitude  and  wavelength.  Indeed,  this  would  have  been  very 
difficult  to  check  by  wind  tunnel  testing  because  of  the  time  and  expense  of  the  number 
of  models  involved,  even  if  these  were  only  simple  two-dimensional  wing  sections. 

The  results  of  the  theoretical  investigation  into  the  effects  of  profile  errors 
proved  very  valuable,  and  showed  that  the  "waviness"  criterion  that  had  been  used  for 
the  A300  (a  maximum  permitted  ratio  of  wave  amplitude  to  wave  length)  was  not 
appropriate,  as  at  certain  critical  conditions  long  wavelengths  could  lead  to  even  worse 
interference  with  the  supersonic  flow  development  than  short  wavelengths,  for  a  given 
wave  amplitude.  The  criterion  for  the  A310  was  therefore  recast  in  terms  of  maximum 
permitted  wave  amplitudes  alone  and  checks  were  carried  out  on  existing  wings  built  for 
the  A300  to  see  if  this  new  criterion  was  being  met  (and  therefore  was  likely  to  be  met 
on  the  A310  ).  These  checks  were  in  the  main  very  satisfactory,  and  confirmed  that  the 
basic  manufacturing  procedures  could  be  carried  forward  to  the  A310. 

CONCLUDING  REMARKS 


In  the  preceding  sections  of  this  paper  I ■ hope  that  I  have  been  able  to  demonstrate 
that  the  high  speed  design  of  a  wing  for  a  modern  transport  aircraft  involves  the 
consideration  of  the  aircraft  as  a  complete  entity.  Also  that  this  formed  a  very  large 
part  of  the  aerodynamic  design  programme  for  the  A310,  to  ensure  that  the  basic  advances 
offered  by  the  new  transonic  computational  methods  were  not  thrown  away  by  interference 
penalties.  All  through  the  A310  programme  the  close  family  relationship  with  the  A300 
enabled  the  already  good  standards  set  by  that  aircraft  to  be  used  as  a  yardstick  in 
assessing  the  new  design.  The  situation  is  summarised  in  the  last  figure.  Figure  14, 
in  terms  of  one  of  the  parameters  which  go  towards  building  up  the  total  drag  of  the 
aircraft.  This  is  the  same  parameter  as  used  in  Figure  2  to  demonstrate  the  advance 
achieved  with  the  A310  clean  wing  relative  to  the  A300,  that  is  the  "compressibility 
drag  rise  boundary"  or  alternatively  the  lift  coefficient  boundary  at  which  the 
aircraft  drag  increases  by  approximately  101  above  the  datum  value  at  low  Mach  Number. 

The  drag  rise  boundary  is  particularly  important  for  a  transport  aircraft  as  it 
virtually  defines  the  limit  of  operating  conditions  -  beyond  this  limit  the  drag  rises 
so  rapidly  that  operations  will  be  uneconomic  for  a  civil  transport  or  there  will 
usually  be  an  unacceptable  reduction  in  range,  perhaps  the  more  important  effect  for 
military  transports.  The  data  in  Figure  2  was  obtained  from  wind  tunnel  tests  of  the 
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two  clean  wings  on  the  same  fuselage  to  demonstrate  the  basic  improvement  obtained  from 
the  new  wing.  The  starting  point  for  summarising  the  interference  effects  in  Figures  14 
(a)  and  (b)  are  these  same  drag  rise  boundaries  effectively  converted  to  a  "wing  alone" 
standard  such  that  the  fuselage  super-velocity  effect  discussed  earlier  is  zero. 

Figure  14  (a)  then  demonstrates  for  the  A310  wing  the  reduction  in  Mach  No.  due  to  (1) 
mounting  the  wing  on  a  finite  length  fuselage  (of  the  A310  geometry),  (2)  adding 
engine  nacelles,  pylons  and  flap  track  fairings  to  the  wing  and  (3)  trimming  the 
aircraft  about  the  centre  of  gravity.  It  may  be  seen  that  the  first  and  largest 
difference,  approximately  0.015  of  Mach  Number,  is  a  direct  result  of  the  supervelocity 
effect  due  to  the  closure  of  the  forward  and  rear  ends  of  the  fuselage.  The  next 
difference  is  due  to  the  nacelles  and  pylons,  which  being  mounted  underwing  have  their 
worst  effects  at  low  lift  coefficient  when  the  wing  lower  surface  velocities  are  highest. 
The  slight  improvement  in  the  drag  rise  boundary  at  high  lift  coefficient  is  due  to  the 
beneficial  effect  of  the  flap  track  fairings  as  previously  discussed.  The  final 
difference,  due  to  trimming,  is  mainly  caused  by  the  additional  lift  carried  by  the  wing 
to  maintain  constant  overall  lift  on  the  aircraft,  counteracting  the  download  on  the 
tailplane  required  to  balance  the  wing  pitching  moments  again  as  previously  discussed. 

Thus,  at  typical  cruise  lift  coefficients  these  interference  effects  have  reduced  the 
Mach  Number  capability  of  the  wing  by  about  ^AM  =  0.025,  although  about  two-thirds  of  this 
was  a  basic  effect  of  the  fuselage  which  was  allowed  for  in  choosing  the  wing  design  point. 

Figure  14  (b)  summarises  the  influence  on  the  A310  drag  rise  boundary  compared  with 
the  equivalent  effects  on  the  A300  wing.  It  may  be  seen  that  at  typical  cruise  lift 
coefficients  (rather  lower  on  the  A300  than  on  the  A310)  the  "complete  aircraft" 
boundary  for  the  A300  is  just  less  than  Am  =  0.02  slower  than  the  idealised  wing 
boundary,  compared  with  the  0.025  for  the  A310.  Nonetheless,  it  was  only  by  paying  a 
great  deal  of  attention  to  the  problem  of  integrating  the  wing  into  the  overall  concept 
of  the  new  project  that  the  residual  additional  loss  on  the  A310  was  kept  so  small,  to 
a  level  in  fact  which  was  quite  fundamental  having  chosen  the  derivative  fuselage  and  in 
seeking  the  improved  lift  performance  from  the  wing  as  discussed  in  detail  in  the 
preceding  sections  of  this  paper.  The  "complete  aircraft"  boundary  for  the  A310  of 
course  still  shows  a  significant  improvement  over  that  of  the  A300  at  the  higher  lift 
coefficients  that  will  be  used  by  the  new  aircraft,  and  when  put  together  with  the 
increase  in  wing  thickness  shown  in  Figure  2,  still  represents  a  very  significant 
advance  over  the  A300  which  is  already  as  good  as,  or  better,  than  any  comparable 
aircraft  flying  today. 

At  the  time  of  this  conference,  the  main  aerodynamic  development  of  the  A310  wing 
is  completed  and  we  are  now  looking  towards  the  future,  the  first  flight  in  1982  and 
the  subsequent  flight  test  programme.  As  I  hope  I  have  shown,  the  work  concentrated  as 
much  on  the  interactions  between  the  wing  and  the  other  components  of  the  aircraft  as 
on  the  wing  itself,  laying  a  firm  foundation  for  the  success  of  this  project.  We  look 
forward  to  the  A310  taking  its  proper  place  alongside  the  A300  in  the  expanding 
Airbus  Industrie  family  of  civil  transports  that  will  be  available  for  the  1980's  and 
beyond. 
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Figure  2.  AJ10/A300  Technology  comparison 
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**Only  initial  tests  are  relevant  to  wing  design  of  both  A300 

and  A310  by  definition  as  a  modification  results  in  new  wing  number. 

(c)  Overall  Wing  Design  Timescales 


Effective  Start  of  Theoretical  Wing  Design 

August  1966  December  1976 

Geometry  Freeze  for  Wing  Structure 

August  1969  | November  1978 

Figure  3. 


Comparative  wind  tunnel  testing  relevant  to  the 
wing  design  of  the  A300  and  A310. 
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Theoretical  wing  design 


Wind  tunnel  investigation 


—  (4)  Wing/fuselage 

viscous  interference 


(1)  Basic  outboard  advanced 
transonic  section  design. 


(2)  Three  dimensional  transonic 
design  of  inner  wing  including 
fuselage  interference . 


(3)  Wing  twist  optimised  for  best  . 
trimmed  drag  and  altitude 
capability- 


_ _ (6)  Nacelle/Pylon/Wing 

interference . 


Combined  tunnel/  flight/ 
theoretical  investigation 


(5)  Flap  support 
fairing/wing 
interference. 


(7)  Effects  of  revised  control  surface  configuration 

(8)  Clean  up  of  gaps,  steps  etc. 

(9)  Effect  of  manufacturing  tolerances  etc. 
on  advanced  aerodynamic  design. 


Figure  4.  Factors  in  the  high  speed  wing  design  for  the  A310. 
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Wing  Root  Station 
and  reflection  plane 
for  isolated  wing 
calculation. 


Figure  5.  Effect  of  fuselage  representation  on  wing  root 
calculated  transonic  pressure  distribution 
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Effect  of  change  of  fuselage  fineness  ratio 
on  compressibility  drag. 


MACH  0-78  (Close  to  buffet  boundary) 
Isobars  shown  for  supercritical  zone  only. 
Wind  tunnel  test  result. 


Wing  upper  surface  isobars  demonstrating 
uniform  shock  sweep 
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Figure  10.  Interference  effects  of  flap  support  fairings 


Figure  11. 


Design  wing  lower  surface  pressure  distributions 
and  typical  effect  of  engine  installation. 
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Summary  of  interference  effects  on  the  wing 
drag  rise  boundary. 
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TRANSONIC  WING  TECHNOLOGY  FOR  TRANSPORT  AIRCRAFT 

G.  Krenz  and  B.  Ewald 

Vereinigte  F lugtechnische  Werke  GmbH 
D  2800  Bremen,  HUnefeldstraBe  1-5,  FRG 


SUMMARY 

Transport  aircraft  currently  under  development  and  production  are  designed  on  the  basis  of  improved  supercriti¬ 
cal  aerofoils  which  allow  the  use  of  higher  aspect  ratio  wings  with  increased  thickness.  Extensive  research  and  design 
efforts  have  been  undertaken  in  the  USA  and  Europe  to  Improve  transonic  wing  technology,  work  in  Germany  was 
concentrated  in  a  cooperative  programme  between  the  aircraft  companies  the  DFVLR  and  the  ONERA  in  France. 

-  Basic  results  from  this  programme  are  given  in  the  paper  which  describe  the  present  standard  of  transonic  wing  aero¬ 
dynamics  taking  into  account  impucts  on  structure  and  aeroelastics. 

The  current  research  programme  in  USA,  the  Aircraft  Energy  Efficiency  Programme  (  ACEE  )  and  corresponding 
programmes  in  Europe  aim  at  improved  economics.  The  main  objectives  in  the  transonic  flight  regime  are: 

„  o  High  Aspect  Ratio  Wing 
\  o  Wing-Engine-Integration 

o  Active  Control  with  movable  wing  parts. 

This  requires  further  progress  in  basic  research  in  some  traditional  fields  of  fluid  dynamics  such  as  boundary  layer 
flow  and  unsteady  aerodynamics  for  practical  application  to  transport  aircraft  design.  -  The  paper  deals  with  the 
current  work  in  Germany  on  these  subjects  and  shows  the  application  of  results  produced  so  far  for  improved  aircraft 
design . 


Most  work  in  the  field  of  modem  transports  concentrates  on  civil  aircraft  of  low-wing  design.  VFW  has  con¬ 
ducted  initial  investigations  of  how  to  use  this  design  concept  as  a  hybrid  wing  in  the  upper  fuselage  position  for 
military  aircraft  in  order  to  save  production  ond  development  costs.  The  paper  contains  first  results  on  this  subject. 


NOTATION 

AR  aspect  ratio 

c  aerofoil  /  wing  chord 

Cp  drag  coefficient 

lift  coefficient 

C  pressure  coefficient 

P 

C*^  critical  pressure  coefficient 

Cq  suction  coefficient 

K  grain  size 

M  Mach  number 


t/c 

u 

X 

y 

(X 

A  25 

n 


Reynolds  number 

aerofoil/ wing  thickness  ratio 

velocity  component 

streamwise  coordinate 

spanwise  coordinate 

angle  of  attack 

quarter  chord  w‘ng  sweep 

spanwise  coordinate  in  fractions 
of  half  wing  span 


1.  INTRODUCTION 

Early  in  1975  most  of  the  research  work  in  Germany,  which  was  directly  applicable  to  civil  transport  aircraft 
development,  was  combined  into  a  joint  programme  of  the  German  Aircraft  Industry  with  the  DFVLR,  the  so  called 
"Civil  Component  Programme"  (  Ziviles  Komponenten-Programm  "ZKP").  The  programme  was  organized  and  funded 
by  the  German  Ministry  of  Research  and  Technology. 

The  first  phase  of  this  programme  ZKP  I,  covered  four  years  terminating  in  1979.  A  second  phase,  ZKP  II, 
has  been  defined  and  initiated.  The  total  expenditure  for  all  ZKP  tasks  at  present  is  about  20  millions  DM  per  year. 

The  aerodynamics  of  modem  transport  airplanes  was  covered  by  the  ZKP  I  programme  with  the  participation  of 
VFW,  MBB  and  the  DFVLR;  Dornier  hod  an  associate  status  with  a  smaller  amount  of  theoretical  and  experimental 
work.  This  paper  deals  with  some  results  of  the  programme  showing  the  direct  impact  on  modern  transport  development. 


A 


I 


The  main  parts  of  the  ZKP  l  aerodynamic  tasks  were: 
o  Two  dimensional  transonic  wing  section  development. 

o  Three  dimensional  wing  development  of  high  loaded  civil  transport  wings, 
o  Study  of  wing-engine  and  wing-fuselage  interference. 


Improvement  of  transonic  wind  tunnel  measurement  with  regard  to  transition  fixing 
for  drag  and  buffet  onset  testing. 

Development  of  large  scale/ high  Reynolds  number  transonic  wind  tunnel  testing 
including  special  tests  for  surface  irregularities,  engine  simulation  and  unsteady 
aerodynamics . 

Theoretical  work  on  the  development  and  improvement  of  2-D  and  3-D  transonic  methods. 


FIG.  1  gives  an  outline  of  work  done  in  the  aerodynamic  section  of  the  ZKP  I  (  1975  -  1979  ).  A  more 
detailed  presentation  of  the  large  scale  half  model  work  is  given  at  the  end  of  this  meeting  in  the  paper  of 
Mr.  Anders,  Mr.  Gravelle  and  Mr.  Giacchetto. 

The  aerodynamic  work  in  the  ZKP  was  and  is  closely  related  to  the  aircraft  development  tasks  at  VFW. 

FIG.  2  gives  an  impression  of  the  relationship  to  aircraft  project  and  development  work. 

For  c'iture  versions  of  the  A  300  family  the  aerodynamic  research  and  development  is  extended  in  the  ZKP  II 
(  1979  -  198z  )  with  the  main  objectives  as  shown  in  FIG.  3  being: 

o  High  aspect  ratio  wing 

o  Propulsion  -  airframe  integration 

o  High  lift  devices 

o  Manoeuvre  load  control 

o  Relaxed  static  stability. 

This  task  is  in  good  agreement  with  NASA's  Aircraft  Energy  Efficiency  Programme  (  ACEE  ),  showing  similar  views 
on  future  research  in  the  field  of  new  technology  transports. 

The  following  chapters  describe  some  main  aerodynamic  results  from  the  Civil  Component  Programme,  starting 
with  the  ZKP  l  which  was  completed  in  1979. 


2.  RESEARCH  PROGRAMME  IN  TRANSONIC  AERODYNAMICS 

The  programme  aimed  to  update  the  work  in  the  German  aerospace  companies  and  DFVLR  with  emphasis  on 
the  transonic  flight  regime  of  civil  transport  aircraft  and  to  prepare  a  technical  basis  for  wing  design  of  A  300  deri¬ 
vatives.  At  the  climax  of  the  programme  it  was  mainly  A  310  wing  technology  that  was  covered. 

The  whole  programme  was  subdivided  into  two  parts,  one  covering  basic  research  work,  the  field  of  theoreti¬ 
cal  and  experimental  transonic  aerodynamic  methods  and  the  other  aimed  at  development  of  actual  aerofoil  and  wing 
designs,  under  comparable  design  objectives  by  each  partner,  and,  to  be  measured  under  the  same  test  conditions  in 
the  DFVLR-Gottingen  (airfoil  tests)  and  the  NlR-Amsterdam  (  wing  tests  )  wind  tunnels.  The  best  wing  judged  by 
cruise  performance  i.e.  buffet  boundary  and  L/D,  resulting  from  the  NLR  tests  was  chosen  for  the  manufacture  of  a 
large  half  model  1  :  5.4  scale  A  310,  to  be  tested  in  the  SI  Modane  of  ONERA,  France. 


2.1  2-D-SECTION  WORK 

2.1.1  Aerofoil  Design  and  Wind  Tunnel  Tests 

The  VFW  aerofoil  Va  2  can  be  taken  as  representative  for  outlining  the  2-D  results  achieved  in  the  pro¬ 
gramme.  A  comparison  of  geometry  and  results  with  the  other  ZKP  aerofoils  is  given  in  [1] 

Main  design  objectives,  besides  requirements  such  as  delayed  buffet  onset  and  drag  rise,  were  to  establish 
continuous  flow  development  with  increasing  incidence  and  Mach  number,  i.e.: 

o  Shock  free  pressure  distribution  at  the  design 

o  Avoidance  of  double  shock  below  the  design  to  prevent  drag  creep 

o  Stable  shock  position  beyond  the  design  with  separation 

beginning  at  the  aerofoil  trailing  edge. 


The  A  300  section  was  taken  for  reference  tests  and  judgement  of  the  new  section  design.  The  2-D-tests 
were  performed  in  the  DFVLR- Gottingen  wind  tunnel  using  different  strip  positions.  FIG.  4  shows  the  development 
of  pressure  distribution  at  the  design  Mach  number  M  =  0.75.  The  13%  thick  aerofoil  is  shock  free  ot  ft  0.6 


when  using  transition  at  30  %  chord  upper  and  25%  chord  lower  side.  Under  off-design  conditions,  the  shock  posi¬ 
tions  remains  rather  stable  up  to  the  buffet  onset,  which  occurs  at  C|_  *  0.95.  The  buffet  onset  as  well  as  the  drag 

rise  boundary  can  be  taken  from  FIG.  5. 


To  obtain  the  profile  characteristics  at  higher  Reynolds  number,  2-D  measurements  were  done  in  the  DFVLR 
tunnel  in  Braunschweig.  The  quality  of  this  tunnel  was  checked  by  comparative  testing  of  profiles  already  measured 
in  the  ARA  tunnel.  FIG.  6  shows  the  influence  of  Reynolds  number  on  maximum  lift  at  two  Mach  numbers.  The 
region  of  transition  at  higher  Mach  numbers  from  laminar  boundary  layer-shock  to  turbulent  boundary  layer-shock 
interaction  may  occur  between  Reynolds  numbers  of  approximately  5  .  10^  and  10  •  10^.  At  R fsj  =  13  ■  10^  there 
is  no  influence  of  the  transition  strip. 


2.1.2  2-D-Transonic  Flow  Calculation  Methods 


The  experimental  work  in  the  ZKP  was  accompanied  by  large  efforts  in  theoretical  methods  for  aerofoil  design 
and  transonic  flow  calculation.  For  2-D  potential  flow  the  method  of  Bauer,  Garabedian  and  Korn  was  found  most 
reliable,  however,  a  new  difference  method  [2]  was  established,  which  can  be  used  for  calculation  of  more  complex 
transonic  flow  fields,  such  as  around  arbitrary  multi-element  configurations.  A  further  method  for  2-D  potential  flow 
calculation  which  was  established  by  using  finite  elements  is  described  in  [3]  ,  and  a  third  new  method  applicable 
for  design  of  shock  free  configurations  in  transonic  flow  has  been  developed  and  is  described  in  [7]  .  All  three  new 
methods  form  the  basis  for  3-D  Transonic  Methods  which  are  referred  to  in  chapter  2.2.2. 


2.2  3-D-WORK  IN  TRANSONIC  FLOW 
2.2.1  Wing  Design  and  Wind  Tunnel  Tests 


Using  the  aerofoil  research  as  basis,  the  ZKP  partner  firms  tested  their  developed  wings  in  the  NLR  and 
DFVLR  wind  tunnels.  The  results  of  the  wings  FI  (  VFW  ),  F2  (  Domier  ),  F3  (  MBB  )  and  F4  (DFVLR)  were  com¬ 
piled  in  [1]  .  This  paper  deals  mainly  with  the  results  of  the  ZKP  programme  on  the  basis  of  VFW  research  and 

development  work. 

The  aerofoil  Va  2  (described  in  2.1  )  formed  the  basis  for  the  wing  design.  Besides  the  usual  design  perfor¬ 
mance  criterion,  at  the  design  point  (M  =  0.78,  Cl  =  0.45)  and  at  off-design,  linear  wing  lofting  was  of  primal 

importance  for  the  following  reasons: 

o  Linear  lofting  enables  the  uncomplicated  study  of  the  main  aerodynamic  features 
in  the  primary  design  stages. 

o  The  wing  rear  loading  sections,  which  are  disadvantageous  for  the  flaps, 
should  not  be  further  complicated  by  non-linear  lofting. 

For  these  reasons  a  linear  lofting  between  three  stations  (  root,  kink,  tip  )  along  percent  lines  of  wing  chord  was 
chosen  for  the  design. 

Furthermore  the  following  boundary  conditions  had  to  be  observed; 

o  A  rear  spar  as  high  as  possible  was  required  to  reduce  structural  weight  and 
increase  storage  capacity. 

o  A  large  as  possible  profile  thickness  at  "root"  and  at  "kink"  was  aimed  at  because  of  the 
strong  influence  of  the  inner  wing  on  wing  weight  and  torsion  stiffness. 

o  Strong  reduction  of  profile  thickness  in  the  wing  outer  sections  hod  to  be  avoided 

to  control  aeroelastic  effects  by  outboard  ailerons  usage. 

FIG.  7  shows  the  designed  wing  FI  planform  and  thickness  distribution.  Sections  used  for  pressure  measure¬ 
ments  are  additionally  marked. 

The  wind  tunnel  tests  were  performed  at  the  NLR-Amsterdam,  FIG.  8  contains  o  typical  plot  of  sponwise 
pressure  distribution  at  the  design  Mach  number.  This  figure  demonstrates  that  we  succeeded  to  build-in  the  favour¬ 
able  Va  2  aerofoil  characteristics  into  the  3-D  wing  design,  however,  the  adequate  wing  cruise  L/D  and  buffet  onset 
performance  during  the  A  370  design  work,  was  considerably  improved  by  mainly  changing  the  flow  characteristics  of 
the  inboard  wing.  FIG.  9  shows  the  improvement  of  buffet  onset  and  drag  rise  boundary  of  wing  B10.3V,  which  was 
one  of  the  first  A  310  designs,  from  the  ZKP  wing  FI .  Both  wings  have  the  same  planform  and  thickness  distribution 

with  linear  lofting  between  three  stations  (  root,  kink,  tip  )  along  percent  lines  of  wing  chord. 

The  wing  FI  was  selected  after  the  NLR  high  speed  tests  for  the  manufacture  of  the  large  ZKP  task, 

1  :  5.4  scale  half  model  for  testing  in  the  ONERA  SI  MA.  At  that  time,  however,  as  the  wing  B10.3V  was  already 
designed,  it  was  chosen  because  of  its  better  performance. 

A  detailed  description  of  the  wind  tunnel  programme,  test  technique  and  results  of  the  ONERA  measurements  is 
given  in  paper  29  of  this  AGARD  meeting  by  G.  Anders  ( VFW  )  and  A.  Gravelle  (  ONERA  ). 


Main  objective*  of  the  test  were: 


o  Check  of  high  Reynolds  number  influence  on  wing  flow  development  by  pressure  plotting  tests, 
buffet  onset  determination  and  flow  visualization. 

o  Measurement  of  specific  big  model  tasks  such  as  surface  irregularities,  fillets,  fairing  etc. 

o  Measurement  of  engine-wing-interaction  with  wing  mounted  ond  tunnel  floor  mounted 

through  flow  nacelles. 

o  Unsteady  pressure  plotting  tasks  on  the  wing  and  aileron  by  unsteady  aileron  movements. 

In  FIG.  10  the  test  comparison  between  NLR-HST  at  Rf^j  =  2.5  .  10^  and  ONERA  SI  MA  at  Rfg  s  12  .  10^ 
is  shown.  The  effects  of  R{q  on  CLmax  ond  flow  separation  ore  evident.  For  example  at  Mach  number  M  =  0.78  or 
M  =  0.8,  the  begin  of  the  lift  curve  non-linearity,  which  is  a  criterion  for  buffet  onset,  is  increased  byACL  =  0.05. 

Regarding  FIG.  6  and  taking  into  consideration  that  there  is  good  agreement  between  C|_max  and  B.O  slope 
of  the  wing  basic  aerofoil  versus  Reynolds  number  a  similar  increase  of  ACl  ~  0.05  is  obtained  by  extrapolating 
the  curve  at  R|vj  =  2.5  .  10^. 

FIG.  11  shows  the  change  in  lift  and  drag  caused  by  a  step  ot  the  slat  trailing  edge.  For  this  simulation  test, 
the  inner  slat  of  1/3  wing  span,  extends  10  mm  (  at  full  scale  A  310  wing  ),  ot  its  trailing  edge  above  the  wing 
contour.  This  increases  the  drag  at  a  usual  C[_  by  about  5  %. 

The  large  model  with  4  m  half  span  could  be  used  for  extensive  studies  of  the  transonic  flow  development 
by  visualization  tests.  One  such  result,  presented  in  FIG.  12,  shows  the  laminar-turbulent  boundary  layer  transition, 
which  confirms  2-D-test  results  (FIG.  61,  wherein  the  transition  from  laminar  to  turbulent  boundary  layer-shock 
interaction  seems  to  occur  between  Reynolds  numbers  of  5  .  10^  and  10  .  10^,  taking  into  account  that  the  shock 
is  positioned  between  30  %  and  40  %  chord  at  the  outboard  wing. 

2.2.2  3-D-Transonic  Flow  Calculation  Methods 


A  considerable  part  -  approximately  35  %  of  the  ZKP  Research  -  was  channeled  for  the  development  and 
application  of  theoretical  methods  for  the  calculation  of  transonic  flows.  The  aircraft  companies  and  DFVLR  used 
different  approaches. 

a)  Method  of  Analogue  Wing  Sections 

The  first  transonic  wing  design  necessiated  a  rapid  clear  calculation  method  which  was  as  outlined  in  [4]  ,  and 
tested  on  a  proven  configuration  -  the  A  300.  It  consists  essentially  of  the  calculation  of  the  3-D  effects  with 
the  aid  of  an  established  subsonic  panel  method,  and  the  transonic  calculation  of  singular  wing  sections  using 
analogue  profits  with  the  application  of  a  reliable  2-D  transonic  method.  This  method  takes  into  consideration 
the  strong  interference  caused  by  fuselage  or  engines  ond  offers  the  advantage  of  wing  section  analysis  and 
improvement  for  the  wing  design.  It  was  successfully  practiced  on  earlier  wing  designs  in  ZKP  and  A  310  pro¬ 
grammes  by  VFW. 

The  disadvantage  lies  in  the  non-adequate  estimation  of  3-D  transonic  effects,  which  can  be  considerable. 

b)  Improvement  of  Existing  3-D-Transonic  Methods 

The  "Theory  of  Small  Pertubation"  TSP,  was  the  most  advanced  at  the  beginning  of  ZKP  I.  Restrictions  for  its 
practical  usage  arose  from  the  inoccurate  estimation  of  leading  edge  flows.  Domier  [5]  successfully  improved  on 
this  method  by  accurately  estimating  the  boundary  conditions  and  including  terms  of  higher  order  in  the  potential 
equation.  The  coupling  of  this  method  with  their  own  boundary  layer  computation  based  on  an  Integral  Method  [6], 
was  also  achieved  by  Domier,  resulting  in  a  complete  method  for  the  calculation  of  transonic  wings. 

The  currently  best  known  method  in  Europa  and  USA,  and  next  to  TSP  most  widely  used  is  from  Jameson.  Domier 
and  DFVLR  in  ZKP  have  mode  efforts  for  the  application  of  this  method. 

c)  Development  of  New  3-D-Transonic  Methods 

A  new  design  method  for  shock  free  configurations  in  transonic  flow  has  been  developed  by  the  DFVLR  [7]  . 

It  is  based  on  the  use  of  ficticious  gas  flow  in  the  supersonic  regime  in  order  to  provide  an  elliptic  continuation 
of  the  basic  equations.  Solutions  of  the  latter  ensure  suitable  sonic  surfaces,  which  are  used  subsequently  as 
initial  condition  for  conventional  shock-free  supersonic  field  computation. 

Another  new  approach  was  developed  by  MBB  [8]  using  finite  elements.  In  contrast  to  finite  difference  proce¬ 
dures  used  mostly  for  transonic  potential  flow  computation,  finite  element  schemes  do  not  need  the  construction 
of  a  strictly  orthogonal  mesh  grid  for  the  discretivation  of  the  spaciol  potential  distribution .  This  mokes  the 
finite  element  approach  attractive  for  the  calculation  of  flow  fields  with  complex  solid  boundary  geometries. 

A  third  new  method  using  finite  differences  has  been  developed  at  VFW  [9]  to  calculate  the  transonic  flow 
using  the  full  transonic  potential  equation.  Streamline  coordinates  ore  calculated  by  singularity  methods  (panel 
methods)  which  enable  the  treatment  of  arbitrary  body  shapes  and  interference  problems. 


Considerable  reduction  of  computing  time  is  achieved  by  calculating  the  greater  part  of  the  flow  field,  i.e. 
the  pure  subsonic  flow  region,  by  means  of  panel  method  using  streamline  analogy  and  applying  the  finite  differ¬ 
ence  method  only  to  a  small  perimeter  around  the  supercritical  region  of  the  flow  field.  For  the  sake  of  further 
computing  time  reduction  and  simplification  of  handling  the  method  a  2-D  computing  grid  is  used  sectionwise. 
This  grid  is  similar  to  the  3-D  net,  but  it  is  calculated  by  a  2-D  panel  method.  Then  a  consequent  simplifi¬ 
cation  has  been  mode.  Instead  of  treating  the  supercritical  flow  field  by  a  3-D  finite  difference  method,  a 
2-D  finite  difference  method  is  applied  sectionwise  to  the  3-D  potential  equation.  In  this  case  not  only  the 
necessary  boundary  conditions  but  also  all  derivatives  in  spanwise  direction  are  calculated  by  means  of  a  3-D 
panel  method. 

The  method  has  three  main  advantages: 

o  Calculation  of  strong  transonic  interferences  such  as  between  wing  and  engine  is  possible. 

o  Design  of  the  wing  can  be  treated  sectionwise. 

o  The  computing  time  is  small  with  about  2  min  CPU-time  on  IBM  3033 
for  400  iterations  for  one  section. 

FIG.  13  shows  results  of  this  method  compared  with  wind  tunnel  test  results  on  the  ONERA  M6  wing. 

3.  FUTURE  RESEARCH  IN  TRANSONIC  AERODYNAMICS 

Work  on  the  Transport  Aircraft  sector  is  considered  mainly  as  a  continuation  of  the  Civil  Component  Pro¬ 
gramme  in  ZKP  II  and  is  executed  with  the  aim  to  develop  the  Airbus  family  concept.  Fundamental  research  in  the 
Boundary  Layer  field  is  done  together  with  DFVLR  in  the  RUFo  Programme,  sponsored  by  the  German  Ministry  of 
Defence.  FIG.  14  outlines  the  mainpoints  of  the  research  in  the  Transport  Wing  Aerodynamics. 

One  objective  is  the  improvement  of  the  2-D  section  performance.  Besides  a  stepwise  aerofoil  improvement, 
and  considering  high  and  low  speed  requirements,  great  improvements  were  achieved  by  boundary  layer  suction  at 
the  shock  [10],  [11]  .  FIG.  15  shows  the  single  slot-o^ction  concept,  which  after  theoretical  investigations  at 
VFW,  was  tested  in  cooperation  with  the  DFVLR  in  Gbttingen  wind  tunnel.  FIG.  16  contains  the  lift  curve  and  the 
drag  polar  with  and  without  suction  at  M  =  0.76,  which  is  above  the  design  Mach  number  for  the  profile  Va  2  as 
shown  in  FIG.  4.  Maximum  lift  is  increased  from  C^  =  0.86  to  Cl  =  0.99  using  a  suction  coefficient  of  0.0006. 

The  results  show  only  small  improvements  above  Cq  =  0.0004,  which  is  also  demonstrated  by  FIG.  17,  containing 
the  pressure  distribution  with  and  without  suction  operating.  The  suction  influence  on  the  on  the  boundary  layer 
profile  is  shown  in  FIG.  18.  In  this  case  separation  occurs  without  suction  at  X/C  =  0.9,  showing  a  thick  bound¬ 
ary  layer  already  developing  far  upstream. 

The  condition  Is  changed  with  suction.  One  observes  a  thin  boundary  layer  before  the  shock,  a  small  separa¬ 
tion  bubble  behind  the  suction  slot  at  X/C  =  0.65  and  reattached  flow  down  to  the  trailing  edge. 

Contrary  to  the  distributed  suction  with  minislots  or  mini  hoi  es_  needed  for  flow  laminarisation,  this  slot  suction 
concept  seems  to  be  practicable  without  too  much  structural  complication.  Low  suction  quantities  are  sufficient  to 
achieve  good  improvements  in  maximum  lift  and  buffet  boundary,  so  that  useful  application  to  production  aircraft 
seems  possible. 

Another  objective  in  FIG.  14  is  the  wing  design  near  the  fuselage.  The  root  section  is  of  high  importance 
for  wing  aerodynamics,  wing  structure  and  storage  capacity.  Profiles  of  different  design  concepts  having  the  same 
maximum  thickness,  see  FIG.  19,  fulfill  the  non-aerodynamic  requirements  dissimilarly.  It  is  evident  that  aerofoil  B 
has  a  greater  fuel  volume  and  provides  more  undercarriage  space  behind  the  rear  spar  for  the  same  nominal  thickness 
ratio  as  aerofoil  A.  Furthermore,  the  greater  height  of  the  rear  spar  of  section  B  reduces  structural  weight  of  the 
wing. 


The  shape  of  the  leading  edge  effects  the  flow  around  the  aerofoil  nose.  A  blunt  leading  edge  has  increased 
suction  compared  to  an  aerofoil  with  a  smaller  leading  edge  radius,  FIG.  19.  A  wing  root  fillet  is  usually  fitted 
to  prevent  fuselage  boundary  layer  separation  near  the  wing  leading  edge,  however,  the  size  and  shape  of  the  fillet, 
optimized  for  low  cruise  drag,  depends  on  the  pressure  distribution  of  the  basic  root  section,  and  is  normally  in¬ 
creased  for  blunt  leading  edges.  As  the  fillet  effects  the  leading  edge  flap  design  at  the  fuselage,  the  design  of 
the  fillet  must  be  such  to  match  the  low  and  high  speed  regimes. 

A  further  task  in  transonic  aerodynamics  is  the  wing-engine  interaction,  as  indicated  in  FIG.  14.  The  change 
of  wing  pressure  distribution  on  both  sides  of  the  engine,  represented  by  a  through-flow  double-body  nacelle,  taken 
from  NLR-HST  tests,  is  given  in  FIG.  20.  The  lower  wing  surface  inboard  of  the  engine  is  considerably  effected 
whilst  outboard  the  engine,  the  influence  is  on  both  wing  surfaces.  To  seporote  the  combined  pylon-nacelle  effects, 
tests  were  run  with  the  large  ZKP-model  at  ONERA  SI  MA,  where  the  nacelle  was  fixed  ot  o  sting  mounted  on  the 
tunnel  floor.  The  results  in  FIG.  21  show,  that  the  pod  alone  hos  the  main  influence  on  the  upper  wing  pressure 
distribution.  Therefore  the  change  of  pod  position  relative  to  the  wing  con  be  taken  os  measure  for  the  change  of 
pressure  distribution  on  the  upper  wing  surface,  which  is  important  for  the  wing  design.  FIG.  22  shows  the  corre¬ 
sponding  picture  for  a  more  rearward  and  slightly  lower  nacelle  position.  The  effect  is  quite  similar  though  slightly 
smaller.  Starting  from  this  position  the  nacelle  was  moved  clother  to  the  wing  in  three  steps  with  the  results,  pre¬ 
sented  in  FIG.  23.  The  Acp  is  recorded  as  difference  of  the  pressure  ot  the  new  positions  (2)  ,  (7)  ,  (6)  against 
the  pressure  ot  position  (8 )  over  the  wing  chord  up  to  the  shock.  At  the  shock,  os  Acp  increases  considerably  for 
any  small  change  of  the  shock  position,  it  is  therefore  not  representative  for  nocelle-wing  interference. 


Aft  of  the  shock  region,  the  change  of  the  wing  pressure  distribution  caused  by  the  nacelle  is  small  ond  is  therefore 
omitted  in  FIG.  23.  A  comparison  with  FIG.  22  shows,  that  the  main  effect  at  the  forward  wing,  is  to  increase  the 
upper  surface  Cp  by  the  same  order  of  magnitude  (  10  %  ),  as  produced  by  the  pod  in  its  lowest  position.  The  maxi¬ 
mum  shift  in  nacelle  position  from  (§)  to  (6)  is  in  the  order  of  wing  thickness  at  the  pod  station.  For  this  magni¬ 
tude  of  shift  we  can  conclude,  that  local  modifications  of  the  upper  forward  wing  surface  are  sufficient  to  compen¬ 
sate  for  the  odverse  nacelle  effects. 

For  better  engine  representation,  the  jet  simulation  has  to  be  included.  The  TPS  technique  is  provided  for 
future  ZKP  tests.  For  the  conventional  engine  location,  the  jet  is  expected  to  enforce  the  through-flow  nacelle 
effects . 


4.  DESIGN  CONSIDERATION  FOR  HYBRID  WINGS 

The  low  wing  concept,  the  commonest  civil  aircraft  configuration,  is  the  basis  of  most  of  the  studies  in  the 
transport-aerodynamic  field:  High  wing  aircraft  are  usually  preferred  as  military  transports  because  of  better  loading 
capabilities.  The  questions  arises  of  the  choice  of  the  high  or  low  wing  concept.  Besides  the  diverse  requirements 
of  a  civil  and  military  aircraft,  the  fuselage  effects  on  the  two  wing  arrangements  are  very  dissimilar.  A  design 
study  on  the  above  was  conducted  and  first  results  are  discussed  below. 

A  low  wing  configuration  with  a  pre-development  A  310  wing  and  a  A  300-type  fuselage  were  tested  in 
NLR-HST.  The  wing,  described  in  2.2.1,  hod  3  lofting  sections,  at  fuselage,  kink  ond  tip.  The  simple  geometry 
for  the  suitable  wing,  enabled  the  investigation  to  be  concentrated  on  the  root  section.  After  varying  the  root 
section  and  keeping  the  kink  section  unchanged,  the  uncomplicated  linear  lofting  on  the  percent  chord  lines  rendered 
the  complete  wing  to  be  quickly  defined. 

FIG.  24  and  FIG.  25  show  the  low  and  high  wing  concept,  respectively,  and  FIG.  26  shows  the  compari¬ 
son  between  theoretical  and  test  values  of  the  pressure  distribution  at  the  root  of  the  low-wing.  The  NLR-HST  tests 
were  completed  at  Reynolds  number  Rfq  =  2.5  .  10^,  the  computations  done  by  the  “Method  of  Analogue  Wing 
Sections” .  The  agreement  was  satisfactory  enough  to  enable  a  theoretical  comparison  between  a  low  and  high  wing 
configuration.  FIG.  27  shows  the  calculation  at  the  root  for  the  two  wing  positions.  The  deviation  in  the  pressure 
distribution  is  considerable. 

The  geometry  alteration  necessary  for  the  high  wing  root  section  to  have  the  same  low  wing  pressure  distri¬ 
bution  in  FIG.  27,  was  investigated.  FIG.  28  shows  the  results.  The  deviation  is  considerable,  especially  in  the 
wing  box  region.  This  could  be  partly  explained  as  a  positive  additional  camber  arising  to  compensate  for  the  absent 
upper  surface  fuselage  displacement. 

There  is  a  possibility  to  compensate  this  camber  increment  by  cambering  the  profil  after  the  wing-box,  how¬ 
ever  the  profil  deviation  at  the  rear  spar  indicates  that  the  thickness  distribution  has  also  changed. 

Consequently,  this  shows  that  an  optimal  low-wing  cannot  ochieve  the  same  aerodynamic  performance  in  the 
high-wing  position  without  alterating  the  wing  box. 

Following  further  theoretical  work  with  the  high-wing,  comparative  tests  are  planned  aiming  to  ochieve  the 
best  possible  performance  for  the  high  wing  without  changing  the  wing-box  of  the  low-wing. 
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SUMMARY 

Due  to  drastic  increase  in  fuel  costs  a  new  generation  of  transport  aircraft  is  projected  worldwide  in  all 
aeronautical  institutions.  One  means  at  short  sight  to  reduce  the  amount  of  fuel  burned  considerably  .s 
the  application  of  transonic  wing  technology. 

This  paper  describes  a  study  of  a  wing  design  for  a  transport  aircraft  liKe  the  AIRBUS  A310  including  the 
effects  of  fuselage  by  using  a  transonic  wing. 

Starting  from  the  requirements  of  the  aircraft  and  having  in  mind  that  a  conventional  wing  planform  should 
be  used  due  to  communality  reasons,  a  basic  airfoil  for  the  sheared  part  of  the  wing  has  been  designed  and 
tested  in  the  DFVLR  Transonic  Windtunnel  Braunschweig  (TKB) . 

On  the  basis  of  this  airfoil  a  wing  design  has  been  made  trying 

•  to  realize  minimum  induced  drag  and 

•  to  transfer  the  good  aerodynamic  characteristics  of  the  airfoil  on  the  wing. 

Force,  moment  and  wing  surface  pressure  measurements  on  a  halfmodel  of  a  wing-fuselage  combination  have 
been  performed  in  the  1m  x  1m  Transonic  Windtunnel  of  DRIR-Gott ingen. 

The  results  of  taese  investigations  indicate  the  good  aerodynamic  efficiency  of  the  wing. 


NOTATION 


x,  y,  z 
s 

n  -  y/s 
c 


A 

\ 


t/c 


eF 

Ma 


coordinate  system 
semispan  of  wing 

coordinate  in  spanwise  direction 

local  wing  chord,  airfoil  chord 

wing  root  chord 

aspect  ratio 

taper  ratio 

leading  edge  sweep 

sweep  of  quarter  chord  line 

local  wing  thickness, 
airfoil  thickness 

fuselage  diameter 

trailing  edge  kink  location 

twist  angle  of  wing 

Mach  number 


Re 


CL 

cn 


Reynolds  number  based  on  airfoil  chord 
or  on  aerodynamic  wing  chord 

angle  of  attack 

static  pressure  coefficient 

static  pressure  coefficient  at  local 
Mach  number  Ma  =  1.0 

normal  force  coefficient  of  wing  section 

lift  coefficient  of  airfoil 

drag  coefficient  of  airfoil 

pitching  moment  coefficient  of  airfoil, 
referred  to  quarter  chord  point 

lift  coefficient  of  wing 

drag  coefficient  of  wing 

pitching  moment  coefficient  of  wing 
referred  to  N,,. 

geometric  wing  center 


1.  INTRODUCTION 

Due  to  drastic  increase  in  fuel  costs  a  new  generation  of  transport  aircraft  is  projected  worldwide  in  all 
aeronautical  institutions  II,  2,  3(.  The  reduction  in  fuel  consumption  by  applying  new  technologies  in 
aerodynamics,  structures,  propulsion,  flight  guidances  and  control  reaches  from  54  to  104  at  short  sight 
and  from  204  to  404  in  the  future. 


For  the  next  generation  of  transport  aircraft  which  will  go  into  service  in  1982/83  (e.g.  AIRBUS  A310  and 
BOEING  767)  the  transonic  wing  technology  is  the  most  promising  means  in  aerodynamics  for  higher  economy 
and  fuel  consumption  reduction.  The  benefits  of  this  technology  can  be  exploited  in  a  variety  of  ways: 
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•  A  thicker  wing  in  comparison  with  a  conventional  one  can  be  used  to  achieve  a  required  performance,  re¬ 
sulting  in  reduced  structural  wing  weight  and  increased  volume  for  the  fuel.  Ibis  nuy  also  lead  to  wing 
designs  with  higher  asjK'Ct  ratio  which  is  consequently  connected  by  a  reduction  of  li  ft -d. -pendent  drag 
being  one  of  the  prerequisites  for  saving  fuel. 

•  lhc  cruising  speed  cun  he  increased  due  to  the  shift  of  the  dragrise  Mach  nunhei  to  l.ighei  mines 
when  using  tlie  same  wing  thickness  as  for  the  conventional  wing.  This  way  nowadays  seems  to  lie  not 
reasonable  due  to  the  increasing  fraction  of  fuel  costs  of  the  direct  operating  costs  ( 1 X X  ) .  Ihe  trend 
in  the  future  will  tend  to  a  reduced  cruising  speed. 

•  The  angle  of  leading  edge  sweep  can  hi  reduced  resulting  again  in  a  reduce!  structural  weight,  if  the 
span  remains  constant,  connected  with  some  improvements  in  l.axiinum  lift  at  low  speeds. 

•  Ihe  capability  of  higher  lift  coefficients  of  transonic  airfoils  enables  the  design  engineer  to  increase 
the  wing  loading  and  decreasing  the  wing  area.  Ilius  a  considerable  reduction  in  drag  and  also  in  weight 
and  production  costs  is  achieved,  although  a  higher  induced  drag  is  produced.  The  application  of  '.his 
way  demands  a  still  better  performance  of  high  lift  systems  for  take-off  and  landing. 

Much  of  these  various  possibilities  given  here  is  realized  in  an  aircraft  ;  inject  depends  on  the  r. issuers 
and  on  the  other  requirements. 

In  order  to  guarantee  and  to  develop  further  the  transonic  wing  teclinology  and  in  order  to  reduce  the  risk 
of  development  by  applying  this  new  technique  on  civil  aircraft  projects  an  extensive  research  program* 
was  started  in  1 9 ”S  in  Germany  sponsored  hv  the  Ministry  of  Research  and  Teclinology.  In  this  programme 
-  known  as  Tiviles  komponenten  l’rogramm  (2KP)  —  German  aerospace  industry  and  the  research  establishment 
HTVLR  worked  together. 

Ihe  present  paper  gives  a  short  description  of  the  part  of  work  being  done  in  the  fiamework  of  Iff  m  the 
Institute  for  Design  Aerodynamics  of  DI-VLR  concerning  transonic  airfoil  and  wing  design. 
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Hie  basic  aim  of  this  study  was  the  design  of  the  highspeed  wing  in  combination  with  a  fuselage  for  a 
transport  aircraft  with  passenger  capacity  of  A3 10  (Tig.  1).  The  idea  in  using  transonic  wing  technology 
was  to  restrict  this  potential  to  the  section  shape  only,  that  means  the  wing  planform  should  be  the  same 
as  for  conventional  wings.  :  .vest igations  about  minimization  of  fuel  consumption,  direct  operating  costs, 
wing  box  weight,  and  flight  range  lead  to  the  wing  planform  which  is  shown  in  Tig.  ..  The  planform  is  a 
swept  tapered  wing  with  a  kink  in  the  trailing  edge  for  carrying  the  landing  gear  as  it  is  used  for  most 
of  the  known  subsonic  transport  aircraft. 

The  main  parameters  are: 


b 

k 

\ 


aspect  ratio 

taper  ratio 

leading  edge  sweep 

sweep  of  quarter  chord  line 

trailing  edge  kink  at  0.4 

fuselage  radius  0.12b 


A 

=  9.5 

i 

=  0. 3 

I 

-  2". 1° 

of  outer  wing  A 

=  25° 

of  semispan 

of  semispan. 

The  wing  should  fulfil  the  following  design  requirements: 


•  Ma  =  0.785  cruise  Mach  number 

Cj  =  0.5  lift  coefficient 

for  optimum  lift/drag  ratio  and  long  range  flight 

•  Ma  =  0.82  cruise  Made  number 

=  0.4  lift  coefficient 

for  highspeed  cruise. 


By  using  the  benefits  of  transonic  wing  teclinology  wing  thickness  should  be  increased  to  approximately  155 
at  the  wing  root  and  to  125  to  135  at  the  outer  part  of  the  wing.  These  values  represent  a  considerable 
augmentation  of  wing  thickness  compared  with  the  existing  A300B  wing  having  a  constant  thickness  of  10.55 
from  root  to  tip  although  the  leading  edge  sweep  of  A300B  is  still  3°  higher. 

As  at  this  time  no  reasonable  method  for  designing  three-dimensional  transonic  wings  is  available  the  usu 
al  procedure  is  to  develop  or  optimize  a  wing  section  which  is  built  in  a  wing  planform  ;md  then  to  opt i - 
mizc  the  wing  itself.  Procedures  as  described  here  are  presented  in  4,  S'.  Redesign  procedure  starting 
from  given  wing  geometries  trying  to  improve  the  wing  characteristics  are  given  in  h,  ~,  8  .  But  with 
these  methods  only  simple  configurations  have  been  treated. 


As  the  aspect  ratio  of  transport  aircraft  wings  is  in  the  order  A  =  10  the  pressure  distributions  on  the 


i.v.i 


wing  surface  mainly  depend  on  the  wins  sections.  Only  near  the  tip  and  in  the  wing  root  region  considerable 
three-dimensional  effects  are  ev;>ccted.  lor  this  reason  the  proceeding  stated  above  by  carefully  designing 
the  wing  section  seems  to  be  the  best  way  to  come  to  a  good  wing  design. 


I 


« 
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3.  AIRFOIL  I'uSICN  AND  EXPERIMENTAL  RESULTS 

The  design  values  of  lift  coefficient  and  Mach  number  for  the  airfoil  have  been  derived  from  tl  e  w ; ng  re¬ 
quirements  given  in  chapter  2  using  simple  sweep  theory: 


Ma 


21) 


=  Ma 


31) 

L 


cost 


2S 

1.2 


cos '  A 


25 


The  factor  of  1.2  in  the  equation  for  the  normal  force  coefficient  cn  of  the  airfoil  takes  into  account 
the  lift  losses  of  the  finite  wing  at  the  root  and  at  the  tip.  Kith  the  values  of  Ma-qy  -  0.8  and  ci  ■■■  0.4; 
( average  values  of  the  two  design  requirements)  the  following  data  come  out: 

•  Mach  number  Ma^  =  0.73 

•  Normal  force  coefficient  c  =  0.65  . 

n 

The  design  aims  of  the  airfoil  were:  shockfree  isentropic  recompression  near  the  design  condition  and  a 
satisfactory  off-design  behaviour,  former  investigations  on  upper  surface  pressure  types  9  indicated 
that  a  sloping  rooftop  pressure  distribution  will  have  these  features.  Starting  point  for  the  airfoil 
design  was  a  known  shocktree  airfoil  PTYLR  48080  designed  by  Sobieczky’s  boh. graph -met ho 2  10  for  a  lower 

normal  force  coefficient  in  the  beginning  of  the  ZKP  (fig.  3) .  The  shockfree  pressure  distribution  for 
this  13.5®  thick  airfoil  is  shown  as  case  (A)  in  Fig.  3.  The  normal  force  coefficient  at  Ma  =  0.7?  is 
Cn  =  0.5  which  as  wing  requirements  changeu~was  to  small.  Therefore  the  airfoil  contour  had  to  be  modi¬ 
fied  in  the  direction  of  getting  more  lift,  this  has  been  done  by  changing  the  airfoil  contour  of  the 
lower  side  in  the  rear  part  near  the  trailing  edge,  thus  introducing  rear-loading  step  by  step. 

The  calculated  pressure  distributions  of  two  of  the  modifications,  shown  as  case  (5)  and  (c)  in  Tig.  3, 
provided  normal  force  coefficients  of  cn  =  0.6  respectively  cn  =  0.65.  This  could  oe  achieved  without 
having  remarkable  negative  effects  on  the  airfoil  characteristics.  It  is  shown  that  the  supersonic  region 
is  slightly  increased  combined  with  a  lot  of  rear-loading.  The  pressure  distribution  of  the  upper  surface 
seems  to  remain  shockfree  in  the  course  of  the  modification  process.  The  calculated  drag  coefficients  in¬ 
dicated  no  severe  increase  due  to  increased  lift.  The  calculations  have  been  done  with  the  well-known 
Bauer/Garabcdian/Kom/Jameson  method  for  two-dimensional  transonic  viscous  flow  11. 

Calculations  for  off-design  conditions  to  a  great  extend  showed  that  the  airfoil  case  (c),  hereafter  de¬ 
noted  as  DFVLR-R4,  proved  to  satisfy  the  design  requirements.  The  design  process  is  described  in  more 
details  in  12'.  Some  of  the  calculated  results  will  be  discussed  with  corresponding  measurements. 

Experiments  with  the  airfoil  DFVLR-R4  have  been  done  in  the  DFVLR  Transonic  Kindtunnel  Braunschweig  (TCB) 
13|  at  Reynolds  numbeis  from  Re  =  3  •  106  to  9  •  106  without  and  with  transition  strip.  The  experimental 
results  at  free  transition  have  been  analysed  in  details  in  j 14  and  have  been  partly  discussed  at  the 
GARTEUR/DGLR  meeting  15- .  Thus  this  paper  discusses  to  a  certain  extend  the  influence  of  Reynolds  number 
and  transition  strip  on  aerodynamic  coefficients  and  pressure  distribution. 

Fig.  4  presents  a  comparison  between  predicted  pressure  distributions  and  measured  ones  for  two  normal 
force  coefficients  at  a  Mach  number  of  Ma  =  0.73.  The  agreement  is  excellent  not  only  for  the  case  near 
design  at  c„  =  0.6  but  also  for  a  higher  value  of  ct>  =  0.77,  which  is  iear  dragrise.  The  drag  level  is 
also  well  predicted  by  the  calculations  after,  the  BGKJ-method. 


In  order  to  improve  the  knowfeuge  about  this  airfoil  with  respect  to  higher  Reynolds  number  additional 
tests  varying  Reynolds  number  and  tests  without  and  with  transition  strip  have  been  carried  out.  Tig.  S 
presents  results  of  force  and  moment  coeff  icients  indicating  the  influence  of  transition  strip  anT  Rey- 
nolds  number.  The  left  part  shows  the  aerodynamic  coefficients  of  normal  force  cn,  drag  cj  and  pitching 
moment  Cjy,  versus  angle  of  attack  at  Ma  =  0.73  and  Re  =  6  •  106.  The  open  symbols  denote  values  without 
transition  strip  while  fixed  transition  results  are  indicated  by  full  symbols.  The  strip  with  a  width  of 
\%  of  chord  was  made  from  carborundum  of  grain  size  220  and  was  located  at  7s  chord  length  on  upper  sur¬ 
face  and  at  301.  chord  length  at  lower  surface.  In  the  figures  it  is  denoted  as  220K  "/30L.  These  positions 
have  proved  to  be  reasonable  from  boundary  layer  calculations  at  high  Reynolds  numbers.  It  is  shown  that 
for  the  transition  fixed  results  the  nonlinear  behaviour  of  cn  versus  a  at  high  values  of  c,,  is  reduced 
leading  to  a  smaller  normal  force.  The  drag  coefficient  is  increased  about  101  in  the  region  of  unsepara¬ 
ted  flow  but  the  rapid  dragrise  is  not  affected.  The  nose  down  pitching  moment  is  also  reduced  about  10'. 

flic  development  of  these  differences  due  to  transition  strip  with  Reynolds  number  is  shown  in  the  right 
: igure  at  a  constant  angle  of  attack  a  =  1°.  The  biggest  differences  occur  at  the  lowest  measured  Rev- 
:  l.ls  number  at  all  coefficients. 

.-value  at  fixed  transition  is  continously  increased  with  increasing  Re,  while  at  transition  free  cn 
a  'i,  using  from  Re  =  3  •  10ft  to  5  •  10fl  and  then  is  also  increasing.  The  tendency  of  the  two  curves  in- 
'hat  they  will  run  together  at  higher  Reynolds  numbers.  The  cj- values  at  fixed  transition  drop 

ted  with  increasing  Rc,  while  at  transition  free  the  drag  values  remain  nearly  constant.  This 
•  thi  intemction  of  laminar  and  turbulent  boundary  layer  with  moving  transition  location. 

-  i  i.i  Ids  number  the  curves  indicate  a  remarkable  difference  although  the  tendency  is  the 
iv.il  force  coefficients.  It  seems  that  cj  for  fixed  transition  is  to  high  due  to  an 


The  cm- values  at  transition  fixed  show  an  increase  in  nose  down  pitching  moment,  while  it  transition  free 
a  decrease  followed  by  a  slight  increase  is  indicated.  This  behaviour  could  tie  explained  by  looking  at  the 
corresponding  pressure  distributions  in  lig.  6.  hor  a  constant  Mach  number  Ma  =  0.73  and  a  constant  angle 
of  attack  u  =  1°  the  pressure  distributions  are  plotted.  The  two  left  figures  indicate  the  influence  of 
transition  strip  at  two  Re-numbers  He  =  3  •  10’  and  Re  =  6  •  10'  .  A  big  difference  can  be  stated  at 
Re  =  3  •  10*"  indicating  a  remarkable  loss  in  rear-loading  and  a  forward  shift  of  the  shock  location  due 
to  the  transition  strip.  At  Re  =  b  •  I  O’-  these  differences  decrease  considerably,  thus  the  pressure  dis¬ 
tributions  lor  this  case  look  very  similar  each  other.  1  rum  these  results  and  from  the  iorce  and  moment 
coefficients  of  the  previous  figure  it  can  he  stated  that  measurements  at  low  Reynolds  number  Re  '  5  •  10‘ 
with  fixed  transition  give  no  reasonable  results,  because  the  type  of  pressure  distribution  is  completely 
changed. 

The  right  figure  indicates  the  influence  of  Reynolds  number  at  transition  free.  It  is  shown  that  the  pres¬ 
sure  at  the  lower  side  is  nearly  unaffected,  only  some  small  differences  occur  at  the  trailing  edge  and  at 
the  location  of  maximum  thickness.  On  the  uppe r  surface  the  shock  location  is  influenced  in  that  way  that 
at  tiie  lowest  Re-number  the  shock  is  located  the  farthest  to  the  trailing  edge.  With  increasing  Re  it 
slightly  moves  forward  and  then  at  Re  =  y  •  10fc  tends  to  move  backwards  again.  This  behaviour  is  respon¬ 
sible  for  the  development  of  the  aerodynamic  coefficients  discussed  in  fig.  5.  but  it  can  be  stated  that 
for  this  airfoil  the  pressure  distributions  at  all  measured  Re-numbers  with  transition  free  are  of  that 
type  or  are  very  similar  to  those,  which  were  measured  with  transition  fixed  at  Re  >  5  •  10c .  That  means 
for  this  airfoil  it  seems  to  be  better  to  measure  without  transition  strip  if  one  is  forced  to  test  at 
Reynolds  numbers  Re  <  S  •  10*’. 

The  aerodynamic  efficiency  of  the  airfoil  D1YLR-K4  is  shown  in  fig.  "  in  a  cj-Ma-diagram,  where  lines  of 
constant  Icj/cu)  •  Ma  are  plotted  for  Re  =  6  •  10*-  for  the  two  cases  transition  fixed  and  transition  free. 
It  is  indicated  that  the  values  of  the  results  for  transition  fixed  are  about  101  lower  than  those  with 
free  transition.  But  what  comes  out  here  is  that  the  location  of  the  maximum  value  of  this  expression  is 
not  affected  by  the  transition  strip,  for  both  cases  it  lies  in  the  region  of  Mach  number  and  Cj  where  the 
design  condition  is  located.  In  the  left  figure  the  curves  for  dragrise  and  buffet  onset  are  marked  and 
one  sees  that  the  dragrise  curve  is  tangential  to  the  lines  of  constant  aerodynamic  efficiency  in  the 
region  of  design  condition. 

1.x tensive  experimental  results  have  shown  that  the  DFVLR-R4  airfoil  fulfils  the  requirements  and  therefore 
it  was  chosen  as  basic  wing  section. 


4.  KING  DhSlGN  AM)  h XPHR I  MENTAL  RbSULTS 

Wing  design  lias  been  carried  out  under  the  following  aspects: 

•  minimum  induced  drag  by  elliptic  lift  distribution  along  wing  span, 

•  shockfree  or  nearly  shockfree  recompression  of  upper  surface  pressure, 

•  straight  isobars  on  wing  surface. 

lor  high  aspect  ratio  wings  the  pressure  distribution  mainly  depends  on  the  characteristics  of  the  wing 
section.  Therefore  the  basic  airfoil  DFVLR-R4  has  been  developed  for  the  sheared  part  of  the  wing.  Aspiring 
to  straight  isobars  along  lines  of  constant  percentage  on  most  of  the  wing  area  it  is  supposed  that  the 
good  characteristics  of  the  airfoil  will  determine  the  behaviour  of  the  whole  wing. 

With  an  inverse  vortex-lattice  method  ] 1 6  for  wing-body  combinations  with  infinite  long  cylindrical  bodies 
the  wing  twist  along  wing  span  has  been  evaluated  in  the  first  design  step.  This  was  achieved  by  assuming  a 
load  distribution  -  obtained  for  the  airfoil  I)PVLR-R4  at  the  design  point  -  along  wing  span  according  to 
the  prescribed  elliptic  lift  distribution. The  calculated  twist  was  then  approximated  by  straight  lines 
along  span  using  four  defining  wing  stations  to  build  up  the  wing  contour.  In  Fig.  8  the  defining  wing 
stations  are  marked  by  indicating  wing  thickness  and  twist  angle. 

The  four  stations  arc: 


I 

wing  root  at 

n  =  0. 126; 

Eh 

=  4.5' 

!  1 

trailing  edge  kink  at 

n  =  0.40D; 

CF 

=  1.8' 

III 

n  =  0.7  ; 

CF 

=  0.9' 

IV 

wing  tip  at 

n  -  1 .0  ; 

f  F 

=  -0.5' 

In  the  outer  part  of  the  wing  from  the  station  11  to  station  IV  the  airfoil  DF\1.R-R4  was  used  to  build  up 
the  wing.  For  this  reason  the  airfoil  was  converted  to  streamwise  direction  by  the  cosine  of  sweep  angle 
Mr,  and  then  rotated  due  to  the  calculated  twist  angle.  In  order  to  get  a  simple  surface  the  wing  contour 
w-a's  generated  by  a  linear  lofting  procedure  between  the  defining  stations. 

The  wing  root  section  has  to  he  modified  in  order  to  take  into  account 

•  the  influence  of  the  presence  of  the  fuselage, 

•  the  effect  of  decreasing  sweep  of  the  isobars 
in  the  central  part  of  a  swiept  wing,  and 

•  a  higher  wing  thickness  for  the  undercarriage. 
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Hie  design  process  of  the  winy  root  region  has  been  done  with  the  aid  of  a  finite  difference  method  for 
three-dimensional  transonic  flow  around  wing-hody  combinations  based  01.  the  transonic  small  perturbation 
jxitential  equation  (ISP).  The  computer  programme  used  has  been  established  by  IX1RNIFR  1'  .  In  the  calcu¬ 
lations  only  the  direct  version  of  this  computer  code  was  used,  thus  the  wing  contour  was  evaluated  by 
iteratively  calculating  the  pressure  distribution  and  improving  the  wing  shape.  This  led  to  a  wing  contour 
in  the  wing  root  having  a  section  thickness  of  151  and  providing  a  pressure  distribution  with  moderate 
suction  [vaks  and  no  shift  of  minimum  pressure  towards  the  trailing  edge  as  it  is  usual  in  the  central 
part  of  a  swept  wing.  Ibis  wing  is  denoted  as  DIYLR-F4.  hxtensive  calculations  using  a  51  grid  (50  000 
grid  jwints)  varying  Mach  number  and  angle  of  attack  have  been  done  to  check  the  off-design  behaviour  of 
the  wing.  fig,  9  shows  the  predicted  pressure  distribution  for  the  long  range  cruise  case  (Ma  =  0.785, 
cp  =  0.5).  Surface  pressure  distributions  indicate  that  over  the  whole  wing  span  lift  by  supersonic  shock- 
free  flow  is  produced  in  combination  with  considerable  rear-loading.  In  the  outer  part  of  the  wing  the 
pressure  distributions  are  very  similar  each  other  and  look  like  those  of  the  basic  airfoil  .DFV1.R-R4.  In 
the  inner  part  it  is  seen  that  the  wing  loading  is  decreased  due  to  the  prescribed  elliptic  lift  distri¬ 
bution. 

A  windtunnel  halfmodel  was  constructed  and  built  for  force  and  surface  pressure  measurements.  Fig.  10 
gives  an  overview  of  this  model  with  the  main  dimensions.  The  semispan  of  the  wing  is  about  600  nm,  while 
the  fuselage  diameter  is  about  148  mu  with  a  length  of  nearly  1.2  m.  The  wing  was  equipped  with  five  pres¬ 
sure  measuring  stations  with  a  total  number  of  180  pressure  holes.  This  halfmodel  was  tested  in  the  Tran¬ 
sonic  Windtunnel  of  DFVLR  Gottingen  1 8  j  at  a  maximum  Reynolds  number  of  Re  =  2  •  106  based  on  the  aero¬ 
dynamic  chord  of  the  wing.  The  test  arrangement  in  this  tunnel  can  be  seen  from  Fig.  11.  The  halfmodel  is 
mounted  on  a  plate  which  has  a  distance  of  21  mm  from  the  tunnel  wall  taking  into  account  the  effect  of 
tunnel  wall  boundary  layer.  In  order  to  measure  the  model  forces  only,  a  0.5  mm  slot  between  model  and 
plate  has  been  realized.  The  results  of  these  tests  have  been  discussed  partly  in  19,  20  and  in  more 
details  in  ,21..  Some  of  these  results  will  be  discussed  here  with  respect  to  effects  of  fixed  transition. 

Fig.  12  presents  results  of  pressure  distributions  at  five  spanwise  stations  at  the  design  Mach  number 
Ma  =  0.785  for  three  lift  coefficients.  Reynolds  number  is  Re  =  1.9  •  10f  and  transition  is  not  fixed. 

It  can  be  seen  that  over  the  whole  span  supersonic  flow  is  achieved.  In  the  outer  part  of  the  wing  nearly 
shockfree  or  pressure  distributions  with  weak  shocks  occur.  Shock  location  is  about  601  of  local  chord. 

Near  the  kink  a  slight  breakdown  in  the  supersonic  region  is  visible  at  the  two  lower  lift  coefficients, 
which  vanishes  when  lift  is  further  increased.  This  seems  to  be  a  kink  effect  and  has  to  be  investigated 
further.  In  the  wing  root  region  the  pressure  develops  with  a  very  weak  oblique  shock  wave.  In  contrast 

to  the  calculated  results  more  nose  lift  is  generated.  This  is  due  to  the  crude  representation  of  the  wing 

nose  in  the  calculation  grid. 

The  normal  force  distributions  along  wing  span  indicate  a  decreasing  wing  loading  in  the  inner  part  of  the 
wing  resulting  from  the  elliptic  lift  distribution. 

The  influence  of  a  transition  strip  on  the  pressure  distribution  is  shown  in  Fig.  13.  For  Ma  =  0.785  and 
a  =  0°  at  Re  =  1.9  •  106  pressure  distributions  with  and  withort  fixed  transition  are  conpared.  The  loca¬ 
tion  of  the  transition  strip  is  indicated  in  the  upper  right  part  of  Fig.  14.  It  has  been  made  from  car¬ 
borundum  of  grain  size  100  and  is  denoted  as  10QK  in  the  figures. 

The  effect  of  this  strip  is  similar  to  that  applied  to  the  airfoil  discussed  in  Fig.  6.  In  the  outer  wing 
part  the  shock  location  is  shifted  forward  in  direction  to  the  leading  edge  and  the  rear-loading  is  re¬ 
duced  considerably.  These  effects  increase  when  sweeping  from  kink  to  tip.  The  lift  loss  is  about  10°  at 
the  same  angle  of  attack,  while  the  drag  coefficient  is  increased  about  the  same  amount. 

A  plain  view  on  the  location  of  weak  shocks  and  isobar  patterns  in  the  wing  planform  at  design  lift  coef¬ 
ficient  cp  =  0.5  and  Ma  =  0.785  is  given  in  Fig.  14  for  both  cases  with  and  without  transition  strip.  The 

left  half of  this  figure  describes  the  transition  free  case.  It  can  be  seen  that  a  weak  shock  is  located 
at  601  on  the  outer  wing.  In  the  kink  region  it  splits  up  in  a  double  shock  system,  while  on  the  inner 
wing  part  the  rear  shock  vanishes.  At  the  trailing  edge  kink  there  is  a  little  zone  of  rear  separation 
coming  from  the  double-shock  system.  The  isobar  pattern  makes  clear  these  facts  but  it  can  be  stated  that 
a  satisfactory  pattern  is  achieved  in  the  outer  part  of  the  wing. 

The  right  half  of  Fig.  14  gives  the  situation  for  the  transition  fixed  results.  Only  one  curved  pattern  of 
a  weak  shock  can  be  seen  and  its  location  is  about  501  of  local  chord  on  the  outer  wing  portion.  No  rear 
separation  is  indicated.  The  isobar  pattern  for  this  case  is  satisfactory,  too. 

The  aerodynamic  efficiency  of  the  wing  for  the  transition  free  results  is  given  in  Fig.  IS.  It  can  be  seen 
that  the  highest  values  of  (cj/cp)  •  Ma  are  achieved  in  the  region  where  the  design  requirement  for  the 
long  range  cruise  is  located.  The  values  themselves  seem  to  be  a  little  bit  small.  This  is  due  to  measured 
drag  coefficients  originating  from  halfmodel  tests.  Fxtensive  data  evaluation  and  comparisons  between  half- 
model  and  fullmodel  tests  [22]  showed  that  the  measured  drag  coefficients  from  the  halfmodel  tests  give  the 
correct  tendency  with  angle  of  attack  and  Mach  number,  but  the  value  is  to  high  because  of  a  nearly  constant 
increment  in  drag. 

The  marked  dragrise  boundary,  derived  from  Acp  =  0.002  above  cp  at  Ma  =  0.6,  shows  that  both  design 
points  lie  within  the  economic  flight  region.  This  figure  clearly  indicates  that  the  wing  DFV1R-F4 
fulfils  the  design  requirements. 


5.  CONCLUSIONS 

In  this  paper  a  wing  design  for  a  transonic  transport  aircraft  has  been  described  using  transonic  wing 
technology.  Compared  to  the  standard  of  AIRRUS  A  SIX')  the  potential  of  this  technology  has  been  used  to 
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•  increase  average  wing  thickness  from  10.5%  to  12. Si, 

•  reduce  leading  edge  sweep  angle  from  30°  to  27°,  and 

•  increase  cruising  lift  coefficient  to  =  O.S  . 

Starting  point  for  the  wing  design  is  a  carefully  developed  airfoil  DFVLR-R4  which  has  been  tested  exten¬ 
sively  in  the  windtunnel.  for  high  aspect  ratio  wings  it  is  shown  that  good  airfoil  characteristics  are 
the  basis  for  a  successful  wing  design.  Windtunnel  tests  of  a  halfmodel  of  the  wing  DFVLR-F4  indicate  the 
high  standard  of  the  advanced  design.  In  order  to  get  rid  of  the  shortcomings  of  halfmodel  tests,  further 
windtiumel  tests  on  a  fullmodel  will  lx?  prepared.  This  will  lx?  done  within  the  framework  of  the  European 
cooperation  in  GARTLUR  (Group  for  Aeronautical  Research  and  Technology  in  Eurojie)  for  which  this  model 
was  chosen  to  be  tested  in  the  major  transonic  windtunnels  of  the  aeronautical  research  establishments  in 
Europe  and  to  serve  as  the  basic  geometry  for  calculation  purposes. 
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Fig.  7:  Influence  of  Transition  Strip  on  the  Aerodynamic  Efficiency 

of  the  Airfoil  UFVLR-R4 
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Calculated  Pressure  Distribution  at  Design  Condition  for  Wing  DFVLR-P4 
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area  0  74  54  m 
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aspect  ratio  9.5 
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Windtunnel  llalfmodel  of  Wing-Body- 
Comhination  with  Wing  DTVLR-F4 


Fi g .  11:  Test  Arrangement  in  the  Transonic 
Windtunnel  of  DFVLR-Cidttingen 
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The  present  paDer  focuses  on  an  experimental  investigation  to  det'  mine  the  relative 
merit  of  two  design  philosophies  for  a  wing  destined  for  a  trainer-attack  aircraft 
aperating  at  high  subsonic  speeds. 

One  wing,  designed  by  SAAB-SCANIA,  has  a  variable  leading  edge  deflection  capability 
ir.ter.led  to  cape  favourably  with  landing  and  manoeuver  cases  without  causing  a  drag 
penalty  in  *he  cruise  regime. 

The  other  winq,  designed  by  FFA,  has  a  leading  edge  profile  which  is  permanently  set 
as  a  compromise  for  all  flight  conditions.  This  leads  to  a  possible  higher  drag  during 
th=  cruise  and  reduced  manoeuver  capability  but  with  the  definite  advantage  of  mechanical 
simplicity  and  weight  saving. 

The  experimental  investigation,  conducted  at  the  NAE  in  the  range  0.5<M<0.99  and, 
thus,  crecludes  the  *ake-off  and  landing  phases,  shows  that  a  carefully  tailored  wing 
using  FFA 's  design  concept  need  not  suffer  from  either  increased  drag  during  the  cruise  or 
reduc°1  manoeuver  capability  although  it  ma.  experience  a  slightly  reduced  drag  divergence 
Mach  number.  CN 

LIST  OF  SYMBOLS 

‘  angle  of  attack  -  deg. 

■g  local  geometric  incidence  -  deg. 

b= 1 . "5265m  reference  span  -  b/2  =  s  semi  span 

o  local  chord 

c=9. 24117m  reference  aerodynamic  mean  chord 

CN,  CX  aerodynamic  normal  and  axial  force  coefficients 

N/g,  S,  X/q.S,  respect!  vel  y 

Cm,  Cl  aerodynamic  pitchinq  and  rolling  moment  coefficients 

m/q.S.c,  l/q.2S.b,  respectively 

CL,  CD  aerodynamic  lift  and  drag  coefficients 

L/q.  S,  D/q.S,  respectively 

Cla  ,  Cmg  lift  and  pitching  moment  curve  slopes,  respectively-  per  radi  n 

at  a  =0S  (obtained  from  third  order  curves 
fitted  to  the  data  in  the  range  -5°<g<50) 

Cpb  base  pressure  coefficient  =  (Phase  -  P)/q 

G  accelerometer  output  -  gs 

1  free  stream  Mach  number 

Ndd  drag  divergence  Mach  number  (3CD/3M=0 .  1) 

Ni  output  of  balance  forward  normal  force  gauge 

D,  q  free  stream  static  and  dynamic  pressures,  respectively 

Re  Reynolds  number  based  upon  c  and  free  stream  properties 

.  5  =  0.1196411*  reference  area  for  half  model 

5b  =  0 . 3 0 Bib m *  base  area  for  half  model 

♦/r  rhickness  to  chord  ratio 

ri  free  stream  velocity 
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x,y,z  riqht  hand  orthoqonal  system  of  body  axes 

See  sketch,  above,  for  positive  directions  of  forces,  moments  ar.d  angles. 


I  NT  BO  DUCT  ION 

In  recent  years  development  work  has  been  going  or.  in  Sweden  or.  a  light 
trainer-attack  aircraft  to  operate  at  high  subsonic  speeds.  This  project  was  recently 
cancelled.  i ,i«  of  our  findings  are  worth  reporting  and,  herein,  we  reca' 1  the  tale  of 
two  wings  proposed  for  this  aircraft. 

In  broad  terms,  the  desirable  features  affecting  the  wing  design  of  this  aircraft 
were:  - 

i)  good  handling  qualities  >  attached  f  low/cor. '  r  ol  1  ed  separation 
throughout  flight  envelope 
including  transonic  dives 

ii)  good  cruise  performance  >  low  drag  a-  cruise  lift 

ar.d  hi  h  drag  divergence  Mach  number 

ili)  good  tnanoeuver  capability  >  high  useful  lift  before  'severe1  buffet 

iv)  simplicity  of  design  >  usability  in  service 

v)  light  structural  weight  >  higher  payload/greater  economy 

One  approach  to  attain  the  first  three  objectives  t.as  been  to  use  variable  geometry. 
The  type  considered  in  this  ir.s*ar.ce  is  a  full  length  leading  edge  section  wt.  icr»  car.  be 
leflectej  *o  maintain  attached  flow  over  the  wing  surface  at  high  angles  of  attack,  i  or 
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D-  tail  -j  ’o  *  he  wir.g  designs  are  give;,  m  refere 
investigations  cor.  ducted  it  lower  Reynolds  number 
Her--,  we  discuss  only  'he.  result;;  of  the  final  round 
c->n.duc*ed  a*  high  pe=-d,  ur.d“r*ok-r  ci-cpe  r  a '  i  ve  1  v  l  v 
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'Th-  1 n  ve  s  *  i  ga*  ion  was  carried  oj*  in  the  1.  c  m  v  i.f  n  transonic  test 

N  ‘  1  s  triso:  blowdown  wind  tunnel  (See  poference  1)  .  A  half  model  no: 

supioved  to  attain  a  P-ynolde  numb---:  (based  cr.  aerodynamic  me^r.  cncrd)  of  i 
occasional  runs  performed  a*  R»vr  olds  number  lb  million. 

Th-  1  /u.'-sca.  mo-d-  d  ;;  shows.  in  Flours  1.  consists  ct  a  fus.-lac-  wit:.  ; 

•  n*  iks ,  »  rwe  win-  •->  jui  pp«d  with.  *wo  j.  ylor.r  ,  wire  tip  iaunche;  ar.d  mist.*--,  and, 
horizontal  s  t  a  -i  i i  zer .  *  wanes  have  a  'aper  ra*;a  ?F  =  C.U,  aspect  ra'ic  AS=u.O,  a  "  -j 
line  cwoen  an  iLt  ’  =?'  tr  ilinu  -"11?  flap  and  ar.  aileron.  In  each  -are  'fa  maxim 

•hi-kt  esc  *o  chord  it-  ■  at  *he  w;  n  g- f  uselaue  -junction  was  kept  a- pr  ox  ima*  el  v  the  sai 
t  "-  =  10%. 

Tt.  variable-  g— ome-.  v  wing  ha  =  a  variable  leading  -  r-  droop  capab:ld'v. 

.?4moi  of  ‘Is  sect:  or.  ilori  'he  full  bno'l.  o :  the  span  mav  re  deflec'ei, 

-ndiy.  -  r  C°,  P°  o;  1  drier,  angle  tc  be  selected.  In  addition,  i*  has  a  bou 
1  -i‘  =  d  'h--  uppf  r  surface-  a*  ab  u'  of  'he  wing  semispen.  ejcii 

mnlov-1  *  d  ip-ove  »  ue  "311  ''har  act  eristics  ot  th-  wir.i.  Th-  y  d-  net  always 
they  ilwiys  r.niv  '■dditional  drag. 

Th  ■  ■  r.  lencei  information  regarding  the  qenn>e‘ry  of  the  two  wings  ;c  shewn  i  r. 
Figure  C  am  ear  i  ~  >  n:  be'wetn  the  profiles,  of  the  tv-  wings  at  •  hr“  c.itlc.al  sti'irne 

ir=-  shown  in  Figure  ’.  Tr.  the  following,  we  id-'j  t  'he  designation  V-xx-vy  wh->i  referring 
'o  'h”  wing  wi'h  _yariable  leading  edge  defection  ar.d  Fb- yy  when  referring  *.  the  win: 
with  ii  xe*d  loading  edge  geometry  where  xx  anti  yy  in  the  above  designations  r  >fer  to  'he 
lea  d  ing  '  eg.je  d  flection  angle  and  trailing  edge  flap  angle  in  degrees,  re.--  pe  '•  i  vel  v .  The 
simplified  form  V  and  Ft  will  be  used  when  'he  flaps  are  undeflected. 

Par  this  model  the  blockage  area  ratio  was  O.PUX  and  the  ratio  cf  the  wn.r  tr-  a  •  ’ 
the  tunnel  cross-sectional  area  was  0.0,115. 


.figuration  was 
.  million  with 


:.c»-s  '  ar.  u  1.  •  i< 

from  ar.  experiment  al  i..vesti  rat  i  tr, , 
TAAb-SCANlA,  F  F  A  ar.d  !.A-.  fee  -is: 


The  scope  of  the  investigation  is  summarized  in  the  Table, 


Overall  forces  and  aoaents  sere  aeasured  with  an  externally  located  5-component 
balance.  The  base  pressure  was  also  aeasured  but  was  not  used  to  correct  for  base  drag. 
It  should  be  noted,  however,  that,  due  to  the  through  flow,  peraitted  by  the  open  intake, 
the  base  pressure  was  invariably  close  to  free  stress  static  pressure,  resulting  in  a 
aaxiaua  pressure  coefficient  -0.C5<Cpb<0.07.  And,  since  the  ratio  of  the  base  area  to  the 
wing  reference  area  is  Sb/S*0. 04768,  the  contribution  of  the  base  pressure  to  the  total 
drag  is  quite  saall.  Measurement  of  buffet  onset  and  aagnitude  was  atteapted  using  an 
accelerometer  mounted  near  the  wing  tip  in  the  case  of  Ming  V.  In  the  case  of  Bing  F6 
there  was  no  provision  for  an  acceleroaeter.  Instead,  the  root  nean  square  (rms)  of  the 
ac-coaponents  of  the  output  frow  the  balance  gauges  were  aeasured  following  previous 
success  at  such  aeasureaent  as  indicated  in  Reference  8. 


2.0  DISCUSSION 

Be  shall  first  discuss  the  cruise  case.  Cruise  is  herein  defined  as  flight  at  M>0.5 
in  the  range  0<CN  or  CKO. 2.  The  drag  coefficient  CD  at  three  constant  values  of  CL  is 
plotted  against  Bach  number  and  compared  for  the  two  wings  in  Figure  4.  The  drag 
divergence  Bach  nuaber,  Bdd,  is  higher  for  Bing  V  by  a  AB=0.013.  Below  Hdd,  the  drag 
coefficient  of  Bing  F6  is  actually  lower  for  CL  values>0.1.  For  Bach  numbers  above  Bdd 
and  values  of  CL<0.1  Bing  V  retains  its  superior  performance.  Be  would  like  to  note  in 
passing  that  the  observed  drag  creep  is  partly  due  to  the  sensitivity  of  the  balance  to 
aabient  static  pressure  and  temperature  drift.  Although  no  correction  for  these  effects 
has  been  made  to  the  data,  the  comparison  of  the  results  of  the  two  wings  is  still  valid 
since  the  two  wings  were  tested  under  identical  conditions. 

The  static  longitudinal  stability  characteristics  of  the  two  wings  are  compared  in 
Figure  5  where  Cm  is  plotted  against  CN .  The  stability  characteristics  are  seen  to  be 
similar  for  the  two  wings  in  the  Mach  number  range  0.5<B<0.921.  For  the  higher  Bach 
numbers,  0.921<B<0.963,  Bing  F8  remains  stable  while  Bing  V  shows  signs  of  becoming 
unstable  near  CN  values  close  to  zero. 

Experience  with  swept  wings  indicates  that  if  a  reduction  of  the  longitudinal  static 
stability  should  occur  with  increasing  Mach  nuaber  it  usually  heralds  problems  with 
aileron  effectiveness  in  that  range  of  Bach  number.  For  this  reason,  we  investigated  the 
aileron  effectiveness  in  the  Mach  number  range  of  decreased  longitudinal  static  stability- 
0 . 9 2<B<7 . 98.  Be  atteapted  this  by  measuring  the  change  in  the  rolling  moment  coefficient, 
ficl,  obtained  from  two  runs  conducted  at  identical  conditions,  where  the  aileron  was  set 
to  5°  in  one  run  and  to  -5°  in  the  other.  Although,  strictly  speaking,  this  procedure  is 
not  accurate  for  determining  aileron  effectiveness,  since  the  final  centre  of  pressure 
location  for  a  full  model  may  be  different  compared  to  that  of  two  'halves'  of  the  model, 
the  procedure  is  considered  useful  in  providing  qualitatively  valuable  information.  A 
comparison  of  A  Cl  for  the  two  wings  generated  by  a  5°  aileron  deflection  is  shown  in 
Figure  6.  Be  note  that  Bing  F6  has  the  higher  aileron  effectiveness  but  shows  signs  of  a 
decreasing  trend  with  increasing  Bach  number  even  though  the  static  stability 
characteristics  would  suggest  otherwise.  Bing  V  shows  signs  of  a  reversal  of  its  aileron 
effectiveness  in  the  Bach  nuaber  range  0.945<B<0. 965. 

we  conjectured  that  loss  of  aileron  effectiveness  is  the  result  of  shock  stall 
causing  flow  separation  over  the  aileron.  This  led  us  to  explore  the  effect  of  using  a 
symmetric  deflection  of  the  ailerons  to  improve  the  longitudinal  static  stability  of 
Bing  v.  The  result  is  shown  in  Figure  7.  Clearly,  a  worthwhile  improvement  of  the  static 
margin  has  been  realized.  It  is  interesting  to  note  that  either  a  positive  or  a  negative 
deflection  give  similar  improved  static  stability. 

At  this  juncture  we  would  like  to  direct  our  attention  to  the  effects  of  Reynolds 
nuaber.  Be  have  chosen  critical  Bach  number  cases  to  illustrate  these  effects. 

The  effects  of  increasing  the  Reynolds  number  on  the  static  longitudinal  stability  of 
Bing  v  are  shown  in  Figure  8.  A  small  improvement  is  noted.  The  effects  of  increasing 
the  Reynolds  nuaber  on  aileron  effectiveness  are  shown  in  Figure  9.  It  is  seen  that  this 
effect  is  not  consistent.  An  increase  in  Reynolds  number  may  yield  a  substantial 
improvement  in  aileron  ef f ectivenesc  at  one  Bach  number  but  it  could  also  result  in  a 
decreased  effectiveness  at  another  Bach  number.  Be  re-emphasize,  therefore,  the  need  for 
testing  at  full  scale  Reynolds  nuaber  conditions. 


Banoeuver 

Be  shall  limit  our  discussion  to  two  typical  manoeuver  cases  at  Bach  0.5  and  0.7.  In 
this  context  we  are  primarily  interested  in  achieving  high  useful  CLmax  (i.e.  pre-buffet 
onset)  without  incurring  the  penalty  of  increased  drag  due  to  flow  separation.  A 
comparison  of  CL  versus  a  for  the  two  wings,  with  and  without  flap  deflections,  is 
presented  in  Figure  10.  Clearly,  without  flap  deflection,  Bing  F6  is  superior.  In 
practice,  when  manoeuvers  are  performed  at  high  angles  of  attack,  the  leading  edge  of 
Bing  V  is  deployed  automatically  to  either  20°  or  10°  depending  on  the  Bach  number.  Both 
wings  employ  a  10°  trailing  edge  flap  deflection  for  lift  augmentation.  Onder  these 
circumstances,  both  wings  provide  sufficient  range  of  linear  lift  increase  with  a  (up  to 
CL*1.0  at  fl*0.5  and  CL*0.7  at  H*0.7)  as  shown  in  Figure  10.  However,  to  illustrate  the 
true  relative  merit  of  the  two  wings  we  consider  the  comparison  shown  in  Figure  11  where 


the  lift/drag  ratio  is  plotted  against  CL.  Clearly,  King  F6  is  superior  at  both  Hach 
nunbers  with  and  without  flap  deflections  except  in  a  snail  range  of  CL>1.1  at  Hach  0.5. 
Ha  would  like  to  note,  however,  that  King  V  eaployes,  in  this  instance,  a  20°  leading  edge 
flap  deflection  which  is  suitable  for  high  CL  values.  At  lower  CL  a  snaller  leading  edge 
deflection  would  likely  be  sore  suitable. 

Although  a  high  CLnax  is  a  desirable  goal  to  achieve  in  order  to  extend  the  nanoeuver 
capability  of  the  aircraft,  one  nust  ensure  that  such  high  CLnax  values  are  attained 
outside  the  buffet  boundary.  A  nethod  for  predicting  buffet  onset  has  been  to  locate  the 
point  of  inflection  in  the  CX  versus  a  curve.  In  Figure  12  we  present  plots  of  CX  versus 
a  for  the  two  conditions  discussed  above  at  H=0.5  and  H=0.7.  The  task  of  deternining 
buffet  onset  by  this  nethod  is  difficult,  as  the  location  of  the  point  of  inflection  is 
sonewhat  elusive.  Ne,  therefore,  enployed  an  acceleroaeter  mounted  near  the  wing  tip  of 
wing  V  for  a  better  assessaent  of  buffet  onset  and  severity.  He  also  neasured  the  ms  of 
the  ac-conponent  of  the  output  froa  the  balance  gauges  in  the  hope  of  (ising  this 
neasureaent  as  a  basis  for  coaparing  buffet  onset  boundaries  for  the  two  wings.  This 
latter  technique  was  enployed  since  wing  F6  was  not  equipped  with  an  acceleroaeter.  The 
results  are  presented  in  Figure  13.  Osing  the  first  technique,  i.e.  locating  the  point  of 
inflection  in  the  CX  versus  a  curves,  we  can  say  that,  in  a  qualitative  sense,  buffet 
onset  occurs  at  a  higher  angle  of  attack  on  Wing  V  at  Hach  0.5  and  at  a  lower  angle  at 
Hach  0.7  as  coapared  with  Wing  F6.  This  finding  is  substantiated  by  the  coaparisons  of 
ras(Nl)  shown  in  Figure  13.  By  coaparing  rms(NI)  -  aeasured  in  lbs  -  for  wing  V  with  the 
acceleroaeter  output  ras(G)  -  aeasured  in  gs»,  we  note  that  it  is  indeed  justifiable  to 
use  the  rns(NI)  signal  to  predict  buffet  onset,  even  though,  rns(G)  is  a  slightly  note 
sensitive  indicator  of  buffet  onset  than  ras(MI).  This  being  so,  then  by  coaparing 
ras(HI)  for  the  two  wings  we  can  further  deduce  that  buffeting  occurs  gradually  on  Hing  ? 
while  it  has  a  tendency  to  occur  sharply  on  Hing  F6  at  least  at  Hach  0.5.  He  also  note 
that  at  H=0 . 5  the  amplitude  of  the  ms  (HI)  signal  is  higher  for  Hing  F6  suggesting  that 
buffet  severity  could  be  higher  on  the  latter  wing.  At  Hach  0.7  we  note  a  reversal  of  the 
above  phenomena  on  the  two  wings. 


Effect  of  Stores 

In  the  preceding  discussion  the  wings  were  equipped  with  stores  (two  pylons,  tip 
missile  and  launcher).  To  study  the  effect  of  stores  we  chose  to  investigate 
configuration  F6  without  stores  and  to  compare  the  two  results.  In  Figure  14  we  show  the 
effect  of  stores  on  the  lift  and  pitching  moment  curve  slopes  at  a  =0°.  It  is  seen  that 
the  addition  of  the  stores  results  in  a  favourable  effect.  (  CLa  is  increased  and  Cm.  is 
decreased)  at  Hach  nuabers  below  Hdd.  The  Hach  numbers  at  which  the  first  naxinum  value 
of  the  lift  and  pitching  aonent  curve  slopes  occur  remain  unchanged  by  the  addition  of  the 
stores.  It  is  also  noted  that  the  stores  cause  a  drastic  change  in  the  Cma  versus  H  curve 
in  a  narrow  Hach  number  band. 

The  drag  increases,  as  would  be  expected,  see  Figure  15,  except  at  h=0.5  and  values 
of  CL>0. 45  where  the  addition  of  the  stores  generates  beneficial  interference  ar.d  results 
in  a  higher  lift/drag  ratio.  A  plausible  explanation  is  that  the  presence  of  the  missile 
and  launcher  at  the  tip  influences  the  trailing  vorticity,  in  much  the  same  manner  as  a 
wing  tip  fence  would,  resulting  in  a  lower  induced  drag. 


Hind  Tunnel  Interference 

Preliminary  analysis  of  results  obtained  from  an  investigation  conducted  on  a 

1/13-scale  half  model  tested  in  the  same  tunnel  indicates  that  the  1/9.5-scale  model 

discussed  above  may  be  too  large  for  this  tunnel  at  the  higher  transonic  Hach  nunbers 

investigated.  However,  we  have  no  reason  to  beleive  that  the  comparisons  and  ideas 
discussed  above  would  be  substantially  altered  by  the  presence  of  wall  interference 

effects. 


3.0  COHCLUS IOHS 

Two  design  philosophies  for  a  wing  destined  for  an  attack  aircraft  were  investigated 
experimentally.  In  the  first  case,  the  wing  is  equipped  with  a  leading  edge  that  can  be 
deflected  mechanically  to  cope  favourably  with  landing  and  nanoeuver  cases  without 
suffering  a  drag  penalty  in  the  cruise  regime.  In  the  second  case,  the  wing  leading  edge 
profile  is  permanently  set  as  a  compromise  for  all  flight  conditions.  The  results 
indicate  that,  using  the  second  concept,  a  carefully  tailored  wing  can  be  generated  which 
need  not  suffer  from  either  a  drag  penalty  or  reduced  nanoeuver  capability.  And,  although 
the  latter  wing  has  a  lower  CLnax  and  a  lower  buffet  onset  boundary  at  H«0.5,  and,  suffers 
from  a  slightly  lower  drag  divergence  Hach  number,  such  a  wing  nay  have  the  overall 
advantage  of  simplicity  and  lighter  weight. 

The  effect  of  Reynolds  number  was  studied  on  Hing  V  in  the  range  12<Bex10-»<18  In  a 
few  critical  Hach  number  instarces.  It  was  found  that  increasing  the  Reynolds  number 
resulted  in  improved  longitudinal  static  stability  but  did  not  consistently  improve 
aileron  effectiveness. 

The  presence  of  stores,  studied  on  Bing  P6  only,  results  in  a  higher  lift  and 
pitching  moment  curve  slopes,  and,  as  expected,  a  higher  drag.  However,  at  the  lowest 
Hach  number  investigated,  H*0.5,  there  is  evidence  indicating  that  the  presence  of  stores 
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results  in  a  reduction  of  the  induced  drag. 
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Fig.2  Geometries  of  wings  V 


Fig.3  Profile  shspes  of  wings  V  and  F6 


Fig, 5  Comparisons  of  Cm  versus  C'n  at  various  Mach  numbers 
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SUMMARY 

The  first  part  of  the  paper  concentrates  on  three  aspects  of  the  design  of  the  wing  for  a  supersonic 
single-engined  combat  aircraft.  To  provide  the  necessary  transonic  manoeuvre  capability,  the  wing  has 
considerable  leading-edge  droop  and  rear  loading:  at  low  "g" ,  variable  camber  devices  are  used  to  remove 
these  effects  to  enhance  the  performance.  These  devices  are  also  used  to  optimise  the  performance 
throughout  the  flight  envelope. 

The  thin  wing  is  subjected  to  considerable  aeroelastic  distortion.  The  effects  of  this  distortion  on 
ving  twist  are  shown  to  be  large  and  beneficial  and  are  quantified  theoretically  via  wing  pressure 
distributions  and  experimentally  via  drag  and  drag-rise  Mach  number  comparisons. 

In  the  absence  of  methods  for  designing  the  wing/strake  combination  in  a  vortex  dominated  flow,  two 
"non-interfering"  strakes  were  designed  to  follow  the  wing  streamlines  at  two  different  incidences.  Results 
show  that  these  strakes  produced  negligible  drag  increments  at  low  and  moderate  incidences,  though  at 
elevated  incidences  they  were  less  powerful  than  more  conventional  designs. 

The  final  part  of  the  paper  deals  with  the  productionisation  of  the  wing.  Using  simple  expressions  for 
aeroelastic  effects  two  jig  shapes  are  defined  using  straight  line  generators.  The  first  is  based  on  three 
control  stations  and  the  second  on  only  two.  Theoretical  and  experimental  results  are  used  to  show  that  such 
practical  constraints  on  wing  design  do  not  impair  the  performance  drastically. 


1 .  INTRODUCTION 

Attempts,  using  sub-critical  design  methods,  to  produce  a  wing  with  good  transonic  characteristics  have 
always  hit  upon  the  great  difficulty  of  accommodating  both  efficient  high  lift  performance  (for  sustained 
manoeuvre)  and  a  high  drag-rise  Mach  Number  at  low  lift  (for  sea  level  dash).  The  former  will  normally  require 
considerable  amounts  of  camber  and  twist  (wash-out)  which,  at  low  lift,  lead  to  excessive  suction  near  the 
lower  surface  leading-edge  over  the  outer  wing.  This  then  leads  to  the  premature  appearance  of  shock  vaves 
end  hence  a  low  drag-rise  Mach  Number.  When,  as  in  the  present  exercise,  the  need  for  a  significant 
supersonic  capability  limits  the  allowable  wing  thickness,  to  say,  5?  chord,  this  problem  ia  greatly 
exacerbated. 

With  the  advent  of  transonic  calculation  methods  which  can  handle  shock  waves,  it  is  possible  to  design 
wings  at  very  much  higher  values  of  lift  coefficient  ( C^)  than  the  sub-critical  method  allowed.  Once  again, 
with  fixed  geometry,  this  only  adds  to  the  difficulty  of  providing  an  adequate  Mach  Number  capability  for  the 
sea  level  dash.  Of  course,  this  can  be  overcome  by  relaxing  the  surface  curvature  in  the  affected  region  thus 
leading  directly  to  a  wing  whose  thickness :  chord  ratio  increases  from  root  to  tip  (though  the  thickness 
itself,  naturally,  decreases).  It  had  been  supposed^  that  this  situation  could  be  alleviated  by  the  use  of  a 
leading-edge  flap  (deflected  down  for  high-lift  and  up  for  low-lift).  The  same  notion  could  be  applied  to 
the  trailing-edge  where  the  rear  loading,  necessary  for  the  high  lift  case,  could  be  removed  by  upward 
deflation  of  a  control.  For  this  latter  case,  in  particular,  a  flap  is  a  more  efficient  means  of  modifying 
the  lift  -  whilst  remaining  free  of  wave  drag  -  than  is  incidence.  As  is  shown  in  the  next  Section,  once 
variable  camber  devices  are  included  in  the  design  from  the  outset,  they  become  much  more  powerful  than  is  the 
case  if  they  are  added  to  an  existing  fixed  geometry  design. 

The  use  of  a  thin  wing  covering  both  high  lift  (Cj,  >  0.7)  and  low  lift  (Cl  *  0.05)  conditions  directs 
attention  towards  "static"  (as  opposed  to  dynamic)  aeroelastic  distortion.  The  high  lift  condition  may  well 
be  associated  with  a  normal  acceleration  in  excess  of  8g,  whereas  the  latter  condition  is  appropriate  to 
straight  and  level,  or  1g,  flight.  Between  these  two  conditions,  the  aeroelastic  distortion  is  considerable  - 
and  generally  favourable.  For  the  present  research  exercise  it  was  decided  to  include  the  effects  on  twist, 
due  to  both  bending  and  torsion,  but  to  ignore  the  effects  on  both  camber  and  anhedral.  The  effect  on  camber 
is  in  fact  quite  small,  but  the  effects  on  anhedral  are  important  from  the  stability  and  control  viewpoint. 
These  aeroelastic  effects  are  the  subject  of  Section  3  below. 

At  the  time  that  this  present  exercise  started  there  appeared  to  be  no  readily  available  method  for 
designing  strakes.  One  could  neither  design  the  wing,  at  moderate  incidence,  in  the  presence  of  the  strake, 
nor  design  the  strake,  at  high  incidence,  in  the  presence  of  the  wing.  At  the  same  time,  some  experiments 
had  shown  that  whilst  strakes  can  extend  the  wing  performance  to  very  high  incidences,  they  can  -  in  some 
instances  -  generate  relatively  large  drag  increments  at  moderate  incidences.  It  was  decided  to  test  the 
notion  of  designing  the  strake  so  as  not  to  interfere  with  the  wing  flow  at  moderate  incidence.  The  purpose 
of  this  exercise  was  two-fold,  firstly  to  discover  whether  this  approach  was  possible  within  the 
restrictions  of  wing  and  fuselage  geometries  and  secondly  to  discover  how  such  a  strake  would  perform  at 
high  incidence.  Since  the  difficulties  of  designing  such  a  strake  are  particular  to  the  incidence  used,  two 
separate  strakes  (for  two  incidences)  were  chosen  in  the  hope  that  the  results  would  be  more  generally 
applicable. 
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The  design  of  these  two  strakes  is  discussed  in  section  It  below;  section  5  presents  an  assortment  of 
experimental  results  on  the  above  topic. 

As  already  implied  the  wing  definition  obtained  is  representative  of  an  in  flight  shape,  with  approximate 
aeroelastic  effects  included  through  the  medium  of  incremental  wing  twist.  The  shape  derived  consisted  of  a 
large  number  (7)  of  control  stations  along  the  span  and  implies  that  the  surface  geometry  is  of  a  fairly 
complex  shape.  If  applied  to  an  aircraft  project  this  might  lead  to  manufacturing  difficulties  and  weight 
penalties,  at  least  for  conventional  alloy  structures.  Difficulties  would  be  compounded  if  spars  were 
twisted,  with  non  straight  hinge  lines  for  high  lift  device  actuation,  power  hinges  etc.  The  final  part  of 
the  paper  deals  with  such  practicalities  which  has  been  termed  -  productionisation. 

2.  THE  VARIABLE  CAMBER  DEVICES 

The  calculation  methods  available  for  the  design  of  the  wing  included  Albone's2  three-dimensional 
transonic  small  perturbation  method  together  with  an  inverse  (or  design)  version  thereof.  For  subsonic 
conditions,  a  panel  method  was  used  together  with  some  calculations  using  a  three-dimensional  turbulent 
boundary  layer  method.  This  latter  method  is  an  integral  one  which  treats  both  the  streanwise  and  crossflow 
velocity  distributions  as,  essentially,  two-parameter  profiles  by  using  the  law  of  the  wall  end  wake. 

Clearly  the  most  difficult  area  of  the  design  is  the  transonic  one.  At  the  time  that  the  present  work 
was  envisaged,  there  was  very  little,  if  any,  verification  of  the  validity  of  the  T.S.P.  method  for  thin 
wings. 

Thus  it  was  decided  to  perform  a  limited  design  and  test  exercise  in  two  dimensions  as  a  prelude  to,  and 
proof-of-concept  of,  the  three-dimensional  work.  For  this  two-dimensional  work  the  camber  changing  devices 
were  much  simpler  than  those  adopted  for  the  three  dimensional  wing,  the  mode  of  operation  was  however 
identical  and  is  described  below.  ’ 

2.1  Two  dimensional  design 

Only  two  design  points  were  considered  for  this  exercise,  being  the  two-dimensional  equivalents  of  a 
high  Mach  Number  sustained  manoeuvre  and  the  sea  level  dash  though  a  third  flap  configuration,  essentially 
mid-way  between  these  two  extremes,  was  tested.  The  camber  changing  devices  were  plain  flaps,  hinged  on 
the  chord  line  of  the  aerofoil  at  x/c  »  0.1  and  0.75.  Figure  1  shows  the  combination  of  CN  and  Mach  Number 
for  which  conditions  free  of  drag-rise  were  sought  and  the  associated  flap  angles  (a  negative  deflection  is 
leading-edge  or  trailing-edge  "up").  Also  shown  are  the  corresponding  pressure  distributions  obtained  during 
the  design  process  using  the  viscous  version  of  the  RAE  T.S.P.  method?.  Use  of  the  T.S.P.  rather  than  a  more 
exact  method,  enabled  some  confidence  to  be  generated  for  the  ensuing  three-dimensional  phase  where  only  the 
T.S.P.  method  was  then  available. 

The  aerofoil  thickness  chord  ratio  was  5.8%  and  the  top-most  pressure  distribution  Bhows  a  considerable 
degree  of  rear-loading  and  a  far-aft  rooftop.  This  latter  vaB  attributable,  at  least  partly,  to  the  decision 
to  employ  a  thick  trailing-edge  and  the  end  of  the  rooftop  is,  very  conveniently,  close  to  the  trailing-edge 
flap  hinge-line. 

Reducing  the  incidence  of  this  section  would  have  very  little  effect  on  the  amount  of  rear  loading; 
thus  low  values  of  Cj,  could  only  be  obtained  by  partly  balancing  the  positive  lift  at  the  rear  by  nearly 
equal  negative  lift  over  the  front  which  would  necessitate  a  very  large  suction  peak  towards  the  leading-edge 
on  the  lower  surface.  Thus  the  bottom  pressure  distribution  shows  the  situation  (at  the  slightly  higher  Mach 
Number  of  0.8l)  when  both  flaps  are  deflected  upwards  by  an  equal  amount.  At  this  Mach  Number,  sonic 
conditions  are  equivalent  to  Cp  =  0. 1 1 ,  so  that  both  compression  corners  on  the  upper  surface  are  in 
subsonic  flow  though  small  patches  of  supercritical  flow  are  predicted  on  the  lower  surface. 

For  the  intermediate  flap  setting  (0°/-3.5°)  the  good  upper  surface  flow  of  the  datum  aerofoil  is 
retained  with,  of  course,  much  reduced  rear  loading  -  sonic  conditions  here  are  equivalent  to  Cp  =  -0.U6  so 
most  of  the  flow  is  subcritical. 

Though  experimental  results  will,  in  the  main,  be  confined  to  Section  5  of  this  paper,  it  is  con-enient 
to  complete  the  discussion  of  the  two-dimensional  exercise  with  some  appropriate  results  (Figure  2).  Clearly, 
as  far  as  drag-rise  Mach  Number  is  concerned,  the  datum  section  is  deficient  by  0.01  in  Mach  Number.  However, 
the  curves  for  the  remaining  two  flap  angles  indicate  that  a  smooth  envelope  can  be  drawn  (with  varying  flap 
angles)  which  would  encompass  this  design  point.  Elsewhere  the  drag-rise  boundaries  are  considerably  better 
than  the  targets.  The  boundaries  of  pressure  divergence  and  lift  break  follow  the  same  pattern  for  all  three 
flap  settings,  though  for  the  datum  aerofoil  (0°/0°)  the  margin  between  the  two  is  always  small  and  disappears 
for  Mach  Numbers  below  0.7*  It  is  interesting  to  note  that  if  one  were  to  increase  C^  progressively  at,  say, 

M  »  0.78,  seeking  first  to  minimise  drag  and  then  to  provide  the  maximum  lift  capability  then  the  sequence, 
or  schedule,  would  be  -3.5°/-3.5°  *  0°/3.5°  •*  0°/0°  0°/-3.5°  *  -3.5°/-3.5°.  At  the  lower  Mach  Numbers,  this 

reversal  of  the  schedule  does  not  occur  and  positive  (downward)  Bettings  would  improve  the  high  lift 
performance. 

2.2  Three-dimensional  design 

Having  established  the  value  of  camber  changing  devices  in  the  above  exercise,  the  three-dimensional 
exercise  could  start.  From  the  outset  it  had  been  decided  that  this  would  employ  some  form  of  flexible 
skin  devices  -  of  modest  chordwise  extent  -  to  mollify  the  curvature  changes  in  the  flap  knuckle  regions.  A 
very  brief  review  of  the  properties  of  these  flexible  skins  is  given  below  together  with  the  influence  of 
the  leading-edge  flap  on  the  wing  section  geometry.  This  is  followed  by  a  description  of  the  resulting 
aerodynamic  design. 

2.2.1  Geometrical  Considerations 

The  geometrical  definition  of  the  flexible  skin  variable  camber  devices  was  based  upon  a  conservative 
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interpretation  of  engineering  schemes  which  were  available  at  the  start  of  the  work.  When  deflected,  the 
flexible  skin  will  adopt  a  shape  dependent  on  the  elastic  properties  of  the  material,  the  external  load 
distribution  (a  point  load  would  give  a  parabola)  and  the  type  of  support.  Simple  exercises  indicated 
that,  for  aerodynamic  purposes,  a  bi-quadratic  curve  (matching  x,  z  and  ^  at  either  end  of  the  flexible 
skin)  was  neither  too  optimistic  or  too  pessimistic.  On  this  basis  “  various  lengths  of  flexible 
skin  are  compared  in  Figure  3  in  terms  of  distributions  of  slope  and  radius  of  curvature  for  a  leadirg-edge 
device  deflected  through  5  degrees.  For  a  fixed-hinge  flap,  i.e.  no  flexible  skin,  the  radius  of  curvature 
Would  be  0.0U2C;  the  longest  flexible  skin  shown  (.0730)  increases  this  value  by  a  factor  of  about  12. 

Variable  camber  devices  also  give  relief  from  the  limit  to  he  allowable  thickness:  chord  ratio. 
Figure  U  shows  a  notional  outer-wing  section,  where  the  upper  surface  has  been  designed  for  the  transonic 
manoeuvre  condition  and  the  lower  surface  for  the  low  level  dash.  Assuming  mutual  independence  of  the  two 
surfaces  (which  appears  to  hold  to  a  remarkable  degree  even  in  transonic  flow)  these  surfaces  can  be  joined 
together  (as  shown)  along  leading  and  trailing  edges  to  provide  a  suitable  wing  section.  In  this  particular 
example,  the  resulting  thickness:  chord  ratio  is  0.075  and  this  could  only  be  reduced,  for  a  fixed  camber 
wing,  by  compromising  either  the  high  lift  performance  or  the  sea  level  dash  capability,  or  both.  Using 
variable  camber,  the  desired  lower  surface  shape  can  be  reproduced,  when  required,  with  a  much  thinner 
section.  In  fact,  the  thickness:  chord  ratio  and  the  leading-edge  flap  chord  tend  to  be  directly  related. 

It  will  be  noted  that  for  the  two  flap  configurations  illustrated,  concave  "comers"  are  present  for  one 
surface  or  the  other;  in  transonic  flight,  these  are  always  associated  with  locally  -  subcritical  flow 
conditions . 

These  considerations  led  to  the  manoeuvre  devices  outlined  in  planform  on  Figure  5.  It  will  be 
noted  that,  whereas  the  trailing-edge  device  is  a  constant  percentage  of  the  wing  chord,  the  leading-edge 
device  increases  in  relative  size  from  root  to  tip. 

2.2.2  Aerodynamic  Design 

Figure  6  shows  typical  flight  conditions  for  a  combat  aircraft  which  were  identified  as  being  of 
possible  significance  from  the  wing  design  viewpoint.  The  manoeuvre  points  are  all  at  altitude,  save  for 
the  one  centred  near  M  =  0.65  which  is  at  low-level.  For  the  present  research  exercise,  this  point  had 

little  impact  on  the  design.  The  1  "g"  conditions  include  (in  ascending  order  of  Mach  Number)  loiter,  cruise 
at  sea  level  and  at  altitude,  penetration,  escape  and  maximum  speeds  at  low  level  and  at  altitude.  As  has 
been  stated,  the  latter  influenced  the  design  in-a  simple,  but  overriding,  manner  via  the  maximum  allowable 
thickness  chord  ratio. 

It  was  already  clear  that  two  primary  design  points  were,  sustained  manoeuvre  at  M  5  0.9  and  sea 
level  dash  at  M  «  0.9+.  The  choice  of  the  third  primary  design  point  was  based  on  considerations  sketched  in 
Figure  7.  Figure  7(a)  illustrates  the  possibility  that  the  drag-rise  boundaries  for  the  two  wing/flap 
configurations  might  be  such  as  to  cast  doubt  on  the  performance  at  intermediate  flap  settings.  Thus  the 
third  design  point  could  be  used  to  guard  against  this  possibility.  Alternatively  (Fig.  7(b))  it  may  be  the 
high-lift  performance  at  lower  Mach  Numbers  which  is  in  doubt.  The  first  possibility  was  discounted  on  the 
basis  of  the  two-dimensional  results  (Fig.  2)  and  the  three  primary  design  points  were  taken  as:- 

1.  Sustained  manoeuvre,  M  »  0.9  (high  "g") 

2.  Sea-level  dash  ,  M  »  0.9+  (low  "g") 

3.  Sustained  manoeuvre,  M  *  0.8  (high  "g") 

Secondary  design  points  then  include 

It.  Sustained  manoeuvre,  M  «  1.2  (moderate  to  high  "g") 

5.  Sustained  manoeuvre,  M  •  0.6  (high  "g") 

Figure  8  shows  calculated  pressure  distributions  (in  potential  flow)  for  condition  1  above  together 
with  typical  leading-and  trailing-edge  contours  (to  distorted  x-z  scales).  Although  the  lower  surface 
"comers"  appear  to  indicate  deflected  flaps,  this  is  the  datum  (i.e.  zero  deflection)  configuration  since, 
on  the  upper  surface,  the  second  derivative  of  z  is  continuous  throughout.  The  pressure  maxima,  resulting 
from  these  comers,  are  clearly  evident  at  approximately  x/c  =  0.1  and  0.75.  For  design  point  3  above,  the 
leading-edge  flap  is  deflected  down  through  5  degrees  and  the  trailing-edge  similarly  through  2  degrees.  Once 
again  (Fig.  9)  the  Mach  Numbers  normal  to  the  shocks  do  not  imply  any  likelihood  of  shock  induced  separation. 

Discussion  of  the  remaining  primary  design  point,  the  sea  level  dash,  necessitates  some  consideration 
of  aeroelastic  distortion  which  is  the  subject  of  the  next  Section. 

3.  AERO ELASTIC  EFFECTS 

From  the  wing  design  viewpoint,  the  primary  effects  of  aeroelastic  distortion  are  the  change  introduced 
into  the  wing  twist  distribution.  Changes  in  anhedral  are  of  secondary  importance  and  have  been  discounted 
for  the  present  exercise.  In  order  to  evaluate  the  twist  effect,  some  structure  must  be  assumed,  or  designed, 
at  least  for  the  wing  box.  A  conventional  multi-spar  thick  skinned  box  was  assumed  whose  distortion  under 
load  was  in  no  way  constrained  by  the  variable-camber  devices.  Some  typical  twist  distributions  are 
illustrated  in  Figure  10;  the  curve  labelled  HIGH  "g”  FLIGHT  represents  the  aerodynamic  requirement  derived 
to  meet  design  points  1  and  3  as  described  above  and  represents  some  9.2  degrees  washout  from  centre-line  to 
tip.  The  curve  marked  "ORIGINAL  LOW  "g"  FLIGHT"  is  the  twist  used  in  the  present  exercise  to  represent  low 

"g"  flight  conditions.  The  two  dashed  curves  represent  jig  and  low  g  flight  shapes  according  to  a  more 

recent  evaluation,  the  difference  being  the  result  of  a  more  detailed  structural  analysis  and  up-dated 

aerodynamic  loading  data.  Thus  it  would  appear  that  the  results  for  the  present  low  g  wing  (to  be  presented 
later)  will  be  optimistic  particularly  as  regards  drag.  Hovever,  it  is  clear  that  a  less  conventional 
approach  to  the  wing  structural  design  could  provide  adequate  torsional  stiffness  (for  flutter,  divergence 
etc. )  whilst  giving  increased  bending  flexibility  and  so  increase  the  favourable  influence  of  aeroelastic 
distortion  via  the  twist  distribution. 
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The  aerodynamic  benefits  resulting  from  the  reduction  in  twist  at  low  "g"  are  illustrated  in  Figure  11. 
Here  the  flaps  have  been  deflected  upwards  through  5  degrees  at  the  leading-edge  and  I*  degrees  at  the 
trailing-edge  from  the  datum  position.  Pressure  distributions  are  shown  for  the  wing  with  both  the  high  and 
low  "g"  twist  distributions.  Over  the  outer  wing,  the  latter  twist  distribution  produces  a  aromatic  reduction 
in  the  peak  suction  on  the  lower  surface  leading  to  the  prediction  of  an  i*-rro.cment  in  drag-rise  Mach  Number. 
For  both  twist  distributions,  the  effect  of  the  trailing-edge  defl'4-4. ion  is  to  reduce  the  rear-loading  over 
the  outer  wing  and  to  reverse  it  over  the  inboard  wing. 

The  remaining  subsonic /transonic  design  point  is  the  manoeuvre  at  approximately  0.6  Mach  Number.  If  this 
were  at  sea  level  the''  the  twist  should  be  slightly  less  than  that  of  the  datum  high  g  case,  whereas  if  it 
represented  a  manoeuvre  at  10,000  ft  then  the  twist  should  be  about  1  degree  more.  For  the  present  exercise, 
the  datum  twist  was  assumed  with  flap  deflections  of  10  and  degrees  at  leading-and  trailing-edges 
respectively.  Of  course  this  configuration  is  of  interest  for  post  drag-rise  (or  even  post -separation  onset) 
performance  at  higher  Mach  Numbers. 

U.  NON- INTERFERING  STRAKES 

The  philosophy  adopted  for  the  wing/fuselage  junction  was  to  maximise  the  lift-drag  efficiency.  Thus 
gross  wing  streamlines  (above  and  below  the  wing)  were  traced  downstream  starting  from  a  ring  ahead  of  the 
wing  which  gave  the  necessary  fuselage  volume  in  the  relevant  region.  Of  course,  as  the  lower  streamlines 
pass  the  wing,  they  tend  to  swing  outwards  continuously  and  this  is  not  compatible  with  a  finite  body.  Bearing 
in  mind  such  "practicalities" ,  the  resultant  fuselage  shape  gives  low  drag  and  high  lift  carryover:  put.  in 
simple  terms  this  can  be  viewed  as  making  the  fuselage  behave  like  a  wing  rather  than  converting  part  of  the 
wing  into  an  extension  of  the  fuselage. 

A  natural  extension  of  this  philosophy  was  to  see  if  the  strakes  could  be  designed  in  like  mar.i.e  .  ~ugh 
the  resultant  tests  would  need  to  check  for  any  accompanying  deterioration  in  the  high  incidence  pe_-  tr.ce. 
Two  strakes,  of  the  same  planform,  were  to  be  designed  for  the  high  "g"  wing  at  particular  incider.'  7:.^ 

first  incidence  chosen  was  that  of  the  primary  design  point  1.  The  geometries'  difficulty  of  follov:r.g  t.:>  .;e 
streamlines  within  the  constraints  of  the  wing  and  fuselage  lines  led  to  the  second  incidence  being  taken  as 
half  this  value.  The  two  strakes  are  shown  in  Figure  12  where  at  station  F-F  (the  strake/wing  junction)  both 
strakes  have  the  same  cross-section.  As  might  be  expected  the  main  difference  between  the  strakes  is  in 
spanwise  camber. 

5.  RESULTS 

In  describing  the  performance  of  the  wing,  the  effects  of  the  variable  camber  devices  and  the 
aeroelastic  distortion  are  inextricably  bound  together  so  these  will  be  discussed  jointly  in  the  first 
sub-section  below.  The  second  sub-section  deals  with  the  non-interfering  strakes. 

5.1  The  Clean  Wing 

We  first  compare  pressure  distributions  for  the  high  "g"  (datum)  wing  in  Figure  13.  The  theoretical 
results  (the  solid  line)  represent  a  viscous  wing-alone  calculation  by  the  transonic  small  perturbation 
method^  at  almost  the  same  lift  coefficient  as  the  experimental  wing/body  results.  At  n  =.0.5  the  essential 
features  of  the  pressure  distributions  are  very  similar;  the  experimental  data  show  a  greater  leading-edge 
suction  emanating  from  the  intersection  between  the  wing  leading-edge  and  the  fuselage.  The  leading-edge 
shock  is  more  abrupt  and  the  final  shock  is  some  5$  chord  further  forward  than  in  the  wing-alone  calculation. 
Further  outboard,  at  n  =  0.68,  experiment  shows  that  forward  and  rear  shocks  have  merged  whereas  theory  shows 
them  still  to  be  distinct.  The  position  of  this  merging  is  important  since  this  is  where  separation  would  be 
first  expected;  in  fact  much  of  the  design  effort  for  the  manoeuvre  case  was  expected  in  forcing  this  point 
as  far  outboard  as  possible.  Further  outboard  still,  in  the  single  shock  region,  experiment  consistently 
yields  a  shock  which  is  further  aft  than  theory.  That  these  effects  are  mainly  attributable  to  the  omission 
of  the  body  from  the  calculations  is  demonstrated  by  the  isobars  of  Figure  lU.  Here  an  inviscid  wing/body 
calculation  (dashed  lines)  is  compared  with  experiment  (solid  lines)  at  closely  similar  incidences  and  lift 
coefficient.  This  similarity  results  from  a  near-balance  between  the  body  nose  lift  and  wing  viscous  effects 
which  were  both  omitted  in  the  calculation.  The  resulting  isobars  are,  however,  extremely  close  particularly 
as  regards  the  shock  intersection  point.  To  the  designer  this  level  of  agreement  is  very  satisfying  and  gives 
every  confidence  in  the  use  of  such  calculation  methods  for  wing  design  purposes. 

Turning  now  to  the  measured  forces  and  moments,  Figure  15  shows  the  effect  of  the  variable  camber 
devices  on  the  drag-rise  boundary  of  the  wing.  For  all  the  results  in  this  section,  the  model  was  fitted  with 
a  representative  fin  but  no  tailplane.  Although  not  strictly  relevant  to  the  high  "g"  wing  shape,  the 
improvement  provided  by  upward  flap  deflection  at  low  values  of  CL  is  clear. 

The  low  "g"  wing  shows  further  substantial  gains  at  moderate  values  of  CTj  but,  apparently,  little 

improvement  at  the  very  lowest  values.  To  complete  the  story,  of  course,  one  must  look  at  the  actual  drag 

values  and  some  indication  of  these  is  given  by  Cpy^  -  the  minimum  drag  coefficient  as  incidence  varies. 

*^ie  av  which  this  minimum  occurs,  varies  with  flap  angle  but  was  nearly  zero  for  both  high  and 

low  "g"  wings  with  -5/-1*  flap  angles.  Thus  the  low  "g"  wing  gives  substantial  drag  benefits  throughout  the 

Mach  Number  range.  At  low  CL  the  drag-rise  boundaries  for  flap  angles  of  5/2  and  10 A  are  always  inferior 
to  that  of  the  datum  wing,  though  their  high  lift  and  post-drag  rise  performance  is  often  superior. 

Figure^  16  illustrates  the  comparative  lift  and  drag  performance  at  low  Mach  Number.  It  is  noticeable 
that  the  low  "g"  wing  with  upward  flap  deflection  gives  more  lift,  at  low  incidence,  than  the  datum  high  "g" 
wing.  The  reduced  twist  of  the  former  has  outweighed  the  effect  of  the  changes  in  camber.  The  L/D  polars 
indicate  that,  at  this  Mach  Number,  the  particular  combination  of  5  degrees  leading-edge  flap  deflection  and 
2  degrees  at  the  rear  offers  no  advantage  over  the  other  combinations  (at  no  value  of  Cl  is  it  superior).*  Also 
shown  is  a  curve  labelled  CD  -  CDo  +  CL2  ,  Cpo  here  has  been  taken  to  be  the  value  given  by  the  low  "g"  wing. 
This,  and  similar  curves  on  Figure  17  *  and  18,  is  included  to  give  some  yardstick  against  which  to  judge  the 
high  lift  performance  (bearing  in  mind  that  the  real  values  of  for  the  flapped  high  "g"  wings  are  much 
higher  than  for  the  low  ”g"  wing). 
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Figure  17  presents  similar  information  at  a  Mach  Number  of  0.8;  it  is  noticeable  that  the  largest  flap 
deflection  appears  to  change  the  character  of  the  initial  lift  break.  The  L/D  curves  for  the  high  "g"  wing 
now  show  a  clearer  family  relationship  from  which  it  is  possible  to  evaluate  an  envelope  curve  and  hence  an 
optimum  flap  schedule.  The  curves  shown,  now  fall  short  of  the  dashed  curve  and  we  shall  see  that  this 
short-fall  increases  with  Mach  Number. 

At  a  Mach  Number  of  0.88  (Figure  18),  it  is  apparent  that  some  boundary  layer  control  devices  are 
necessary  to  cope  with  the  lift  break  for  the  high  "g"  wing.  This  Mach  Number  is  beyond  the  drag-rise  for 
the  10/4  configuration  at  all  incidences,  but  this  configuration  is  still  useful  from  the  L/D  viewpoint  at 
the  higher  values  of  lift  coefficient.  It  is  much  more  difficult  to  establish  an  optimum  flap  schedule  in 
this  situation,  since  such  a  schedule  must  first  seek  to  delay  drag-rise  but  must  eventually  pass  through  it. 

5.2  The  wing  with  strakes 

Figure  19  compares  the  isobars  on  the  wing  with  and  without  the  second  strake  at  a  »  3.3  degrees 
(i.e.  0.3  degrees  above  the  non-interfering  design  condition).  The  modifications  produced  by  the  addition 
of  the  strake  are  entirely  confined  to  a  small  area  near  the  strake/wing  intersection.  Pressure  data  was 
only  obtained  with  this  strake  design  but  forces  data  can  be  used  to  indicate  that  the  first  strake  was  more 
successful  than  the  second. 

Figure  20  gives  a  similar  comparison  of  isobars  at  the  higher  incidence  of  8.8  degrees  at  a  Mach  Number 
of  0.88.  Once  again  this  second  design  of  strake  only  introduces  modest  changes  suggesting  that  this  strake 
will  not  control  the  outer  wing  as  has  been  observed  with  conventional  strakes  in  the  past.  In  other  words, 
this  strake  will  not  put  right  any  basic  wing  faults  in  this  area. 

The  performance  of  the  two  strakes  is  compared  with  that  of  the  datum  high  "g"  wing  at  M  «  0.65  in 
Figure  21.  The  second  strake  clearly  has  the  greater  lift  capability  but  the  first  strake  has  zero  drag 
penalty  over  a  wide  range  of  lift  coefficient.  The  increment  produced  by  the  second  strake  is,  however, 
not  large,  the  change  in  the  maximum  value  of  (L/D)  being  equivalent  to  a  drag  increase  of  7  drag  counts. 

At  a  Mach  Number  of  0.88  (Fig.  22),  a  similar  situation  arises  except  that  here  both  strakes  have  a 
small  adverse  effect  on  the  lift  at  low  incidences,  still  accompanied  by  zero  drag  penalty  for  strake  1  and  a 
small  drag  penalty  for  strake  2.  Thus  for  this  wing,  the  general  conclusion  can  be  drawn  that  the  lower  the 
incidence  at  which  the  strake  is  designed  then  the  greater  will  be  both  the  lift  capability  and  the  drag 
penalty  at  moderate  incidences.  The  aircraft  designer  can  then  select  the  right  strake  for  a  particular 
application  or,  bearing  in  mind  weight  and  cost,  articulate  the  strake, 

6.  PRODUCT IONISATION 

The  final  part  of  the  paper  deals  with  the  subject  of  productionisation.  The  wing  shape  already  derived 
consisted  of  seven  control  stations  and  if  applied  to  an  aircraft  project  could  lead  to  manufacturing  problems 
or  at  least  some  weight  penalties.  Though  such  difficulties  could  be  overcome  the  opportunity  was  taken  to 
assess  the  sensitivity  of  the  pressure  distributions  and  wing  performance  to  geometry  changes  aimed  at 
simplifying  the  wing  lines.  From  the  manufacturing  point  of  view  the  ideal  wing  would  have  a  constant  wing 
section  along  the  span,  with  zero  twist,  at  least  for  conventional  alloy  structures.  Such  a  drastic 
simplification  is  clearly  out  of  the  question  here  as  severe  aerodynamic  penalties  would  be  incurred. 
Nevertheless,  two  phases  of  work  were  initiated.  The  first  was  aimed  at  finding  an  equivalent  wing  shape  which 
consisted  of  only  three  control  stations.  The  second  phase  went  further  and  attempted  to  find  a  compromise 
with  only  two  control  sections.  Once  again,  for  consistency,  the  main  theoretical  tool  used  was  the  Albone? 
three-dimensional  transonic  small  perturbation  method  in  wing-body  inviscid  mode. 

6.1  Three  control  station  representation 

The  method  adopted  is  illustrated  in  Figure  23  and  basically  consists  of  making  an  approximate 
assumption  for  aeroelastic  effects  (based  on  bending  beam  theory  with  empirical  corrections  near  the  wing 
tip),  subtracting  these  to  obtain  a  'O'  g  or  jig  shape,  product ioni sing  this,  re-introducing  the  aeroelastics 
(as  incremental  twist  and  camber)  and  re-calculating  the  wing  loads  and  pressures.  This  is  an  iterative 
procedure  and  eventually  it  was  found  that  a  reasonable  representation  of  the  wing  geometry  could  be  obtained 
with  only  three  control  stations  along  the  span,  with  straight  line  generations  between  each  station.  This 
is  illustrated  in  Figure  2kA  where  pre-and-post  productionised  wing  surface  generators  are  shown.  The  main 
difficulty  arises  over  the  inner  wing  region,  where  in  order  to  reduce  shock  strengths  the  section  is  thinned 
over  the  rear  of  the  wing,  giving  effectively  a  discontinuity  in  spanwise  slope  distribution.  The  twist 
distribution  was  also  modified  slightly  in  order  to  increase  the  loading  over  the  wing  root  and  was  of  linear 
lofted  form  to  ensure  straight  line  wing  leading  and  trailing  edges.  The  resulting  'O'  g  and  high  'g' 
pre-and-post  productionised  wing  twists  are  shown  in  Figure  2hR  and  it  should  be  noted  that  aeroelastic  effects 
are  significant  (amounting  to  almost  6°  twist  at  the  tip). 

The  level  of  agreement  between  the  pre-and-post  productionised  wing  pressures  and  loadings  is  shown 
in  Figure  25.  The  distributions  are  very  similar  though  shock  waves  are  slightly  stronger  on  the 
productionised  shape.  Off  design  cases  at  other  (M,  Cp)  conditions  were  checked,  with  manoeuvre  devices  and 
aeroelastic  effects  applied  as  appropriate,  and  were  found  to  be  satisfactory. 

6.2  Two  control  station  representation 

However,  the  productionisation  process  was  taken  further  in  an  attempt  to  obtain  a  simple  two  control 
station  representation.  The  sensitivity  of  the  pressure  distributions  to  such  a  drastic  simplification  is 
shown  in  Figure  2 6  where  an  early  attempt  involved  extrapolating  the  inner  wing  generators  outwards  to  the 
tip.  This  produced  excessive  camber  in  the  outer  wing  region  and  the  TSP  calculations  on  pressures  reflect 
this  through  the  large  suctions  and  strong  shocks  over  the  rear  of  the  wing.  Thus  care  was  needed  if  a 
suitable  approximation  was  to  be  found. 
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Eventually,  an  averaging  technique  was  employed  as  shown  in  Figure  27  and  the  resulting  pressure 
distributions  indicated  that  shock  waves  were  further  back  on  the  chord,  but  of  similar  strength.  Outer 
wing  suction  levels  were  similar  to  the  previous  3  control  station  representation.  Thus  it  appeared  that 
for  this  particular  configuration,  a  simplified  geometry  could  be  obtained  without  any  obvious  aerodynamic 
penalties.  Thus  two  wings  were  made,  one  representative  of  the  three  control  station  case  at  a  high  'g' 
condition,  the  other  of  the  two  control  station  wing,  with  detachable  leading  and  trailing  edges  for  high 
lift  checks.  Unfortunately,  use  had  to  be  made  of  an  existing  model  fuselage,  which  was  oversized  for  the 
wing  area/loads  which  could  be  taken  on  the  balance.  Thus  the  body /wing  span  is  greater  by  5?  than  that  on 
the  model  with  the  unproductionised  wing  described  earlier. 

6.3  Results 

Results  for  the  three  control  station  wing  are  quoted  here  in  fig.  28  as  (L/D). v. Cl  curves  for 
M  »  0.88  and  M  =  0.55.  In  both  cases  there  is  a  small  shortfall  in  (L/D)  max  which  amount  to  3%.  For  the 
higher  Mach  Number,  at  high  Cr_ ,  the  short  fall  is  more  pronounced  though  at  these  conditions  the  wing  is 
operating  above  its  design  condition  and  the  varicamber  devices  would  be  deployed  to  greater  deflections, 
hence  improving  (L/D)  as  shown  earlier.  It  is  felt  that  the  larger  body  is  a  contributor  to  this  drag 
increase  particularly  at  the  higher  subsonic  Mach  Numbers. 

Overall,  even  though  this  investigation  is  somewhat  inconclusive  it  was  quite  encouraging  that  such 
considerable  simplification  to  the  wing  geometry  can  be  made  without  incurring  severe  aerodynamic  penalties 
with  respect  to  the  idealised  shape.  However,  more  work  is  obviously  needed  before  this  can  be  claimed  as  a 
general  conclusion. 

7.  FINAL  REMARKS 


Variable  camber  devices  have  been  shown  to  represent  a  powerful  means  of  matching  a  variety  of  disparate 
transonic  points  for  a  thin  wing  if  designed  into  the  wing  from  the  outset.  In  particular,  trailing-edge 
devices  allow  the  designer  to  provide  good  high-lift  performance  without  degrading  the  sea  level  dash 
capability.  Leading-edge  devices  can  be  used  to  combine  both  high  and  low-lift  transonic  performance  whilst 
retaining  a  supersonic  capability.  The  design  of  a  variable  camber  wing  must  take  account  of  many  structural 
and  engineering  constraints  and  these  will  vary  from  situation  to  situation.  Since  most  wings  require 
variable  camber  devices  for  field  performance,  their  use  in  this  wider  context  should  not  present  any 
insuperable  problems  with  regard  to  the  overall  systems  required. 

The  distortion  of  thin  sweptback  wing  under  load  has  been  shown  to  have  a  powerful  and  beneficial 
influence  on  the  design,  particularly  in  matching  the  wing  twist  for  the  various  "g"  conditions.  The  wing 
design  exercise  then  becomes  a  process  of  matching  the  properties  of  the  wing  structural  distortion  and  of 
the  variable  camber  devices  to  the  required  performance. 

In  addition  it  has  been  shown  that  it  is  possible  to  design  strakes  with  only  a  small  drag  penalty  by 
matching  the  strake  to  the  wing  streamlines  at  particular  incidences.  In  the  present  exercise,  increasing 
this  "non-interfering"  incidence  reduced  the  drag  penalty  to  zero,  but  did  detract  a  little  from  the  lift 
capability  at  high  incidences. 

Finally  it  has  been  shown  that  when  practical  constraints  are  considered  it  is  possible,  in  this 
particular  instance,  to  obtain  a  simpler  wing  definition  with  three  control  stations  without  incurring  severe 
aerodynamic  penalties.  Theoretical  calculations  imply  that  further  simplification  to  a  two  control  station 
wing  should  be  possible. 


References 

1.  D.  R.  Stanniland 

2.  C.  M.  Albone 


3.  M.  G.  Hall 

M.  C.  P.  Firmin 


The  effects  of  deflecting  flaps  on  strike/fighter  aircraft. 

R.Ae.S.  Journal,  1971*. 

Numerical  solutions  for  flow  past  wing  body  combinations. 

IUTAN  Symposium  Transsonicum  II 

Ed.  K.  Oswatitsch  and  D.  Rues.Springer-Verlag,  1976. 

Recent  developments  in  methods  for  calculating  transonic  flow  over 
wings.  I.C.A.S.  Paper  7*»-l8,  1971*. 


Acknowledgement 

This  work  has  been  carried  out  with  the  support  of  the  Procurement  Executive,  Ministry  of  Defence. 


15-7 


THEORETICAL  PRESSURE  DISTRIBUTIONS 


Fig.l  Two  dimensional  design  conditions 
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Fig.'  Choice  of  the  third  design  point 


Fig.b  Identified  flight  conditions 


Fig. 8  Pressure  distribution  and  typical 
part-section  for  transonic  manoeuvre 
( Pcs i gn  point  1 ) 
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Fig.  10  Aeroelastic  effects 
on  wing  twist 


Fig. 12  Non-interfering  strake  geometries 
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A  CONSTRAINED  INVERSE  METHOD  FOR  THE  AERODYNAMIC  DESIGN 
OF  THICK  WINGS  WITH  GIVEN  PRESSURE  DISTRIBUTION 
IN  SUBSONIC  FLOW  f 
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SUMMARY 

A  computational  method  is  presented  for  the  design  of  "thick"  wings  with  given  pressure  distribution  in 
subsonic  flow,  in  the  presence  of  a  body  and/or  other  airplane  components  of  fixed  geometry.  The  method  com¬ 
bines  well-established  linear  techniques  for  the  analysis  of  thick-wing  configurations,  and  for  the  design 
of  asymptotically  thin  wings.  These  techniques  are  used  in  an  iterative  way. 

The  design  codes  have  been  constructed  in  such  a  way  that  constraints  on  the  spanwise  distributions  of 
thickness,  twist,  leading-edge  radius  and  trailing-edge  angle  can  be  taken  into  account.  In  this  way  the 
designer  may  execute  control  over  the  geometry  at  the  cost  of  a  penalty  in  the  pressure  distribution. 

Examples  of  application  to  a  swept  wing  and  a  wing-body  configuration  are  given. 
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body  area 

configuration  lift  coefficient 
pressure  coefficient 

critical  pressure  coefficient  (local  Mach  number  1 ) 
kernal  function 
wing  area 

area  of  trailing  vortex  sheet 
chordwise  perturbation  velocity  component 

cartesian  co-ordinates 


y  vorticity 

6  indicates  defect 

A  indicates  difference  (between  upper  and  lower  surface) 

a  source  strength 

U  doublet  strength 


Subscripts 

b  refers  to  body 

c  refers  to  camber 

low  refers  to  lower  surface 

t  refers  to  thickness 

up  refers  to  upper  surface 

w  refers  to  wing 

1  INTRODUCTION 

One  of  the  most  important  and  challenging  problems  in  aircraft  configuration  optimization  is  the  design 
of  the  section  shapes  of  wings  which,  in  (close)  proximity  with  bodies  of  fixed  geometry  perform  aero- 
dynamically  according  to  given  requirements. 

At  present  two  different  approaches  to  this  problem  can  be  distinguished  in  the  literature  on  the 
subject.  The  most  recent,  most  expensive,  and  possibly  the  most  promising  one  in  the  long  run,  is  called 
direct  optimization.  In  this  approach  an  aerodynamic  object  function,  such  as  drag,  is  minimized  computa¬ 
tionally  by  varying  the  parameters  that  describe  the  geometry  of  the  wing.  While  doing  so  the  solution  may 
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be  subject  to  geometric  and/or  aerodynamic  constraints  1  . 

The  second  and  more  classical  approach,  involving  the  use  of  so-called  inverse  methods,  is  an  order  of 
magnitude  cheaper  in  use  and  not  necessarily  less  useful  to  the  aerodynamic  designs  in  the  next  few  decades 
to  come.  By  means  of  inverse  methods  the  wing  section  shapes  can  be  found  that  will  generate  a  giver, 
pressure  distribution  at  a  given  freestream  Mach  number.  The  task  of  the  aerodynamicist  is  to  specify  the 
pressure  distribution  such  that  the  wing  geometry  to  be  found  will  perform  aerodynamic ally  as  required 
(Fig.  1). 

One  of  the  problems  that  may  be  encountered  when  using  inverse  methods  is  that  an  aerodynamically 
attractive  pressure  distribution  may  require  a  physically  unrealistic  geometry  (such  as  locally  negative 
thickness)  or,  in  general,  a  geometry  that  is  unattractive  from  the  structural  engineer's  point  of  view. 

In  the  inverse  methods  that  can  be  found  in  the  literature  (see  e.g.  Hefs.  2-5)  the  problem  is  not  recognized 
or  dealt  with  adequately.  In  the  present  authors'  opinion  this  significantly  limits  the  usefulness  of  these 
methods. 

The  present  paper  describes  an  inverse  method  for  thick  wings  in  subsonic  flow,  based  on  1st  genera¬ 
tion  panel  method  technology,  which  allows  constraints  on  the  geometry  to  be  specified.  The  method  has  been 
formulated  such  that  the  pressure  distribution  on  both  upper  and  lower  surface  and  geometrical  character¬ 
istics  like  thickness,  angle  of  twist,  trailing-edge  angle  and  leading-edge  radius  may  be  prescribed.  The 
resulting  over-determined  problem  is  solved  in  a  weighted  least-squares'  sense. 

Although  the  method  is  strictly  only  valid  for  subsonic  flow  conditions,  it  has  beer,  applied  satis¬ 
factorily  in  the  design  of  supercritical  wings  (see  Ref.  6  and  paper  25  of  this  colloquium). 


2  GENERAL  OUTLINE  OF  THE  PROBLEM  AND  SOLUTION  METHOD 

The  problem  of  finding  the  section  shapes  of  a  wing  with  a  given  planform  that  will  generate  a  given 
pressure  distribution  is  non  linear  in  the  boundary  conditions.  Hence  the  solution  must  be  found  by  iter¬ 
ation. 

The  iterative  scheme  chosen  here  is  basically  as  presented  in  figure  2.  Starting  from  some  given 
geometry  a  standard  analysis  calculation  program  (the  non-planar  NLR  Panel  Method  ?)  is  applied  to  obtain 
the  associated  pressure  distribution.  If  this  pressure  distribution  is  not  close  enough  to  the  target,  the 
inverse  loop  is  entered,  through  which,  by  means  of  the  linear  inverse  thin  wing  theory,  an  approximation 
is  obtained  of  the  necessary  changes  of  the  geometry.  With  the  analysis  of  the  updated  geometry  the  loop 
is  closed.  This  process  is  repeated  until  the  calculated  pressure  distribution  is  sufficiently  close  to  the 
specified  target. 

In  general  mathematical  terms  the  problem  and  solution  method  can  be  formulated  as  follows. 

We  want  to  solve  for  the  geometry  Z  from  the  non-linear  equation 

NZ  =  F  .  (2.1) 

In  eq.  (2.1)  N  is  a  non-linear  operator,  relating  a  given  geometry  to  a  pressure  distribution. 

F  represents  the  target  pressure  distribution. 

Suppose  a  linear  operator  L,  approximating  N  in  some  sense,  is  known.  Then,  by  rewriting  eq.  (2.1) 

into 

NZ  -  LZ  +  LZ  =  F 


or  LZ  =  F  -  (NZ  -  LZ) 

an  iteration  process  can  be  defined  by 


LZ(n+,)  =  F  -  (NZ(n)  -  LZ(n)) 

(2.2) 

or  in 

correction/residual  formulation: 

L  «Z(n+,)  =  -R(n) 

(2.3) 

with 

sz(n+1)  _  z(n+1)  _  z(n) 

and 

R(n)  „  NZ(n)  _  F 

In  the  present  approach  N  is  the  operator  implied  in  the  NLR  Panel  Method,  and  L  is  the  operator  of  the 
linear  thin-wing  theory. 

The  convergence  properties  of  the  iteration  process  can  be  analyzed  by  rewriting  eq.  (2.2)  into 


7(n+1 ) 


L-1  F  -  AZ(n) 


(2.M 


with  A  =  L-1  (N-L)  .  (2.5) 

An  alternative  formulation  of  eq.  (2.1)  is 

Z  =  L_1  F  -  AZ  (2.6) 

Substracting  eq.  (2.6)  from  eq.  (2.^)  gives 

Z(n+,)  -  Z  =  -  (AZ^n)  -  AZ)  .  (2.7) 

The  process  (2.7)  is  convergent  if,  mathematically  spoken,  operator  A  is  a  contraction,  which  means 
that  A  must  have  the  property 

||  AZ^n'  -  AZ  ||  s  X  ||  Z'T't  -  Z  ||  (2.8) 


with  0  <  X  <  1  .  (2.9) 

This  is  easily  verified  by  combining  (2.7)  and  (2.8)  from  which  it  follows  that 

||  Z(n+,)  -  Z  ||  S  X  II  Z(n)  -  Z  II  (2.10) 

implying  convergence  under  condition  (2.9). 


n 


i 
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The  condition  (2.9)  can  be  shown  to  be  fulfilled,  if  we  confine  ourselves  to  the  set  of  geometries, 
having  a  thickness  0  (e)  (e-<1).  Because  L  is  the  operator  of  the  thin-wing  theory,  the  following  relation 
between  N  and  L  holds: 


NZ  =  LZ  +  elj  Z  (-.11) 


or 

N-L  =  eL] 

(2.1. 

with 

Lj  bounded  for  c  ■*  0 

Suppose  the  distance  between  and  Z  is  (some  small  value)  p,  i.e.: 

II  ztn)  -  z  ||  s  h  . 

Because  of  continuity  properties  of  L,  it  is  reasonable  to  assume  that  then  also: 

(2.13) 

||  L,  Z(n>  -  L,  Z  ||  =  0(g) 

According  to  (2.5)  and  (2.12)  it  follows  that 

(2.12) 

AZ*n)  -  AZ  =  L-1  [eL.  Z(n)  -  eL,  z] 

(2.15) 

and 

therefore 

II  AZ(n)  -  AZ  II  s  e  II  L-1  II  II  L,  Z(n)  -  L ,  Z  ||  . 

Substitution  of  (2.1M  in  (2.16)  yields 

(2.16) 

||  AZ(n)  -  AZ  ||  s  e  ||  L-'  ||  0  (p) 

Finally,  introduction  of  (2.13)  implies 

(2. U) 

||  AZ^n*  -  AZ  ||  <  A  ||  Z^  -  Z  || 

(2.18) 

with  \  =  0  (p) 

Hence  condition  (2.9)  is  satisfied  for  e  small  enough. 

It  may  be  emphasized  that  the  solution  of  (2.1)  certainly  not  depends  on  thin  wing  theory.  The  operator 
L  is  only  used  in  defining  the  iteration  process.  Therefore  the  accuracy  of  the  approximating  theory  is  only 
important  as  far  as  the  convergence  characteristics  are  concerned.  This  is  expressed  by  the  statement 
X  =  0  (e).  It  might  be  expected  that  the  requirement  A<1  (eq.  (2.9))  is  not  a  stringent  one  on  the  value  of 
e.  As  a  matter  of  fact,  calculations  (see  section  5)  confirm,  that  rather  thick  wings  can  be  determined. 

3  THE  INVERSE  METHOD 

A  further  break-down  of  the  block  "INVERSE  METHOD"  in  figure  2  is  presented  in  figure  3.  It  features  a 
number  of  sub-blocks,  the  main  contents  of  -which  is  described  in  the  following  paragraphs. 


3.1  Leading  edge  correction 

It  is  well  known  that  linear  thin-wing  theory  exhibits  a  singular  behaviour  at  the  leading  edge.  For 
wings  with  round-nosed  sections  this  is  not  the  case  with  the  non-planar  panel  method  of  reference  6. 

In  section  2  it  is  stated  that,  for  reasons  of  convergence,  the  planar  theory  has  to  approximate  the 
non-planar  theory  (see  for  instance  eq.  (2. 12 ) ) . Hence,  we  must  expect  the  condition  for  convergence  to  be 
violated  locally  at  the  leading  edge. 

The  remedy  is  found  by  applying  to  both  the  calculated  and  the  target  surface  velocity  distribution  an 
inverse  form  of  the  Riegels'-type  leading-edge  correction  that  is  contained  in  the  compressibility  correct¬ 
ion  of  the  NLR  Panel  Method  ~ .  In  the  block  "LEADING-EDGE  CORRECTION"  the  target  and  the  calculated  pressure 
(velocity)  distributions  are,  in  the  same  way,  linearized  into  chordwise  perturbation  velocity  components. 
From  the  latter  the  defect  linearized  perturbation  velocities  6uup  and  6u}ow  on  the  wing  upper  and  lower 
surface,  respectively,  are  calculated. 

As  usual  in  the  thin-wing  theory  these  perturbation  velocities  are  combined  to  yield  a  symmetrical  part 
5u  due  to  thickness,  and  an  anti-symmetrical  part  5(Au)  due  to  lift: 


6u 


3  (5u  +  6u.  ) 

up  lew 


6du  =  J  ( Su 


up 


5u 


low 


) 


(3.1) 


3.2  The  basic  linear  inverse  method 

According  to  linear,  thin  wing  theory,  the  effects  of  changes  in  thickness  and  lift  can  be  represented 
by  distributions  in  the  wing  mean  plane  of  resp.  sources  and  vortices: 


Su  (x,  y)  =  //  o  (£,  n)  K  (x,  y;  Z,  n)  dj  dn  (3.2) 

S  3 

S  du  (x,  y)  *  Jy  (x,  y)  .  (3.3) 

The  source  strength  o  is  related  to  the  change  6zt  in  wing  thickness  by 


whereas  the  spanwise  component  y  of  the  vorticity  vector  is  related  to  the  change  6zc  of  camber  and  twist 

fr  (*0  ~  Si  y  (5.  n)  K  (x,  y;  c.  l)  d£  dn  .  (3.5) 

dX  s+s 

w 

(In  this  notation  the  Kernel  function  Ky  includes  the  effect  of  the  trailing  vorticity,  satisfying 
Helmholtz  law). 


From  (3.3)  and  (3.5)  it  follows  that  the  correction  to  the  chord  wise  slope  of  the  wing  camberline  can 
be  determined  from  the  integral  expression 

-  (6z  )  *  2  JJ  6 ( Au ) ( x ,  y)  K  (x,  y;  n)  <1£  dn  .  I 

dX  C  S+S  V 

w 

The  correction  to  chordvise  slope  of  the  thickness  distribution  can  be  determined  from  the  integral 
equation 

.  9(6zt) 

2  II  — (s*  ^)  k  (*,  y*  n)  dn  *  $u  (*»  y)  ■ 

df,  s 

b 

This  equation,  which  is  of  the  same  type  as  that  of  the  Lifting  surface  theory,  is  of  singular  nature  h:.j 
does  not  have  a  unique  solution.  In  lifting  surface  theory  the  additional  condition  rendering  a  unique- 
solution  is  the  Kutta  condition.  In  the  inverse  thickness  problem  the  corresponding  additional  condition  ;r 
that  of  trailing  closure,  i.e. 


/  h  (6V  ^ =  0  • 


In  the  present  method  the  additional  condition  (3.8)  is  conveniently  satisfied  by  introducing  a  new 
dependent  variable  p  defined  by 

-  in 

a  =  t  :  - . 

9x 

Substitution  in  (3.7)  gives 


(/  Or  K  d£  dn  =  5u 
S  9^  s 

Integration  by  parts  with  respect  to  £  gives 


te  te 


idn  /  If  Ks  =  Idn  [u  Ks  /  -  /  M  if 


From  equation  (3.9)  it  follows  that 

u  =  /  o'  dx  =  2/|^  ( 6zt )  dx  =  2  6zt 
and  thus,  because  of  the  closure  condition 


Substituting  (3.13)  into  (3.11)  and  defining 
3Kc 

Kd=  'if  (3-Ul 

eq.  (3.7)  can  be  rewritten  as 

2  //  «z  (£,  n)  K  (x,  y ;  C,  n)  d5  dn  =  «u  (x,  y)  .  (3.15) 

S  1  d 

Bote  that  this  is  the  analytical  formulation  of  the  representation  of  the  thickness  by  a  distribution 
of  doublets  in  the  wing  mean  plane,  with  their  axis  in  chord  wise  direction.  Note  also  that  in  (3.15)  the 
closure  condition  is  satisfied  implicitly. 

The  equations  derived  thusfar,  refer  to  the  case  of  a  wing  alone.  When  a  body  is  present  the  vortices 
and  doublets  in  the  wing  mean  plane  will  induce  normal  velocities  on  the  body. 

To  neutralize  these  effects  the  body  is  covered  with  sources,  which  on  their  turn  will  contribute  to 
the  normal  and  tangential  velocities  on  the  wing.  When  these  effects  are  taken  into  account,  the  final 
system  of  integral  equations  to  be  solved  can  be  written  as: 

//  u  U,  n)  K,  (x,  y,  £,  n)  d£  dn  +  //  o  (£,  n,  C)  KT  (x,  y;  £,  n,  t)  dB  »  6u  (x,  y) 

S  B 

Y  (x,  y)  •  2  {  4u  (x,  y) 

( 3.1b) 

f{  u  (5,  l)  K.  (x,  y,  z;  £,  n)  d£  dn  +  JJ  Y  U,  n)  K  (x,  y,  z;  £,  n)  d£  dn 
S  3+S 

w 

♦  JJ  o  U,  n,  4)  KN  (x,  y,  z,  t,  n,  4)  dB=0 
B 


When  u,  y  and  o  are  known,  and  4z=  can  be  determined  from  eq.  (3.12)  and  the  integral  relati 

TZ  (4zJ  ”  //  Y  (£.  n)  K  (x,  y;  4,  n)  d5  dn  -  //  O  U,  h,  c)  KN  (x,  y;  4,  n,  4)  dB 
S+3  V  B 


respectively. 


To  discretize  the  integral  equations  the  wing  mean  plane  and  the  body  surface  are  divided  into'panels 
(plane  quadri-laterals ) .  The  vorticity  and  x-doublet  distributions  on  the  wing  and  the  source  distribution 
on  the  body  are  approximated  by  piecewise  constant  distributions  on  a  panel. 

It  can  be  shown  that  a  constant  x-doublet  distribution  on  a  panel  is  equivalent  to  the  combination  of 
a  line  source  at  the  leading  edge  of  the  panel  end  a  line  sink  of  equal  strength  at  the  trailing  edge. 


•Hi  .  »-i  a  "s-.-urct 


iatt  i  • 


a:,  a 


By  this  nature  the  method  for  solving  the  thickness  pro!  !e*m  may  i  ♦- 
gous  to  the  vortex  lattice  method  in  the  lifting  surface  theory. 

Evaluation  of  the  integrals  at  the  midpoints  -f  the  panels  i»'ads 
may  be  written  as 


II 

k  1 


u,  .  K  i 

k  ,i  a 


A  «J  i 


♦  I 


i  »J  »m 
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e  ’  f.  l", 


a  system  -<f  linear  *-qua*.  .  ns  wr. 
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similarly  the  integral  expression  {  1 . 1 T J  becomes 


3__ 

3x 


(«*,).  . 
c  v.J 


II 

k  1 


Yk,l  i * j  ,k,l 


Kny 


i  .J  ,m 


In  (  3.  18)  and  (3.  Id)  i  ,x  and  j,l  are  integers  identifying  chordwise  and  spaitvise  positions  .  f  w.ng 
panels  respectively;  m  identifies  body  pan  *lr.  Kj,  KTW  ♦  to,  are  the  so-called  aerodynamic  influence 
cients , 


3.3  Geometry  update  and  geometry  contraints 

The  values  of  6 and  yx  (6xc)  are  evaluated  at  the  midpoints  of  the  panels.  The  changes  of  th 
thickness  distribution  and  the  etunberlines  at  the  panel  corner  points  may  be  derived  from 
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With  the  formulation  given  above,  the  formulation  of  equations  that  will  take  care  of  constrair.tr>  o 
the  geometry  is  oniy  a  small  step. 

The  wing  thicknessf  leading  edge  radius  and  trailing  edge  angle  can  be  controlled  by  equations  !  * 

type 


8  (ui-i,j-<  +  ui,j-i  +  ui-i, 

where  i,j  and  DZT;  :  may  be  specified. 
--  .  •  t  1 4.  ■  • 


u-  *  D'/.T .  . 
J  1 *J  * »J 


The  constraints  on  the  wing  twist  can  be  formulated  M 


1 V  a. 

2  i.il  l3x 
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wnere  11,  u1,  j  ana  ;  -  DZCj \  j  n 

be  expressed  in  the  variables  y  and  0: 

-  IIv,  .  I  |kv.  .  ,  ,  .  ♦  K.v.  .  .  ,  \  (x.  ,  .  -  x . 

-  kl  kO  i  =  i,  l  i+‘,J  i.J 


Vfhere  il,  iz,  j  and  DZCj ,  ;  -  DZCj  ]  tj  may  te  specified.  I'y  means  I'  equati.  r.  (  >.1<  tt.f  •  e  ms 
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By  adding  the  equations  (3.<11)  and  (  3.0  3.)  to  the  system  {3.1b;  an  over  i- » ermi  i  system 
equations  is  obtained  for  the  unknowns  u,  y  and  c.  This  m  is  solved  in  a  weighted  .east  3 
By  varying  the  weight  factors  on  the  equations  representing  the  constraint s ,  the  d**c;gh*-r  may 
iterative  process  to  a  solution  that  is  a  suitable  compromise  between  the  geometrical  c  nstra 
aerodynamic  requirements  as  specified  by  the  target  pressure  distribution. 
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U  TYPICAL  COMPUTATION  TIMES 

To  give  some  idea  of  the  compution  times  involved,  four  major  subprograms  may  be  distinguished.  Mr 
wing-body  configuration  with  Mo  body  panels  and  { 2+ )  300  wing  panels  the  required  T"  times  a  *>*  y 
{'S  are 

-  determination  of  the  influence  coefficients  for  the  inverse  method  (oniy  once-  se 

-  determination  of  the  coefficient  matrices  after  specification  of  the  weight  factors 
(only  after  a  change  of  factors) 

-  solution  of  the  linear  inverse  problem 

-  NLR  Panel  Method 


sec  , 
sec 


APPLICATIONS 

The  capabilities  of  the  method  are  illustrated  for  a  wing  alone  of  simple  pi  an  form,  and  for  nr. 
body  configuration  with  the  same  wing  plan form  at  a  free-stream  Mach  number  of  ".7. 

The  parameters  defining  the  wing  pi an  form  are: 

-  aspect  ratio  &3  =  1 

-  taper  ratio  X  *  0. 3 

-  quarter-chord  sweep  angle  -^c/U  *  . 
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A  pane,-typ>e  method  nas  been  described  for  the  design  wf  wings  wit"  given  pressure  distribution  in 
subsonic  fiow,  in  the  presence  of  bodies  of  fixed  geometry.  The  method  has  been  formulated  such  that 
requirements  wi *n  respect  to  the  secti-n  geometry  in  v-rns  of  twist,  thickness,  leading-edge  radius  and 
trai  i  ing-edge  angl**  ar.  be  taken  into  ac«.'ount .  Ir.  this  way  the  designer  may  execute  control  over  the 
geometry  at  the  cost  of  a  minimum  penalty  ir.  pressure  distribution. 

This  last  feature  is  .'unsidered  he  be  of  eminent  importance  in  practical  wing  design.  It’s  usefulness 
has  been  illustrate!  by  examples. 
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It  is  emphasized  that  the  configurations  and  target  pressure  distributions  chosen  should  not  be  considered 
to  be  representative  for  a  realistic  aircraft  configuration;  they  merely  serve  the  purpose  of  demonstra¬ 
ting  the  capabilities  of  the  present  design  method. 


Fig  1  Interactive  deugn  procedure 


*  g.  V  Flow  diagram  ot  itc.it'on  piocest 


Fig,  3  Flow  diagram  of  inverse  method 


Fig  4  Top  me*  end  panel  arrangement  ot  example  wing 
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Pig.  5  Results  for  wing  alone  (M^aO.71 


Fig.  6  Front  view  of  wing  configurations  of  fig.  8  ft  seale  enlarged  6x) 


JET-WING  INTERACTION  TO  GIVE  IMPROVED 
COMBAT  PERFORMANCE 

by 

A.  Vint 

BRITISH  AEROSPACE,  WARTON,  ENGLAND  PR4  1AX 


SUMMARY 

U.S.  nodal  test  results  for  aircraft  configurations  having  propulsive  jets  emerging  close  to  the  wing 
trailing  edge  have  shown  significant  beneficial  effects  on  lift  and  drag.  The  effects  could  be  turned  to 
advantage  for  cos  bat  aircraft  if  a  configuration  were  chosen  having  this  feature. 

Examination  of  jet  flap  theory  has  led  to  the  development  of  a  modified  theory  capable  of  giving 
rapid  estimation  of  the  jet-wing  interaction  on  aircraft  lift,  drag  and  pitching  moment.  Recently 
published  experimental  data  together  with  recent  experimental  results  obtained  at  BAe  have  been  used  to 
substantiate  the  estimation  method. 

Study  of  the  consequences  on  aircraft  performance  has  shown  that  substantial  benefits  may  be  obtained 
in  low  speed,  low  altitude  combat  situations  but  that  there  is  little  if  any  influence  for  cruising  flight. 

Many  aspects  of  jet-wing  interaction  remain  uninvestigated;  the  most  important  are  briefly  described 
and  a  short  examination  made  of  the  probable  impact  on  the  conclusions  of  the  basic  study. 
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Gross  wing  mean  aerodynamic  chord 
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INTRODUCTION 


r 


I?-: 

i. 


As  a  part  of  the  studies  on  combat  aircraft  performance  at  B.Ae  Warton  an  investigation  into  the 
effects  of  jet-wing  interaction  has  been  carried  out*  Recent  U,S*  model  test  data  has  indicated  that 
significantly  beneficial  effects  on  airframe  performance  may  be  achieved  by  taking  advantage  of  the 
phenomenon!  and  it  was  one  of  the  aims  of  the  study  to  identify  if  the  benefits  were  large  enough  to 
justify  a  full  study  of  all  the  repercussions  on  a  combat  aircraft  design. 


The  beneficial  effects  of  jet-wing  interaction  have,  of  course,  been  known  about  for  many  years  and 
there  are  several  aircraft  to  which  they  have  been  applied.  Up  to  the  present  time,  however,  the  effects 
have,  in  general,  been  obtained  through  the  use  of  full  span  blown  flaps  and  have  been  aimed  at  improving 
the  aircraft  take-off  and  landing  characteristics  e*g.  Buccaneer.  The  benefits  and  the  method  of  obtaining 
them  are  illustrated  in  fig  1  based  on  data  from  ref  1*  Here  a  highly  deflected  flap  has  a  thin  jet  of 
low  momentum  coefficient  blown  at  its  leading  edge  and  the  improvement  which  occurs  is  caused  primarily  by 
a  boundary  layer  control  effect  i.e.  the  momentum  from  the  jet  re-energising  the  boundary  layer  on  the 
flap  upper  surface,  avoiding  separation  and  hence  giving  a  very  large  increase  in  lift.  However,  it  is 
also  shown  that  once  full  attachment  of  the  flow  on  the  flap  i6  achieved  further  increase  in  the  jet 
momentum  leads  tc  further  increased  lift  though  at  a  lower  rate.  This  is  the  jet  flap  effect  coming  into 
play:  the  jet  wake  acts  in  a  similar  manner  to  an  extended  flap,  giving  increased  lift  through  increased 

circulation  induced  over  the  wing;  this  effect  being  generally  referred  to  as  "super-circulation  lift". 


One  of  the  problems  of  full  span  blown  flaps,  however,  is  that  the  mechanism  required  is  complex, 
requiring  ducting  of  hot,  high  pressure  air  from  the  engine  through  the  wing  to  the  wing  trailing  edge  and 
this  has  probably  been  the  main  reason  that  the  blown  flap  has  not  seen  much  wider  application.  The  recent 
U.S.  model  test  data  however  (ref  P-7)  suggests  that  the  complexity  of  the  blown  flap  may  m  fact  not  be 
necessary  and  that  at  least  some  of  the  benefits  of  jet-wing  interaction  may  be  obtained  simply  by  locating 
the  main  propulsive  jets  at  the  wing  trailing  edge  (fig  ?) .  Here  the  boundary  layer  control  aspect  is 
omitted,  apart  from  that  due  to  jet  entrainment,  but  the  full  super-circulation  effects  are  retained. 

Though  fig  1  suggests  that  these  may  be  small  it  is  to  be  noted  that  the  momentum  of  the  main  propulsive 
jet  is  an  order  of  magnitude  higher  than  that  generally  employed  with  the  blown  flap.  Also  if  flap  deflect 
ions  are  restricted  to  relatively  low  values  such  as  might  be  used  in  combat  rather  than  during  landing, 
the  boundary  layer  control  aspects  become  much  less  important  as  flap  separation  is  then  either  non¬ 
existent  or  very  small. 

A  study  v  -s  therefore  put  in  hand  to  identify  if  wing  trailing  edge  location  of  the  main  propulsion 
jets  were  likely  to  give  significant  benefits  to  aircraft  combat  performance,  to  gain  some  insight  into 
the  problems  associated  with  obtaining  this  improved  performance  and  to  attempt  to  identify  aspects  of 
jet-wing  interaction  which  have  not  been  well-covered  upto  the  present  time.  This  paper  briefly  describes 
the  study  and  the  conclusions  drawn  from  it. 

?.  DEVELOPMENT  OF  A  PREDICTION  METHOD 


Initial  investigation  into  ways  of  correctly  estimating  the  effects  of  jet-wing  interaction  on  lift, 
drag  and  pitching  moment,  which  are  the  essential  prerequisites  of  a  sensible  analysis  of  performance 
effects,  revealed  that  there  was  no  generally  applicable,  easy  to  use  theory  fully  documented  in  one  source 
Similarly,  examination  of  available  experimental  data  indicated  that  it  was  also  not  generally  applicable 
and  that  attempts  to  correlate  the  data  e.g.  via  a  corrected  gain  factor  (G)  had  not  met  with  very  much 
success  (ref  P) .  Only  the  method  giver,  in  ref  P  was  readily  available  but,  on  examination,  was  deemed 
much  too  complex  a  calculation  for  this  type  of  study. 


The  starting  point  of  the  study  was  therefore  to  derive  a  rapid  estimation  method,  based  on  theory 
but  with  any  necessary  empiricism,  to  obtain  reasonable  predictions  of  existing  experimental  data.  After 
suitable  investigation  it  was  decided  that  a  good  theoretical  method  was  required  to  obtain  sensible 
estimates  of  the  increments  in  lift  and  that  drag  and  pitching  moment  effects  could  be  evaluated  from  this 
calculated  lift  with  relative  ease  based  on  empiricism.  The  theory  of  Maskell  and  Spence  (ref  9)  modified 
(via  ref  10)  forpartspan  effects, fig  f>,was  therefore  chosen  for  the  evaluation  of  lift  increments;  drag 
increments  were  evaluated  by  the  equation  in  ref  3;  and  pitching  moment  changes  were  evaluated  from 
consideration  of  plain  flap  pitch  effects. 

P.1  Estimation  Method  for  Acl  AERq 


From  ref  (10)  we  have  for  a  high  aspect  ratio  jet  flapped  wing  with  zero  flap  chord: 
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S'  and  S  are  the  relevant  wing  areas  as  shown  in  fig  3.  Examining  the  above  equations  indicates  that 
several  simplifications  are  possible: 

1.  For  a  convergent  nozzle  at  low  pressure  ratio  Cp'  s  C^' 

2.  For  thin  wings  t/c  s  0 


3.  To  give  AC. 


L  AEROJ 


'«»CL\  (  /dCL\  \ 

•jj-jj-  J  is  replaced  bya^  "  2iry  in  equation  (1) 

4.  Cii  O  ~  2*80  that  equation  (5)  reduces  to  v  =  +  (S  -  S')  j  s(^— 

and  hence  the  simplification  3  reduces  to  a  [  v  ^  -  2ir  ^  =  a  (  |^— -i'\  -  ''j 

V  Wa  /_  J  S  V  V  d a  L  J 


5.  Subtract  C^,  sin  (.  8  *  a)  from 

equation  1  to  giveACL  AER0 

6.  a  -  o 

Hence  equations  1  to  5  reduce 

•  to: 
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2.2  Estimation  Method  for  A 

Reference  3  suggested  that  A  CQ  AERQ  can  be  calculated  from 


Ac, 


(C, 


L  JET  0FF  * A CL  AEROJ  *  CL  JET  OFF 
0.75”  A 


D  AERO 


and  this  equation  was  adopted  unmodified. 
2.3  Estimation  Method  for  Ac 

tt 


do) 


Assuming  that  a  jet  emerging  from  a  wing  trailing  edge  is  acting  in  a  manner  similar  to  a  mechanical 
flap  then,  using  data  sheets,  it  can  be  shown  that  the  increment  in  lift  acts  at  approximately  the  50jf 
chord  position  of  the  wing  area  S'  i.e. 


AC  -  /X50**S'  -  Xref\  4 

“  a  AERO  ~  \  ^  ^ J  *  CL 


A  SRC 


In  order  to  allow  for  the  direct  effect  of  the  jet  for  trimming  purposes  a  further  term  can  be 
added  to  give 


*■=.  -V)  .4CwEs0.Ci.w.(illlnl) 


(11) 


3.  EFFECT  CF  REDUCED  SPAM  JET  ON  JET-INDUCED  LIFT 

In  order  to  determine  whether  the  study  was  worth  proceeding  with  it  was  deemed  necessary  to  check  the 
primary  effect  of  using  the  main  propulsive  jet  i.e.  of  much  lower  than  full  span,  on  the  predicted 
incremental  lift.  In  fig  4  the  variation  of  lift  with  jet  affected  wing  area  (S'/S)  is  shown  as  a 
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percentage  of  the  lift  obtainable  with  a  full  span  jet.  Typically,  for  a  reheated  combat  aircraft  engine 
mounted  at  the  wing  trailing  edge,  S'/S  would  lie  between  0.15  and  0.3*  From  fig  4  it  can  be  seen  that 
between  ?5X>  and  45*  of  the  effect  of  a  full-span  jet  would  be  obtained.  This  result,  plus  the  previously 
mentioned  fact  that  the  momentum  of  the  propulsive  jet  is  an  order  of  magnitude  greater  than  that  generally 
used  with  full  span  blown  flaps,  led  to  the  conclusion  that  location  of  the  propulsive  jet  at  the  wing 
trailing  edge  was  likely  to  give  very  useful  improvements  in  lift. 

4.  COMPARISON  OF  EXPERIMENTAL  RESULTS  WITH  PREDICTION 

There  is  a  large  amount  of  jet  wing  interaction  data  now  available  and  it  is  not  possible  to  present 
comparisons  for  all  of  this.  The  following  therefore  deals  with  two  examples  chosen  as  being  most 
representative  of  the  type  of  configuration  most  likely  to  be  used  in  conjunction  with  jet  wing  interaction. 

4.1  Lift  and  Drag  Increments 

In  reference  6  results  are  presented  for  the  effects  of  jet-wing  interaction  over  a  range  of 
incidence  angles  likely  to  be  met  during  combat  and  with  jet  deflection  effects  included.  The  increments 
in  lift  obtained  are  reproduced  in  fig  5  along  with  the  predicted  values.  As  can  be  seen  good  agreement 

is  achieved  which  is  very  encouraging  when  one  considers  all  the  variables  which  influence  the  magnitude 

of  the  induced  lift  in  a  real  situation.  It  is  also  notable  that  without  jet  deflection  the  effects  are 
very  small.  Similarly,  using  the  method  to  predict  the  effect  on  the  drag  polar  of  the  jet  wing  inter¬ 
action  shows  (fig  6)  that  sensible  values  are  obtained  and  leads  to  the  conclusion  that  C.a'.I.  effects  can 

be  predicted  with  reasonable  confidence.  Note  that  direct  thrust  effects  have  been  removed. 

Fig  6  also  illustrates  the  main  effects  of  J.W.I.: 

•  little  change  in  the  drag  polar  below  the  drag  break 

.  significant  increase  in  the  lift  coefficient  at  which  the  drag  break  occurs. 

•  increased  maximum  lift  coefficient 

.  large  reductions  in  induced  drag  at  lift  coefficients  above  that  corresponding  to  the  zero  jet  effects 
drag  break  e.g.  at  a  of  ?  a  reduction  is  achieved  experimentally,  with  c 1L  being  predicted. 

These  results  were  obtained  at  a  comparatively  low  jet  momentum  coefficient  (0.?).  Further  results 
have  been  obtained  recently  at  BAe  Wart on  for  much  higher  momentum  coefficients  ( "  3*5)  with  jet  deflection, 
and  examples  of  the  increases  in  lift  achieved  are  given  in  fig  7  at  low  incidence  and  fig  P  at  high 
incidence  compared  with  the  predicted  values. 

The  increments  in  fig  7  show  good  agreement  with  the  predicted  values  up  to  a  momentum  coefficient 
of  approximately  ?  with  the  measured  values  increasing  significantly  above  prediction  at  higher  momentum. 

The  reason  for  this  increase  is  not  known  at  present  but  is  most  likely  due  to  a  boundary  layer  control 
effect  coming  into  play  as  the  jet  entrainment  is  increased.  At  40°  incidence  (fig  P)  the  prediction  and 
measurement  show  reasonable  agreement  up  to  a  jet  momentum  of  0.5  to  0.6;  in  this  case  the  measured  values 
are  much  lower  than  the  prediction  at  greater  jet  momentums.  Again  the  reason  for  the  difference  between 
measurement  and  experiment  is  not  known  but  it  is  possible  that  it  is  due  to  a  breakdown  of  the  wing  flow. 

The  effect  of  the  jet  on  the  drag  polar  for  the  cases  given  in  figs  7  and  Pare  shown  for  a  jet 

momentum  of  0.5  in  fig  9-  Here  agreement  between  prediction  and  experiment  is  excellent  though  it  should 
be  rioted  that  this  is  for  a  jet  momentum  value  where  the  lift  increment  i6  also  well  predicted. 

It  is  to  be  noted  that  the  effect  on  the  drag  polar  of  the  jet  wing  interaction  is  very  similar  in 
both  figs  6  and  9  i.e.  the  most  significant  effect  is  an  increase  in  the  lift  coefficient  at  which  the 
drag  break  occurs,  giving  a  large  reduction  in  induced  drag  at  high  lift. 

4. ?  Pitching  Moment 

The  comparison  of  predicted  and  measured  pitching  moment  for  the  case  of  figs  5  and  6  is  given  in 
fig  10.  Agreement  here  is  very  good,  indicating  that  the  approximation  obtained  from  simple  consideration 
of  mechanical  flaps  is  justified  providing  extreme  accuracy  is  not  required. 

4.3  Overall 

Other  test  data  was  examined  and  compared  with  prediction.  In  general  it  was  found  that  the  method 

gave  reasonable  prediction  of  lift,  drag  and  pitching  moment  changes,  and  hence  a  suitable  aircraft 

configuration  was  chosen  to  identify  as  far  as  possible  the  overall  effects  on  aircraft  performance.  It 
was  notable  however,  that  one  of  the  configurations  against  which  the  method  was  checked  (fig  2  configuration 
4  4-  ref  2)  consistently  gave  induced  jet  effects  well  below  prediction.  At  present,  although  reasons  for 
this  1 068  of  jet  induced  effects  can  be  suggested,  no  solution  can  be  offered  -  it  can  only  be  recommended 
that  if  full  jet  wing  interaction  is  found  to  be  a  desirable  feature  then  this  type  of  configuration  is  to 
be  avoided. 

5.  APPLICATION  OF  PREDICTION  METHOD  TO  A  COMBAT  AIRCRAFT  CONFIGURATION 
5*1  Configuration 

The  results  from  the  predictions  for  a  wing-body  indicated  that  the  jet  wing  interaction  gave, 
especially  when  combined  with  the  direct  for^os  of  a  deflected  jet, significant  nose  down  pitching  moment 
(fig  10).  This  obviously  has  to  be  trimmed  out  for  a  full  aircraft  configuration  and  it  can  be  seen  that 
with  a  conventional  aft-tailed  aircraft  very  large  penalties  are  likely  to  be  incurred  due  partly  to  the 
loss  in  total  lift  and  partly  to  the  increase  in  trim  drag  (fig  11).  If  a  foreplane  is  used,  however. 


simple  consideration  of  the  balancing  of  the  aircraft  suggests  that  the  nose  down  pitching  moment  may  be 
turned  to  advantage  as  it  gives  increased  foreplane  lift  leading,  at  higher  incidences,  to  a  significant 
increase  in  total  lift. 

A  canard  configuration  was  therefore  chosen  as  the  most  suitable  vehicle  for  evaluation  of  jet-wing 
interaction  effects  on  performance  and  a  schematic  of  the  aircraft  planform  is  given  in  fig  12. 

5. ?  Effect  of  J.W.I.  on  the  trimmed  drag  polar 

Two  cases  were  considered: 

1.  Aircraft  balanced  to  give  minimum  trim  drag  at  low  lift  i.e.  neutrally  stable  foreplane  off,  with 
nozzle  deflection  being  used  at  the  higher  lift  coefficients. 

2.  The  same  aircraft  as  in  1  but  balanced  to  give  maximum  lift  at  high  incidence  i.e.  with  a  forward 
position  of  the  c.g.  and  having  no  jet  wing  interaction  or  jet  deflection  capability. 

The  resulting  trimmed  drag  polars  for  these  two  cases  are  shown  in  figs  13  and  14  for  H  =  0.4  and 

M  =  0.?  respectively  and  several  interesting  effects  are  apparent:  For  H  =  0.4  (fig  13) 

.  at  low  lift  coefficients,  i.e.  during  cruise,  the  aircraft  balanced  for  minimum  trim  drag  (case  1) 
has  an  induced  drag  that  is  20 jt>  below  it6  high-lift  trimmed  companion  (case  2). 

.  Case  2  would  have  a  maximum  lift  13#  greater  than  case  1  if  the  benefits  of  J.W.I.  on  case  1  were 

not  present 

.  For  case  1  the  effect  of  30°  jet  deflection  is  to  give  an  increase  in  maximum  lift  of  approximately 
40#  relative  to  the  same  case  without  jet  deflection  or  J.W.I. 

.  The  benefits  of  J.W.I.  are  very  small  without  a  deflecting  nozzle  capability. 

For  H  =  0.2  (fig  14)  it  was  found  that  jet  deflection  must  be  limited  due  to  a  lack  of  foreplane 
trim  power.  However,  as  the  jet  momentum  coefficient  was  approximately  4  times  that  of  the  M  =  0.4  value 
the  jet  induced  effects  are  much  greater  for  a  given  jet  deflection.  Fig  14  shows  in  fact  that  these  two 
effects  cancelled  out  so  that  the  overall  effects  at  K  =  0.2  and  M  =  0.4  are  very  similar.  It  should  be 
noted  that  foreplane  trim  power  could  be  increased  by^for  example^  larger  foreplane  if  it  were  thought 
necessary  to  have  greater  lift  at  the  lower  Mach  numbers.  For  this  study  however  the  foreplane  size  was 
kept  at  the  original  value  chosen. 

In  view  of  the  poor  relative  induced  drag  at  low  lift  for  case  2  i.e.  the  aircraft  balanced  to 
give  maximum  lift  at  high  incidence,  this  case  was  dropped  from  the  study  as  it  was  not  felt  to  be  a 
satisfactory  alternative  to  the  aircraft  in  case  1.  The  study  was  therefore  restricted  to  a  comparison 
between  the  aircraft  of  case  1  with  jet  deflection  and  J.W.I.  and  the  same  aircraft  but  with  no  jet  deflec¬ 
tion  or  jet  wing  interaction. 

5.3  Effect  of  Jet  Wing  interaction  on  Airframe  efficiency 

Airframe  efficiency,  measured  by  total  (i.e.  thrust  included)  lift-drag  ratio,  as  a  function  of 
total  lift  is  given  in  fig  15.  This  figure  shows  quite  clearly  that  the  main  benefit  is  obtained  at  high 
lift  coefficient  i.e.  Cl  TOT  >  1.9  and  that  if  30°  jet  deflection  is  retained  at  lift  coefficients  below 
this  value  significant  penalties  result,  primarily  due  to  the  lack  of  a  beneficial  jet  induced  effect 
coupled  with  the  loss  in  axial  thrust  of  the  deflected  jet.  This  penalty  is  quite  simply  removed,  of 
course,  by  reducing  the  jet  deflection  at  lower  lift  coefficients  and  hence  is  not  significant. 

Fig  15  also  clearly  shows  the  improvement  in  maximum  lift  obtainable  with  J.W.I.  and  jet  deflection 
and  it  is  interesting  to  examine  the  breakdown  of  this  lift  increase.  In  fig  16  it  is  seen  that  the  J.W.I. 
component  of  lift  whilst  being  significant  is  in  fact  only  35#  of  the  total  improvement  obtained.  The 
remainder  of  the  improvement  is  due  to  the  increase  in  trim  lift  and  in  direct  jet  lift. 

6.  EFFECT  OF  JET-WING  INTERACTION  ON  COMBAT  AIRCRAFT  OPERATIONAL  PERFORMANCE 
6.1  Sustained  and  attained  turn  rate 

It  has  been  shown  that  although  there  may  be  some  effect  on  drag  at  low  lift  it  is  small.  The 

largest  effects  are  clearly  at  the  high  lift  end  of  the  drag  polar  and  hence  appear  as  changes  in  sustained 

turn  rate,  where  thrust  and  drag  are  equal,  and  in  attained  turn  rate  where  lift  is  at  its  maximum  value. 

At  low  altitude,  however,  as  Mach  number  is  increased  the  attained  turn  rate  is  determined  by 
structural  limitations  and  also  the  sustainable  lift  coefficient  reduces  rapidly  as  the  thrust  coefficient 
reduces  with  increasing  Mach  number.  In  fact  for  this  configuration  above  approximately  M  =  0.4  the 
maximum  sustainable  lift  coefficient  is  below  that  corresponding  to  the  break  in  the  drag  polar  above  which 
jet  induced  effects  give  a  benefit.  At  Mach  numbers  below  0.4  the  sustainable  lift  increases  rapidly  until 

at  a  Mach  number  slightly  below  0.2  the  sustainable  and  attainable  lift  coefficient  are  equal.  Note  that 

the  precise  Mach  numbers  are  very  dependent  on  configuration  and  would  change  for  different  engine/airframe 
combinations.  These  effects  are  summarised  in  fig  17  at  low  altitude  to  indicate  that  jet  wing  interaction 
plus  jet  induced  effects  give  an  improvement  on  sustained  turn  rate  below  approx  M  =  0.4,  whilst  the  improve¬ 
ment  in  attained  turn  rate  is  effective  below  approximately  M  =  0.55. 
t 

At  high  altitude  the  situation  is  similar  (fig  1?)  but  the  'g'  limit  is  above  that  corresponding  to 
the  maximum  attainable  turn  rate,  even  with  jet  induced  effects  included,  up  to  at  least  M  =  0.9  -  but  it 
should  be  noted  that  this  figure  does  not  allow  for  any  Mach  number  effects  on  the  Jet  induced  lift 
prediction. 
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6 m2  Combat  Performance 

Studies  at  BAe  Warton  using  the  one  on  one  combat  simulator,  wherein  pilots  are  able  to  fly  against 
a  computer  driven  model,  have  shown  that  three  performance  parameters  stand  out  fl6  having  major  significance 
in  air  combat.  Specific  excess  power  ((T  -  D)  V/W)  at  high  speed,  low  level,  which  is  a  measure  of  the 
aircrafts  ability  to  accelerate,  was  found  to  be  important  especially  in  the  initial  stages  of  the  combat. 

During  the  combat  the  aircraft  tended  to  be  used  in  the  region  between  max  sustainable  and  max 
attainable  turn  rate  in  an  attempt  to  turn  inside  an  opponent.  This  pointed  to  peak  attainable  turn  rate 
as  the  important  parameter.  As  the  combat  continued  towards  its  final  stages  and  06  a  result  of  flying 
in  the  region  between  max  sustainable  and  peak  attainable  i.e.  where  drag  is  greater  than  thrust , the 
encounter  gradually  loses  height  until,  as  the  lower  altitudes  are  reached,  speed  rather  than  altitude  is 
sacrificed.  Hence  the  final  stage  of  the  combat  is  at  low  speed  low  altitude  where  the  ability  to  turn 
more  quickly  than  an  opponent  without  losing  speed  i.e.  a  better  sustained  turn  rate, becomes  of  major 
importance. 

On  the  basis  of  this  type  of  reasoning  and  with  the  supporting  evidence  of  the  combat  simulation 
results  a  combat  correlation  parameter  (C.C.P.)  was  derived  which  showed  that  shots  ratio  i.e.  the 
difference  in  the  number  of  firing  chances  for  each  aircraft  divided  by  total  number  of  firing  chances 
was  a  function  of  S.E.P.  at  M  =  0.°,  S.L.  ,  Peak  attained  turn  rate  at  S.L.  optimum  Mach  number  and  attained 
turn  rate  at  H  =  0 mP  sea  level,  the  parameters  covering  aquisition,  combat,  and  final  stage  of  combat 
respectively,  i.e.  SHOTS  RATIO  =  S.E.P„a  M  =  0.9  S.L.  x  A.T.R.kpg^  S.L.  x  S»T.R.C  M  =  o.?5  S.L. 

As  far  as  jet  wing  interaction  effects  are  concerned  it  can  be  seen  that, though  there  is  no  effect 
on  high  speed  S.E.F.,the  effects  on  the  other  two  parameters  are  very  significant.  Application  of  the 
combat  correlation  parameter  to  the  S.T.R./'TR  relationship  given  in  fig  17  and  using  the  zero  jet 
deflection,  zero  jet  effects  aircraft  as  baseline  produces  the  effect  shown  in  fig  19.  This  figure  shows 
that  an  aircraft  with  jet  deflection  capability  and  jet-wing  interaction  has  a  C.C.P.  approximately  80% 
greater  than  that  of  the  same  aircraft  without  these  benefits.  This  leads  to  a  shots  ratio  advantage  of 
the  J.W.I.  aircraft  of  0.4^  -  a  very  large  advantage. 

However,  the  deflecting  nozzles  required  introduce  a  fairly  significant  weight  penalty,  and  this 
must  be  allowed  for.  Fig  19  6hows  that  the  advantage  in  shots  ratio  is  still  very  large  however, 
approximately  0.3»  and  would  suggest  that  an  aircraft  equipped  with  a  deflecting  nozzle  and  taking 
advantage  of  beneficial  jet  wing  interaction  would,  in  close  combat,  be  in  a  good  firing  position  twice  as 
often  as  that  of  the  same  aircraft  not  so  equipped. 

7.  OTHER  FACTORS  AF5ECTING  JET-WING  INTERACTION 

An  overall  summary  of  the  findings  of  the  report  is  given  in  fig  20  but  it  should  be  realised  that 
these  findings  are  based  on  the  overall  assumption  that  the  jet  wing  interaction  effects  have  been 
adequately  predicted  and  will  be  achieved  on  a  real  aircraft  in  flight.  Although  attempts  have  been  made 
to  account  for  the  prime  factors  which  significantly  affect  the  magnitude  of  J.W.I.  many  have  not  been 
allowed  for,  mainly  because  no  adequate  theoretical  method  appears  to  exist  but  also  because  of  the  lack 
of  directly  applicable  experimental  data. 

A  number  of  possible  factors  are  shown  in  fig  21,  with  an  indication  of  the  probable  effect  on  the 
findings  of  the  study.  Taking  one  of  these, it  is  suggested  that  effects  at  high  Mach  number  i.e.  close 
to  M  =  1.0  may  be  favourable.  Some  evidence  in  support  of  this  is  available  in  reference  11  reproduced 
here  as  fig  22.  The  data  indicates  that  at  M  =  0.9  a  deflected  jet  from  the  wing  trailing  edge  affects 
the  upper  surface  shock  in  a  favourable  manner,  moving  it  aft  and  decreasing  its  strength.  It  would 
seem  likely,  therefore,  that  the  presence  of  a  trailing  edge  jet  will  make  design  of  a  good  transonic 
wing  somewhat  simpler  and  could  allow  slightly  higher  Kach  numbers  to  be  reached  before  significant  drag 
rise  occurs. 

8.  CONCLUSIONS 

An  investigation  into  the  effect  of  jet-wing  interaction  on  combat  aircraft  performance  has  led  to 
the  development  of  a  prediction  technique  which  appears  to  give  reasonable  estimates  of  the  more  significant 
changes  which  occur.  Use  of  the  prediction  technique  has  shown  that  a  conventional  propulsive  jet  at  the 
wing  trailing  edge  gives  a  significant  improvement  in  the  high  lift  characteristics  of  the  wing  providing 
jet  deflections  of  up  to  30°  can  be  provided. 

Application  of  the  predicted  effects  to  a  projected  aircraft  shoved  that  the  best  configuration 
<#ould  be  the  canard,  to  provide  beneficial  trim  effects  of  the  deflected  thrust,  and  that  large  improve¬ 
ments  in  sustained  turn  rate  at  low  speed  and  in  peak  attained  turn  rate  at  low  level  would  be  obtained. 

The  nett  result  of  the  improved  turn  rates  is  a  very  large  increase  in  combat  effectiveness,  assessed  by 
means  of  a  combat  correlation  parameter,  even  when  the  weight  penalty  associated  with  the  required 
deflecting  nozzles  is  included. 

9.  FURTHER  WORK 

The  study  has  revealed  the  major  effects  of  jet-wing  interaction  on  combat  performance  via  a  theoreti¬ 
cally  based  prediction  technique  adequate  for  this  purpose.  However  many  factors  exist  which  are  not 
properly  accounted  and  which  may  influence  the  overall  aircraft  performance  to  a  significant  extent.  The 
first  priority  for  further  work  must  therefore  be  to  extend  the  scope  of  the  theoretical  method  to 
accurately  account  for  as  many  of  the  other  factors  as  possible. 

In  support  of  this  development,  experimental  measurements  will  be  required,  firstly  to  provide  data 
for  comparison  purposes  and  secondly  to  allow  for  factors  which  may  not  be  adequately  accounted  for 
theoretically  e.g.  effect  of  jet  vertical  location.  In  view  of  the  fact  that  current  data  appears  to  be 
specific  to  a  particular  configuration  with,  in  general,  only  small  variations  of  geometry,  parametric 
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investigations  would  appear  to  be  the  order  of  the  day  so  that  the  effect  of  gross  variations  may  be 


examined.  Experiments  of  this  nature  would  have  the  twin  advantages  of  relative  simplicity  and  wide 
application  and  would  form,  when  coupled  with  a  developed  theoretical  method, a  powerful  tool  at  the 
aircraft  designers  disposal,  enabling  a  good  assessment  of  the  overall  benefits  of  jet  wing  interaction 
effects  to  be  carried  out. 
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SUMMARY. 

Low  speed  wind  tunnel  tests  on  the  interference  between  a  powered  jet  and  a  two- 
dimensional  wing  have  been  carried  out.  Detailed  pressure  distributions  over  the  wing 
are  presented  for  jet  to  free  stream  velocity  ratios  of  2:1,  3:1  and  5:1,  over  a  range 
of  incidences.  The  configuration  of  the  jet  nozzle,  wing  section  and  the  relative 
positions  of  the  engine  and  the  wing,  correspond  to  a  moderate  by-pass  ratio  engine 
mounted  over  the  wing  of  a  low-wing  feeder  liner  aircraft. 

Large  increments  in  upper  surface  pressure  coefficient  (ACp  up  to  -0.9)  due  to 
the  jet  are  found,  and  in  all  cases  these  result  in  positive  increments  to  wing  lift 
with  some  increase  in  wing  drag.  Changes  in  the  relative  incidence  and  in  the  stream- 
wise  displacement  of  engine  to  wing  do  not  give  extra  beneficial  effect*. 

Entrainment  rates  into  the  jet  and  the  path  of  the  jet  relative  to  the  wing  have 
been  established  by  measurement  and  by  flow  visualisation. 

Theoretical  considerations  show  that  it  is  the  bound  vorticity  associated  with 
jet  curvature  which  produces  the  pressure  increments  on  the  wing  surface,  and  that 
trailing  vortex  and  jet  entrainment  effects  are  for  the  most  part  negligible. 


INTRODUCTION. 

This  investigation  was  prompted  by  the  proposal  to  replace  the  turbo-prop  engines 
on  theBAe  748  by  jet  engines.  These  would  have  to  be  mounted  above  and  ahead  of  the 
wings  so  that  there  will  be  a  considerable  interference  effect  between  the  jet  efflux 
and  the  upper  surface  of  the  wing.  Computer  programmes  to  calculate  wing/nacelle/ 
pylon  interference  have  been  relatively  unsophisticated  in  the  modelling  of  the  jet 
efflux  (see  Hardy  (1),  for  example)  and  often  treat  the  jet  as  a  straight,  round, 
constant  velocity  body  of  fluid  with  little  attempt  to  represent  entrainment  into  the 
jet  or  distortion  of  the  jet  cross-section.  It  is  known  from  experimental  and 
theoretical  work  on  jets  blowing  across  a  stream,  that  the  pressures  on  adjacent  wing 
surfaces  may  be  predicted  by  modelling  the  jet  path,  the  jet  blockage  and  entrainment, 
and  the  jet  trailing  vortices  (as  shown  by  Tipping  (2)  and  other  workers).  Although 
in  this  present  application  the  distortion  of  the  jet  may  be  very  much  smaller,  a 
similar  treatment  of  the  jet  development  could  be  necessary.  The  overwing  location 
of  engines  has  positive  benefits  as  regards  reduction  in  jet  noise  at  the  ground, 
as  well  as  favourable  aerodynamic  interaction  with  the  wing,  and  it  is  therefore 
necessary  to  establish  the  magnitude  of  the  interference  effects  and  to  improve 
computer  programmes  so  that  these  effects  may  be  predicted  with  greater  accuracy. 

This  present  investigation  concentrates  on  the  wing  upper  surface  pressure  distribution, 
the  changes  produced  by  the  relative  velocity  of  the  jet  efflux  to  the  free  stream  and 
the  effects  of  changes  in  overall  incidence  of  the  wing  and  engine. 

DESCRIPTION  OF  APPARATUS. 

All  the  experiments  were  performed  in  the  3’  x  4'  Low  Speed  Wind  Tunnel  at  the 
University  of  Salford,  with  the  model  inverted  to  allow  the  wing  to  be  mounted  on  the 
tunnel ’ s external  mechanical  balance,  and  the  engine  nacelle  supporting  brackets  to  be 
attached  to  the  bottom  turntable.  The  datum  position  of  the  nacelle  and  wing  (shown 
in  figure  1)  corresponded  to  a  projected  overwing  mounting  of  a  turbofan  of  moderate 
bypass  ratio  on  a  low  wing  feedliner. 

The  wing  as  designed  had  a  constant  cross-section  identical  in  shape  to  that  at 
the  engine  location  on  the  full  scale  aircraft  to  aid  possible  computer  simulation  and 
to  eliminate  any  effects  that  taper  might  have  on  the  pressure  distribution. 

A  1/10  scale  was  chosen  to  allow  sufficient  detail  to  be  simulated,  whilst  staying 
within  the  constraints  of  the  tunnel  cross-section,  which  gave  an  0.28  m  chord  and 
1.12m  span  wing.  The  aerofoil  has  a  maximum  thickness/chord  ratio  (t/c)  of  0.17  and 
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has  an  incidence  of  2.6  to  the  aircraft  zero  incidence  setting.  The  wing  had  a 
series  of  brass  tubes  laid  into  it,  running  spanwise,  /e  -  0.1  and  every  o.lc 

to  */c  =  .9  ^n  the  upper  surface  and  from  x/c  =  0.1  to  x /c  =  0.8  with  a  similar 

spacing  on  the  lower  surface.  Pressure  tappings  were  drilled  into  each  of  these  at 
9  stations  on  the  lower  surface  (4  each  side  of  the  engine  nacelle  centre  line)  at 
intervals  of  0.2  in  y/c,  and  at  11  stations  on  the  upper  surface,  at  y  c  -  o.l,  o.l, 

0.3,  0.5  and  0.8  either  side  of  the  nacelle  centre-line.  To  take  the  chordwise 
pressure  distribution  at  any  particular  span  position  therefore  required  covering 
the  pressure  tappings  with  adhesive  tape. 

The  engine  efflux  was  simulated  by  feeding  compressed  air  (from  a  centrifugal 
blower)  through  the  support  strut  to  the  nozzle.  As  only  cases  of  the  engine  forward 
of  the  wing  were  considered,  it  was  only  necessary  to  simulate  the  jet  exit  flow 
(according  to  Hardy  (1)),  a  long  cylindrical  forebody  being  quite  a  good  approximate 
representation  of  the  intake  airflow  streamline.  To  be  representative  of  a  modern 
turbofan  of  moderate  by  pass  ratio,  it  was  decided  to  simulate  both  the  fan  and  jet 
exhaust  velocities,  and  to  include  an  exhaust  diffuser.  The  size  of  the  exhaust 
diffuser  was  obtained  by  scaling  a  suitable  full-size  drawing.  A  typical  turbofan 
for  installation  to  a  low-wing  feederliner  had  jet/fai,  velocity  ratios  of  between 
1.33  and  1.57  through  its  flight  regime.  This  was  simulated,  using  standard  diameter 
pipes,  by  the  design  shown  in  figure  2.,  and  a  comparison  of  compression  areas  and 
exit  areas  gives  a  theoretical  jet/fan  velocity  ratio  of  1.38. 

The  wing  was  mounted  inverted  in  the  tunnel  h  means  of  pivots  at  the  ^  chord 
position  and  a  tail  arm  to  the  pitching  moment  strut.  The  simulated  engine 
nacelle  was  held  in  a  collar  which  in  turn  could  be  moved  along  a  circular  arc  mounting 
bracket  beneath  the  tunnel  floor.  By  making  the  centre  of  the  arc  lie  on  the  wing 
pivot  line,  this  enabled  both  wing  and  engine  to  be  rotated  relative  to  the  tunnel 
flow  whilst  keeping  the  same  relative  incidence  and  displacement  if  required.  The 
whole  jet  nozzle  was  sleeved  onto  the  cylindrical  forebody  to  allow  alterations  in  the 
streamwise  displacement  of  nozzle  and  wing. 

EVALUATION  OF  JET  ENTRAINMENT  VELOCITY. 

(i )  Theoretical  Analysis 

A  free  jet  occurs  when  a  fluid  is  discharged  from  a  nozzle  or  orifice  into  an  unbounded 
volume  of  otherwise  undisturbed  fluid.  Disregarding  very  small  velocities  of  flow, 
the  jet  becomes  completely  turbulent  at  a  short  distance  from  the  point  of  discharge, 
and  because  of  the  turbulence  the  emerging  jet  becomes  partly  mixed  with  the  surrounding 
fluid  at  rest.  Particles  of  fluid  from  the  surroundings  are  then  carried  away  by  the 
jet  so  that  the  mass  flow  increases  in  a  downstream  direction.  The  velocity  of  these 
particles  of  fluid  can  be  resolved  into  2  components,  one  parallel  to  the  recognised 
jet  boundary,  which  becomes  the  streamwise  jet  velocity,  and  one  normal  to  the  boundary, 
the  jet  entrainment  velocity. 

If  a  smooth  and  sufficiently  large  nozzle  is  used,  however,  the  initial  flow  immediately 
in  front  of  the  aperture  will  be  a  uniform  laminar  jet  of  the  same  diameter  as  the 
aperture  separated  from  the  surrounding  undisturbed  fluid  by  a  very  thin  boundary  layer. 
The  boundary  layer  becomes  thicker,  with  increasing  downstream  distance,  due  to  the 
action  of  molecular  viscosity,  and  the  thickness  of  the  region  of  appreciable  mean 
velocity  gradient  becomes  so  large  that  the  motion  is  unstable  to  small  disturbances 
and  the  flow  becomes  turbulent.  Eventually  the  turbulent  mixing  region  interacts  with 
all  the  constant  velocity  core  and  fully  developed  turbulent  flow  is  then  established. 

Analysis  of  such  a  flow  by  Schlichting  (3)  shows  that,  in  the  fully  developed 
turbulent  flow,  the  jet  radius  r  .,  is  proportional  to  x  (axial  distance) ,  and  maximum 
axial  velocity  U  is  proportions?  to  1/x.  Townsend  (4)  computed  the  distribution  of 
the  radial  mean  velocity  in  a  circular  jet  for  different  radial  distances  r,  and 
plotted  it  non -dimens iona lly  against  r/r . .  Close  to  the  axis  v/U  was  positive,  i.e. 
the  mean  velocity  normal  to  the  flow  axiil  was  towards  the  jet  boundary,  but  as  u/U^ 

decreased  v/U  became  negative,  reaching  a  value  of  v  /U  •  -  0.024  at  the  jet 

,  ,  m  n  m 

boundary. 

This  is  very  close  to  the  values  of  v  /U  quoted  by  Krenz  (5)  who  obtained  the 
following  formulae  by  considering  mass  fTow  rates  at  different  positions  along  the 
jet  and  calculating  the  necessary  increase  in  flow  per  unit  area  of  jet  boundary :- 

Mass  flow  rate  through  the  nozzle  or  orifice  (d  is  orifice  diameter). 


Mass  flow  rate  the  jet  at  a  position  x  along  the  axis 
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m  (x)  =  2  tt  d  I  llr  dr . 

v  ,  the  entrainment  velocity  normal  to  the  }et  boundary  is  then  given  as 
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The  solution  of  this  equation  is  dependent  on  the  velocity  profile,  and  so  there  will 
be  two  distinct  solutions,  one  for  entrainment  in  the  inibal  mixing  layer  region  and 
one  for  the  main  turbulent  get  region.  The  solutions  given  are:- 


For  entrainment  into  the  mixing  layer 
v  r 

— ~  ~  0.027  -  0.0043  —  (where  r  is  the  radius  of  the  central  core) 
U .  r  c 

3  ] 

And  for  entrainment  into  the  main  jet  flow 


r5  ~  0.038  - 

U .  r 

3  3 


Due  to  the  proximity  of  the  wing  to  the  engine  in  terms  of  x/d, 
is  considered  during  this  investigation  giving  values  of  v  /v 
-0.027  up  to  at  least  6  diameters  downstream.  n  ^ 


only  the  first  result 
of  between  -0.023  and 


Such  an  analysis  can  now  be  developed  to  include  a  circular  get  in  a  co-flowing  stream. 
From  Schlighting ' s  consideration  of  the  smoothing  out  of  a  velocity  discontinuity  it 
can  be  seen  that  the  free  jet  boundary  is  just  a  particular  case  of  the  interaction 
of  two  parallel  flows  with  different  velocities.  The  effect  of  the  surroundings  being 
a  co-flowing  stream  (say  of  velocity  U^)  is  to  modify  equation  above  to 


v  r 

- fj-  ~  o.027  -  0.0043  — 

U  .  -U„  r . 

3  *°  3 

Although  the  nozzle  used  simulates  both  fan  and  core  flows  and  the  effect  of  the 
exhaust  diffuser,  the  above  analysis  is  used  as  a  basis  for  comparison  since  until 
the  velocity  discontinuity  between  the  fan  and  core  flow  smooths  out,  entrainment  occurs 
mainly  between  the  freestream  and  the  fan  flow. 

(ii )  Measurement  of  jet  velocity  profile  and  comparison  of  entrainment  values 

The  jet  entrainment  velocity  for  the  engine  simulation  was  established  by  a  series  of 
measurements  taken  with  the  engine  parallel  to  the  freestream  without  the  presence 
of  the  wing.  Detailed  total  and  static  pressure  profiles  were  made  at  x/d  ■  2.7,  3.4 
and  4.1  downstream  of  the  fan  exit,  where  d  is  the  diameter  of  the  fan  exit  nozzle, 
and  the  velocity  profiles  shown  in  figure  3  were  calculated  from  these.  The  average 
jet  entrainment  velocity  was  then  found  by  considering  the  change  in  volumetric  flow 
rate  with  x/d  and  gave  an  average  value  of  vn/(U . -U  )  =  .0101,  where  U  is  taken  as 
the  jet  maximum  exit  velocity  and  U^/U^  =  5.  3  °°  ^ 

This  experimentally  derived  value  of  v  is  lower  than  predicted, because  in  the 
theoretical  calculation  no  allowance  was  made  for  the  exhaust  diffuser  and  jet  core 
cowl  causing  the  efflux  to  converge  in  on  the  nozzle  axis.  This  reduces  the  rate  of 
growth  of  the  efflux,  as  growth  becomes  relative  to  the  centre  of  the  fan  jet  which 
is  itself  becoming  closer  to  the  nozzle  axis.  Consequently  the  outer  mixing  layer 
velocities  are  smaller.  The  entrainment  rate  is  slower  as  the  turbulent  mixing 
velocities  are  lower  than  would  be  expected  for  a  non-conveying  jet  having  velocity 
difference  U  -  . 

The  tests  on  the  engine  do  show,  however,  the  existence  and  relative  magnitude  of  the 
entrainment  velocities  for  a  velocity  profile  closer  to  that  of  an  actual  turbofan 
than  the  theoretical  analysis  considers. 
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JET  EFFLUX  INTERFERENCE  WITH  ADJACENT  WING. 

A  theoretical  flow  model  of  jet  efflux  interference  with  adjacent  wing  can  be 
established  by  representing  the  jet  efflux  by  a  line  of  sources  along  the  jet  flow 
axis,  and  modelling  wing  thickness  by  a  surface  of  sources  and  wing  loading  by  a 
vortex  lattice.  This  is  essentially  the  method  used  by  Hardy  (1)  and  very  similar 
to  that  used  by  Krenz  (5)  in  his  theoretical  derivation  of  results.  Both  their 
programs  do,  however,  include  nacelle/wing  interference  by  representing  the  nacelle 
by  a  source  distribution  on  the  body  surface.  The  effect  of  the  nacelle  can  be 
eliminated,  though,  by  only  calculating  the  change  in  pressures  and  velocities  due  to 
the  jet  efflux,  if  the  nacelle  is  further  upstream  than  the  wing  leading  edge.  Such  a 
model  can  be  further  refined  by  representing  jet  entrainment  by  ring  sinks,  of 
appropriate  strength,  along  the  jet  efflux. 

To  establish  and  verify  such  a  model  does  require,  however,  a  set  of  experimental 
results  for  comparative  purposes.  An  investigation  was  therefore  undertaken  that 
would  produce  the  changes  in  the  coefficient  of  pressure  distribution  on  the  wing 
surface  due  to  the  jet  efflux. 

A  series  of  wind  tunnel  tests  were  performed,  for  a  variety  of  angles  of 
incidence  and  ef f lux/freestream  velocity  ratios,  in  which  both  the  spanwise  and 
chordwise  pressure  distributions  were  established  with  both  the  jet  running  and  not 
running.  The  difference  between  the  two  Cp's  is  then  due  to  the  jet  efflux.  (This  is 
as  opposed  to  Krenz  (5)  who  considered  the  effect  of  the  nacelle  and  jet  efflux 
together  by  taking  readings  with  just  the  wing  in  the  tunnel,  and  with  the  wing  and 
engine  simulation  in  with  the  jet  running) . 

o 

During  these  tests  the  wing  was  set  at  an  initial  incidence  of  oC  =  2.6  relative 
to  free-stream,  and  the  engine  at  oC  =  6  ,  to  represent  a  feasible  installation 
position  on  an  existing  low-wing  feedliner.  horizontal  and  vertical  separations  of 
0.0135  x  wing  chord  and  0.105  x  fan  diameter  between  the  centre  of  the  core  exit  and 
the  wing  leading  edge  were  used  (as  can  be  seen  in  figures  1  and  2).  The  results  of 
these  tests  are  shown  in  figures  4(a)  to  (  i) ,  where  ACp,  the  difference  between  the 
Cp's  with  the  jet-on  and  jet-off,  has  been  mapped  over  the  wing  surface. 

Two  further  tests  were  performed,  to  investigate  the  effects  of  changing  the  relative 
engine/wing  incidence  and  horizontal  positions  and  the  results  at  a  span  position  of 
0.2c  show  that  there  are  no  significant  extra  beneficial  effects  to  be  gained. 

Figure  5  has  been  included  to  show  the  relative  magnitude  of  A  cp  to  Cp  beneath 
the  efflux  centre  line,  for  a  series  of  incidences. 

Finally,  a  set  of  flow  visualisation  photographs  were  obtained  (by  feeding  smoke 
through  the  centrifugal  blower)  to  enable  the  ^et  curvature  over  the  wing  to  be 
measured.  These  were  taken  at  incidences  of  4  and  8  at  4  velocity  ratios,  and  are 
included  as  figures  6(a)  to  (h)  . 

ESTIMATION  OF  JET  CURVATURE  AND  ENTRAINMENT  EFFECTS  ON  PRESSURE  DISTRIBUTIONS 

The  effects  of  jet  curvature  on  the  wing  pressure  distribution  may  be  calculated 
by  replacing  the  jet  by  a  continuous  distribution  of  horse-shoe  vortices  along  the 
axis  of  the  jet.  The  bound  vortex  elements  will  be  of  span  d,  the  jet  diameter,  and 
of  strength  k  per  unit  distance  along  the  axis,  where  k  is  determined  from  the  condition 
that  the  lift  per  unit  length  on  the  jet  will  be  equal  to  the  jet  momentum  divided  by 
the  local  radius  of  curvature  R  of  the  jet  path.  Thus 

f>  Uoo  d  k  —  ^dlpUj/R 

The  trailing  vortices  in  the  jet  produce  only  spanwise  interference  velocities  at  the 
wing  surface,  but  the  bound  vorticity  along  the  jet  axis  produces  streamwise  velocity 
increments.  These  changes  in  streamwise  surface  velocity  result  in  the  major  effects 
on  the  wing  pressure  distribution  found  in  the  experiments.  The  streamwise  velocity 
increment  du  from  a  bound  vortex  element  of  span  d  and  strength  kdx  at  a  distance  z 
above  a  plane  surface  is  given  by 

du.  =  d  kz  dx/(x*  +  y1-*  z.*)^ 

approximately,  including  the  effect  of  the  image  vortex  in  the  plane.  Here  x  and  y 
are  streamwise  and  spanwise  displacements  of  the  field  point  P  from  the  element. 

The  total  velocity  increment  at  P  is  given  by 


U  =  l(Vi)ZAL  f' 
U<«  s  Vu J  cR 


1  f'  s 


where  %  =  x/c.  ,  r\  =  y/c  ,  g  =  z/c  ,  R  =  R/^W 

The  integral  has  been  evaluated  making  the  following  simplifying  assumptions: 

(i)  the  wing  surface  is  replaced  by  a  flat  plane  g  =  0,  (ii)  the  height  of  the  jet 

above  the  surface  g  is  constant,  and  (iii)  the  distribution  of  curvature 
follows  the  form  shown  in  figure  7,  where  the  maximum  curvature  of  the  jet  is 
determined  from  the  smoke  photographs.  Thus 

5  (5,  -  0.1),  for  0.1  $  g,  §  0.3 

X  =  <7  (0.9  -r  ),  for  0.3  ^  0.9 

^  3 

(_0,  otherwise.  . 

The  shape  of  the  jet  path  for  the  case  u./u  =  5  with  model  incidence  6°  with  this 
distribution  is  shown  on  figure  7.  Although  the  cross-section  of  th-st  jet  is  severely 
distorted  for  smaller  values  of  U ./U^  •  t*le  photographs  clearly  show  the  path  of  the 
main  body  of  the  jet  fluid,  which  ■'contains  nearly  all  the  jet  momentum. 

In  order  to  compare  the  results  of  the  above  analysis  with  the  measured  values  of 
Acp,  changes  in  the  streamwise  velocity  increment  Au.  from  that  which  exists  when 
U.  =  U  have  been  calculated.  Thus 
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The  corresponding  theoretical  increments  in  pressure  coefficients  A  Cp  at  the  wing 
surface  for  U./U^  =  2,  3  and  5  for  the  model  incidence  of  8  ,  taking  d/c  =  0.2, 

g  =  0.2  and  =  0,  are  shown  in  figure  8  with  the  experimental  values  for  comparison. 
Figure  9  shows  the  calculate  A  Cp  distributions  for  U./U^  =  5,  model  incidence  of  8  , 
and  =  0,  0.1,  0.2,  0.3,  0.5  and  0.8.  Figure  10  sh3ws  the  calculated  ACp  for 

UVU^  =5,  n  =  0  and  model  incidences  of  0  and  4  . 

The  agreement  between  theory  and  experiment  is  satisfactory,  and  this  shows  that 
it  is  the  bound  vorticity  associated  with  jet  curvature  which  is  chiefly  responsible 
for  the  interference  pressures.  The  trailing  vortex  strength  may  be  found  by  integrating 
the  bound  vorticity  distribution  along  the  jet  axis.  At  the  trailing  edge,  the  trailing 
vortex  strength  is  IT  ,  which  has  the  value  tt  Uoo  d  for  the  case  U./U„  =  5 

with  the  model  at  8°  incidence.  The  spanwise  surface  velocities  induced  by  the  trailing 
vortex  pair  and  their  images  produce  a  maximum  surface  streamline  inclination  of  the 
order  of  14  to  the  stream  direction.  This  is  in  agreement  with  surface  oil  flow 
patterns  which  show  appreciable  spanwise  flow  of  this  magnitude  in  a  limited  region 
below  the  jet  near  the  trailing  edge.  The  effect  of  these  spanwise  velocities  is  to 
give  pressure  increments  of  at  most  A Cp  =  -  0.03  over  this  limited  area  of  the  wing. 

Entrainment  effects  may  be  assessed  by  placing  a  distribution  of  sinks  along  the 
jet  axis  whose  strength  is  sufficient  to  produce  the  entrainment  rates  found  for  a 
free  jet  in  a  co-flowing  stream.  The  resulting  spanwise  velocities  at  the  wing  surface 
produce  streamline  inclinations  of  at  most  1°.  Even  if  the  entrainment  rates  into 
the  curved  jet  are  several  times  larger  than  for  an  undistorted  jet,  the  effect  on 
the  pressure  distribution  will  still  be  negligible. 

Thus  it  appears  that  a  full  solution  to  the  interference  problem  is  possible 
provided  the  jet  path  can  be  accurately  predicted. 

CONCLUSIONS . 

The  measured  increments  in  wing  pressure  distribution  due  to  the  velocity  of  the 
jet  show  considerable  lift  effects  (  Acp  up  to  -0.9)  over  the  upper  surface  for  the 
higher  jet  velocity  ratios.  There  will  be  some  increase  in  wing  drag  associated  with 
the  Acp  distributions.  Changes  in  the  relative  incidence  and  chordwise  displacement 
of  the  jet  to  the  wing  over  a  limited  range  shows  that  the  datum  arrangement  is  near  to 
an  optimum  configuration. 

Flow  visualisation  shows  that  the  jet  path  has  significant  curvature  in  the  stream 
direction.  Theoretical  considerations  show  that  the  A  Cp  distributions  may  be 
calculated  with  reasonable  accuracy  assuming  that  the  major  effect  is  one  of  bound 
vorticity  in  the  jet  necessary  to  account  for  the  observed  curvature  of  the  jet  path. 
Entrainment  and  trailing  vorticity  effects  are  in  general  negligible. 
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SUMMARY 

An  experimental  investigation  was  carried  out  to  demonstrate  the  effects  of  separated 
stable  vortex  flows  on  lifting  surfaces. 

Generation  and/or  stabilization  and  control  of  these  vortex  systems  was  obtained  by 
means  of 

•  planform  variation  (such  as  strakes,  short  coupled  canards) 

•  modifications  of  wing  section  (shape  and  camber  of  L.E. ,  L.E.  flaps) 

•  concentrated  spanwise  blowing  for  arbitrary  planforms 

-  blowing  from  the  wing  root  (body  side) 

-  blowing  from  41  outboard  stations,  systematically  varied 

Specific  and  combined  results  of  these  modifications  are  shown,  optimum  jet  positions, 
in  respect  of  various  criteria  applied,  were  derived.  Some  typical  results  are  presen¬ 
ted,  demonstrating  the  effects  of  strakes  and/or  spanwise  blowing  on 

•  performances 

•  stability  and  control 

•  dynamic  characteristics 

•  flow  fields 


1 .  SCOPE  OF  INVESTIGATION 

The  investigation  reported  herein  is  embedded  in  a  program  for  development  of  "Wings 
with  Controlled  Separation",  conducted  by  a  working  group  of  same  name  (members:  DFVLR, 
MBB ,  VFW)  and  sponsored  by  the  German  Ministry  of  Defence  (RUFo  4  and  ZTL-Program) . 


The  experimental  approach  taken  by 
MBB,  heading  this  working  group, 
is  depicted  in  Fig ■  1 . 


r 

arb.t'0'r 

plonformt 

!h 

bo**d  on  ptontofri, 

_  _  *oct<on 

n 

concontro'td 

blo«r<ng 

t  1 

L‘0  l*0.»0  lAiitRON 

/a. 

FIG.  1  EXPERIMENTAL  APPROACH 


The  basic  idea  is  to  use  different  ways  in  creating  controlled  separation: 

•  Early  attempts  (starting  in  1969)  are  based  on  planform  variations  such  as 
leading-edge-extensions  or  strakes,  short  coupled  canards  etc.  Combinations 
with  modified  section  shapes  i.e.  L.E. -radii,  -camber  and  -flaps  are  warping 
of  the  hybrid  wings  were  investigated  (fig.  1  only  shows  one  of  the  three  ba¬ 
sic  planforms).  Results  of  this  program  are  reported  in  References  [l  -  15], 


*  this  work  was  sponsored  by  the  German  Ministry  of  Defence 
( RUFo  4  and  ZTL-Program) 


•  Another  way  of  generating  controlled  separation  independent  of  wing  geometry 
is  presented  by  the  thechnique  of  concentrated  spanwise  blowing  (see  Referen¬ 
ces  Li 6  -  25]. 

Starting  in  1975  and  still  going  on,  the  effect  of  concentrated  blowing  is  in 
vestigated  on  arbitrary  planforms,  partially  non  exhibiting  a  "natural"  ten¬ 
dency  of  rolled-up,  stable  vortex  systems. 

-  In  a  first  step  blowing  from  the  wing  root,  the  nozzles  being  housed  in  the 
body  side-walls,  was  tested  for  basic  and  strake  wing. 

Optimum  jet  positions  were  derived  by  variation  of  chordwise  nozzle  loca¬ 
tions,  nozzle-height  and  -sweep  on  the  respective  planforms,  demonstrating 
the  relative  merits  of  the  different  techniques  (blowing  over  wing,  strake, 
flaps  and  combined  blowing) . 

-  In  a  second  step  it  was  decided  to  investigate  the  effect  of  spanwise/chord 
wise  positions  of  the  nozzle  on  both  planforms,  as  it  was  felt  that  there 
was  a  lack  of  systematic  data  in  this  field.  So  a  grid  of  41  outboard  jet 
locations  was  introduced. 

Experimental  data  derived  in  this  way  finally  allowed  to  establish  a  total  op 
timum  nozzle  location  for  the  addressed  configurations  (including  aerodynamic 
and  structural/configurational  aspects) . 

Nevertheless  it  should  be  kept  in  mind  that  this  "total  optimum"  again  is  a 
compromise  of  integrating  different  systems  and  techniques  and  so  will  vary 
with  progress  or  importance  of  any  disciplines  involved. 


2.  DESCRIPTION  OF  MODELS  AND  APPARATUS 

Pilot  model  geometry  is  shown  in  Fig.  2.  Model  structure  and  scale  was  varied  to  derive 
the  different  data 

•  6-component  force  (low  speed/ 
high  speed  models) 

•  pressure  distributions  (low  speed/ 
high  speed  models) 

•  flow  fields  (low  speed  model) 

•  sectional  load  data  (low  speed 
model) 

•  dynamic  derivatives  ("strapped" 
down  high  speed  model) 


Mach  number  regime  investigated  is  0.15  -  M 
-  2.0,  spanwise  blowing  was  examined  in  low 
speed  tests  only. 

The  basic  wing  is  defined  by  PR  =  3.2  / 

Ale  =  32"  /  A  =  0.3. 

The  wing  is  cambered  and  twisted,  the  basic 
section  is  NACA  64A006,  varied  over  the 
span. 

Additional  modifications  consist  of  a  ma¬ 
neuver-flap  system  (full  span  L.E.  slats, 
single  slotted  fowler  flaps  on  the  T.E. 
over  2/3  of  the  exposed  span)  and  de¬ 
tachable  strakes  of  different  shape  but 
constant  area  ratio  (11%  reference  area). 

Roll  control  is  provided  by  a  conventio¬ 
nal  tip  aileron  and  the  allmoving  hori¬ 
zontal  tail. 

For  spanwise  blowing  from  the  wing  root  the  model-body  incorporates  an  internal,  sting 
mounted  blowing  system  with  different  faired  jet  exits  (at  10%  /  25%  /  40%  of  wing 
root,  over  the  T.E.  flap  and  at  10%  strake-wing  root  chord). 

For  blowing  from  outboard  wing  positions  an  external  sting  fixed  nozzle  was  used.  By 
that  way  for  all  blowing  cases  mere  aerodynamic  interference  effects  were  measured  and 
no  effects  of  jet  reaction  forces  could  get  on  the  internal  balances. 

The  systematic  variation  of  outboard  jet  locations  comprised  41  nozzle  positions  over 
the  wings: 

•  10/25/40/70%  wing  chord 

•  10/25/40/60/80%  exposed  semispan 

•  4  positions  over  the  aileron 

•  17  positions  ir.  the  strake  region 


Si  )  rn  L  S  Tunnel  D^VlR  Gottingen 


FIG.  2  PILOT  MODEL 


The  simple  convergent  nozzles  (7.5  or  15  mm  were  usually  driven  supercritical ly . 


In  the  course  of  the  investigation  the  following  test  facilities  were  used  for  the  pur¬ 
poses  denoted: 

•  3  x  3  m  Low  speed  tunnel  of  DFVLR  Gbttingen 

-  6-comp,  force  tests 

-  pressure  distribution  and  flow  fields 

-  sectional  loads 

•  1x1m  Transonic  tunnel  of  DFVLR  GOttingen 

-  6-comp,  force  tests 

-  pressure  distribution 

•  8  m  si  Transonic  tunnel  SI  Modane ,  ONERA 

-  6-comp,  force,  0  -  o.  -  90° 

•  1.8  x  1.8  n  High  speed  tunnel  S2  Modane,  ONERA 

-  dynamic  derivatives,  M  *  0.8 

•  4.5x3.5mF1Le  Fauga,  Toulouse,  ONERA 

-  low  speed  dynamic  derivatives  0  -  a  £  50° 


3 .  INTRODUCTORY  REMARKS 


3.1  Choice  of  Basic  Wing  Planform 

At  the  early  beginning  of  th,e  program  we  did  not  know  too  much  about  the  quantitative 
effects  of  the  strakes.  But  from  preceeding  flow  visualization  tests  in  the  water  tunnel 


some  qualitative  guesses,  say  specu¬ 
lations,  were  possible.  So  the  selec¬ 
tion  of  the  basic  wing  planform  was 
decisively  influenced  by  the  good 
experiences  (from  flight  and  wind 
tunnel  testing)  with  a  moderately 
swept  trapezoidal  wing  of  medium 
aspect  ratio  (  VJ  101,  F104) .  The 
reasons  why  finally  this  planform 
was  taken  are  listed  in  Fig.  3. 

a.  from  pitching  moment  con¬ 
siderations  at  high 
a.o.a.  (in  fear  of  the  yet 
unknown  amount  of  strake- 
-induced  pitch-up  tenden¬ 
cies)  stable  (pitch-down) 
characteristics  of  the  ba¬ 
sic  wing  were  assumed  to 
be  highly  desirable  (as 
symbolized  in  fig.  3  by 
the  inserted  SHORTAL/MAG- 
GIN  pitch-up  boundary) 
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FIG.  3  REASON  FOR  CHOICE  OF  BASIC 
WING  -  PLANFORM 


b.  The  round  nosed  wing  should  incorporate  an  effective  high-lift  and  maneuver 
flap  system.  The  low  sweep  of  this  planform  would  additionally  be  in  favour 
of  the  effectivity  of  the 

-  L.E.  slats 

-  T.E.  single-slotted  fowler  flaps 
selected  for  this  wing. 


c.  Structural  reasons  such  as  considerations  for 

-  weight 

-  stiffness 

-  flutter  characteristics 

were  taken  in  consideration  from  the  beginning. 


d.  Maneuver  boundaries  of  the  basic  wing  such  as  buffet  should  have  a  tendency 
to  rise  in  lift  with  increasing  Mach  number  (see  fig.  3),  thus  giving  the 
possibility  to  adequately  add  the  superior  efficiency  of  the  maneuver  flap 
system  at  lower  speeds. 


This  early  reflections  still  hold,  now  knowing  the  possibility  to  relax  the  conditions 
a.,  as  the  pitching  characteristics  of  the  complete  configuration  are  extremely  depen¬ 
ding  on  the  position  and  shape  of  horizontal  tail. 


I 
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3.2  Strake-Wing 

From  water  tunnel  test  we  early  knew 
that  the  (effective)  L.E.  sweep  of 
a  strake  should  be  at  least  75°.  For 
our  planform  it  was  found  sufficient 
to  use  an  area  ratio  Sstrake  /  S  ref  of 
about  10%  (11%  was  chosen).  To  go 
back  to  the  origins.  Fig .  4  is  de¬ 
monstrating  the  initial,  naive  but 
basic  question,  which  has  led  to  the 
development  of  the  strake  wing  (at 
least  from  our  side)  and  which  is 
based  again  on  a  widely  used  prin¬ 
ciple:  superposition. 


•  .  .  '  j  ....  }■*.  •  :  .  & ’s/f  a." 

xoe'iir  .  -P.”  .'«*!•'  ■  i  .  -  .  •  .  .  »  -ripe.  .• 


FIG. 4  QUESTION  I  simplified,  but  bosic) 


4.  RESULTS 


4.1  Effect  of  Strakes 

4.1.1  Overall  performances 

The  overall  effects  of  strakes  on  maneuver  performances  and  flying  qualities  -  many  of 
them  of  favourable,  some  lew  of  detrimental  influence  to  aerodynamic  characteristics  - 
are  well  known  and  (less  well)  understood  meanwhile. 


So  only  a  brief  summary  of  these  strake- induced 
advantages  is  given  in  Fig.  5,  detailed  results 
may  be  taken  from  References  [l  -  15],  [20]  ,  [ 2 1  ]  . 

These  positive  effects  on  lift,  drag  and  maneuver 
-boundaries  and  -performances  being  well  known 
from  many  authors  and  sources,  a  shortage  of  pub¬ 
lished  data  is  felt,  concerning  the  effects  of 
strakes  on  basic  wing  flow  fields  and/or  dynamic 
characteristics  of  the  respective  configurations. 
Therefore  we  shall  concentrate  here  on  these  to¬ 
pics  and  give  some  additional  information  on  some 
"exotic"  devices  to  control  the  L.E.  vortex  flow. 


FIG.  5  SUMMARY  OF  ADVANTAGES 
DUE  TO  STRAKES 


4.1.2  Flow  fields 


A  comparison  of  the  flow  fields  behind 
the  basic  and  the  strake  wing  at  an 
a.o.a.  a  =  15°  is  given  in  Figures  6 
and  7,  representing  a  vertical  cut  on 
the  longitudinal  position  of  the  (de¬ 
tached)  horizontal  tail.  Top  of  fig. 

6  presents  the  local  velocity  ratios 
vi/v,  the  lower  part  of  the  graph  is 
showing  the  velocity  vectors  directly, 
as  derived  by  a  multihole-probe. 


FIG.  6  FLOW  FIELDS  BEHIND  WINGS  «*I5* 

top  local  votocity  ratios 
bottom:  voctor  of  velocity 


The  flow  field  behind  the  basic  wing  is  diffuse  and  is  dominated  by  extended  regions  of 
low  energy  due  to  the  beginning  stall  of  the  wing,  whilst  behind  the  strake  wing  the 
flow  is  controlled  by  the  existence  of  a  strong  strake  vortex  just  starting  to 
unite  with  the  higher  located  weaker  outboard  vortex.  At  20°  a.o.a.  the  strake  vortex 
system  is  completely  filling  the  otherwise  totally  stalled  region.  There  is  no  evidence 
of  an  expected  second  vortex  system  then.  For  clarity,  spanwise  stations  for  body  side 
(B) ,  strake-kink  (St)  and  wing  tip  (T)  are  drawn  in. 

In  Fig •  7  an  analogous  comparison  is  presented 
for  the  two  wings  giving  now  the  local  a.o.a. 
distributions  for  different  heights  above  the  . 
wing  plane  (ZF<  0).  There  is  a  weak  indication 
for  the  existance  of  a  rather  diffuse  tip  vor¬ 
tex  behind  the  basic  wing  (top  of  fig.  7) .  The 
bottom  of  fig.  7  is  drastically  demonstrating 
that  one  should  avoid  positioning  the  horizon¬ 
tal  tail  above  the  wing  plane  because  there 
exist,  apart  of  the  pitch-up  danger,  rapid 
jumps  in  the  distribution  of  incidences  near 
the  strake  vortex  system.  The  worst  case  in  vi¬ 
cinity  of  the  path  of  the  vortex  would  give  a 
change  in  local  a.o.a.  of  I A  a  I  =  60°  for  a  10% 
spanwise  movement. 

The  fat  line  drawn  in  fig.  7,  bottom,  is  repre¬ 
senting  the  selected  position  of  the  horizontal 
tail,  well  situated  below  the  wing  plane. 


FIG.  7  LOCAL  AO  A  DISTRIBUTIONS 
BEHIND  WINGS 
a  -  15° 


4.1.3  Dynamic  derivatives 

Some  of  the  features  a  strake  is  imposing  on  tne  dynamic  characteristics  were  already 
published  in  Ref.  [22],  the  results  now  being  completed  up  to  extreme  a.o.a.  (this  part 
of  the  experimental  program  was  also  carried  out  in  a  scientific  cooperation  ONERA/MBB , 
using  their  test  facilities  S2,  Modane  and  -  here  -  FI  Le  Fauga,  Toulouse).  Results  of 
the  forced  oscillation  tests  are  given  in  Figures  8,  9  and  10  for  the  characteristics  of 
damping- in-pitch,  yaw  and  roll  respectively,  always  comparing  data  of  basic  wing  and 
strake-wing-conf iguration  (tail  on) . 


FIG.  8  EFFECT  OF  STRAKE 

ON  PITCH  DAMPING  FIG.  9  EFFECT  OF  STRAKE  FIG.  10  EFFECT  OF  STRAKE 

IN  YAW- MOTION  IN  ROLL- MOTION 


The  basic  configuration  without  strake  is  diverging  in  damping  in  pitch,  yaw  and  roll 
near  maximum  lift  (a  *  20s)  of  the  trapezoidal  wing,  accompanied  by  a  simultaneous  rapid 
divergence  in  the  cross  coupled  derivative  (clr  -  Cig  •  cosa)  and  (not  shown  here)  in 
the  respective  side  force  derivative  (Cyr  -  Cyj  .  cosa)  at  the  same  a.o.a.  The  strake 
wing  configuration  never  showed  an  excited  motion,  there  was  only  an  indication  of  mild 
divergence  in  damping  in  roll  near  a  ■  42s  (fig.  10) .  Improvements  in  damping  in  roll 
and  pitch  so  far  are  attributed  to  the  restoring  effects  of  the  strake  vortex  system  on 
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the  wing  itself,  hence  may  be  denoted  as  "direct"  effects.  The  more  astonishing  thing  is 
found,  comparing  the  characteristics  of  damping  in  yaw  and  analysing  the  strake  effect 
there.  No  divergence  is  found  on  the  strake  wing  for  damping  in  yaw,  the  cross  deriva¬ 
tive  shows  the  same  tendency.  But  there  is  a  change  in  sign  of  the  sideforce  derivative 
(Cyr  -  Cyg  .  cosa)  near  a  =  35°  for  the  strake  configuration,  too.  This  means  that  the 
positive  effect  of  the  strake  can  be  split  in  two  contributions: 

•  for  15  -  ot  -  35°  the  strake  is  improving  the  flow  conditions  on  the  vertical 
tail  relative  to  the  basic  wing  flow  field; 

•  for  a>35°,  in  the  post-stall  a. o .a . -regime  of  the  strake  wing,  the  body  vor¬ 
tex  system  (effect  of  the  strake  on  the  pair  of  vortices,  spreading  from  the 
body  nose)  is  favourably  influenced  by  the  presence  of  the  strake,  thus  the 
forebody  contribution  is  preserving  damping  in  yaw. 

This  combined  effect  for  damping  in  yaw  is  the  "indirect"  effect  of  the  strake  on  dy¬ 
namic  characteristics. 


4.1.4  Leading  edge  devices  for  vortex  control 

Leading  edge  flaps  are  well  known  as  a  means  of  increasing  maximum  angle-of-attack  and 
restoring  L.E.  suction  (lift/drag  tailoring)  in  classic  aerodynamics.  In  References  [9] 
and  [12]  they  are  used  to  control  the  vorticity  shed  from  the  strake  -  L.E.  by  using  po¬ 
sitive  and  negative  deflections  of  a  nose  flap  and  by  introducing  "inverted"  Kruger 
flaps . 

The  attempt  to  use  inverted  nose  flaps  to  decouple  the  effective  a.o.a.  from  the  geome¬ 
tric  one  on  a  highly  swept  wing  is  shwon  in  Figures  11  to  13.  For  the  configuration 
with  and  without  T.E.  flap  deflection  (6f  =  30°)  the  effect  of  deflecfting  the  noseflap 
up  (6n  =  10°  streamwise)  is  demonstrated  for  lift,  drag  and  pitching  moment. 


FIG.  11 

EFFECT  OF  INVERSED 
L.E  FLAP  OEFLECTION 
ON  LIFT  OF  A 
HIGHLY  SWEPT  WING 


FIG.  12  EFFECT  OF  INVERSED  L.E 
FLAP  ON  DRAG  OF  A 
HIGHLY  SWEPT  WING 


FIG.  13 

EFFECT  OF  INVERSED 
L.E  FLAP  DEFLECTION 
ON  PITCHING  MOMENT 
OF  A  HIGHLY  SWEPT  WING 


Configurations  with  L.E.  up  are  developing  for  a  -  20°  more  lift  than  for  the  "nose 
clean"  case. 

Lift  and  pitching  moment  show  characteristics  for  6f  =  0°  as  expected:  a  small  increase 
in  lift  with  angle  of  attack  (fig.  11)  and  a  nearly  unchanged  pitching  moment  with  a 
slight  tencency  for  a  forward  shift  of  neutral  point  and  aerodynamic  center. 

For  the  case  of  deflected  trailing  edge  flaps  and  positive  (nose  up)  L.E.  flaps  deflec¬ 
tion  and  unexpected  strong  effect  of  the  latter  device  is  found  for  lift  and  pitching 
moment  at  low  angles  of  attack.  There  is  even  found  a  slight  drag  reduction  (fig.  12). 
The  increase  in  lift  cannot  be  attributed  to  the  additional  vortex  lift  solely,  as  can 
be  seen  by  comparison  to  the  case  6f  =  0°.  So  the  reason  has  to  be  a  change  in  the  ef- 
fectivity  of  the  deflected  T.E.  flap. 

Evidently  there  is  a  strongpositive  interaction  between  the  L.E.  vortex  system,  ampli¬ 
fied  by  the  upward  deflected  L.E.  flaps,  triggering  attached  flow  on  the  trailing  edge 
flap  as  evidenced  by  the  now  negative  increment  in  zero-lift-moment  (fig.  13).  This  re¬ 
duction  in  drag  and  increase  in  lift  for  constant  a  is  an  additional  favorable  contri¬ 
bution  of  controlled  vortex  system  giving  improvements  in  take-off  performances,  e.g. 


Another  example,  how  the  shed  L.E.  vorticity  can  be  manipulated  is  given  in  Fig .  14 
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A  kind  of  L.E.  spoiler  was  used  to  find 
out  if  there  is  a  possibility  to  decrease 
the  inevitable  loss  in  L.E.  suction  (and 
hence  increase  in  lift  dependent  drag) 
on  wings  exhibiting  this  type  of  sepa¬ 
ration  . 

The  "spoiled"  configuration  gave  more  - 
at  least  not  less-lift  and  indeed  showed 
a  10*  reduction  in  lift-dependent  drag. 

Of  course,  zero  lift  drag  of  the  spoilers 
is  shifting  the  respective  total  polar 
to  the  right  but  nevertheless  there  is  a 
cross  over  of  the  two  polars  at  medium 
a.o.a.  then.  Watch,  that  again  effectivi- 
ty  of  a  rather  simple  approach  and  device 
was  confirmed  by  experiment,  which  is 
something  out  of  the  common  in  the  field 
of  aerodynamics. 


FIG.  14  EFFECT  OF  L.E -SPOILER 


4.2  Spanwise  Blowing 

Concentrated  spanwise  blowing  is  regarded  to  be  a  technique  to  generate  controlled  se¬ 
parations  independent  of  wing  geometry  on  planforms,  that  do  not  exhibit  a  natural  ten¬ 
dency  to  develop  stable  vortex  systems.  It  can  be  used  in  the  same  way  to  stabilize 
existing  L.E.  vortex  systems  on  delta  and  strake  wings,  e.g.  thus  improving  in  general 
high-lift  and  maneuver-characteristics  at  low  speeds  (see  References  [16  -  25]  ,  [32  -  44]) 
There  are  some  possible  applications  for  transonic  maneuvering  as  shown  in  Ref.  [45]  or 
for  departure  prevention  and  spin  recovery  by  blowing  from  the  body  nose,  Ref.  [46]. 
This  paper  will  concentrate  on  effects,  found  by  blowing  over  the  wing  and  is  confined 
to  low  speed  application  of  spanwise  blowing.  The  reasons  for  it  are  discussed  in  depth 
in  Ref.  [23] . 


4.2.1  Blowing  over  the  basic  wing 

The  nozzle  positions  were  optimized  for  the  different  wings  in  two  test  phases  (Referen¬ 
ces  [19],  [25]),  the  first  of  which  only  dealt  with  nozzle  locations  in  the  body  side 
walls;  longitudinal  position,  sweep  and  deflection  angle  and  height  of  the  nozzles  were 
systematically  varied  (see  fig.  1  and  Ref.  [23])  to  give  an  optimum  nozzle  position. 


In  the  second  test  phase  the  same  models  were 
used  and  a  systematic  variation  of  outboard  jet 
locations  was  carried  through  according  to 
Fig .  15. 


FIG.  15  TESTED  NOZZLE  POSITIONS 


Returning  to  the  first  test  phase,  Fig.  16 
is  demonstrating  part  of  the  optimization 
process.  Criterion  used  is  the  maximum  jet 
induced  lift  increment  ACl^x  (due  to  a 
constant  blowing  intensity  cw  =  0.1)  plot¬ 
ted  versus  chordwise  position  and  jet  sweep 
angle. 


0"  »•  «•  IV 


FIG.  16  OPTIMIZATION  OF  JET  POSITION  AND 
DIRECTION  (blowing  from  (ho  wing  rood 


{I 
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Optimum  position  is  defined  by 

•  chordwise  position  at  40%  root  chord 

•  nozzle  height  1.5  aS 

•  blowing  direction  =  Ale  according  to  =  15°. 

Nozzle  height  was  found  to  be  the  most  insensitive  parameter  in  this  range  (Zd/D  =  1.0 
to  2.0),  so  it  was  decided  to  keep  nozzle  height  constant  for  the  outboard  wing  blowing. 


Fig ■  17  is  an  equivalent  to  fig.  16,  now 
showing  the  effect  of  outboard  nozzle  loca¬ 
tions  for  the  same  criterion.  Note,  that  for 
this  investigation  only  one  wing  half  had 
an  external  blowing  nozzle,  hence  the  lift 
increment  induced  is  only  about  half  com¬ 
pared  to  fig.  16. 


The  trace  of  the  local  optimum  (constant 
spanwise  cuts)  is  drawn  in  the  wing  plane, 
demonstrating  that  the  total  optimum  is 
shifted  to  the  earlier  established  optimum 
for  blowing  from  the  wing  root.  Hence  the 
most  simple  system  (in  terms  of  weight, 
structure,  mechanics  supply,  complexity  etc) 
is  the  aerodynamic  most  efficient  here, 
which  indeed  _s  a  non-typical  example  in 
aeronautical  engineering. 

The  general  effects  of  spanwise  blowing  are  well  known.  They  are  similar  to  those  of 
strakes  for  drag  and  lift  characteristics,  but  give  more  linearity  in  pitching  characte¬ 
ristics.  For  detailed  information  see  Ref.  [l6ff],  we  shall  deal  with  the  effects  of 
concentrated  blowing  for  roll  control  here. 

Asymmetric  blowing  can  be  used  as  roll  con 
trol  with  or  without  simultaneously  deflec 
ting  ailerons.  Fig.  18  is  comparing  these 
cases  including  the  effeciency  of  the  ai¬ 
leron  alone  (curve  (2)  )  .  Curve  ©  is  giving 
the  effect  of  asymmetric  blowing  alone 
lcu  =  0.05)  from  a  station  at  60%  span  and 
25%  chord,  curve  (4)  is  the  combined  ef fec- 
tivity  of  blowing  a  deflected  aileron. 

Curve  (5)  was  derived  by  adding  the  values 
of  curves  (T)  +  @  •  Hence  the  difference  be¬ 
tween  (4)  and  (3)  is  the  positive  interference 
of  spanwise  blowing  with  the  deflected  ai¬ 
leron  . 

nx 


FIG.  18  ROLL  POWER  DUE  TO 
AILERON  AND/OR 
SPANWISE  BLOWING 


In  Fig ■  19  the  effects  are  compared  of  blow¬ 
ing  over  the  wing  and  blowing  over  the  de¬ 
flected  aileron  (blowing  over  the  aileron 
hinge-line) .  Evidently  there  is  more  effec- 
tivity  in  curing  the  flow  "in  front"  of  the 
deflected  aileron  than  on  the  stalled  aile¬ 
ron  itself,  so  that  profit  can  be  drawn  from 
the  forward  induction  effect  of  the  deflec¬ 
ted  aileron. 


FIG.  19  EFFECT  Of  JET  POSITION 
ON  AILERON  POWER 


non. 


FIG  17  effect  of  nozzle  position 

ON  OUTBOARD  WING 
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FIG.  20  NOZZLE  POSITION  ANO  CENTER  OF 

INDUCED  LIFT  INCREMENT  AS  DERIVED 
BY  ASYMMETRIC  BLOWING 


The  Local  optimum  positions,  when  applying 
different  criteria,  are  shown  in  Fig .  21. 
The  criteria  used  are 

•  maximum  induced  lift  increment 
ACLmax 

•  increase  of  lift/drag  -  ratio  at 
cLmaxi  =  0.8,  umaxl  -  15° 

•  optimum  lift/drag  ratio  (L/D)0pt 

•  lift  increment  at  amaxi  =  15°, 
iCLamax 


Fig.  20  tries  to  correlate  the  blowing  lo¬ 
cus  to  the  center  of  the  induced  lift  in¬ 
crement  on  the  wing  (dividing  the  induced 
rolling  moment  by  the  inducing  lift  incre¬ 
ment).  Kvidently  there  is  a  focusing  of 
the  induced  center  of  pressure  near  mid 
span  independent  of  the  spanwise  position 
of  the  nozzle.  Only  extreme  forward  (ten¬ 
dency  to  a  more  outboard  location)  or  rear¬ 
ward  jet  positions  (trend  to  a  more  inboard 
deviation)  give  a  higher  degree  of  depar¬ 
ture  to  the  rule. 


FIG.  21  LOCAL  OPTIMUM  POSITIONS 
FOR  DIFFERENT  CRITERIA 


All  optima  are  found  near  or  forward  of  40%  chord.  As  the  spanwise  gradients  are  small 
for  locations  inboard  of  40%  span,  the  total  optimum  for  all  criteria  is  the  wing-body 
intersection.  Hence  the  formerly  found  optimum  from  testphase  1  is  confirmed  again. 


4.2.2  Blowing  over  the  strake  wing 

In  general  spanwise  blowing  is  less  effective  on  the  strake  wing,  because  this  wing  al¬ 
ready  incorporates  a  certain  amount  of  non-linear  lift  production  (the  strake  wing  with¬ 
out  blowing  equals  the  blown  cu  =  0.1  basic  wing,  see  Ref.  [23],  in  lift  and  consequent¬ 
ly  drag  production) .  Hence  the  spanwise  blowing  is  loosing  the  triggering  effect  on  the 
strake  wing,  has  to  start  from  a  higher  level  of  vortex  lift  and  is  less  effective. 

It  can  be  shown  that  there  is  an  effect  of  saturation  in  non-linear  lift  production 
(Ref.  [25]),  similar  to  the  well  known  characteristics  when  passing  from  BLC  to  super¬ 
circulation  . 


Keeping  that  in  mind  the  reduced  production  of  rolling  moment  by  blowing  on  the  strakg 
relative  to  blowing  over  the  aileron  is  easily  explained,  see  Fig.  22  and  the  same  is 
true  for  the  comparison  of  identic  blowing  on  the  two  wings,  given  in  Fig.  23. 


AC,  6o,r*30° 


FIG.  22  effect  of  concentrated 

BLOWING  ON  AILERON 
POWER  I  STRAKE  WING) 


AC|tll  »a,.  *30° 


FIG.  23  BLOWING  OVER  THE  AILERON 
EFFECT  OF  WING  PLANFORM 


Nevertheless  blowing  on  the  strake  wing  with  jet  directions  approximately  equal  to  the 
L.E.  sweep  of  the  strake  is  attractive  if  one  takes  into  account  the  system  integrated 
effects  (thrust  and  lift  component  of  the  jet),  for  more  details,  see  Ref.  [23]. 
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4 . 3  Summary 


HOMING  (Ml  ilflMG  iUWNQS 


Concentrated  blowing  is  offering  a  high  ver¬ 
satility  for  improving  the  high-lift  and  ma¬ 
neuver  performances  directly.  In  a  less  di¬ 
rect  manner  possibilities  arise  to  retain 
stability  and  control  to  higher  angles  of 
attack.  Some  of  the  unique  features  of  this 
technique  were  addressed,  when  blowing  over 
lifting  surfaces.  Fig.  24  gives  an  overview 
of  additional  advantages  obtainable  by  use 
of  concentrated  blowing  for  different  pur¬ 
poses  blowing  from  other  parts  of  the  con¬ 
figuration. 


•  Incruwo  MUM  lift 

•  reduced  or ag  level  at  mgr  angle  ut  att*» 

•  (proved  roll  control 
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BLOWING  Ovtfi  CONTROLS 

#  increased  tl Me lencv 

•  so  In  Dr  event  ion  or  recover*  (aileron,  ruooer.  vertical  tali) 


BLOWING  (MR  ThC  fORLBOOT 

•  control  ot  vorte*  shedding 

•  deoar tu'-  or event lon 

FIG.  24  EFFECTS  OF  SPANWISE 

BLOWING  IN  THE  SUBSONIC 
(  TRANSONIC)  FLIGHT  REGIME 
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ETUDE  EXPERIMENTS LE  DE  L' INTERACTION  ENTRE  UNE  VOILURE  D'AVION  SUBSONIQUE  RAPIDE 
ET  UNE  NACELLE  DE  MOTEUR  A  HAUT  TAUX  DE  DILUTION 
par  P,  LEVART 


20-1 


RESUME 


Office  National  d'Etudes  et  de  Recherches  A^rospatiales 
29,  avenue  de  la  Division  Leclerc 
92320  CHATILLON  -  FRANCE 


L'apparition  de  configurations  nouvelles  d'avions  subsoniques  civils  (voilure  supercritique  et 
moteur  A  haut  taux  de  dilution)  a  conduit  a  une  dtude  expdriraentale  de  1 ' interaction  nacel le-jet-voilure- 
pylone  en  transsonique .  A  cet  effet  un  dispositif  d'essai  a  dtd  ddveloppd  dans  la  soufflerie  S3Ch  de  l'ONERA. 

Les  maquettes  de  nacelles  simulent  au  moyen  de  deux  jets  d'air  comprimd  un  moteur  double  flux,  a 
l'echelle  1/18,5.  Elies  sont  fixdes  A  l'extrdmitd  d'une  balance  de  dynaLpie  mesurant  la  poussde  d  \trri£re-corps 
et  le  coefficient  de  ddbit. 

La  maquette  de  l'aile  est  placde  entre  les  parois  latdrales  de  la  veine.  Les  pressions  sont 
mesurdes  par  456  prises  rdparties  en  8  sections.  Le  C,  x  de  L ' a i 1 e  est  obtenu  par  Bondage  de  sillage. 

II  est  possible  de  faire  varier  les  pararaAtres  suivants  : 

-  position  relative  aile/nacelle  ; 

-  norabre  de  Mach  amont  (de  0,3  A  0,8)  ; 

-  taux  de  ddtente  du  jet  ; 

-  presence  du  pyldne  ; 

•  type  de  nacelle. 

L ' interac tion  naceile-voilure  peut  ainsi  §tre  dtudide  au  moyen  du  bilan  global  poussde- trainee,  en 
fonction  des  divers  pararadtres. 

Le  dispositif  d'essai  est  ddcrit  en  ddtail,  et  un  exemple  des  rdsultats  illustrant  les  possibility 
de  ce  montage  est  prdsentd. 


SUMMARY 


The  oncoming  of  a  new  generation  of  subsonic  transport  aircraft  (with  supercritical  wing  and  high 
by-pass  ratio  turbofans)  has  led  to  an  experimental  study  of  wing-nacelle- jet-pylon  interference  in  transonic 
flow.  To  this  end,  a  test  set-up  has  been  developped  at  the  ONERA  S3Ch  wind-tunnel. 

The  nacelle  models  represent  a  turbofan  by  means  of  two  compressed  air  jets.  The  scale  is  1/18,5. 
The  nacelles  are  fixed  on  a  thrust  balance  measuring  afterbody  thrust  and  discharge  coefficients. 

The  wing  is  located  between  the  sidewalls  of  the  test  section.  Pressures  are  measured  through  456 
holes  located  on  8  airfoils.  Drag  coefficient  of  the  wing  is  obtained  by  wake  survey. 

The  following  parameters  can  vary  : 

-  wing/nacelle  position  j 

-  upstream  Mach  number  (from  0.3  to  0.8)  ; 

-  jet  pressure  ratio  ; 

-  with/without  pylon  ; 

-  type  of  nacelle. 

Wing  nacelle  interference  can  thus  be  studied  by  means  of  total  thrust-drag  analysis,  as  a  function 
of  the  various  parameters. 

The  test  set-up  is  described,  and  examples  of  results  are  presented  illustrating  the  possibilities 
of  this  set-up. 


1  -  INTRODUCTION 


Le  problArae  de  I ' interac tion  nacel le-voilure  sur  les  avions  civils  a  A tA  abordA  dans  les  annAes  passAes  par 
de  nombreux  auteurs  £l  A  13j  .  Cependant,  peu  d'Atudes  portent  sur  le  cas  des  voilures  supercritiques,  qui 
peuvent  Stre  plus  sensible  aux  interactions  que  les  voilures  classiques,  ou  le  cas  des  nacelles  de  moteurs  a 
haut  taux  de  dilution,  comportant  une  soufflante  de  grande  dimension  qui  nAcessite  de  rapprocher  au  maximum 
la  nacelle  de  l'aile. 

Une  Atude  assez  gAnArale  de  1 1 interac tion  nacel le-je t-voi lure  a  done  AtA  entreprise  en  soufflerie  afin  de 
disposer  des  AlAments  de  base  nAcessaires  au  choix  de  la  position  relative  nacelle-voilure,  pour  ce  genre  de 
configuration. 

2  -  METHODE  ET  MOYENS  D1 ESSAIS  - 

Les  essais  se  sont  dAroulAs  dans  la  soufflerie  S3  de  Chalais-Meudon  A  l'ONERA. 

2.1  -  Soufflerie  S3  de  Chalais-Meudon  - 

C'est  une  soufflerie  subsonique/ transsonique,  continue,  A  retour.  La  section  est  quasi-oc togonale .  Les  dimen¬ 
sions  de  la  veine  d'expArience  sont  :  hauteur  =  0,8  m  ;  largeur  =  0,9  m  ;  diamAtre  du  cercle  circonscrit  ■  1  m 
(section  =  0,6b  m2) .  La  longueur  totale  de  la  veine  est  l,/5  m  et  la  longueur  utile  correspond  aux  dimensions 
des  hublots  :  0,60  m.  La  pression  gAnAratrice  est  voisine  de  la  pression  atmosphArique.  La  temperature  gAnAra- 
trice  est  croissante  en  fonction  du  nombre  de  Mach,  depuis  la  temperature  ambiante  jusqu'A  340  K.  environ  pour 
M  =  0,9. 

Les  parois  latArales  sont  pleines  et  parallAles  (ce  sont  les  hublots) . 

Pour  cette  etude,  les  parois  haute  et  basse  sont  pleines,  de  faqon  que  1' incidence  induite  par  effets  de  parois 
soit  faible.  Des  essais  probatoires  en  veine  vide  effectuAs  pour  des  nombres  de  Mach  compris  entre  0,3  et 
0,9  ont  donne  des  resultats  satisfaisants .  Toutefois,  lors  des  essais  detaillAs  ici,  le  nombre  de  Mach  amont 
n'a  pas  dApassA  0,80. 

2.2  -  Balance  de  pesAe  d 1 arriAre-corps  - 

La  plupart  des  Etudes  expArimen tales  de  1 '  in terac tion  nacelle-voilure  effectuAes  A  ce  jour  se  sont  surtout 
attaches  A  evaluer  l1 influence  de  la  presence  de  la  nacelle  propulsive  (plus  ou  moins  bien  simulAe)  sur 
les  caractAris tiques  de  l’aile.  Une  des  originalitAs  de  la  prAsente  Atude  est  que,  de  plus,  on  raesure 
1' influence  de  la  presence  de  la  voilure  sur  les  performances  du  moteur,  en  fonction  des  divers  paramAtres. 

A  cet  effet  la  nacelle  propulsive  est  placAe  sur  une  balance  de  pesAe  d 'arriAre-corps  particuliArement 
adaptAe  A  1 'Atude  des  arriAre-corps  de  moteurs  A  haut  taux  de  dilution. 

Le  schAma  du  montage  est  reprAsente  figure  1. 

Le  principe  est  celui  du  dard  amont  ou  la  maquette  A  Atudier  est  fixAe  A  l'aval  d'une  canne  axiale  qui  sert 
A  amener  les  flux  d'air  comprimA  et  les  tubes  de  mesure  des  pressions.  La  balance  utilisAe  est  une  balance  A 
une  composante  (poussAe  axiale)  et  comporte  un  barreau  dynamomA trique  AquipA  de  jauges  de  contrainte. 

La  maquette  de  la  nacelle  est  composAe  d'une  partie  non  pesAe  (carAne  d'entrAe  d'air  jusqu'au  mal tre-couple) 
et  d'une  partie  pesAe  (arriAre-corps  proprement  dit). 

Dans  une  premiAre  version,  la  liaison  entre  la  partie  pesAe  et  la  partie  non  pesAe  Atait  assurAe  par  un 
dynamomAtre  annulaire  situA  dans  la  partie  amont  de  la  nacelle.  Or,  les  premiers  essais  ont  fait  apparaitre 
des  difficultAs  liAes  a  cette  disposition  :  la  place  allouAe  au  dynamomAtre  Atant  exigUe,  celui-ci  se  trouvait 
ancrA  sur  trop  peu  de  matiAre.  En  essai,  il  subissait  des  contraintes  thermiques  et  mAcaniques  telles  que  la 
mesure  precise  de  la  poussAe  devenait  impossible. 

Depuis,  le  dynamomAtre  a  AtA  reportA  A  l'amont  de  la  canne  et  la  suspension  entre  partie  pesAe  et  partie  non 
pesAe  est  assurAe  par  un  roulement  annulaire. 

Le  contrdle  de  la  couche  limite  sur  le  dard  en  amont  de  la  nacelle  est  rAalisA  par  deux  dispositifs  succes- 
sifs  fonctionnant  simul tanAment  :  un  dispositif  de  soufflage  tangentiel  et  un  dispositif  d 'aspiration  au 
droit  de  la  carAne  d'entrAe.  Ces  deux  dispositifs  perraettent  de  rAduire  l’Apaisseur  de  la  couche  limite  sur 
1 'arriAre-corps  et  de  reproduire  un  Acoulement  exteme  rAaliste. 

2.3  -  Maquettasen  essai  - 
2.3.1  -  Voilure  - 

La  maquette  de  l'aile  est  prAsentAe  figure  2  .  C'est  une  aile  de  220  mm  de  corde  et  de  12,5  X  d'Apaisseur 

relative.  Elle  est  placAe  avec  un  angle  de  flAche  de  28°  entre  les  parois  latArales  de  la  soufflerie.  Le 
profil  est  un  profil  SNIAS  de  type  supercritique.  L'aile  est  vrillAe  linAairement  de  3°  sur  la  largeur  de  la 
veine.  La  maquette  est  AquipAe  de  456  prises  de  pression  pariAtale  rAparties  en  huit  tranches  avec,  sur  chaque 
tranche,  30  prises  A  l'extrados  et  27  A  l'intrados. 


De  plus,  la  trainee  de  l'aile  peut  §tre  determine  au  moyen  de  Bondages  de  slllage.  Des  explorations  sn 
pression  d'arr§t  sont  effectu6es  pour  six  positions  en  envergure  correspondent  k  des  tranches  de  l'aile 
garnies  de  prises  de  pression  parietale. 
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Les  acquisitions  des  pressions  de  sillage  et  des  pressions  pari^tales  ne  sont  pas  simultan£es,  mais  le 
peigne  reste  monte  en  veine  (en  position  r£tract£e)  pendant  toute  la  dur4e  des  essais.  11  importait  done 
de  verifier  que  la  presence  du  peigne  n' influence  pas  sensiblement  les  pressions  relev^es  sur  l'aile.  La 
figure  3  montre  une  repartition  de  pression  relevee  sur  l'aile,  avec  et  sans  peigne  a  l'aval. 

Les  essais  ont  ete  realises  en  declenchant  ar tif ic iel lement  la  transition  de  la  couche  limite  par  des  grains 
de  carborundum  col  14s  pr£s  du  bord  d'attaque  de  l'aile,  k  l'extrados  et  k  l'intrados.  La  bande  de  transition, 
de  3  mm  de  large,  est  plac4e  h  13,6  mm  du  bord  d'attaque. 

L'aile  est  fix4e  entre  les  parois  de  la  veine  mais  il  est  possible  de  faire  varier  son  incidence,  son 
altitude  et  sa  position  longi tudinale , 

2.3.2  -  Nacelles  - 

Les  raaquettes  de  nacelles  ont  dtd  foumiespar  la  SNECMA.  Elies  repr£sentent  fidfclement,  a  l'gchelle  1/18,5, 
des  solutions  envisag^es  pour  1 'arri&re-corps  du  moteur  k  haut  taux  de  dilution  CFM  56. 

La  poussee  est  obtenue  au  moyen  de  deux  jets  d'air  coraprimd  simulant  les  flux  du  moteur. 

Trois  maquettes  de  nacelles  ont  4t4  essay£es .  Elies  sont  representees  figure  4  .  Deux  nacelles  sont  k  flux 
confluents,  l'une  courte  (FCC)  et  1 'autre  longue  (FCL) .  La  troisi&ne  est  du  type  court,  k  flux  s6par6s  (FSC) . 

Elies  sont  dquip^es  de  prises  de  pression  sur  la  m£ridienne  sup4rieure  du  car4nage  externe. 

2.3.3  -  Pyldnes  - 

Le  nuit  qui  lie  la  nacelle  propulsive  k  l'aile  joue  un  rQle  predominant  dans  1 ' in terac tion  voilure-nacel le . 

II  est  done  important,  dans  une  etude  experimental,  de  representer  ces  mats  de  fa^on  r4aliste.  Le  mat 
a  4t4  repr4sent4  pour  quatre  configurations  dont  deux  avec  nacelle  FCL,  une  avec  nacelle  FCC  et  une  avec 
nacelle  FSC. 

Les  mats  sont  solidaires  de  l'aile.  Comme  les  nacelles  sont  pesdes,  il  ne  doit  exister  aucun  contact  m4canique 
entre  le  mat  et  la  nacelle.  Ceci  explique  le  fait  qu'un  espace  existe  entre  la  nacelle  et  le  m3t. 

Le  montage  complet  de  1 'etude  d ' interac tion  nacelle-voilure  est  repr4sent4  figure  5  , 

2.4  -  Configurations  essay4es  - 

Les  essais  se  sont  d4roul4s  en  trois  parties  : 

a)  Aprfcs  determination  de  1' incidence  k  adopter,  etude  des  carac t4ris tiques  de  l'aile  seule  dans  la  veine,  k 
diff4rents  nombres  de  Mach. 

b)  Etude  de  la  poussee  et  des  repartitions  de  pression  externe  des  3  nacelles,  essayees  seules  en  veine. 

c)  Etude  de  1 ' interac tion  nacel le- jet-voilure-pyl5ne  par  essai  simultane  de  l'aile  et  du  fuseau. 

Cette  derni&re  partie  comporte  plusieurs  chapitres  : 

-  influence  du  taux  de  detente  du  jet  moteur  sur  les  carac t4ris tiques  de  l'aile  ; 

-  influence  du  nombre  de  Mach  amont  ; 

-  influence  de  la  position  relative  aile/nacelle  ; 

-  influence  du  type  de  nacelle  ; 

-  influence  de  la  presence  du  pyl8ne. 

L' influence  du  taux  de  detente  a  ete  etudi4e  pour  des  valeurs  allant  du  debit  naturel  (c ' es t-3-dire  simulant 
le  jet  sortant  d'une  nacelle  creuse)  k  la  croisifcre. 

Le  nombre  de  Mach  amont  a  varie  entre  0,3  et  0,8. 

Pour  chacune  des  nacelles  FSC  et  FCC,  plusieurs  positions  relatives  ont  ete  etudiees.  Elies  ddfinissent  un  T 
avec  trois  positions  sur  une  horizontale  et  deux  ou  trois  sur  une  verticaie.  Ces  positions  sont  definies  sur 
les  figures  6  et  7  .  La  nacelle  FCL  a  ete  essayee  k  deux  positions  relatives,  toutes  deux  en  presence  d'un 
mdt.  Ces  positions  sont  definies  sur  la  figure  d  . 

L'etude  de  1' influence  de  la  presence  du  pyl6ne  a  4td  effectuee  sur  une  position  relative  avec  nacelle  FSC 
(n15  21')  et  sur  une  autre  avec  nacelle  FCC  (n°  18'). 

3  -  EXEMPLE  DE  RESULTATS  - 

Le  present  montage  d' essais  permet  done  d'acquerir  un  grand  nombre  de  renseignements  sur  1 ' in terac tion  nacelle- 
voilure  :  repartition  de  pression  sur  l'aile  et  sur  les  nacelles,  mesure  de  la  poussee  et  du  coefficient  de 
debit  des  moteurs.  Pour  chaque  configuration  il  est  done  possible  de  determiner  un  bilan  poussee-tralnee 
global.  Les  resultats  qui  suivent  donnent  une  id4e  des  possibilites  du  montage. 
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Pour  1 'analyse,  les  r^sultats  ont  corrig^s  des  effets  de  parol  selon  la  thgorie  expos6e  dans  [  14j  en 
leur  affectant  une  incidence  et  un  norabre  de  Mach  "corrig^s"  constants  dans  la  veine  d'essai. 

Sur  chaque  section,  les  coefficients  a£ rodynamiques  ont  6t6  obtenus  par  integration  des  mesures  de  pression. 
Les  Cy  *  et  Ct  globaux  de  l'aile  ont  £t£  obtenus  par  integration  des  C  ft  et  C2  locaux  en  lonction  de 
l'envergure.  11  en  r£sulte  que  les  coefficients  globaux  ne  concernent  que  la  partie  de  l'aile  comprise  entre 
les  deux  rang^es  extr&nes  de  prises  de  pression. 

3.1  -  Influence  du  jet  - 

Une  manifcre  simple  couramment  utilis^e  pour  repr£senter  les  configurations  completes  d 'axles  £quip£es  de 
nacelles  consiste  A  utiliser  une  nacelle  creuse,  &  travers  laquelie  circule  un  d€bit  naturel  d'air.  II  est 
intdressant  de  verifier  si  cette  representation  n'est  pas  trop  simpliste,  en  essayant  l'ensemble  aile  + 
nacelle  pour  diff^rents  debits  d'air  allant  du  d£bit  naturel  au  d6bit  repr^sentant  la  pouss£e  en  croisi^re, 
et  en  comparant  les  coefficients  a£rodynamiques  locaux  et  globaux.  La  figure  9  montre  qu'une  variation 
notable  du  taux  de  detente  du  jet  entraine  une  variation  qui  est  tres  laible  en  Cx  »  et  mode r»'e  t-n  Ox  i 

Ces  r^sultats  confirment  ceux  obtenus  par  El-Hamly  et  Rainbird  £  1 5  J  sur  une  configuration  semblable. 

Ces  essais  raontrent  done  l'intdrdt  de  la  procedure  consistant  &  utiliser  des  nacelles  perm£ables  lorsqu'on 
ne  s'intdresse  qu'aux  carac tdris tiques  de  l'aile. 

Par  contre,  les  poussdes  obtenues  en  d£bit  naturel  et  en  ddbit  croisi£re  sont  trfcs  differences,  ainsi  que 
les  repartitions  de  pression  sur  la  carfene  de  la  nacelle,  surtout  sur  le  capot  primaire  moteur,  qui  est 
directement  soumis  h  1' influence  du  jet  secondaire.  La  igurc  10  montre  1 'influence  du  jet  sur  la  portance 
et  la  trainee  des  diverses  tranches  en  envergure,  pour  diffdrents  nombres  de  Mach. 

De  plus,  les  figures  11  et  12  montrent  1 'influence  du  taux  de  detente  des  jets  sur  les  repartitions  de 
pression  sur  l'aile,  &  deux  positions  en  envergure,  1 ' une  (figure  11  )  6tant  tr£s  proche  de  l'axe  du  jet 
et  la  seconde  £tant  la  plus  £loign£e  (figure  1'2  ).  Dans  ce  dernier  cas  1' influence  du  taux  de  detente  du 
jet  est  tout  &  fait  n^gligeable. 

3.2  -  Interaction  nacel le-voilure  sur  les  repartitions  de  pression  - 

La  figure  f3  montre  l'effet  de  la  presence  de  l'aile  sur  les  repartitions  de  pression  sur  la  car£ne  de  la 
nacelle  FSC,  pour  deux  nombres  de  Mach.  L* influence  est  sensible,  surtout  a  Mo  *  0,79**. 

Les  figures  14  et  15  montrent  i'influence  de  la  presence  de  la  nacelle  FSC  sur  les  repartitions  de 
pression  sur  l'aile,  en  deux  envergures .  L'effet  est  marque  sur  la  section  centrale  (figure  lu  )  ce  qui 
n'est  pas  surprenant,  mais  aussi  sur  la  tranche  la  plus  eioignee  (figure  15  ).  L'effet  se  traduit  surtout 
&  cette  envergure  par  la  remontee  vers  l'amont  du  choc  h  l'extrados  de  l’aile. 

3.3  -  Influence  de  la  position  relative  aile-nacelle  - 

3.3.1  -  Influence  de  la  position  horizontale  - 

La  figure  16  montre  la  variation  du  Cx  de  l'aile  et  du  coefficient  de  poussde  de  la  nacelle  provoqu£e 
par  un  d£placement  horizontal  relatif  aile/nacelle . 

On  note  que  la  trainee  de  l'aile  et  la  pouss£e  de  la  nacelle  sont  des  fonctions  croissantes  de  la  distance 
relative.  Le  bilan  global  d '  in  terac  tion  repr£sent6  aus*1!  figuit  16  est  toujours  favorable  et  fait  apparaitre 
que  la  meilleure  position  est  la  position  21'  qui  est  celle  ou  l’aile  et  la  nacelle  sont  le  plus  proche 
1 'une  de  1 'autre . 

3.3.2  -  Influence  de  La  position  verticale  - 

La  figure  17  montre  que,  quand  l'aile  s'^loigne  ver ticalement  de  la  nacelle,  la  trainee  de  l'aile  et  la 
pouss£e  de  la  nacelle  diminuent  faiblement.  Le  bilan  global  d 1  in terac tion,  qui  est  toujours  favorable, 
indique  la  position  la  plus  41oign£e  comme  £tant  la  meilleure,  mais  l'€cart  avec  les  autres  positions  est 
faible . 

Les  rd9ultats  des  deux  paragraphes  ci-dessus  confirment  ceux  de  Q  1 6 J 

3.3.3  *  Etude  des  repartitions  de  pression  sur  la  nacelle  - 

La  figure  18  montre  1 'evolution  des  pressions  sur  la  nacelle,  pour  les  diverses  positions  relatives  £tudi£es 
en  debit  de  croisifcre,  le  niveau  de  pression  sur  la  carfcne  secondaire  augmente  quand  on  rapproche  l’aile  de 
la  nacelle  horizon talement  ou  ver ticalement,  sauf  pour  la  dernifcre  prise,  &  la  position  21'. 

3.4  -  Influence  du  type  de  nacelle  - 

Les  deux  types  de  nacelle  FSC  et  FCC  ont  6t6  ccxnpar£s  en  presence  de  l’aile  en  position  analogue,  c’est-A*dire 
pour  des  distances  du  bord  d'attaque  du  prof 11  central  de  l'aile  au  plan  de  reference  des  maquettes  de 
nacelles  identiques. 


*  Les  Bondages  de  sillages  ont  £t£  effectuds  lors  d’une  seconde  campagne  d'essai.  Au  moment  de  la  redaction 
du  present  document  les  rdsultats  des  C*  de  sillage  n’dtant  pas  encore  disponlbles,  1  Vvalua tion  des  C ft 
a  effectu£e  h  partir  de  l ’ integration  des  pressions  sur  l'aile. 


Compare  k  la  nacelle  FSC  en  position  10,  la  nacelle  FCC  engendre  sur  1 'aile  une  forte  diminution  de 
trainee  alors  que  la  presence  de  l'aile  a  le  m&ne  effet  sur  la  pouss£e  des  deux  nacelles,  ce  qui  donne  un 
bilan  global  pouss^e- trainee  plus  favorable  pour  la  nacelle  FCC  (voir  1 igure  19  ). 

3.5  -  Influence  de  la  presence  du  pylSne  - 

Deux  configurations,  ne  differant  que  par  la  presence  ou  l'absence  de  pylSne  ont  6t6  compar^es.  Le  type  de 
nacelle  est  le  m£me  (FSC),  de  m&ne  que  la  position  relative  aiie-nacelle  (21'),  1' incidence,  le  nombrt  de  Mach 
araont  (0,794)  et  le  taux  de  detente  des  jets. 

La  figure  20  montre  la  difference  entre  la  repartition  de  pression  sur  l'aile  pour  Y]  -  0,456 

On  constate  que  localement  k  I'intrados,  La  presence  du  pylSne  provoque  une  acceleration  sensible  de  l'ecou- 
lement . 

Toutefois,  lcrsqu'on  s'eioigne  en  envergure,a  ^  =  0  figure  21  ^'influence  de  la  presence  du  pylSne  sur 

la  repartition  de  pression  est  nSgligeable. 


4  -  DISCUSSION  DES  RESULTATS  - 

Les  r£sultats  pr6sent£s  ici  font  appel  k  des  C*  locaux  et  globaux  obtenus  par  integration  des  pressions  sur 
l'aile.  Ils  devront  £tre  confirm^s  par  la  determination  des  C*  obtenus  par  sondage  des  sillages  de  l'aile  ; 
les  essais  ont  eu  lieu  lors  d '  une  seconde  campagne,  dont  les  r€sultats  ne  sonc  pas  encore  exploits. 

D'autre  part,  l'etude  de  la  position  relative  aile-nacelle  a  £td  effectu^e  sans  pylfine.  L 1  importance  de  ce 
dernier,  soulign^e  en  3.5  n^cessi terai t  une  etude  en  presence  du  pylSne.  Malheureusement,  le  type  de  montage 
utilise  ici  est  peu  pratique  pour  une  telle  etude  (il  faut  r£aliser  une  forme  de  pylSne  pour  chaque  position 
de  nacelle) . 

En  ce  qui  concerne  la  mesure  de  pouss£e  d 'arri&re-corps ,  le  dispositif  a  ete  calibre  au  moyen  d'une  tuyere 
etalon  de  type  ASME  qui  est  presentee  figure  22.  Les  essais  ont  et£  effectues  pour  des  nombres  de  Mach 
externes  et  des  taux  de  detente  variables  et  compares  k  ceux  obtenus  avec  une  tuyere  analogue  du  banc  de 
dynalpie  BD2  de  l'ONERA  A  Modane,  ainsi  qu'A  une  forraule  propos^e  par  l'ASME.  La  figure  23  resume  ces 
comparaisons  et  montre  que  l'accord  est  bon,  tant  pour  le  coefficient  de  pouss£e  isentropique  17*  que  sur 
le  coefficient  de  debit  ,  ce  qui  valide  les  resultats  relatifs  k  la  pouss£e. 


5  ~  CONCLUSION  - 

Un  montage  d' essais  d ' interac tion  nacel le-voilure  a  ete  d£velopp£  k  la  soufflerie  S3Ch  de  l'ONERA  pour  des 
configurations  d'essais  subsoniques  k  venir,  c'est-&-dire  k  voilure  supercritique  et  nacelles  de  moteurs 
double  flux  k  haut  taux  de  dilution.  Les  carac t£ris tiques  de  l'aile  sont  determines  par  releve  des  reparti¬ 
tions  de  pression  parietale  en  8  sections,  et  sondage  du  sillage  k  l'aval  de  ces  sections.  Les  nacelles 
sont  plac^es  k  l'aval  d'un  dard  amont  amenant  les  flux  d'air  comprime.  La  pouss^e  d ' arr. fere-corps  et  le 
coefficient  de  debit  de  tuyfere  sont  mesur^s.  L'etude  del 'effet  de  nombreux  paramfetres  peut  ainsi  fetre 
effectufee  : 

-  taux  de  detente  du  jet  moteur  ; 

-  n ombre  de  Mach  amont  ; 

-  position  relative  aile-nacelle  ; 

-  type  de  hacelle  ; 

-  presence  du  pylSne. 

Les  resultats  presentds  illustrent  les  multiples  possibilites  de  ce  montage  qui  est  appeie  A  l'avenir  : 

-  d'une  part  k  faciliter  la  comprehension  des  phenomfenes  d' interaction  ; 

-  d'autre  part,  k  valider  les  methodes  de  prevision  theorique  correspondantes . 
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Fig.  2  Maquette  AS40I  •  Positions  des  sections  de  mesures  de 
pression. 
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Fig.  3  Influence  de  io  presence  du  peigne  de  sondoge  de  sillage  sur  la 
repartition  de  pression  sur  I  a  He.  MQ  .  0, 794  ; a  I  ,  r\  =  0.544. 
Position  25  sans  py/one.  Nacelle  FSC  croisiere 


Fig.  5  -  Montage  d'essai  d‘ interact  ion  nacelle  -voilure  a  la  soufflene 
S3Ch  de  I'ONFRA. 
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Fig.  6  -  Positions  relatives  etudites.  Nacelle  FSC. 
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Fig.  7  Positions  relatives  ttudiies.  Nacelle  FCC 
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Fig.  1 0  Influence  du  nombre  de  Mach  sur  les  repartitions  de  Cx  et 
Cz  de  I'aile  en  f one t ion  de  i'envergure  Nacelle  FSC.  Position  10.  a  =  7° 
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Fig.  II  -  Influence  du  taux  de  detente  du  jet  sur  les  repartitions  de 
presslon  sur  I'aile.  Ma  =  0.794  ;  a  -  7°  ;  ij  =  0.544. 


Fig.  9  -  Influence  du  taux  de  detente  du  / et .  Position  10.  Nacelle  FSC. 
a  =  1°. 
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Fig.  12-  Influence  du  toux  de  detente  du  /et  sur  les  repartitions  de 
presslon  sur  I'aile.  MQ  =  0,794  ;  o  =  7°  ,  rj  =  0  Nacelle  FSC  en 
position  10. 


a 


J 


I 

:oio 


*p/p„ 


/ 


i . 


Fig  13  Influence  de  la  present  e  de  Fade  sur  les  repartitions  de  pression 
sur  la  nacelle  FSC  en  croisiere. 


Fig.  14  -  Influence  de  la  presence  de  la  nacelle  sur  fa  repartition  de 
press  ion  sur  Valle.  MQ  -  0,794  ;  a  =  7°  ;  17  -  0,544. 
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Fig.  16  -  Influence  de  la  position  relative  horizon  tale. 
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Fig.  1 5  Influence  de  la  presence  de  la  nacelle  sur  la  repartition  de 
pression  sur  I’olle.  MQ  -  0, 794  ;  a  -  1°  ;  t)  ~  0. 


Fig.  17  In  fluent  e  de  la  position  relative  vertica/e 
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Fig-  21  Influence  de  la  presence  du  pylone  sur  la  repartition  de  pression 
sur  I'aile-  MQ  _  0, 794  ;  a  =  1°  ,  rj  =  0  Nacelle  F$C  position  21  ’  Debit 
croisiere. 
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Fig-  18  -  Influence  de  la  position  relative  ai lei  nacelle  sur  les  repartitions 
de  pression  sur  la  nacelle  FSC-  Mn  =  0, 794  ;  a  -  1°  .  Croisiere. 
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Fig.  22  Montage  tuyere  de  reference  53  Chalais 
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Fig.  19  -  Influence  du  type  de  nacelle. 
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Fig.  20  Influence  de  la  presence  du  pylone  sur  la  repartition  de  pression 
sur  I’aile.  MQ  -  0, 794  ;  a  =  1°  ;  r?  =  0,456.  Nacelle  position  21 '.  Debit 
croisiere. 


Fig.  23  Comparison  de s  essais  dune  tuyere  de  reference  ASML 
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An  experimental  investigation  of  a  forward  swept  wing  and  a  state-of-the  art 
"equivalent"  aft  swept  wing  was  conducted  to  compare  the  relative  performance  of  both 
wings  at  identical  transonic  maneuver  design  conditions  (C  =  0.9  and  M  =  0.9)  and  to 
determine  any  associated  drag  penalty  of  the  forward  swept  wing  for  a  high  supersonic 
cruise  condition  (C^  =  0.075,  M  =  2.0).  At  the  transonic  maneuver  design  condition,  the 
results  indicate  a  significant  reduction  in  the  profile  drag  of  the  forward  swept  wing 
relative  to  the  aft  swept  wing.  The  forward  swept  wing  drag  exhibited  extreme  sensitivity 
to  wing  root  height  and  incidence  variations.  Guided  by  computation  employing  modified 
small  disturbance  theory  a  relocation  of  the  FSW  root  from  a  mid  to  high  body  position  and  an 
increase  in  incidence  of  0.8  degrees  was  accomplished.  This  resulted  in  a  two  hundred 
count  drag  reduction  at  =  0.9.  A  drag  penalty  was  recorded  at  M  =  2.0  for  the  forward 
swept  "cruise  wing."  The  cruise  wing  had  the  same  sweep  and  "box  geometry"  as  the  transonic 
maneuver  wing  but  with  reduced  camber  and  twist  accomplished  by  flap  deflection.  The  drag 
penalty  decreased  at  lower  supersonic  Mach  numbers.  The  results  of  this  test  indicate 
that  aft  swept  wing  transonic  aerodynamic  design  methods  can  be  used  to  design  and  analyze 
forward  swept  wings  with  only  minor  modifications. 
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Center  of  Pressure 
Span  Efficiency  Factor 
Forward  Swept  Wing 
Lift  to  Drag  Ratio 

Mach  Number 

Mean  Aerodynamic  Chord 
Dynamic  Pressure 
Reynolds  Number  - 

Wing  Reference  Area  -  Ft^  , 

Canard  Reference  Area  -  Ft 
Thickness  Ratio 

Percent  Chord 

Spanwise  station 
Angle  of  Attack  -.  degrees 
Sideslip  Angle  -  degrees 
Taper  Ratio 

Leading  Edge  Sweep  Angle  -  degrees 
Shock  Sweep  -  degrees 


An  investigation  of  a  forward  swept  wing  (FSW)  versus  a  state-of-the-art  aft  swept 
wing  (ASW)  was  conducted  to  compare  the  relative  performance  of  both  wings  at  a  transonic 


maneuver  condition  (C. 


0.9,  M  =  0.9)  and  to  determine  the  associated  drag  penalty  of  the 


FSW  tor  a  high  supersonic  ciuise  condition  (C  =  0.075,  M  =  2.0) .  The  results  indicate 
a  significant  reduction  in  profile  drag  for  tne  FSW  relative  to  its  ASW  counterpart.  A 
small  penalty  was  recorded  for  the  forward  swept  supersonic  cruise  winq.  This  latter 
winq  was  designed  to  represent  t  Ik?  same  sweep  and  box  geometry  as  the  transonic  maneuver 
winq  but  was  uncambered  and  had  its  twist  reduced  through  variable  camber  flaps.  This 
study  was  conducted  under  a  joint  effort  by  the  USAF  AFWAL/Fliqht  Dynamics  Laboratory 
and  Grumman  Aerospace  Corporation, 

DISCUSSION 

The  concept  of  forward  swept  winqs  is  not  entirely  new.  In  the  investigation  of  the 
different  methods  of  delaying  the  onset  of  the  drag  rise  for  fl icht  in  tlv  .icinity  of  the 
speed  of  sound,  it  was  found  that  sweeping  the  wings  provided  the  most  affective  technique 
of  increasing  the  drag  divergence  Mach  number.  Aerodynami cal ly  the  same  itect  can  be 
obtained  regardless  of  the  direction  of  sweep.  However,  current  aircraft  designs  favor 
the  use  of  aft  sweeping  in  order  to  avoid  the  phenomenon  of  structural  divergence  inherent 
on  forward  swept  wings  operating  at  a  high  dynamic  pressure  condition  which  cannot  be 
solved  through  conventional  (metallic)  structures  without  paying  an  excessive  wing  weight 
penalty.  Recent  advances  in  composite  materials  technology  is  now  providing  a  promise  of 
eliminating  this  problem  of  structural  divergence  with  little  or  no  wing  weight  penalty  . 

With  composite  materials,  the  wing  skin  laminates  can  be  tailored  to  provide 
favorable  wing  panel  deflections  at  Mach  numbers  considerably  higher  than  previously 
attained  with  conventional  structure  swept  forward  wings.  Until  the  advent  of  composite 
materials,  very  few  forward  swept  wing  aircraft  were  designed  and  only  a  very  limited 
number  were  actually  built  and  flown.  Some  notable  examples  include  the  HANSA  HFB  320 
and  the  JUNKERS  JU-287.  The  former  is  currently  operational  as  a  business  jet  and  the 
latter  flew  over  a  dozen  times  before  being  damaged  by  allied  bombers  during  World  War  II. 
Renewed  interest  in  forward  swept  wing  investigations,  stimulated  by  the  advances  in 
composite  materials,  have  provided  several  new  design  additions. 

Some  of  the  aerodynamic  benefits  of  forward  swept  wings  include  spin  resister.ee, 
extended  high  angle  of  attack  lateral  control  and  lower  transonic  maneuvering  drag.  The 
forward  swept  wing  separation  pattern  generally  starts  from  the  root  and  gradually  prop¬ 
agates  outboard.  This  allows  attached  flow  to  be  maintained  over  the  outboard  wir.g  panels, 
retaining  aileron  effectiveness  at  high  angles  of  attack  where  aft  swept  winqs  may  exhxbit 
degradations  in  lateral  control. 

The  theoretical  transonic  maneuver  drag  advantage  of  FSW  over  an  equivalent  ASW  are 
due  to  the  two  lift  dependent  components  of  drag  (Fig  1),  induced  drag  and  profile  drag 
due  to  lift,  which  can  be  shown  to  be  less  than  that  of  an  aft  swept  wing  when  both  wings 
are  designed  under  identical  transonic  design  conditions. 

a)  Profile  Drag  Due  to  Lift:  During  the  Grumman  HI MAT  program,  experimental 
investigations  of  a  series  of  supercritical  wings  have  shown  a  direct  relation  between 
leading  edge  sweep  and  profile  drag  at  the  maneuver  lift  conditions.  Analysis  of  the 
data  showed  that  while  maintaining  shock  location  and  utilizing  the  Grumman  supercr i t ical 
"K "  airfoil,  the  profile  drag  decreases  with  leading  edge  sweep  in  a  manner  shown  in 

Fig  2.  In  comparing  forward  and  aft  swept  wings,  if  the  condition  of  identical  shock 
sweep,  shock  location,  aspect  ratio  and  taper  ratio  are  applied,  the  resulting  leading 
edge  sweep  of  a  forward  swept  wing  is  less  than  that  of  the  aft  swept  wing  (Fig  3) . 

Hence,  from  Figure  2,  utilizing  the  same  HIMAT  wing  design  method  and  the  Grumman  super¬ 
critical  "K"  airfoil,  the  FSW  indicates  a  reduction  in  profile  drag  by  a  value  proportional 
to  the  difference  in  sweep  of  both  wings. 

b)  Induced  Drag:  The  other  reason  for  a  FSW  drag  advantage  can  be  explained  as 
follows:  Under  a  condition  of  equal  lift  and  identical  spanload,  the  center  of  pressure 
of  t  e  FSW  is  more  inboard  along  the  swept  structural  span  than  the  ASW  (Fiq  4) .  Conse- 
quen  ly,  the  bending  moment  about  a  pivot  point  can  be  considerably  less.  If  the  span 
of  the  FSW  is  then  allowed  to  increase,  while  maintaining  wing  area,  until  the  pivot 
bending  moments  are  equal,  the  accompanying  increase  in  aspect  ratio  decreases  the  induced 
drac.  in  order  to  validate  this  FSW  drag  advantage  (Fig  5)  a  series  of  wind  tunnel  investi¬ 
gations  were  conducted  by  Flight  Dynamics  Laboratory,  in  cooper  :t ion  with  Grumman,  on 
forward  and  aft  swept  wing  models  of  identical  aerodynamic  designs. 

Model,  and  Test  Description :  Three  wind  tunnel  entries  were  made  in  1  978,  1  9  79.  Figures 
t  and  7  show  tho~~gr nera  1  arrangement  of  the  model.  The  model  was  area  ruled  separately 
*'  r  the  forward  and  aft  swept  wings,  (Fig  8) .  In  all  three  entries,  the  wing  aspect  ratio, 

•  ipT  r  it  la,  referenca*  area,  planform  and  airfoil  section  ("K")  were  identical  for  both 
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b)  Second  Entry:  Tested  both  FSW  and  ASW  in  their  supersonic  cruise  configuration. 
Winq  planform  and  height  were  derived  from  the  first  entry.  Twist  and  camber  were  reduced 
on  both  wings.  The  aft  swept  winq  total  twist  was  12°  with  a  root  incidence  of  11°.  The 
FSW  total  twist  was  6.8°  with  a  -5.8°  root  incidence  (Fig  10).  The  "box"  geometry  from 
15*  to  60%  chord  were  made  identical  to  the  first  entry  wings. 

c)  Third  Entry :  The  initial  winq  location  criteria  used  during  the  first  entry  had 
resulted  in  the  FSW  being  mislocated  such  that  the  wing  root  was  operating  in  a  region 

of  excessive  fuselage  upwash.  The  final  entry  tested  only  the  FSW  maneuver  case.  Wing 
height  was  changed  such  that  the  crest  point  of  the  centerline  airfoil  coincided  with  the 
top  of  the  fuselage  as  in  the  ASW  case.  Sweep  was  increased  to  -30°  and  wing  root  (Fig  11) 
incidence  was  modified  to  increase  the  leading  edge  height  from  the  fuselage  centerline. 
Other  components  of  the  model  were  identical  for  all  testing.  The  model  consisted  of  a 
hardback  with  external  body  pieces.  A  set  of  canards  was  fabricated  to  provide  limited 
assessment  of  canard  effects.  The  configuration  incorporated  a  centerline  vertical  tail. 

Two  tails  were  fabricated  with  one  having  rudder  deflection  capability.  Tests  were  con¬ 
ducted  in  the  4  foot  transonic  tunnel  of  the  Propulsion  Wind  Tunnel  Facility  of  the 
Arnold  Engineering  and  Development  Center.  Tests  were  conducted  over  a  Mach  range  from 
0.6  to  1.3  and  at  2.0.  Reynolds  number  was  fixed  at  3.5  x  10“  per  foot.  Six  component 
force  and  moment  date  were  taken  along  with  model  pressure  data  during  the  first  and 
second  entry.  No  pressure  data  were  obtained  during  the  third  entry.  Oil  flow  data  were 
also  obtained  for  all  flow  conditions  (Fig  12). 

TEST  RESULTS 

Transonic  Maneuver  Condition:  The  winq  location  criteria  used  for  the  first  wind 
tunnel  entry  resu ltod  in  the  fabrication  of  the  forward  swept  wing  such  that  the  wing  root 
leading  edge  height  was  only  0.1875  inch  above  the  fuselage  reference  line.  The  aft  swept 
wing  root  leading  edge  height  was  1.0625  inches.  A  comparison  of  chordwise  pressure  (Fig  13) 
distributions  at  two  spanwise  station  farthest  from  the  wing-body  junction  (ETA  =  0.625 
and  0.85)  shows  that  the  FSW  lower  surface  pressure  is  higher  than  the  ASW.  This  is  the 
mechanism  that  allows  a  forward  swept  wing  to  have  a  lower  profile  drag,  provided  that 
the  condition  of  equal  shock  sweeps  are  satisfied  throughout  the  full  wing  span  (Fig  3). 
Although  this  desired  pressure  trend  exists  in  some  regions  of  the  FSW  during  the  test, 
acomparison  of  drag  at  the  maneuver  condition  shows  that  the  FSW  was  considerably  higher 
than  the  ASW  for  a  wing-body  configuration  (Fig  14).  An  examination  of  the  first  set  of 
pressure  and  oil  flow  data  (Ref  6)  shows  that  loss  of  lift  (Fig  15)  and  separation  is 
occurring  in  the  vicinity  of  the  wing-body  junction.  The  effects  of  the  addition  of 
canards  are  to  improve  the  FSW  drag  (e.g.  200  counts  for  a  5°  deflection  at  C  =  0.9)  and 
provide  a  marked  straightening  of  the  oil  flew  patterns  on  the  inboard  areas  affected  by 
canard  downwash.  The  same  canards  provided  no  appreciable  effects  on  the  ASW.  These 
findings  indicate  that  the  FSW  was  mislocated  so  that  the  inboard  wing  area  was  operating 
in  a  region  of  excessive  fuselage  upwash  thereby  causing  premature  separation  and  shock 
unsweeping.  This  made  the  first  FSW  vs  ASW  comparisons  unsatisfactory  since  the  condition 
of  near  identical  flow  (i.e.  equal  shock  sweeps)  were  not  satisfied. 

In  an  unpublished  study  conducted  by  the  External  Aerodynamics  Group,  using  a  transonic 
small  disturbance  code  on  the  FSW,  it  was  found  that  improvements  in  chordwise  pressure  and 
spanwise  load  (Figure  16A  and  16B)  can  be  obtained  by  varying  the  wing  height  from  WL  =  0.2 
to  WL  =  0.8.  The  shock  location  shows  a  rearward  movement  and  the  spanload  increases  near 
the  fuselage  centerline.  Guided  by  these  calculations,  the  FSW  was  modified  in  order  to 
make  the  crest  point  of  the  centerline  airfoil  coincident  with  the  top  of  the  fuselage. 

This  modification  raised  the  root  leading  edge  to  0.625  inch  above  the  fuselage  reference 
line.  Matching  the  ASW  and  FSW  root  leading  edge  heights  was  desired  but  the  geometric 
constraint  imposed  by  the  FSW  fuselage  diameter  and  the  reverse  root  incidence  limited 
this  wing  relocation.  Figure  17  shows  a  comparison  of  the  modified  FSW  (third  entry)  to 
the  first  entry  ASW  at  the  maneuver  design  condition.  The  FSW  exhioits  40  counts  lower 
drag  than  the  ASW  and  a  235  count  improvement  from  the  first  FSW  entry. 

Since  the  aspect  ratios  of  both  wings  were  constrained,  only  the  profile  drag  reduc¬ 
tion  was  directly  verified.  However  an  indication  of  the  potential  induced  drag  advantage 
can  be  seen  by  comparing  pivot  bending  moment  data.  A  comparison  of  the  ASW  integrated 
moment  of  area  of  the  spanload  (Fig  18)  about  an  axis  at  y  =  2.007"  where  the  equivalent 
FSW  bending  qage  is  located,  to  the  direct  FSW  gage  readings  (Fig  19)  showed  that  the  FSW 
bending  moment  was  20  in-lb  less  than  the  ASW  moment. 

Supersonic  Cruise:  A  drag  penalty  was  recorded  for  the  FSW  cruise  wing  at  a  high 
supersonic  Mach  number  (2.0).  For  this  test,  only  the  winq  camber  and  twist  were  modified. 
Sweeps  were  retained  from  the  maneuver  wing  designs,  consequently,  the  FSW  leading  edge 
becomes  supersonic  at  a  lower  Much  number  than  the  ASW.  The  same  geometric 

reason  that  provides  an  advantage  for  FSW  t ranson ica 1 ly ,  may  become  a  disadvantage  if  the 
winq  sweep  is  fixed.  A  better  comparison  for  a  high  Mach  number  condition  can  be  made  by 
using  the  condition  of  equal  leading  edge  sweeps .  Figure  20  shows  that  at  lower  supersonic 
Mach  numbers,  the  difference  in  drag  decreases. 

CONCLUDING  REMARKS 

Some  of  the  results  of  a  wind  tunnel  investigation  of  the  aerodynamic  characteristics 
of  forward  swept  wings  have  been  discussed.  It.  was  shown  that  under  identical  transonic 
aerodynamic  design  conditions,  i  forward  swept  wing  can  bo  desiqned  to  provide  lesser  pro¬ 
file  drag  than  an  equivalent  aft  swept  winq.  A  potential  for  further  drag  reduction  was 
shown  by  comparing  the  wing  bending  moments  and  showing  that  the  FSW  bending  moment  is 


lower  thereby  allowing  possible  growth  in  FSW  aspect  ratio  and  reducing  induced  drag.  The 
achievement  of  comparable  point  design  transonic  maneuvering  drag  performance  indicates 
that  current  aft  swept  wing  aerodynamic  design  methods  can  be  used  to  design  forward  swept 
wings  with  little  or  no  modifications.  Additionally,  FSW  drag  and  wing  inboard  pressures 
exhibit  extreme  sensitivity  to  wing  root  height  and  incidence  variations  as  a  result  of 
a  strong  and  synergistic  effect  of  the  fuselage  and  wing  upwash  on  the  inboard  wing  flow. 
This  area  requires  careful  consideration  during  the  wing  design  and  fabrication  process. 
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AN  INVESTIGATION  OF  A  SWEPT  WING-BODY  CONFIGURATION 
WITH  DROOPED  LEADING  EDGE  AT  LOW  AND  TRANSONIC  SPEEDS 

Georg  Drougge* 

The  Aeronautical  Research  Inst,  of  Sweden 
FFA-Box  11021 
S- 161 1 1  Bromma 
Sweden 

Summary 

This  investigation  of  a  swept  wing  design  with  a  slight  leading  edge  droop  was  aimed 
at  giving  the  highest  possible  CL„.ax  at  low  speed  and  manoeuvre  without  drag  penalty  at 
transonic  cruise  speed. 

The  basic,  non-drooped  wing  was  designed  (using  an  inverse  transonic  small  disturb¬ 
ance  method)  to  have  a  critical  Mach  Number  of  around  M=0.85  at  Cl =0.2.  The  sweep  angle 
is  25°,  the  aspect  ratio  4  and  the  taper  ratio  0.4.  Several  drooped  leading  edges,  about 
15*  of  the  local  chord  and  also  including  spanwise  variation,  were  designed  and  tested. 

Numerical  calculations  were  done  for  the  low  speed-high  lift  case  using  a  vortex- 
lattice  panel  method  and  for  the  transonic  speed  case,  first  using  a  small  disturbance 
method,  later  a  full  potential  equation  method  (Jameson's  FL022)  and  finally  also  a  full 
Euler  equations  method  (Rizzi).*** 

The  experimental  investigations  were  performed  at  low  speeds  at  FFA  (Re ~ 3  •  1 0 6 )  ,  at 
transonic  speeds  at  FFA  (Re <- 1 . 5  -  4*  10* )  and  at  NAE,  Canada  (Re  ~  1 2  -  1 8- 1 06  )  .  These  are 
mainly  balance  measurements  but  also  some  pressure  distribution  measurements  have  been 
obtained. 

The  results  indicate  that  it  is  possible  to  design  a  wing  which  has  no  transonic 
cruise  drag  penalty  but  which  has  a  higher  Cl^  and  also  better  manoeuvre  performance 
than  the  wing  without  droop. 

INTRODUCTION 


This  paper  reviews  a  numerical  and  experimental  study  of  the  design  of  a  swept  wing 
for  a  subsonic-transonic  combat  aircraft.  The  study  has  been  going  on,  with  greater  or 
lesser  intensity,  since  1977  and  has  recently  been  completed.*  The  aircraft  project  was 
cancelled  during  the  spring  1979.  The  investigations  were  then  completed  as  a  wing  re¬ 
search  study.  The  aim  was  to  find  a  wing  design  which  by  using  a  slight  droop  of  the  lead¬ 
ing  edge  would  give  as  good  Cr  characteristics  as  possible  at  low  speed  and  in  manoeuvre 

ax  but  with  no  or  very  small  drag  penalty 

_ _ . _ 1  at  transonic  cruise  speed.  For  civil 

\  T  /|\  transport  aircraft  studies  regarding 

\- - - -  \  /  •  \  the  effect  of  wing  leading  edge  droop 

’ll UlCt: sr.  Bo(ly  }  I  \  have  been  performed  for  instance  for 

- V - —  ■  - V — contour  /  '  Airbus  as  is  reported  in  a  paper  by 

V— - — . —  \  l  l  D.M.  Me  Rae  (Ref .  1 ). 
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FIGURE  1.  Wing-body  design  and  geometry  for  PT-100. 
Sections  1 ,  2  and  3  are  pressure  tapped 


1 .  WING-BODY  DESIGN  AMD  GEOMETRY 

The  basic  non-drooped  wing,  PT- 
100,  was  designed  using  an  inverse 
method,  based  on  the  FFA-Dornier  trans 
sonic  small  perturbation  (TSP)  theory 
as  described  in  Ref. 2.  The  method  was 
further  applied.  Ref. 3,  and  it  was  con 
eluded  that  it  could  be  used  as  a  de¬ 
sign  tool  for  wing-body  configurations 
When  analysing  the  results  more  close¬ 
ly  it  was  also  tentatively  found  that 
a  slight  nose-droop  might  not  result 
in  any  too  severe  transonic  cruise 
drag  penalty.  The  geometry  of  the  non 
drooped  PT-100  is  shown  in  Figure  1. 
The  design  aimed  at  a  wing-body  con¬ 
figuration  with  a  critical  Mach  number 


*Head  of  Aerodynamics  Department 

**In  the  investigation  the  following  groups  of  people  have  taken  part:  From  the  subsonics 
section:  M. Ingelman-Sundberg ,  R.Nordvik  and  S.Stridsberg.  From  the  transonics-supersonics 
section:  S.-E.  Gudmundson  and  L.Torngren.  From  the  numerical  fluid  dynamics  section: 
S.Hedman,  N.Agrell,  L.-E.  Eriksson  and  A.Rizzi.  The  FL022  computations  were  carried  out 
by  Ingemar  Lind,  ANASYN,  INC.  as  a  consultant.  For  the  transonic  tests  at  NAE,  Canada, 
which  were  performed  as  a  joint  NAE-FFA  research  project,  E. Atragh ji ,  NAE  and  L.Torngren, 
FFA  ,  were  responsible. 

The  investigation  has  been  sponsored  by  The  Swedish  Defence  Materiel  Administration, 

Air  Materiel  Department. 

***We  are  grateful  to  W. Schmidt,  Dornier,  for  his  cooperation  on  the  development  of  this 
computer  program. 
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of  about  M  =0.85  at  CL  =  0.2.  This 
was  achieved  by  having  the  maximum 
local  Mach  number  equal  to  1.2  on  the 
upper  surface  for  M  =  0.85.  The  pres¬ 
sure  plateau  was  then  terminated  at  a 
chordwise  position  which  made  the 
pressure  gradient  over  the  rear  part 
of  the  wing  mild  enough  to  avoid 
boundary  layer  separation.  The  lower 
surface  was  then  chosen  to  give  an 
overall  CL  of  about  0.2.  This  result¬ 
ed  in  a  wing  design  with  a  rather 
large  twist.  The  spanwise  twist  and 
thickness  distribution  is  shown  in 
Figure  2.  The  planform  and  thickness 
distribution  were  identical  with  that 
of  the  now  cancelled  Swedish  combat 
aircraft  project  -  see  also  paper  1 4 
of  this  Symposium,  (Ref. 4). 


The  inverse  wing  design  method 

results  in  a  wing  geometry  which  is  formed  from  an  upper  and  lower  surface  and  is  not 
generated  from  a  profile.  For  construction  and  manufacturing  purpose  the  wing  PT-100 
finally  was  generated  using  straight  spanwise  generators  between  the  root-section  (n  =  0) 
and  a  section  at  n=0.66  (Section  2  in  Figure  1)  and  then  from  this  last  section  to  the 
tip  section,  n  =  1.0.  It  was  then  recomputed,  using  direct  TSP  computations,  to  determine 
whether  the  modification  altered  the  original  pressure  distributions  to  any  great  extent. 
This  was  the  case  and  in  Figure  3  the  distributions  are  given  for  three  sections.  It  may 


FIGURE  3.  Chordwise  pressure  distributions  at  M  =  0.85  and  a  =  1  computed 
by  the  TSP-method  for  three  spanwise  sections  for  PT-100 


be  pointed  out  here  that  there  is  a  suction 
peak  on  the  lower  side  of  the  leading  edge  and 
also  that  there  is  no  rear  loading  on  the  wing. 
Rear  loading  could  probably  be  achieved  by 
changing  the  rear  lower  surface  of  the  wing, 
thereby  obtaining  higher  CL  and  lower  Cq  for 
the  basic  wing.  This  was  not  done,  since  the 
main  objective  was  to  compare  the  effect  of  dif¬ 
ferent  leading  edge  drooping  for  a  given  wing. 

The  TSP  method  used  could  not  cope  with 
the  leading  edge  region  and  the  wing  nose  was 
designed  in  the  following  way.  The  nose  radi¬ 
us  at  the  root  section  was  chosen  to  be  1  % 
and  to  be  2%  at  the  tip  section;  in  both  cases 
with  the  local  chord  as  unit.  From  there  on 
curves  were  fitted  to  the  main  wing  at  around 
15%  of  the  local  chords  in  a  way  to  give  as 
good  Cl  -  max  values  as  possible.  How  this  was 
achieved  will  be  discussed  in  more  detail  in 
a  forthcoming  ICAS  paper  (Ref. 5),  where  also 
will  be  described  how  the  two  drooped  leading 
edge  modifications  PT-101  and  PT-102  were 
designed.  The  geometries  for  these  leading 
edges  are  shown  in  Figure  4. 


FIGURE  4.  The  leading  edge  geometries 
for  PT-100,  PT-101  and  PT-102 


2. 


THE  FIRST  PHASE  OF  THE  INVESTIGATION 


2.1  The  transonic  wind  tunnel  tests  at  low  Re  for  PT-100,  PT-101  and  PT-102 


The  first  experiments  in  the  first  phase  were  transonic  and  were  performed  in  the 
FFA  1  »  1  m  wind  tunnel  (S4).  This  tunnel  is  of  vacuum  type  with  atmospheric  stagnation 
pressure  which  gives  Reynold's  numbers  of  about  1.2-1.8-10  ,  based  on  the  aerodynamic  mean 
chord.  The  model  was  sting-mounted.  Some  of  the  results  are  summarized  in  Figures  5  and  6. 
(A  more  complete  data  report  is  found  in  Ref. 6.)  It  is  seen  at  once  that  the  transonic 
drag  characteristics  for  a  reasonable  cruise  Cl  ,  say  0.1,  are  not  acceptable  for  the  drooped 
wings,  not  even  for  PT-101  with  the  more  moderate  drooping  of  the  leading  edge.  However, 
it  is  furthermore  evident  that  the  Cl  -  curve  at  a  manoeuvre  Mach  number  of,  say  0.5,  is 
a  lot  more  satisfactory  for  PT-101  than  for  PT-100  but  also  that  PT-102  gives  only  marginal 
improvement.  From  the  behaviour  of  the  tangential  force  Or  in  Figure  6  it  may  be  concluded 
that  the  increase  of  buffet  onset  is  at  least  0.2  between  PT-100  and  PT-101.  The  configura¬ 
tion  PT-102  as  a  transonic  wing  should  be  forgotten  hereafter.  It  is  however  included  in 
the  results  from  the  low  speed  tests,  which  are  described  below. 

2.2  Some  preliminary  low  speed  tests  of  the  leading  edges  of  PT-100,  PT-101  and  PT-102 

In  order  to  get  quick  information  about  the  CLmaX  characteristics  at  take-off  and 
landing  speeds  for  the  three  leading  edges  an  available  so  called  research  wing  with  con¬ 
stant  chord  was  used.  Different  leading  edges  could  be  fitted  to  this  wing  and  the  three 
leading  edges  of  PT-100,  PT-101  and  PT-102  were  tested  in  this  way.  The  leading  edge  pro¬ 
files  had  to  be  constant  along  the  span  and  the  section  at  n  *0.95  was  chosen  for  comparison. 
The  results  are  reported  in  full  in  Ref. 7  and  also  in  Ref. 5.  From  Figure  7  the  effect  of 


L 
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drooping  the  leading  edges  can  be  seen  on  noting  of  course  that  the  results  apply 

only  to  this  wing  with  constant  chord  and  constant  profile.  It  was  then  decided  to  pro¬ 
ceed  with  some  tests  with  the  correct  planform. 

2.3  *"LmaX  for  PT-100  and  PT-102 

Figure  8  summarizes  the  results  with  the  correct  planform.  More  details  and  analys¬ 
es  can  again  be  found  in  Ref. 5  and  Ref. 8,  where  also  for  instance  the  sensitivity  to  dis¬ 
turbances  at  the  leading  edge  and  also  the  stalling  characteristics  are  discussed. 

One  test  series  was  also  run  for  wing  PT-102  with  the  drooped  leading  edge  deflected 
10  .  Not  much  further  increase  in  Cr  was  obtained  by  this,  which  is  an  interesting 
feature.  nnax 

These  low  speed  tests  conclude  the  first  phase  of  the  investigation. 

2.4  Conclusions  from  the  first  phase  of  the  investigation 

The  leading  edges  tested,  where  the  droop  increased  monotonously  from  root  to  tip. 
gave  not  acceptable  transonic  drag  characteristics,  not  even  for  the  moderate  droop  in 
PT— 101.  The  improvements  in  CLmax  for  start  and  landing  were  however  not  without  interest 
and  the  increase  in  usable  Cj.  at  manoeuvre  speeds  were  rather  good.  It  was  therefore  de¬ 
cided  to  enter  into  a  second  phase  and  see  if  it  was  possible  to  find  a  design  that  gave 
better  compromise  between  drag  at  transonic  speeds  and  maximum  lift  at  low  and  moderate 
subsonic  speeds. 

3.  THE  SECOND  PHASE  OF  THE  INVESTIGATION 

In  order  to  obtain  a  better  foundation  for  what  was  intended  to  be  a  more  advanced 
design  it  was  first  necessary  to  get  a  better  and  more  detailed  picture  of  the  flow  field 
around  the  wings.  The  theoretical  tools  to  obtain  this  had  now  also  been  made  available, 
which  was  not  the  case  when  the  first  phase  of  the  study  started. 

Transonic  calculations  using  the  full  potential  equations  were  done  with  the  FL022 
program.  Refs. 9  and  10.  Very  recently  also  some  computations  were  performed  for  PT-100  at 
M  =  0 . 85  with  the  Euler  equations,  Ref. 12.  The  incompressible  calculations  for  high  angles 
of  attack  concerned  the  pressure  distribution  on  the  leading  edge  and  were  made  with  a 
3-D  vortex  lattice  method  combined  with  a  2-D  vortex  panel  method.  These  methods  are  de¬ 
scribed  in  Ref. 11.  In  contrast  to  the  FFA  -  Dornier  TSP  method  the  effect  of  the  body  can¬ 
not  be  included  in  any  of  the  other  transonic  methods.  More  detailed  experimental  informa¬ 
tion  was  obtained  from  pressure  distribution  measurements  on  PT-100  at  transonic  speeds  on 
a  half  model  in  the  FFA  TVM  wind  tunnel,  which  gives  a  Reynolds  number  of  about  4.5  •  106. 

It  was  also  finally  decided  to  check  the  transonic  results  at  fairly  high  Reynolds 
numbers.  This  was  done  as  a  joint  NAE  -  FFA  research  project  in  the  5  foot  wind  tunnel  at 
NAE,  Canada. 

! 

1  3.1  The  transonic  case  calculations 


Figure  9  gives  the  result  for  PT-100  and  PT-101  at  M=0.85  and  an  angle  of  attack* 
which  gave  a  of  about  0.2.  The  C„  curves  are  plotted  against  the  chordwise  coordinate 
x/c  as  well  as  the  vertical  thickness  coordinate  z/c  where  c  is  the  local  chord.  Three 
spanwise  stations  are  chosen  and  from  the  Cp  -  x/c  curves  it  is  now  clearly  seen  how  the 
suction  peak  on  the  lower  side  of  the  leading  edge  develops  along  the  span  and  gives  very 
high  local  Mach  numbers  resulting  in  both  wave  drag  and  especially  at  low  Reynolds  numbers 
separation.  The  separation  bubbles  were  clearly  sem  from  oil  flow  tests  made  during  the 
first  phase  transonic  wind  tunnel  investigation.  As  could  be  expected  the  separation  was 
located  at  the  outer  part  of  the  wing. 

From  the  Cp  -  z/c  curves  the  local  drag  coefficients  can  directly  be  estimated  and 
the  effect  of  the  drooping  on  the  drag  is  immediately  seen.  For  n=0.3  the  local  drag  is 
practically  independent  of  the  drooping  but  for  n  =  0.6  the  leading  edge  thrust  does  not 
quite  counterbalance  the  increase  in  wave  drag.  For  n  =  0.9  the  leading  edge  thrust  is 
obviously  negative  due  to  the  fact  that  the  suction  peak  is  located  on  the  wrong  part  of 
the  leading  edge. 

The  effect  of  the  drooping  applied  in  PT-101  on  the  local  drag  as  a  function  of  the 
span  n  is  still  more  obvious  from  Figure  10,  where  it  can  be  concluded  that  the  main 
difference  in  transonic  drag  between  PT-100  and  PT-101  is  on,  say,  the  outer  third  of  the 
wing. 


The  nominal  angle  of  attack  was  changed  about  2  degrees  (due  to  a  change  in  the  wing 
reference  plane  relative  to  the  body  axis)  at  some  time  during  the  study.  To  avoid 
confusion  the  lift  is  always  quoted  instead. 
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FIGURE  9.  The  FL022  C_  distribution  versus  x  and  z  for  the  wings  PT-100 
(solid  line)  and  PT-101  (dotted  line)  at  M  =  0.85  and  CL  »  0.2 


FIGURE  10.  The  local  drag  coefficient  Cjj  as  a  function 
of  the  span  n  for  PT-100  and  PT-101 


3.2  The  incompressible  calculations  for 

high  angles  of  attack 

The  3-D  vortex  lattice  method  combined 
with  a  2-D  vortex  panel  method  mentioned 
earlier  and  described  in  Ref. 10  was  applied 
to  PT-100  to  find  the  spanwise  load  distri¬ 
bution  on  the  leading  edge  (10%  of  the  local 
chord  was  chosen).  In  Figure  11  an  example 
is  shown  and  it  is  seen  that  the  highest 
load  (which  is  a  measure  of  the  suction  peak 
and  consequently  of  how  steep  the  recompres¬ 
sion  afterwards  is)  is  located  around  60%  of 
the  span.  It  is  interesting  to  note  that 
this  is  the  case  also  when  the  trai ling-edge 
flap  is  deflected  2S°.  More  results  and 
analysis  can  be  found  in  Ref. 5  and  Ref.11. 
The  results  imply  that  the  drooping  of  the 
leading  edge  could  probably  be  relaxed  on 
the  outer  third  of  wing ,  which  -  see  Figure 
10  -  should  have  a  beneficial  effect  on  the 
transonic  drag  characteristics. 
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Before  we  turn  to  the  design  of  such  a  wing  we  will  first  see  how  the  experimental 
pressure  distributions  at  transonic  speeds  compare  with  the  calculations. 


3.3 


Experimental  pressure  distributions  for  PT-100  at  M«0.85  and  comparison 
with  calculatio~ns 


A  half  model  of  a  PT-100  wing-body  configuration  was  used  and  the  pressures  were 
measured  in  three  spanwise  sections,  see  Figure  1.  The  wind  tunnel  was  the  FFA  TVM-500 
pressurized  transonic  wind  tunnel,  which  gave  a  Reynolds  number  of  about  4.5  •  10‘  at  a 
Mach  number  of  0.85.  Only  the  results  for  the  span- 


wise  section  rjs0.87  are  given  in  Figure  12  since 
this  section  is  situated  in  the  most  critical  part 
for  the  transonic  drag.  The  FL022  numerical  resfllts 
(Refs. 9  and  10)  are  given  together  with  the  Euler 
equation  computations  (Ref. 12),  both  with  the  influ¬ 
ence  of  the  body.  The  TSP-results  .from  the  original 
design  computations  are  also  shown,  where  the  influ¬ 
ence  of  the  body  is  included.  The  agreement  between 
the  different  numerical  calculations  and  also  between 
these  and  the  experiments  is  not  good.  Without  fur¬ 
ther  extensive  analysis  it  is  difficult  to  say 
whether  the  disagreement  is  due  to  discretization 
problems  or  to  the  rather  strong  local  shocks  in  the 
non-conservative  full  potential  solution  or  in  the 
conservative  but  small  disturbance  method. 

From  many  other  calculations  with  the  FL022 
program  within  the  present  study  we  have  found  that 
the  results  agree  quite  well  (with  experiments) 
around  the  leading  edge,  where  also  the  mesh  is  very 
fine.  This  seems  to  be  the  case  even  when  the  local 
Mach  number  (on  the  profile)  is  very  high,  say 
1.5 -2.0,  and  consequently  resulting  in  shock  waves 
with  non-isentropic  flow  behind.  In  any  case  the 
FL022  calculations  seem  to  be  able  to  predict  drag 
differences  when  reasonably  small  geometrical  modi¬ 
fications  are  applied  to  the  leading  edge.  In  this 
way  it  has  been  possible  to  guide  the  developments 
of  the  consecutive  steps  in  this  wind  design  study. 

3. 4  The  design  of  PT-105  and  PT-106 


As  mentioned  earlier  the  facts  that  the  drag 
increase  due  to  drooping  the  leading  edges  is  mainly 
on  the  outer  third  of  the  span  and  also  that  the 
critical  (most  loaded)  section  for  CL_ax  lies  some¬ 
where  around  60S  of  the  span  both  imply  that  the 
drooping  should  be  relaxed  outside  that  section. 

This  should  give  a  better  compromise  between  trans¬ 
sonic  cruise  drag  characteristics  and  Cl^  both  for 
low  speed  and  at  manoeuvre. 


FIGURE  12.  Experimental  pressure 
distributions  for  PT-100  at  n  =  0.87 
and  M  =  0.85  and  Re  »  4.5  ■  10*. 
Included  are  also  the  results  from 
the  different  calculation  methods 


PT-100  was  again  used  as  the  basic  wing.  In  Figure  13  are  shown  the  locus  of  the 
vertices  of  the  leading  edges  Zj,e  for  PT-100,  PT-101  and  the  two  new  designs,  PT-105  and 
PT-106.  For  PT-100  the  line  Z^e  is  only  the  measure  of  the  amount  of  twist  but  for  the 
other  three  wings  Zrg  gives  the  drooping  characteristics.  The  geometry  of  the  PT-105  lead¬ 
ing  edge  was  then  chosen,  after  many  trials,  to  give  the  best  pressure  distribution  after 
the  pressure  minimum.  This  was 


done  by  looking  at  the  canonical 
distribution  as  suggested  by 
AMO  Smith,  Ref.  13.  The  de¬ 
tailed  design  was  worked  out 
by  L-E  Eriksson  and  the  details 
are  found  in  Ref. 11  and  Ref. 5. 

Wing  106  had  the  drooped 
leading  edge  (still  about  15%  of 
the  local  chord)  even  more  turned 
upwards  towards  the  tip  of  the 
span.  This  wing  nose  design  was 
worked  out  by  Ingemar  Lind  and 
its  details  can  be  found  in  Ref. 
10.  A  negative  camber  was  added 
to  the  first  25%  of  the  chord  and 
along  the  outer  third  of  the  span, 
starting  now  from  PT-105.  The 
suction  peak  at  the  lower  side  of 


the  nose  close  to  the  tip  was  of 
course  reduced  in  this  way,  but 
there  was  also  the  risk  that  the 


FIGURE  13.  The  locus  Z^e  of  the  vertices  of 
the  leading  edges  over  n  for  the  wings 


critical  section,  which  deter- 


SSI 


■10WS# 


FIGURE  14.  The  leading  edge 
geometries  for  the  wings 
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FIGURE  15.  The  FL022  Cp  distribution  over 
x  and  z  for  g  =  0.9  for  PT-100,  PT-101, 
PT-105  and  PT-106.  M  =  0.85  and  CL  <*  0.2 


mined  low  speed  CLmax  had  moved  out  \ 

towards  the  tip  and  worsened  the  C.03-  \ 

CLmax  characteristics.  \ 

0.02-  \ 

The  leading  edges  for  the  two  \ 

new  designs  PT-105  and  PT-106  are  \. 

shown  in  Figure  1 4  together  with  0-01- 

PT-100  and  PT-101  for  comparison. 

Again  FL022  computations  were  ^ 
made  for  the  two  new  wings  and  the 
results  are  given  in  Figure  15,  now  -0-01- 
only  for  n  =0.9  where  the  largest 
effects  were  to  be  expected.  The 

earlier  results  for  PT-100  and  FIGURE  16.  Tl 

PT-101  are  also  included.  Figure  16  function  of  tl 

shows  the  local  drag  coefficients  and  Cl =0.2 

C<j  over  the  span  for  the  four  wings. 

It  is  seen  that  the  effect  of  relaxing 
the  droop  on  the  outer  third  of  the  wing  is  bene¬ 
ficial  -  if  the  FL022  computations  are  reliable  and 
if  boundary  layer  separation  effects  are  small  at 
very  high  Reynolds  numbers. 

The  final  check  can  thus  only  be  found  from 
high  Reynolds  number  tests,  but  before  we  manu¬ 
factured  the  rather  expensive  modelB  for  the  NAE 
transonic  high  Re  testing  the  low  speed  CL_ax 
charact-ristics  for  PT-105  and  PT-106  were  invest¬ 
igated. 

3.5  Results  from  the  PT-105  and  PT-106  low  speed 


ests 

The  complete  test  results  can  be  found  in  Ref. 5 
or  Ref. 14.  The  investigation  was  carried  out  in  the 
FFA  low  speed  wind  tunnel  and  from  the  results  is  the 
Cl  -  a  curve  for  the  three  wings  PT-100,  PT-105  and 
PT-106  taken.  Figure  17.  The  trailing  edge  flap  has 
again  a  deflection  angle  of  about  35° .  It  was  found 
that  practically  no  increase  in  Cl^,*,.  occurred  when  Re 
was  increased  from  3.1  to  3.6-1CP.  (The  effect  of  in¬ 
creasing  Re  from  1  to  2  to  3  million  was,  however, 
very  pronounced.)  The  increase  in  CLn,ax  is  not  very 
spectacular  but  since  the  transonic  drag  increase  was 
expected  (from  the  computations)  to  be  negligible  or 
even  negative  and  since  also  the  manoeuvre  character¬ 
istics  would  probably  be  quite  good  it  was  decided  to 
perform  the  final  transonic  tests  at  NAE. 


1.0 
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PT-101 
- - PT-1C 


FIGURE  16.  The  local  drag  coefficient  C,j  as  a 
function  of  the  span  n  for  the  wings.  M  =  0.85 
and  Cl  =  0 . 2 
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Also  included  are  the  results  from  the  FL022  evaluation  of  the  total  drag  Cq  for 
Cl  »  0.2.  The  agreement  as  regards  the  ^-effects  on  drag  for  the  four  wings  is  surprisin- 
ly  good  and  the  experiments/  at  these  high  Reynolds  numbers,  confirm  that  PT-105  has  a 
slightly  higher  and  PT-106  a  slightly  lower  drag  than  the  basic  wing  PT-100.  They  are 
also  both  much  better  than  PT-101  in  this  respect,  again  in  agreement  with  the  calcula¬ 
tions.  In  Figure  19  the  C>p  and  Cl  values  at  H-  0.5  are  given  for  manoeuvre  considerations. 


4.  CONCLUSIONS  AND  POSSIBLE  FURTHER  DEVELOPMENTS 

The  benefits  from  drooping  the  leading  edge  with  a  compromise  between  low  speed 
Cl_3„  ,  manoeuvre  CLmax  an£i  transonic  drag  characteristics  are  certainly  not  spectacular 
but  it  is  obviously  possible  to  get  these  benefits  without  any  transonic  cruise  drag 
penalties  at  all.  It  should  also  be  possible  to  trade  a  slight  drag  penalty  (for  military 
aircrafts)  against  improvements  in  manoeuvre  characteristics  and/or  better  start-  and 
landing  CLmax  *  If  the  improvements  could  be  made  large  enough,  the  complication  and 
weight  penalty  of  a  nose  flap  for  a  low  cost  attack  aircraft  might  be  avoided  and  at  the 
same  time  a  less  vulnerable  mechanical  design  is  obtained.  Also  for  the  case  when  a  nose 
flap  is  unavoidable  the  conditions  for  the  aerodynamic  design  of  a  flap  should  be  more 
favorable  by  starting  from  a  slightly  drooped  leading  edge. 

It  is  quite  certain  that  the  compromise  suggested  in  this  study,  i.e.  PT-105  or 
PT-106  is  not  the  best  solution  for  the  wing.  The  basic  wing  PT-100  can  probably  be  made 
a  better  starting  point  by  decreasing  its  present  wing  twist  somewhat.  At  transonic  cruise 
this  should  give  higher  local  Mach  number  on  the  upper  surface  on  the  outer  part  of  the 
wing  and  decrease  the  local  Mach  number  at  the  critical  lower  side  close  to  the  leading 
edge.  PT-100  and  its  derivatives  have  very  likely  not  found  the  balance  in  this  respect. 

A  few  recent  numerical  experiments  on  PT-105  have  shown,  as  an  example,  that  a  de¬ 
crease  of  the  twist  angle  by  a  few  degrees  for  the  outer  third  of  the  wing  improved  the 
transonic  drag  characteristics  another  10  to  15  counts.  However,  it  is  not  investigated 
how  much  of  the  CLmax  values  have  to  be  given  up  for  this  low  drag.  Some  of  the  CLmax 
loss  -  at  manoeuvre  -  may  perhaps  be  recovered  through  aeroelastic  tailoring. 
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INTERACTION  AERODYNAMIQUE  ENTRE  UN  CANARD  PROCHE 
ET  UNE  AILE  EN  FLECHE  EN  ECOULEMENT  TRANSSONIOUE 

par  Yves  BROCARD  et  Volker  SCHMITT 

Office  National  d'Etudes  et  de  Recherches  Airospatiaies  (ONERA) 
92320  ChStillon  I  France) 


RESUME 

Dans  le  but  de  dbcrire  aussi  finement  que  possible  l'effet  d'un  canard  proche  sur  l'dcoulement  autour  d'une 
voilure  en  flfeche,  des  essais  sur  une  aile  en  presence  ou  non  de  canards  ont  dtd  effectuds  en  dcoulement 
transsonique  dans  la  soufflerie  S2MA.  Les  condicions  d'essais  ont  couvert,  pour  quatre  configurations,  le 
dcmaine  0,3<Mo<  1,2  pour  des  incidences  allant  de  0°  a  32°,  Les  rdsultats  les  plus  signif icatifs  sont 
prbsentds  sous  forme,  d'une  part,d'efforts  globaux  et  de  repartitions  de  pressions  sur  l'aile  principale 
et,  d'autre  part/de  visualisations  paridtales. 

L'analyse  de  l'influence  de  la  compressibility  sur  lea  performances  de  l'aile  seule  montre  un  effet 

important  du  nombre  de  Mach  sur  le  gradient  de  portance  a  l'origine  et  sur  l'incidence  d'apparition 

du  r4gime  tourbillonnaire.  Par  ailleurs,  on  observe  sur  les  courbes  de  portance  et  de  moment  de  tangage 

des  changements  de  pente  brusques  attribuds  a  l'arrivde  de  l'edatement  du  tourbillon  au-dessus  de 

l'aile,  beaucoup  plus  marques  en  sabsonique  dlevd .  A  Mo  =  1,20  apparalt,  dans  l’dcoulement  de  retour  du 

tourbillon,  une  onde  de  choc  au  pied  de  laquelle  un  ddcollement  secondaire  se  fixe  lorsque  l'incidence  augmente. 

La  presence  du  canard  modifie  l'ecoulement  sur  l'aile  d'une  manibre  assez  comparable  en  transsonique  a 
ce  qui  est  observe  en  subsonique  :  diminution  de  la  pente  a  l'origine  et  retard  dans  le  ddveloppement 
du  tourbillon.  Toutefois  la  degradation  de  la  portance  tourbillonnaire  est  aussi  retardde  ce  qui  fait 
que  les  portances  au  ddcrochage  de  l'aile  sont  pratiquement  dgales  avec  ou  sans  canard.  La  presence 
du  canard  attdnue  la  discontinuity  due  a  la  migration  de  l'edatement  du  tourbillon  mais  amplifie  deux 
autres  discontinuites  qui  se  produisent  a  des  incidences  plus  elevSes  et  qui  sont  lides  a  l’apparition 
et  la  degradation  d'un  tourbillon  secondaire  assez  intense. 


AEROOYNAMIC  INTERACTION  BETWEEN  A  CLOSE-COUPLED  CANARD  AND  A  SWEPTBACK  WING  IN  TRANSONIC  FLOW 
ABSTRACT 


A  swept  wing  model  was  tested  with  and  without  a  canard  in  t..e  transonic  wind  tunnel  S2MA  with  a  view  towards  a 
detailed  description  of  the  effects  or  a  closed-coupled  canard  on  the  flow  around  the  main  wing.  Test 
conditions  ranged,  for  four  configurations  from  a  Mach  number  of  .3  to  1.20  and  up  to  32°  angle  of  attack. 

The  most  significant  results  in  terms  of  force  and  pressure  measurements  on  the  main  wing  and  wall  flow 
visualizations  are  presented. 

The  compressibility  effect  analysis  for  the  wing  alone  configuration  shows  that  the  Mach  number  has  a 
marked  effect  on  the  lift  gradient  at  low  incidence  and  on  the  vortex  onset  angle  of  attack.  Besides,  an 
abrupt  change  in  the  lift  and  the  pitching  moment  curves  gradients,  more  visible  for  the  high  subsonic 
Mach  numbers,  is  related  to  the  vortex  breakdown  arrival  on  the  wing.  At  Mo  =  1.20  a  shock  wave  appears 
within  the  reverse  flow  of  the  vortex  and  fixes  a  secondary  separation  when  the  angle  of  attack  increases. 

In  transonic  flow  the  canard  changes  the  flowfleld  on  the  wing  in  a  similar  way  as  it  does  in  incompressible 
flow  :  a  decrease  in  the  lift  gradient  and  a  delay  in  the  vortex  development.  But  the  vortex  lift  decay 
is  delayed  so  that  the  maximum  lift  is  about  the  same  with  or  without  canard.  The  canard  attenuates  the 
discontinuity  due  to  the  vortex  breakdown  migration  but  Increases  two  other  discontinuities  which  occur 
at  higher  angles  of  attack  and  which  are  connected  with  the  formation  and  the  bursting  of  a  quite  strong 
secondary  vortex. 


Etude  affactuta  ttec  fa  aoutian  financier  da  la  DRET. 
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NOTATIONS 


I  “  INTRODUCTION  - 


fc>  :  envergure  de  l'aile 

b0  :  longueur  de  reference  (fig.  1) 

h>r  :  envergure  du  canard 

C*  :  corde  de  l'aile  mesurde  normalement 

au  bord  d'attaque 


La  recherche  d'une  meilleure  manoeuvrability 
en  vol  transsonique  pour  les  avions  de  combat 
a  conduit  les  adrodynamiciens  A  dtudier  les 
possibilitds  offertes  par  les  configurations  de 
type  canard  proche.  On  sait  en  effet  qu'un 
canard  proche  peut  crder,  sur  une  aile  en 
fl&che,  une  interaction  tourbillonnaire  favo¬ 
rable  dont  on  peut  tirer  profit  k  grande 
incidence . 


cTc  :  corde  du  canard  mesurde  normalement 
au  bord  d'attaque 


Cm  •  coefficient  de  moment  de  tangage 
0,4  :  coefficient  de  force  normale 


"N? 


:  coefficient  de  force  normale  locale 
dans  une  section 


:  coefficient  de  force  normale  tourbil¬ 
lonnaire 


Le  mdcanisme  de  cette  interaction  dtant  tr&s 
cotnplexe,  des  recherches  approfondies  assez 
nombreuses  sont  actuellement  en  cours  sur  ce 
sujet  dans  diffdrents  laboratoires  [l,  2  et 
3j  .  De  son  cdtd,  l'ONERA  a  entrepris  des 
etudes  k  carac tdre  fondamental  k  la  fois  sur 
le  plan  experimental  et  sur  le  plan  de  la  mise 
au  point  des  moyens  de  prevision.  Ces  etudes 
ont  pour  objet  la  description  fine  de  l'dcoule- 
ment,  peu  de  rdsultats  detailies  etant  dispo- 
nibles  actuellement. 


Kp 

*F».r 

l 

■p 

K 

Ret 

s 

Sc. 

XV  z 

*i,Y. 


<=X 


coefficient  de  portance 

portance  au  decrochage 

coefficient  de  pression 

coefficient  de  pression  mesurd  k 
l'extrados  pr£s  du  bord  de  fuite 
(  x  /e  =  0,98) 

valeur  minimale  de  Kp  au  droit 
de  l'axe  du  tourbillon 

corde  &  l'emplanture  de  l'aile 

nombre  de  Mach  k  1'  inf  ini  amont 

nombre  de  Mach  local  calculd  k 
partir  de  p/p^ 

pression  paridtale 

pression  gdndratrice 

V  p 

nombre  de  Reynolds  r  — ~ — 

surface  de  reference  de  l'aile 

surface  de  reference  des  canards 

triddre  de  reference  (fig.  2) 

axes  de  reference  pour  les  sections 
de  prises  de  pression. 

incidence 

incidence  d'apparition  du  tour¬ 
billon 


Lors  de  la  reunion  AGARD  de  Mai  1979  k  Naples 
ont  ete  presen tds  [4]  les  premiers  resultats 
obtenus  sur  une  configuration  tr&s  simple 
dans  le  cas  d 1 dcoulements  k  basse  vitesse 
(M0=  0,3).  Cette  communication  a  pour  but  de 
presenter  les  resultats  experimentaux  les  plus 
signif lea tifs  dans  le  domaine  transsonique  en 
degageant  d'abord  1' effet  de  la  compressibility 
sur  les  carac teris tiques  de  1 'dcoulement  autour 
de  l'aile  seule  puis  en  etudiant  les  modifica¬ 
tions  apportdes  lorsque  un  plan  canard  est 
ins ta lie  en  amont  de  la  voilure. 


2  -  CONDITIONS  EXPERIMEN TALES  - 

La  maquette  et  le  montage  ont  dtd  ddcrits  en 
detail  en  Uj  et  seules  leurs  carac teris - 
ciques  principles  seront  rapxeldes  ici.  L'aile 
principale  est  une  demi -maquette  d'aile  rectan- 
gulaire,  cylindrique  montde  k  la  paroi  (fig.  1)  . 
Le  dispositif  de  fixation  de  l'aile  permet  d'en 
faire  varier  la  fldche  mais  pour  ces  essais,  une 
fldche  constante  et  dgale  k  60°  a  dtd  choisie. 
Cette  aile  presente,  normalement  au  bord  d'at¬ 
taque  un  profil  symdtrique  ONERA  D  (<*  c  =  0,105) 
k  carac t^re  "peaky"  [5] 

Les  plans  canards  sont  monte s  sur  la  plaque 
de  garde  dont  1* objet  est  de  soustraire 
1' ensemble  de  la  maquette  aux  effets  de  la 
couche  liraite  se  ddveloppant  sur  la  paroi  de 
la  soufflerie.  Ils  ont  une  forme  geometrique 
semblable  k  celle  de  l'aile  mais  leur  enver¬ 
gure  et  leur  fldche  sont  variables.  Trois 
formes  en  plan  de  canards  :  Cl,  C4  et  C6, 
places  dans  la  position  P03  (voir  tableau 
1  et  fig.  1),  ont  fait  l'objet  d'essais  en 
dcoulement  transsonique. 


°<c3 

r 


x 

X 

<e 

<ec  = 


incidence  de  discontinuity  k  Ccbrer 

incidence  de  portance  maximale 

incidence  d'apparition  de  1 'delate - 
ment  du  tourbillon  au-dessus  du 
plan  de  l'aile 

incidence  de  discontinuity  k  piquer 

allongement 

viscosity  cinema tique 

fldche  de  l'aile 

fldche  du  canard 


L'aile  principale  est  pesde  au  moyen  d'une 
balance  A  six  composantes  et  des  repartitions 
de  pression  sont  raesurdes  dans  six  sections 
normales  au  bord  d'attaque  (fig.  1).  En 
revanche,  les  canards  ne  disposent  d'aucun 
dquipement  spdcifique  mis  k  part  des  orifices 
pour  1 'emission  de  fluides  colords. 

Les  essais  dont  les  rdsultats  sont  prdsentds 
ici  ont  eu  lieu,  pour  la  plupart,  dans  la 
veine  transsonique  de  la  soufflerie  pressuri- 
sde  S2MA  du  cemre  ONERA  de  Modane  (fig.  2) 
pour  des  nombres  de  Mach  allant  de  0,275  k 
1,20  et  des  incidences  de  0°  h  32°.  Ils  ont 
en  gendral  dtd  effectuds  k  un  nombre  de 
Reynolds  constant  et  dgal  &  2,32  10^ 

pour  limiter  les  deformations  structurales 
tant  du  point  de  vue  du  vrillage  que  du  passa- 
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ge  au  travers  de  la  plaque  de  garde.  Cependant 
quelques  essais  &  faible  n ombre  de  Mach  ou 
pour  des  Incidences  moddrdes  one  pu  6tre 
faits  a  *  5  x  1()6.  Dans  cous  les  cas  la 
transition  dtait  naturelle  sur  les  canards  et 
sur  l'aile. 

Quelques  rdsultats  d'essais  dans  la  soufflerie 
basse  vitesse  FI  sont  aussi  prdsentds  pour 
des  conditions  d'essais  prdcisdes  en  [4 1 
(Mo  =  0,27,  -  5  106) . 

3  -  COMPORTEMENT  AERODYNAMIQUE  DE  L'AILE  SEULE- 

Afin  de  pouvoir  juger  de  l'effet  sur  l'dcoule- 
ment  autour  de  l'aile  principale  de  1' interac¬ 
tion  entre  celle-ci  et  un  canard  proche,  il 
est  ndeessaire  de  ddcrire  tout  d'abord  le 
comportement  adrodynamique  de  l'aile  seule. 

En  particulier  les  effets  de  la  compressibility 
sur  les  dcoulements  tels  qu'ils  ont  pu  §tre 
ddcrits  k  faible  vitesse  en  [4j  et  [6] 
seront  exposes  dans  ce  chapitre. 

3.1  -  Description  gdndrale  - 

Le  comportement  adrodynamique  de  l'aile  AFV  D 
placde  k  60°  de  fldche  est  conforme  k  celui  des 
ailes  en  fldche  k  bord  d'attaque  arrondi.  Quelle 
que  soit  la  vitesse  on  observe  schema tiquement 
selon  1' incidence  trois  regimes d 'dcoulement  que 
I'on  distingue  aisdment  sur  une  courbe  de 
portance  (fig.  3)  : 

-  aux  faibles  incidences  1 'dcoulement  est  non 
decolld  sauf  au  bord  d'attaque  ou  apparalt  un 
bulbe  de  ddcollement  laminaire  mais  dont 
l'dtendue  est  trds  limitde.  La  courbe  de  portance 
quasi-lindaire  est  typique  d'un  tel  dcoulement  (I)  ; 

-  vers  4°  d' incidence  dans  notre  exemple 

(M„=  0,92,  =  2,3  106)  on  observe  la 

formation  au  bord  d'attaque  d'un  tourbillon 
en  cornet  dont  l'effet  principal  est  de 
erder  un  supplement  de  portance.  La  courbe  de 
portance  s'dcarte  alors  de  la  droite  prded- 
dente  (II)  ; 

-  aux  fortes  incidences  on  montre  que  l'axe  du 
tourbillon  en  pivotant  lentement  vers  l'emplan- 
ture  s'dcarte  ae  plus  eu  plus  du  plan  de  l'aile. 

Le  tourbillon  se  disorganise  progressivement, 

1 'dcoulement  ne  recolle  plus  sur  toute  l'enver- 
gure  A  l'aval  du  tourbillon  et  la  portance  tour- 
bill  onna ire  diminue  for  cement.  On  assiste  k  une 
ddcroissance  du  gradient  de  portance  (ill)  puis 
au  ddcrochage. 

On  observe  en  outre  sur  la  figure  3  une  discon¬ 
tinuity  k  =  ll,5*qui  se  retrouve  sur  la 

courbe  du  moment  de  tangage.  On  verra  plus 
loin  qu'elle  est  lide  k  l'arrivye  du  point 
d'ydatement  du  tourbillon  au-dessus  de  l'aile. 

3.2  -  Ecoulements  aux  faibles  incidences  et 
apparition  du  tourbillon  - 

Le  premier  effet  de  la  compressibility  qui 
peut  fitre  observd  est  Involution  du  gradient 
de  portance  k  l'origine  en  fonction  du  nombre 
de  Mach  (fig.  4).  Compte  tenu  de  la  gdomdtrie 
de  l'aile  (fldche,  allongement)  l' allure  de 
cette  courbe  est  celle  que  l'on  pouvait 
attendre  (rfegle  de  Prandtl  Glauert  )  et 

elle  ne  prdsente  pas  de  particular!  tds . 

Figure  5  sont  prdsentdes  k  titre  d' exemple  les 
rdpartitions  de  pression  exprlmdes  en  nombre 
de  Mach  local,  dans  la  section  3,  pour  diffd- 
rents  nombre s  de  Mach.  A  Mo  *  0,70,  la  prdsence 
du  bulbe  de  dycollement  laminaire  se  traduit  par 
un  petit  plateau  de  pression  qui  donne  une  allure 
particullfere  k  la  recompression  aprfes  le  pic 
de  survi tease.  Comae  pour  le  profil  ONERA  D 


[7^  le  bulbe  grossit  lorsque  le  nombre  de 
Mach  de  l'ycoulement  crolt.  Puis  k  partir  d'un 
nombre  de  Mach  voisin  de  0,7  pour  le  profil  et 
de  1,15  pour  1'aile  en  fldche,  un  plateau  de 
survitesse  se  ddveloppe  au  bord  d'attaque  en 
aval  duquel  la  recompression  se  fait  au  travers 
d'un  choc  (figure  5,  M0=  1,20,  X/c  **  0,10). 

Si  le  nombre  de  Mach  de  l'ycoulement  est  encore 
augmenty  le  niveau  des  survi tesses  au  bord 
d'attaque  reste  constant,  mais  le  plateau 
s 'allonge  et  le  choc  se  produit  alors  de  plus 
en  plus  loin  du  bord  d'attaque. 

Etant  donnd  la  limitation  k  Mo  s  1,20  pour  les 
essais  sur  l'aile  en  fldche,  la  zone  superso- 
nique  avec  recompression  par  choc  n'est  jamais 
trds  ytendue.  Son  existence  est  toutefois 
confirmye  dds  Mo  =  1,15  k  8°  d* incidence  par 
Involution  du  nombre  de  Mach  local,  portde 
figure  6>pour  la  prise  de  pression  situde  k 
yefc.  -  0,01  en  fonction  du  nombre  de  Mach  de 
l'ycoulement  et  pour  chaque  section  de  mesure. 
Bien  que,  k  cette  incidence,  on  soit  pratique- 
men  t  dans  tous  les  cas  en  prysence  du  rygime 
tourbillonnaire  le  phdnomdne  reste  le  m&ne  et 
on  remarque  sur  la  figure  6  la  limitation  du 
niveau  de  survitesse  ("pressure  freeze"  [8j  ) 
k  partir  de  Mo  =  1,15. 

L' observation  des  rdpartitions  de  pression  k 
4°  ou  6°  d' incidence  a  mis  en  outre  en  dvi- 
dence,  pour  les  nxnbres  de  Mach  supdrieurs  k 
Mc=  1,05,  1' existence  sur  tout  ou  par tie  de 
l'aile  de  plusieurs  petits  tourbillons  qui 
cheminent  dans  le  lit  du  vent.  Ainsi  on  peut 
repdrer  sur  les  ry partitions  de  nombre  de  Mach 
local  k  4°  d* incidence  et  k  M0=  1,2  prdsentdes 
figure  7  les  traces  de  ces  tourbillons  sous 
forme  de  ldgdres  dy press ions  dans  les  sections 
externes  4,  5  et  6  et  indiquyes  par  une  fldche. 
Le  report  de  la  position  de  ces  dypressions 
sur  une  forme  en  plan  de  l'aile  permet  de 
recons tituer  le  cheminement  de  ces  tourbillons. 
Ce  phdnomdne  avait  ddj&  dtd  observy  par  Squire 
et  al  [9]  lors  de  visualisations  par  enduit 
visqueux  d' dcoulements  autour  d 'ailes  en  delta 
k  des  nombres  de  Mach  dlevds  (M0=  1,51)  et 
pour  des  incidences  voisines  de  4° . L1 origine 
de  ces  "strearawise  vortices"  a  dtd  attribude 
au  ddveloppement  d'une  couche  limite  tridimen- 
sionnelle  avec  fort  dcoulement  transversal  et 
done  cisaillement  notamment  lors  du  contourne- 
ment  du  bord  d'attaque  ou  au  travers  d'une  onde 
de  choc.  En  effet,  dans  les  deux  cas  les  lignes 
de  courant  de  l'ycoulement  extdrieur  peuvent 
former  des  angles  importants  avec  les  lignes 
de  courant  paridtales.  Une  instability 
dans  la  couche  limite  peut  alors  ddclencher 
des  tourbillons  de  faibles  dimensions  et  dont 
l'espacement  rdgulier  en  envergure  est  lid 
k  l'dpaisseur  de  la  couche  limite  k  l'endroit 
de  leur  apparition. 

L* analyse  faite  par  Squire  et  al  a  montrd  que 
ces  tourbillons,  pour  les  ailes  en  fldche, 
avaient  un  sens  de  rotation  identique  k  celui 
du  tourbillon  en  cornet  qui  se  ddveloppe 
lorsque  1' incidence  est  plus  dlevde. 

Ces  tourbillons  avaient  en  gdndral  dtd  mis  en 
dvidence  au  moyen  de  visualisations  par  enduit 
visqueux  qui  donnent  une  ddfinition  trds  fine 
de  l'dcoulement  paridtal  sans  que  la  rdpercus- 
slon  sur  les  rdpartitions  de  pressions  ou  les 
efforts  globaux  ait  dtd  relevde.  Pour  nos 
essais,  cette  technique  de  visualisation  n'a 
pas  dtd  utilisde.  Les  visualisations  par 
fluides  colords  ne  donnent  pas  une  ddfinition 
assez  fine  mais  le  film  qui  a  dtd  pris  lors 
d'une  variation  continue  de  1' incidence  montre 
toutefois,  aux  incidences  voisines  de  4°, 
quelques  dchappements  de  tourbillons.  En 
revanche,  la  disposition  partlculidre  des 
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sections  de  prises  de  pres si on  sur  notre  aile, 
normalement  au  bord  d'attaque,  permec  de  couper 
le  trajet  de  cas  tourbillong  et  alnai  de  mesurer 
les  depressions  qu'ils  engendrent. 

La  figure  7  permet  en  outre  de  voir,  dans  les 
sections  internes  2  et  3,  des  recompressions 
proches  du  bord  de  fuite  en  aval  d'un  plateau 
&  M;  constant  et  voisin  de  1,45.  Cette  recom- 
pression  est  l'dbauche  de  ce  qui,  4  nombre  de 
Mach  plus  dlevd  ou  4  des  fl&ches  plus  faibles 
(30°  ou  40°)  [io]  ,  forme  une  onde  de  choc 
arriSre  (rear  shock)  qui  vient  couper  l'onde 
de  choc  avant  (forward  shock)  proche  et 
parallble  au  bord  d'attaque  pour  former  un 
systfime  de  chocs  dont  la  trace  sur  le  plan  de 
l 'aile  prend  une  forme  de  X  f8,  ll] 

Les  repartitions  en  envergure  de  la  force 
normale,  telle  qu'elle  peut  Stre  calculde 
par  integration  des  profile  de  pression  dans 
les  sections  de  mesure  (la  valeur  portee  pour 
la  section  1  a  dtd  ponderde  de  faqon  4  tenir 
compte  de  la  troncature  de  cette  section  par 
l'emplanture)  evaludes  4  diffdrents  ncmbres 
de  Mach  mettent  en  evidence  (fig.  8)  les  parti- 
cularitds  des  dcoulements  aux  ncmbres  de  Mach 
supersoniques . 

Pour  Mo  ^0,92,  la  repartition  est  d'allure  quasi 
elliptique  contrairement  4  ce  qu'on  observe 
lorsque  Mo  1,10.  A  grand  nombre  de  Mach  la 
repartition  obtenue  entre  les  sections  1  et  4 
est  due  4  Involution  du  plateau  de  pression 
present  entre  le  choc  et  la  recompression 
arrifere .  L' augmentation  de  la  force  normale  au 
bout  d'aile  entre  les  sections  4  et  6  est  crdde 
par  la  multiplication  du  nombre  des  tourbillons 
longitudinaux  passant  dans  chaque  section 
lorsqu'on  se  rapproche  de  l'extremite  (voir 
fig.  7).  Aux  nombres  de  Mach  intermediaires 
0,92  <  IA(<.  1,10,  les  repartitions  en  enver¬ 
gure  sont  deformees  par  1 'apparition  en  extrd- 
mite  de  voilure  du  tourbillon  principal  qui 
pour  ces  valeurs  du  nombre  de  Mach  apparalt 
avant  4°  d'incidence  (voir  fig.  9). 

Vers  4°  d'incidence  on  a  vu  (fig.  3)  que  le 
gradient  de  portance  augmentait  ddnotant 
1 'apparition  du  tourbillon  en  cornet.  La 
valeur  de  cette  incidence  est  variable  selon 
le  nombre  de  Mach  de  l'dcoulement  mais  encore 
plus  avec  le  nombre  de  Reynolds.  Figure  9  est 
portde  l'incidence  d'apparition  du  tourbillon 
o<t  en  fonction  du  nombre  de  Mach  pour  deux 
valeurs  du  nombre  de  Reynolds.  Cette  incidence 
est  celle  4  partir  de  laquelle  la  courbe  de 
portance  s'dcarte  de  la  partie  liniaire. 

L'fivolution  avec  le  nombre  de  Mach  est_con£orme 
avec  ce  qu'ont  trouvd  Rogers  et  al  [8J 
L' augmentation  de  l'incidence  oft  apr&s  le 
minimum  vers  M„'  1.  est  selon  [8]  lide  au 
fait  que  le  ddcollement  qui  engendre  le  tour¬ 
billon  a  lieu  au  pied  du  choc  avant  et  non  plus 
lors  de  la  recompression  qui  suit  directement  le 
bord  d'attaque  dans  les  cas  subsoniques. 

On  observe  en  outre  que  la  variation  avec  le 
nombre  de  Reynolds,  tr4s  importante  a  faible 
vitesse  tend  4  s'attdnuer  en  transso*  ique .  On  a 
pu  montrer  [6J  que,  4  faible  vitesse,  la 
variation  brutale  de  l'incidence  d'apparition 
du  tourbillon  de  5°  4  12°  lorsque  le  nombre  de 
Reynolds  atteint  une  valeur  de  l'ordre  de 
3  x  10®  (fig  10)  pouvait  ?tre  relideau  compor- 
tement  du  bulbe  de  ddcollement  laminaire  qui 
est  prdsent,  sur  cette  aile  d4s  1°  d'incidence. 

Ce  bulbe  est  de  type  long  ou  court  selon  que  le 
nombre  de  Reynolds  est  moddrd  ou  dlevd  et  son 
Evolution  lorsque  l'incidence  augmente  est  tr&s 
diffdrente  dans  les  deux  cas.  Ceci  conduit, 
dans  le  cas  du  profit  4  un  ddcrochage  respecti- 


vement  prdcoce  ou  tsrdlf,  l'incidence  d'appari¬ 
tion  du  rdgime  tourbillonnaire  p risen te  la  mtae 
Evolution  brutale  pour  un  nombre  de  Reynolds  voisin. 

Pour  les  droulementa  transsoniques  le  nombre  de 
Reynolds  de  transition  est  plus  faible  et 
l'apparitlon  du  tourbillon  se  fait  en  presence 
d'un  bulbe  court  d'abord  en  extrdmitd  d'aile 
puis,  lorsque  l'incidence  augmente,  le  point 
de  naissance  se  rapproche  de  l'apex. 

3.3  -  Diveloppement  et  disorganisation  du 
tourbillon  - 

L'apparition  du  tourbillon  de  bord  d'attaque 
a  pour  consequence  d'augmenter  le  gradient  de 
portance.  Cet  effet  est  dQ  4  la  depression 
qu'induit  le  tourbillon  lors  de  son  passage 
au-dessus  de  l'aile  et  qui  donne  aux  reparti¬ 
tions  de  pression  une  forme  en  cloche  caracte- 
ristique.  Une  telle  repartition  a  ete 
representee  schema tiquement  figure  11  dans  le 
cas  de  notre  aile.  L'aspect  de  l'dcoulement 
parietal  ainsi  que  celui  des  pseudo-lignes 
de  courant  dans  une  coupe  normale  au  bord  d'at¬ 
taque  sont  aussi  reprdsentes  et  permettent  de 
difinir  certaines  notions  utilisdes  dans  la 
suite  du  texte. 

La  comparalson  des  champs  de  pression  mesurds 
4  12°  d'incidence  pour  diffdrents  ncmbres  de 
Mach  (fig.  12)  montre  combien  la  position  de 
la  trace  du  tourbillon  et  le  niveau  des  depres¬ 
sions  sont  influences  par  le  nombre  de  Mach. 

Les  courbes  de  force  normale  tourbillonnaire 
(fig.  13)  mettent  aussi  en  evidence  un  effet 
important  du  nombre  de  Mach  sur  le  supplement 
de  force  normale  apporte  par  le  tourbillon. 

La  force  normale  tourbillonnaire  est  obtenue 
en  retranchant  de  la  force  normale  mesurde,  la 
force  normale  qui  seralt  obtenue  en  l'absence 
de  ddcollement  tourbillonnaire  et  qui  peut 
Stre  dvalude  4  partir  du  gradient  de  portance 
4  l'origine  : 

c  (  ^  ^  *-  ^  5 „r\  &C  t,  pi 

\  ci  <A  .  £  • 

ou  grSce  4  des  mdthodes  de  calcul  d£j4 
ddcrites  [4,  6]  . 

On  remarque  ainsi  que,  aux  incidences  moddrdes 
(entre  5°  et  10°)  le  ddmarrage  plus  prdcoce 
du  tourbillon  en  subsonique  £lev£  rend  la 
force  normale  tourbillonnaire  plus  dlevde  pour 
ces  nombres  de  Mach  alors  que  pour  les  inci¬ 
dences  plus  dlevdes  1 'augmentation  du  nembre 
de  Mach  fait  diminuer  la  force  normale  maxi¬ 
male  produite  par  le  tourbillon. 

On  distingue  aussi  sur  ces  courbes  une  trds 
nette  discontinuity  se  produisant  entre  11° 
et  16°  d'incidence  et  qui  provoque  sur  les 
courbes  de  moment  de  tangage  un  brutal  auto- 
cabrage  (fig.  3).  L' intensity  de  la  disconti¬ 
nuity  et  l'incidence  4  laquelle  elle  se 

produit  dvoluent  avec  le  nombre  de  Mach  de 
1 'dcoulement .  Cette  incidence  est  reportde 
figure  14  avec  la  courbe  de  l'incidence  de 
ddcrochage  (  0< „  ) , 

may 

Cette  discontinuity  qui  a  ddj4  dtd  observye 
dans  le  passd  [l2,  13_]  est  lide  4  la  migra¬ 
tion  du  point  d'^clatement  du  tourbillon  dont 
le  passage  dans  chaque  section  de  l'aile  peut 
Stre  repdrd  par  la  diminution  rapide  de 
-  Kpmin  en  fonction  de  l'incidence  (fig.  15). 

On  peut  aussi  suivre  le  cheminement  vers  l'apex 
de  l'yclatement  avec  l'incidence  (fig.  16). 

On  remarque  ainsi  que,  si  4  Mo  »  0,275  la  migra¬ 
tion  est  progressive,  en  revanche  4  Mo  *  0,92 
l'yclatement  lorsqu'il  arrive  au-dessus  de  l'ai¬ 
le  vers  12°  se  ddplace  brusquement  jusqu'4  la 
section  4.  La  ddgradation  de  la  portance  provo- 
qude  par  l'yclatement  est  partlculidrement  bien 
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mi 8 e  en  Evidence  sur  les  courbes  de  force 
normale  locale  obtenues  par  intdgration  des 
repartitions  de  pression  dans  cbaque  section 
(fig.  17). 

Un  aperqu  plus  complet  des  modifications  de 
l'dcoulement  d'eKtrados  provoquant  la  perte  de 
portance  peut  Stre  donnd  par  le  trace  des 
lignes  isobares. 

Celles-ci  sont  ddtermindes  a  partir  des  champs 
de  pression  mesurds  pour  les  incidences  entou- 
rant  le  phdncmAne,  Pour  le  cas  ddjA  mentionnd, 
a  Mo  =  0,92  un  exemple  en  est  donnd  par  les 
figures  18  a  et  b  reprdsentant  respective- 
ment  les  cartes  isobares  A  11°  et  12°  d' inci¬ 
dence.  Dans  le  premier  cas  (fig.  18a)  on  ddcAle 
un  dcoulement  tourbillonnaire  trfes  rdgulier.  La 
ligne  de  recollement  du  tourbillon  principal 
est  orientde  suivant  le  rdseau  des  lignes  iso¬ 
bares  trds  rapprochdes  qui  aboutissent  a  proxi- 
mitd  du  bord  de  fuite  de  l'aile  a  son  extrdmitd 
libre.  Sur  le  tracd  suivant  (fig.  18  b)  on  ne 
remarque  des  modifications  notables  que  dans  la 
partie  externe  de  l'aile.  Dans  cette  partie 
l'intensitd  de  la  depression  a  diminue'  considd- 
rablement.  De  mgme,  on  observe  un  dlargissement 
du  tourbillon  qui  ne  recolle  plus  sur  l'aile. 

Ce  dernier  point  peut  Stre  mis  en  evidence  par 
la  mesure  de  la  pression  dans  une  prise  trds 
proche  du  bord  de  fuite  (X<c  =  0,98)  lors 
d'une  variation  continue  de  1' incidence  (fig. 

19  a).  Ainsi  A  M0=  0,92  le  non  recollement  se 
manifeste  par  une  divergence  brutale  de  la 
pression  simultandment  dans  les  sections  5  et  6 
vers  11,5°  d'incidence.  Les  courbes  relatives 
aux  sections  4  et  3  prdsentent  une  divergence 
moins  abrupte  pour  des  incidences  plus  dlevdes 
ce  qui  correspondrait  A  la  migration,  vers 
l'apejqdu  point  d 'dclatement.  Ces  courbes 
mettent  aussi  en  dvidence  d’autres  modifica¬ 
tions  importantes  de  1 'dcoulement.  A  partir  de 
6°  la  diminution  des  -  Kp  dans  les  sections 
6,  5  et  4  est  due  au  ddveloppement  du  tourbil¬ 
lon.  En  effet,  en  l'absence  de  tourbillon 
(avant  6°),  la  couche  limite  issue  de  la  pseudo 
ligne  d'arrSt  est  dpaisse  lorsqu'elle  arrive 
au  bord  de  fuite.  Son  dpaisseur  augmente  avec 
1' incidence  et  par  effet  de  ddplacement  la 
pression  diminue.  Par  contre  en  prdsence  du 
tourbillon  la  couche  limite  est  issue  de  la 
ligne  de  recollement  qui,  lorsque  l'incidence 
augmente  se  rapproche  du  bord  de  fuite.  On  est 
alors  en  prdsence  d'une  couche  limite  peu 
dpaisse  et  dont  1 'dpaisseur  tend  mgme  A  diminuer 
d'oik  1' augmentation  de  la  pression  avec  l'inci¬ 
dence  aprds  6° . 

Vers  18, 5°  la  diminution  des  .  Hp  dans  les 
sections  4  et  3  ddtaillde  plus  loin  au 
chapitre  4.2,  est  crdde  par  la  rdorganlsation 
de  l'dcoulement  sous  forme  d'un  tourbillon 
secondaire  et  qui  est  A  l'origine  d'un  moment 
piqueur  A  peine  perceptible  dans  le  cas  de 
l'aile  seule. 

L'dtude  des  dcoulements  A  Mo  ■  1,20  rdvAle  des 
diffdrencea  importantes  avec  ce  qui  vient 
d'gtre  ddcrit  pour  les  nombres  de  Mach  subso- 
niques.  Un  premier  exemple  est  donnd  par  Invo¬ 
lution  des  pressions  au  bord  de  fuite  (fig. 

19  b)  qui  rdvAle  d'une  fa;on  similaire  (dimi¬ 
nution  des  -  Kp  en  sections  6  et  5)  1 'appari¬ 
tion  du  rdgime  tourbillonnaire  vers  9°  d'inci- 
dence,  mais  en  revanche,  diverge  pour  une 
incidence  de  11°,  qui  ne  coincide  plus  avec 
celle  de  l'autocabrage  (  ofc  •  15,8°),  A 
cette  incidence,  on  ne  constate  qu'une  augmen¬ 
tation  brusque  des  pentes  dans  les  sections 
6  et  5. 


Une  autre  diffdrence  rgside  dans  1 'apparition, 
vers  1 'extrdmitd  de  l'aile,  d'une  recompression 
au  seln  de  l'dcoulement  de  retour  du  tourbillon 
procbe  de  la  surface  de  l'aile  et  dont  les 
caractdristiques  sont  celles  d'une  recompression 
par  choc.  Les  visualisations  A  12°,  14°  et  16° 
(fig.  20)  montrent  que  cette  onde  de  choc  ne 
produit  A  12°  qu'une  ddviation  dans  l'dcoulement 
puis  qu'A  14°  une  sorte  de  bulbe  de  pied  de  choc 
se  forme  et  qu'enfin  A  16°  le  ddcollement  se 
ddplace  brutalement  pour  avoir  lieu  au  droit  de 
l'onde  de  choc.  De  plus,  si  A  l'incidence  la 
plus  faible  l'onde  de  choc  est  limitde  en  e.v/er* 
gure  aux  sections  5  et  6,  elle  s'dtend  vers 
l'apex  lorsque  l'incidence  crolt.  Les  rdparti- 
tions  de  nambre  de  Mach  local,  pour  12°  d'inci¬ 
dence  (fig.  21  a)  mettent  bien  en  dvidence 
l'apparition  d'une  recompression  brutale  en 
section  6  entre  X/'c  =  0,72  et  0,65  qui  A 
16°  (fig.  21*b)  s'dtend  en  envergure  jusqu'A 
la  section  4, 

4  -  EFFET  D'UN  CANARD  PROCHE  SUR  LE  COMPORTEMENT 
AERODTOAMIQUE  DE  L'AILE  - 

4.1  -  Ecoulement  A  faible  incidence  et  appari¬ 
tion  du  tourbillon  - 

L'dtude  de  1 ' interaction  entre  le  canard  et 
la  voilure  en  dcoulement  incompressible  [4] 
a  mis  en  dvidence  une  diminution  sensible  du 
gradient  de  portance  de  l'aile  A  faible  inci¬ 
dence  en  prdsence  du  canard  par  rapport  au  cas 
de  l'aile  seule.  La  figure  22,  oO  est  prdsentde 
l'dvolutlon  du  gradient  de  portance  avec  le 
nombre  de  Mach  de  l'dcoulement  pour  diffdrents 
cas  de  canards  comparde  A  celle  de  l'aile 
seule  montre  que  cette  tendance  observde  en 
dcoulement  incompressible  (M„=  0,275)  se 
conserve  quel  que  soit  le  nombre  de  Mach 
jusqu'A  Mo=  1,  20. 

Cette  diminution  du  gradient  est  due  A  la 
ddflexion  de  l'dcoulement  crdde  par  le  canard. 
Les  calculs  effectuds  au  moyen  d'une  mdthode 
de  singularitds  traitant  les  nappes  tourbillon- 
naires  en  dcoulement  incompressible  [l4^ 
ont  montrd  [4  ]  que  la  ddflexion  crdde  par 
le  canard  n'interessait  pratiquement  que  la 
rdgion  interne  de  la  voilure  situde  directe- 
ment  en  dessous  de  la  nappe  issue  du  bord  de 
fuite  du  canard.  Ceci  est  aussi  visible  sur 
les  distributions  de  force  normale  en  enver¬ 
gure  obtenues  par  intdgration  des  rdpartltions 
de  pression  dans  chaque  section  (fig.23*1)  oik 
le  ddflcit  de  portance  en  prdsence  du  canard 
est  limitd  A  la  partie  interne  de  l'aile.  Cet 
effet  explique  une  diminution  de  gradient 
d'autant  plus  importante  que  1 'envergure  du 
canard  est  plus  grande  comme  le  montre  la 
figure  24  uO  l'dvolutlon  du  gradient  de 
portance  est  portde  en  fonction  de  1 'envergure 
du  canard  (rapportde  A  celle  de  l'aile).  Cette 
figure  montre  de  plus  que  les  canards  A  60° 
de  flfeche  dont  1' extrdmitd  se  trouve  plus 
proche  de  l'aile  ont,  A  envergure  dgale,  un 
effet  plus  marqud  que  les  canards  A  40°  de 
flAche,  et  que  le  rapprochement  en  X  des 
canards  vers  l'aile  de  la  position  P03  A  la 
position  P12  a  aussi  tendance  A  accentuer  la 
diminution  du  gradient  de  portance. 


*  Ces  courbes  sont  tracdes  avec  le  nombre  de 
Mach  local  M f  en  ordonnde.  Celui-ci  est  calcu- 
ld  A  partir  de  P/pCe  ct  ne  reprdsente  pas  le 
vrai  nombre  de  Mach  local  car  dans  un  tourbillon 
la  pression  d'arrAt  n'est  pas  partout  dgale  A 
la  pression  gdndratrice  et  la  pression  statlque 
est  fortement  dvolutive. 

**  Les  valeurs  pour  la  section  1  sont  ponddrdes 
pour  tenir  compte  de  la  tToncature  de  cette 
section  avec  1 'amplanture. 
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La  prdsence  du  canard  modifie  peu  1' Incidence 
d'apparltion  du  courbillon  de  bord  d'atCaque 
de  l'aile  exceptd  pour  le  canard  C4.  La  figure  25 
permet  de  comparer  lea  courbes  d'apparition 
du  courbillon  en  f one  cion  du  nombre  de  Mach 
pour  diffdrents  canards  &  la  courbe  obcenue 
pour  l'aile  seule.  Une  difference  nocable 
n'esc  ddcelable  que  dans  le  cas  du  canard 
C4  pour  lequel  on  observe  un  nec  recard  & 

1' apparition  du  Courbillon  A  faible  vicesse 
eC  un  effet  de  la  compressibility  plus  marque 
que  pour  l'aile  seule.  La  diminution  de 
1' incidence  d'apparlcion  avec  le  nombre  de 
Mach  est  importance  pour  ceCCe  configuration 
ec  l'incidence  minimale  obtenue  (2,5°  vers 
Mo  *  0,96)  esc  infdrieure  k  celle  observde 
pour  l'aile  seule  (3,5°).  Far  concre  pour  les 
autres  cas  de  canards,  la  cendance  esc 
d'atcenuer  les  effecs  de  la  compressibilite. 
Notone  coucefois  que  ces  incidences  sont 
ddeermindes  k  partir  du  changement  de  pence 
des  courbes  de  portance,  changement  dont  la 
determination  esc  assez  imprecise  malgrd  le 
nombre  dlevd  des  points  de  mesure  (3  points 
par  degrd) . 

4 .2  -  Effet  de  la  presence  du  canard  aur  le 

ddveloppement  du  tourblllon  de  l'aile  - 

La  comparaison  des  courbes  de  force  normale 
Courbillonnaire  en  presence  ou  non  d'un  canard 
(fig.  26)  met  en  Evidence  une  difference 
notable  quanC  k  1 'evolution  de  l'apport  en 
portance  dQ  au  Courbillon. 

Juaqu'A  11°  d' incidence  on  observe  un  retard 
au  developpement  du  tourblllon  dans  les  cas 
avec  canard  .  A  11,5°  l'arrivee  de  l'dclatement 
provoque  la  degradation  de  la  force  normale 
due  au  courbillon  candis  que  dans  les  cas  des 
canards  A  grande  envergure  (Cl  et  C4)  il  faut 
attendre  jusqu'A  20°  pour  observer  une  telle 
ddgrada  tion . 

Le  maximum  de  force  normale  courbillonnaire 
ainsi  attelnt  est  alors  bien  supdrieur  avec 
que  sans  canard. 

La  figure  27  prdsente  A  Mo  =  0,275  1 'evolution 
avec  l'incidence  de  la  position  du  point 
d'eclatement  sur  l'aile,  position  determinde 
A  partir  des  repartitions  de  presslon  (chap, 

3.3),  elle  montre  que  le  canard  provoque  un 
retard  A  la  migration  du  point  d'dclatement 
vers  l'apex,  ce  qul  est  A  1'origlr.e  du  supple¬ 
ment  de  force  normale  tourbillonnaire  observ'd, 

A  l'extrdmitd  de  l'aile,  c'est-A-dire  loin 
de  la  zone  d'influence  du  canard,  le  retard 
dO  au  canard  est  nul  mais  il  apparatt  progres- 
sivement  lorsque  le  point  d’dclatement  se 
rapproche  de  l'apex, 

Aux  nombres  de  Mach  plus  dlevds  l'approche  de 
l'dclatement  au-dessus  de  l'aile  induit  une 
dlscontinuitd  sur  les  courbes  de  portance  et 
plus  encore  sur  les  courbes  de  moment  de 
tangage.  La  presence  du  canard  modifie  consi- 
ddrablement  1' importance  de  cette  discontinul- 
td  et  l'dvolution  ultdrieure  de  1 'dcoulement. 
C'est  ce  que  met  en  evidence  la  figure  28  od 
sont  compardes  les  courbes  de  moment  de  tanga¬ 
ge  en  fonctlon  de  l'incidence  pour  diffdrents 
cas  de  canards.  Ainsi,  on  observe  que  l'auto- 
cabrage  lid  A  la  migration  du  point  d'dclate- 
ment  qul  se  produlsalt  A  11,5°  dans  le  cas  de 
l'aile  seule  tend  A  Atre  retardd  en  Incidence 
lorsque  1' envergure  du  canard  s'accrolt  mais 
surtout  dlminue  en  lntensltd  jusqu'A  dispa- 
raltre  dans  le  cas  du  canard  C4F03,Par  centre 
on  remarque  que,  A  des  incidences  plus  dlevdes, 
apparaissent  d'une  faqon  plus  marquee  d'autres 
dlscontinuitds,  la  premiAre  dtant  A  piquer  o<^, 


(pitch  down)  la  seconde  A  cabrer  o(c  (pltcn  up) 
qui  ne  sont  pratlquement  pas  perceptibles  dans 
le  cas  de  l'aile  seule. 

Pour  caaq>rendre  l'origine  de  ces  dlscontinuitds 
11  faut  remarquer  tout  d'abord  que  faction 
principale  d'un  canard  sur  le  tourblllon  de 
l'aile  est,  A  incidence  donnde,  de  rapprocher 
du  bord  d'attaque  le  tourblllon,  ce  qui  a  pour 
effet  de  diminuer  son  dtendue  dans  une  section 
et  d'augmenter  f intensity  des  depressions  qu'il 
engendre  sur  l'aile.  Ceci  a  dtd  constate  [4, 

6]  en  dcoulement  incompressible  pour  lequel 
les  essais  au  tunnel  hydrodynamique  ont  montrd 
par  ailleurs  que  l'axe  du  tourbillon  dtait 
plus  proche  de  la  surface  de  l'aile  en  presence 
d'un  canard.  En  dcoulement  transsonlque  on 
observe  le  mSme  phdnomAne.  A  titre  d'exemple 
figure  29  sont  compardes  les  repartitions 
de  nombre  de  Mach  local  dans  la  section  5  A 
M«a  0,84  et  8°  d'incidence  et  pour  diffdrents 
cas  de  canards,  ce  qui  illustre  ce  qui  vient 
d'etre  dit  plus  haut. 

L'arrivde  de  l'dclatement  au-dessus  de  l'aile  a 
pour  effet,  dans  une  configuration  avec  canard 
de  modifier  les  repartitions  de  presslon  en 
erdant  une  recompression  brutale  au  sein  de 
1 'dcoulement  de  retour  du  tourbillon.  Elle  est 
visible  sur  la  figure  30,  oik  sont  prdsentdes 
les  repartitions  du  nombre  de  Mach  local  A  8°, 
12°  et  16°  dans  la  section  5  pour  la  configura¬ 
tion  ClP03(pour  laquelle  l'autocabrage  se 
produit  vers  15,5°  -  fig.  28)  sur  la  courbe 
correspondant  A  16°  entre  x/c.  “  0,55  et 
x/c  =  0,50.  Sur  les  visualisations  par 
fluldes  colords,  elle  se  traduit  par  une  ligne 
de  ddcollement  tranche  sur  laquelle  les  lignes 
de  courant  paridtales  de  l'dcoulement  de  retour 
aboutlssent  avec  un  angle  important  (fig.  31) 
contrastant  avec  le  schdma  b  plus  classique  oh 
ces  lignes  de  courant  prennent  une  inflexion 
en  avant  de  la  ligne  de  ddcollement  pour  y 
aboutir  d'une  faqon  presque  tangente. 

Notons  que  ce  schdma  (a)  n'est  pas  fondamenta- 
lement  different  de  ce  qui  a  pu  6tre  observe 
pour  la  configuration  aile  seule  A  M0*  1,20 
lorsqu'un  choc  apparatt  dans  le  tourbillon  en 
extrdmitd  d'aile  (chapltre  3-3).  Et  il  n'est 
pas  exclu,  mais  les  informations  disponibles 
ne  permettent  pas  d'etre  plus  affirmatif,  que 
en  prdsence  d'un  canard  l'dclatement  qui  accom- 
pagne  1 'augmentation  des  dimensions  du  noyau 
erde  les  conditions  ndeessaires  pour  que  la 
recompression  se  fasse  au  travers  d'un  choc  qui 
engendre  le  ddcollement  secondaire. 

Notons  enfin  que,  si  ce  schdma  a  pu  dtre 
observe  sur  les  visualisations  pour  la  configu¬ 
ration  aile  seule  A  M0“  0,92  il  dtait  dans  tous 
les  cas  llmitd  A  une  rdgion  trds  rddulte  de 
l'aile  (entre  les  sections  3  et  4)  et  n'dtait 
pratlquement  pas  perceptible  sur  les  reparti¬ 
tions  de  presslon. 

Ce  qul  est  remarquable  dans  le  type  d 'dcoule¬ 
ment  qui  exlste  done  en  configuration  avec 
canard  et  au  droit  de  l'dclatement  du  tourbil¬ 
lon  principal  est  que  ce  ddcollement  va 
engendrer,  pour  des  incidences  ldgArement  plus 
dlevdes,  un  tourblllon  secondaire  contrarotatlf 
dont  le  ddveloppement  rapide  est  A  l'origine 
de  la  dlscontinuitd  A  piquer  observde  sur  la 
figure  28,  en  particulier  A  18,5°  pour  la 
configuration  C4P03,Les  repartitions  de 
nombre  de  Mach  local  dans  la  section  5  pour 
cette  configuration  A  8°,  12°,  16°  et  20° 

(fig.  32  a)  montrent  succeaslvement  la  recom- 
presslon  brutale  A  12°lide  A  l'arrivde  de 
1  'dclatement,  puia  A  16°  1 'apparition  (autour 
de  X/c  -  0,25)  d'un  tourbillon  secondaire, visi¬ 
ble  sur  les  visualisations  par  fluides  colords, 
dont  l'effet  de  succlon  deviant  trAs  important 
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&  20°.  Les  repartition*  dans  la  section  2 
pour  lea  mtaes  conditions  (fig.  32  b)  aontrent 
aussi  un  changeaent  important  entre  16°  et  20° 
ou  la  poche  de  depression,  au  lieu  d'avoir  un 
ddveloppement  cooplet  vers  le  bord  d'attaque, 
eat  limitle  par  une  petite  reccmpression. 

Malgrl  les  similitudes  avec  ce  qui  a  ltd  vu 
plus  haut,  y  compris  d'ailleurs  sur  les  visua¬ 
lisations  o&  cette  recompression  correspond 
A  la  ligne  de  dlcollement  secondaire  qui  recule 
done  brutalement  entre  16°  et  20°  de  X/c  •  0,18 
&  0,323,  ce  ccmportement  ne  semble  pas  devoir 
Itre  associl  A  l'arrivde  dans  cette  section 
de  l'lclatement. 


de  gain  important  en  presence  d 1  un  canard 
par  rapport  au  cas  de  l'alle  seule  (fig.  37) 
la  forme  en  plan  de  l’alle  etant  moins  propice 
1  ce  point  de  vue  que,  par  exeaple,  les  ailes 
en  delta  [15} 

5  -  C0NCL1E  ION  - 

Les  resultats  d'une  etude  viaant  6  la  descrip¬ 
tion  des  Icoulements  sur  une  aile  6  60°  de  fll- 
che  en  Icoulement  sub  ou  transsonique 
(0,275 <  M.4  1,20)  dans  une  large  gamme 
d' Incidences  (0°4  °<  4  32 °)  ont  ltd  prlsentls 

dans  une  premiere  partie. 


II  en  rlsulte  une  diminution  du  gradient  de 
portance  dans  la  region  de  l'emplanture  de 
l'aile  qui  s 'accompagne  en  extrlmitl  d'une 
augmentation  de  la  portance  due  au  ddveloppement 
du  tourbillon  secondaire  et  1 'ensemble  conduit 
k  la  discontinuite  a  piquer  observde.  la 
troisieme  et  dernilre  discontinuite  du  moment 
de  tangage  qui,  de  nouveau  ,  est  6  cabrer  est 
quant  k  elle  crlle  par  la  deaorganisation 
complete  du  tourbillon  principal  et  du  tourbil¬ 
lon  secondaire  qui  rend  les  repartitions  de 
pression  compldtement  plates  (fig.  33).  Cette 
disorganisation,  lorsqu'il  y  a  le  canard  C4P03 
remonte  brutalement  vers  22°  jusqu'e  la 
section  3  puis  chemine  lentement  vers  l'apex. 

Ce  changement  est  trls  visible  aur  les  visua¬ 
lisations  par  fluide  colorl  ou  la  ligne  de 
dlcollement  secondaire  remonte  subitement  vers 
le  bord  d'attaque  pour  laisser  place  &  des 
lignes  de  courant  parid tales  trls  organist1  es 
et  ressemblant  fort  aux  effets  d'un  tourbillon 
"classique"  mats  ne  prlsentant,  au  niveau  de 
la  surface  de  l'aile,  aucun  gradient  de  vitesae 
(voir  schema  fig.  34). 

Toutes  ces  variations  dans  les  schemas  d'lcou- 
lement,  ainsi  que  leur  migration,  peuvent  Stre 
mises  en  evidence  par  les  courbes  de 
ou,  pour  chaque  section  de  mesure,  la  valeur 
minimale  du  coefficient  de  pression  Kp  est 
portle  en  fonction  de  l'incidence  (fig.  35). 
Ainsi  l'arrivde  de  l'lclatement  se  traduit 
par  une  diminution  des  Kp*;,,  dans  les 
sections  6,  5  et  4.  Le  ddveloppement  du  tourbil¬ 
lon  secondaire  entre  16° et  22°  fait  augmenter 
les  KpmJn.  tandia  que,  A  18,5°,  la  transfor¬ 
mation  de  1 'Icoulement  dans  les  sections  1  et 
2  provoque  le  moment  A  piquer,  Enfln,  la 
disorganisation  complete  des  tourbillon*  est 
responsable  de  la  chute  brutale,  vers  22°,  des 
kpm;ru  dans  les  sections  extremes  qui  se 
propage  ensuite  vers  l'apex. 

Ia  figure  36  montre,  pour  le  cas  C4P03,  Involu¬ 
tion  des  incidences  auxquelles  se  produisent 
les  deux  discontinuity  du  moment  de  tangage 
en  fonction  du  nombre  de  Mach.  Ces  courbes 
sont  typlques  en  allure  et  en  valeur  de  ce 
que  l'on  observe  pour  les  autres  cas  de  canards. 

Pour  les  nombres  de  Mach  supersoniques,  les 
Icoulements  rencontrls  sur  l'aile  en  prlsence 
d'un  canard  sont  trAs  proches  de  ceux  dlcrlts 
dans  le  cas  de  l'aile  seule  si  ce  n'est  qu'on 
constate  un  dlealage  en  Incidence. 

Pour  ce  qui  est  de  la  portance  au  dlcrochage, 
en  dlplt  du  retard  important  A  la  disorganisa¬ 
tion  du  tourbillon  crll  par  le  canard  et  A 
cause  de  la  forte  dlportance  due  A  la  dlflexion 
glnlrale  de  l'lcoulement,  il  n'a  pas  ltd  observl 


L. 


Mise  A  part  l'lvolution  avec  le  nembre  de  Mach 
de  grandeurs  telles  que  le  gradient  de  portance 
A  l'origlne,  l'incidence  d 'apparition  du 
tourbillon  et  la  portance  au  dlcrochage  typlques 
de  ce  type  de  vollure,  des  phi nominee  particu¬ 
lars  au  rlglrne  transsonique  ont  pu  Itre  mis 
en  Ividence.  Ainsi,  l'arrlvle  de  l'lclatement 
du  tourbillon  au-dessua  de  la  voilure  lndult 
un  moment  piqueur  trls  prononcl  en  Icoulement 
transsonique. 

Par  ailleurs,  pour  les  nombres  de  Mach 
supersoniques,  11  se  forme,  A  des  inci¬ 
dences  modlrles  (4°  A  8°)  et  avant  que  le 
tourbillon  principal  n'apparalsse,  des  tourbll- 
lons  longitudlnaux  dans  la  partie  externe  de 
la  voilure  qui  modiflent  consldlrablement  les 
rlpartitions  de  charge  en  envergure.  Aux  inci¬ 
dences  plus  llevles,  on  peut  supposer  qu'appa- 
ralt,  au  sein  du  tourbillon  et  vers  l'extrlmitl 
de  l'aile,  une  onde  de  choc  au  pled  de  laquelle 
se  forme,  lorsque  l'incidence  augment*,  un 
bulbe  puis  un  dlcollement  qui  devient  le  dlcol- 
lement  secondaire  du  tourbillon. 

Dans  une  deuxifeme  partie  les  aiodif lcatlons 
apportles  par  la  prlsence  d'un  canard  proche 
aux  Icoulements  sur  l'aile  ont  Itl  analysles. 
Dans  toute  la  game  des  nombres  de  Mach,  le 
gradient  de  portance  A  l'origlne  est  dimlnul 
et  ce  d'autant  plus  que  l'envergure  du  canard 
est  plus  grande.  Par  contre  l'incidence 
d 'apparition  du  tourbillon  est  peu  modifile 
par  rapport  au  cas  de  l'aile  seule  mala  le 
suppllment  de  force  normals  dO  au  tourbillon 
est,  aux  fortes  incidences,  plus  iaq>ortant 

L'arrivde  de  l'lclatement  au-des*us  de  l'aile 
lnduit  une  reccmpression  brutale  et  prlmsturle 
au  sein  du  tourbillon  qui  elle-mlme  entrains 
le  dlcollement  secondaire  puis  la  formation 
d'un  tourbillon  secondaire.  Le  ddveloppement 
de  ce  dernier  puis  la  disorganisation  complltc 
du  systlme  A  deux  tourbillon*  induisent  sur 
les  courbes  de  mcawnt  de  tangage  deux  nouvelles 
discontinuitls  qui  Itaient  A  peine  perceptible* 
dans  le  cas  de  l'aile  seule. 
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Fig,  1  -  Schdma  du  montage  d 'essals 

:•  a)  vue  en  plan 

<  b)  section  A  l'emplanture 
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Fig.  7  -  Kite  en  Evidence  det  tout bill on*  iongltudlnaux. 
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Fig.  10-  Evolution  de  l'inciden 
ce  d’apparition  du 
tourbillon  avec  le 
nombre  de  Reynolds* 


<*)  Ecoukment  pdnetaf 
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Fig.  11  -  Description  de  l'dcoulement  avec 

formation  du  tourbillon  en  "cornet". 

c) 

Repartition  de  pression  dans  la  section  A 

(f)Ecoulement  non  d*coll*  ou  recoil* 

(2)  Ligne  de  recollement 
®Trece  de  l'*coulement  de  retour  du 
tourbillon 

Kp  ou  M[_ 
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(J)  Lions  ds  dieollamsnt  ascondaira 
(5)R<gion  "d'ssu  mortt”  avec  forma¬ 
tion  iventuslls  ds  tourbillonj 
asoondairsa 

Kp-0  . 
ou  -  Mo 

\1® 

- - - 

(§)Paeudo  ligne  d'arrtt 
®  Ligne  de  d*col  lament  primaire 
(8)  Ecou  lament  de  retour 
(§) Noyau  du  tourbillon 
©  Axe  du  tourbillon 
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Fig,  20  -  Visualisations  par  fluides  color£s  h  Mo  =  1,20, 
OC  =  12°  06=  14°  OL  =  16° 
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Fig.  21-  Repartitions  de  nombre  de  Mac’»  local  &  Mo  *  1,20 

a-  (X  *  12°  b  -  iX>  16° 
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Fig.  22-  Gradient  de 
portance  & 
l'origine  - 
Effet  des 
canards . 
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Fig.  23  -  Comparaison  des  repartitions  de 
charge  en  envergure  a  faible 
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SUMMARY 


The  magnitude  of  the  effects  of  viscous  interactions,  aeroelasticity  and  the  aerodynamic  inter¬ 
action  between  the  wing  and  fuselage  are  discussed  in  the  context  of  a  swept  wing  planform  typical  of 
some  designs  of  combat  aircraft.  Illustrations  drawn  from  experimental  measurements  and  theoretical 
calculations  show  the  significant  influence  of  these  factors  on  the  form  of  the  supercritical  flow 
development  at  high  subsonic  speeds.  An  example  is  given  of  some  experimental  measurements  indicating 
how  small  changes  to  the  contour  of  the  fuselage  can  produce  significant  changes  in  the  drag  measured  at 
high  subsonic  speeds.  The  example  shows  that  fuselage  shaping  can  contribute  to  the  development  of  a 
desirable  form  of  supercritical  flow  on  the  wing  with  consequential  benefit  in  drag  levels  at  these  speeds 

NOMENCLATURE 


angle  of  incidence 
=  spanwise  location 


=  J  ~  ^  spanwise  location  for  'net*  wing 
taper  ratio 
sweepback  angle 

sweepback  angle  of  leading  edge 
sweepback  angle  of  trailing  edge 
aspect  ratio 

local  sectional  drag  coefficient 
drag  coefficient 

(drag  coefficient  -  nominal  induced 

dra«)»  CD  ■  CD  -  CL2/xA 
o 

lift  coefficient 
pitching  moment  coefficient 


pressure  coefficient 

pressure  coefficient  at  the  wing 
trailing  edge 

Value  of  the  pressure  coefficient  for 
sonic  velocity  normal  to  lines 
—  a  constant 
c 

Mach  number 

Mach  number  ahead  of  shock-wave 
radius  of  body  cross  section 
Reynolds  number 
wing  chord 
mean  chord 


semi  span  of  wing 
wing  thickness 

distance  downstream  from  the  wing 
leading  edge 


INTRODUCTION 


x  at  transition 


spanwise  distance 


The  variety  of  different  roles,  the  wide  range  of  operating  conditions  and  other  requirements, 
make  the  aerodynamic  characteristics  of  a  modern  combat  or  strike  aircraft  host  to  many,  and  difficult, 
interference  or  interaction  problems.  Notionally,  some  of  these  can  have  a  profound  influence  on  the 
performance  of  the  aircraft,  especially  in  the  highly  sensitive  transonic  speed  range.  Manoeuvre 
performance,  for  example,  may  be  influenced  by  any  impact  they  may  have  on  the  buffet-free  lift  boundaries 
or  the  stability  and  control  characteristics;  whilst  the  sustained  turn  and  cruise  performance  may  be 
influenced  by  any  impact  they  may  have  on  the  drag. 

In  this  paper  we  will  merely  examine,  for  the  transonic  range,  three  such  interference  or 
interaction  effects  in  relation  to  the  aerodynamic  behaviour  of  swept  wings  of  planform  appropriate 
to  combat  aircraft.  These  are: 

a.  The  influence  of  viscous  effects,  representing  an  interaction  between  the  development  of 

the  boundary-layer  and  the  form  of  the  inviscid  external  flow  development. 

b.  The  interaction  between  the  aerodynamic  characteristics  and  the  elastic  deformation  of 

the  wing  under  steady  aerodynamic  loading. 

c.  The  interaction  between  the  flow  over  the  wing  and  the  shape  of  the  fuselage. 

Wind  tunnel  experiments,  especially  those  providing  pressure  distributions,  are  helpful  in 
identifying  the  nature  and  magnitude  of  some  interference  effects,  but  the  theoretical  methods  now  under 
development  will,  when  proven,  offer  the  potential  for  a  more  fundamental  understanding  of  the  effects 
and  will  lead,  hopefully,  to  ways  of  favourably  manipulating  the  interactions.  Various  methods  for 


computing  three-dimensional  transonic  flows  now  exist,  or  are  in  various  stages  of  development,  m  many 
countries  of  the  West.  These  methods  cover  a  wide  spectrum  of  -t f  •  "f  ?•  i  >•  .  r:  **  at  h-  v  .  : .  .  , 

modelling  the  flows.  They  vary  in  the  exactness  of  the  flow  equation  used,  th*-  numerical  techniques 
adopted  and  the  degree  of  generality  of  the  boundary  shapes  to  which  th»-y  ^*an  i*  adi.y  be  applied.  For 
the  interaction  problems  considered  here,  it  is  the  latter  aspect  which  1 c  of  particular  concern. 

The  theoretical  results  presented  in  this  paper  are  derived  from  calculations  made  using  tl.»- 
RAE  Mk  IV  Transonic  Small  Perturbation  (TSP)  computer  program.  The  program  is  based  substantial iy  on 
the  method  described  by  Albone  et  al  in  reference  but  with  additional  procedures;  that  offer  the  cjtion 
of  treating  more  general  fuselage  shapes,  albeit  in  an  approximate  fashion.  The  approximation  invo.ver 
relating  boundary  conditions  on  the  actual  body  to  adjacent  grid  points  on  a  chosen  prismatic  surf  ?*f>- 
generated  by  selected  grid  lines  of  the  computing  network  parallel  to  the  fuselage  axis. 

Options  are  provided  in  the  program  that  permit  the  calculation  of  viscous  interactions  and  a*ro- 
elastie  interactions.  This  is  done  economically  by  periodically  interrupting  the  1'iow  fieid  .-al  cu.  at  i  on 
loop  to  inject  updated  boundary  conditions  sugge  sted  by  boundary -layer  cal cui at  ions,  and/or  struct ura . 
deformations,  based  on  the  current  pressure  and  loading  information  from  th*-  flow  field  calculation* 
Boundary- layers  are  represented  by  their  displacement  effect.  This  is  calculated  in  the  -aminai  region 
using  a  yawed  wing  assumption,  and  downstream  of  a  chosen  transition  location,  a  three— dimensional 
integral  method  based  on  the  work  of  Smith^  and  Green  et  al 1  for  the  turbulent  region.  A~r '»*.*.  ast. 
de-format  ions  are  calculated  using  a  matrix  of  structural  influence  coefficients  specified  in  the  input 
data  to  the  program. 

Other  more  accurate  computer  programs  are  under  development  in  the  UK,  but  at  present  th«-se  are  not 
assembled  into  a  computer  package  that  offers  the  generality  of  app  1  cat  ion  provided  by  the  Kk  IV 
TSP  program. 

2  VISCOUS  EFFECTS 

Only  brief  mention  is  made  here  of  the  significant  effect  that  the  development  of  th-  boundary- 
layer  can  have  on  the  transonic  aerodynamic  characteristics,  since  :t  v>  i  •  :  :v.,re  fj.  . 

forthcoming  AGARD  symposium.  The  objective  here  is  merely  to  permit  an  appreciation  of  the  magnitude  and 
nature  of  the  effect  in  the  context  of  the  type  of  .-wept  wing  combat  configurations  which  are  cur 
present  concern. 

Figure  1  gives  an  illustration,  for  the  case  of  an  isolated  wing,  of  the  predicted  changes  in  the 
pressure  distribution  that  are  brought  about  by  the  displacement  effect  of  the  bound ary- 1 ayer.  In  this 
instance  the  Reynolds  number  used  in  the  calculations  is  fairly  typical  of  wind  tunnel  model  testing. 
Dramatic  reductions  in  lift  at  a  fixed  angle  of  incidence  are  apparent.  In  this  case  a  reduction  in 
the  lift  is  incurred  at  an  incidence  of  6°.  This  is  associated  with  reductions  in  the  suction  pea/.?  and 
forward  movements  of  the  shock-waves.  It  is  seen  that  th*  effects  increase  in  magnitude  progressi vely 
towards  the  wing  tip.  Much  of  the  change  is  a  direct  result  of  reduction  in  the  effective  incidence  at 
positive  lift  conditions,  that  simply  arises  from  the  relatively  larger  displacement  thickness  of  the 
boundary- layer  on  the  upper  surface  of  the  wing,  compared  with  that  on  th*  lower  surface,  near  the 
trailing  edge.  A  closer  resemblance  between  the  distributions  is  seen  by  comparing  the  calculations  for 
the  viscous  flow  with  those  for  the  inviscid  flow  at  5  »  when  the  lift  coefficients  are  more  closely 
matched.  Even  so,  whilst  the  peak  suctions  are  more  closely  matched,  some  significant  differences  remain 
in  positions  and  strengths  of  the  shock-waves.  In  the  two  dimensional  case  it  is  often  possible  to  obtain 
a  tolerably  good  comparison  in  this  way.  In  the  three-dimensional  case,  however,  it  is  largely  the  span- 
wise  variation  that  occurs  in  the  change  of  effective  incidence  which  complicates  th*  issue.  The  situa¬ 
tion  may  be  expected  to  be  further  complicated  for  configurations  having  interfering  components, 
perturbing  further  this  spanvri.se  variation.  The  mechanism  of  this  may  be  either  through  their  influence 
on  the  pressure  distribution  on  the  wing,  or  directly  through  entrainment,  of  th*  boundary—  I a.v*’i  ‘‘i* ':r  th* 
adjacent  components,  or  the  converse. 

In  its  present  form,  the  computer  program  takes  account  only  of  the  influence  of  the  boundary- 
layer  developing  on  the  wing  surface  and  no  account  is  taken  of  the  entrainment  of  the  boundary-layer 
from  the  fuselage,  for  example.  It  is  conjectured  that  this  omission  may  be  of  significance  to  the 
shortfall  observed  later,  in  the  adequate  prediction  of  the  effects  of  changes  in  body  contours  in  the 
wing  root  junction. 

3  AERO ELASTIC  EFFECTS 

The  wide  range  of  conditions,  both  of  speed  and  altitude,  embraced  by  the  operating  envelope 
demanded  of  a  present-day  combat  aircraft  implies,  in  general,  that  significant  elastic  structural 
deformation  must  be  entertained.  It  is,  therefore,  increasingly  necessary  to  give  due  consideration  to 
the  possible  impact  of  this  on  the  aerodynamic  behaviour  of  the  wing  and  tail  unit.  This  is  especially 
necessary  for  wings  of  high  sweepback  angle  operating  at  transonic  speeds. 

The  point  is  illustrated  by  the  example  given  in  Figures  2(a)  and  2(b).  Here  wind  tunnel 
measurements  of  the  lift  and  pitching  characteristics  are  shown  for  a  variable  sweep  aircraft  design 
with  wing  sweepback  angles  of  27  and  42  ,  at  which  the  corresponding  wing  aspect  ratios  are  7  and  5*5 
respectively.  The  measurements  were  made  with  wings  of  a  composite  construction  that  simulate,  under 
the  wind  tunnel  loading,  elastic  deformations  appropriate  to  an  aircraft  manoeuvring  at  standard  sea^level 
conditions  at  corresponding  Mach  numbers.  The  simulation  is  not,  of  course,  precise,  since  in  this  static 
simulation,  the  inertia  terms  arising  from  the  mass  of  the  wing  structure  are  not  represented.  Thus  the 
deflections  would  be  somewhat  less  than  those  simulated,  if  the  scaled  elastic  properties  were  precisely 
matched  and  so  some  allowance  has  to  be  made  for  this.  Included  in  the  figure  for  comparison,  are 
measurements  made  with  rigid  models,  one  representing  the  geometry  in  a  5  g  manoeuvre  and  the  other 
representing  its  geometry  in  an  unloaded  equivalent  form.  The  reduction  in  the  slope  of  the  lift  curve 
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and  destabilising  effect  due  to  the  elastic  deformation,  are  clearly  evident.  This  is  particularly  so  for 
the  wing  at  the  higher  angle  of  sweep,  when  it  is  Been  that  dC^/da  is  reduced  by  as  much  as  20 $  and  the 
aerodynamic  centre  is  moved  forward  by  about  10$  of  the  mean  chord.  These  aerodynamic  changes  sire  largely 
due  to  the  change  of  the  local  effective  incidence  across  the  span,  which  is  brought  about  by  the  bending 
of  the  wing  and  which  is  offset  only  partially  by  the  torsional  deformation.  There  are,  as  a  consequence, 
significant  changes  in  the  spanwise  loading  as  a  result  of  the  increased  ’wash  out'  produced  by  the 
deformation  of  the  wing.  Attendant  changes  in  the  downwash  at  the  tail  can  be  expected  as  a  result  of 
this,  with  a  further  consequential  effect  on  the  longitudinal  stability  characteristics. 

Because  of  the  relatively  high  aspect  ratio  of  the  wing,  it  might  be  considered  as  a  rather 
extreme  example,  so  a  further  illustration  is  given,  again  for  a  wing  with  a  leading  edge  sweep  of  42  , 
but  this  time  with  an  aspect  ratio  of  3*3  and  a  wing  thickness  more  appropriate  to  a  fixed  wing  combat 
aircraft  with  supersonic  operational  requirements.  Calculated  spanwise  loading  distributions  are  shown 
in  Figure  3  for  a  Mach  number  of  0.8.  Again  for  comparison,  calculations  are  shown  for  a  rigid*  and  an 
elastic  wing.  In  this  instance  the  rigid  wing  shape  used  for  reference  is  that  of  the  unloaded  elastic 
wing  which  has  a  designated  shape  giving  a  lift  coefficient  of  0.8  at  a  sea  level  Mach  number  of  0.8. 
Figure  4  shows  the  magnitude  of  the  changes  in  effective  incidence  produced  by  the  elastic  deformation. 

For  the  sea  level  condition  quoted,  this  amounts  to  e  change  of  more  than  7  at  the  wing  tip.  Significant 
changes  to  the  supercritical  flow  development  can  therefore  be  expected. 

These  changes  are  illustrated  by  the  comparison  of  the  calculated  chordwise  pressure  distribution, 
shown  in  Figure  5»  for  the  rigid  and  elastic  wings  at  approximately  the  same  overall  lift  coefficient. 

At  the  condition  shown,  for  a  Mach  number  oT  0.8,  the  difference  m  the  Kupercn  t  lea.  regienR  y  evident. 
The  supercritical  region  at  the  tip  of  the  rig*d  wing  is  fax  more  extensive  and  its  terminal  shocK-wave 
is  much  stronger,  whilst  inboard,  the  pressure  coefficients  fall  well  below  C*  .  For  the  aeroelastic  wing, 

the  spanwise  development  of  the  supercritical  region  is  more  uniform  and  thus  we  can  expect  rather 
different  high  speed  stalling  characteristics  from  those  of  its  rigid  equivalent. 

The  implication  of  the  difference  in  stalling  behaviour  and  different  drag  characterist ics, 
caused  by  aeroelastic  effects,  should  be  carefully  examined  in  the  optimisation  of  combat  aircraft 
configurat ions,  both  from  the  aerodynamic  and  structional  viewpoints.  A  suitable  computer  program  can 
assist  in  the  process,  since  the  supercritical  flow  development  at  various  points  in  the  flight  envelope 
may  be  readily  studied  with  different  options  for  the  elastic  properties  of  the  wing. 

4  W I  NO-  FTJSEL  AC  E  INTERACTION 

Using  an  earlier,  but  basically  similar,  version  of  the  RAE  Mk  IV  Tf?  program,  without  the  inclusion 
of  viscous  effects,  Albone1  was  able  to  demonstrate  good  agreement  between  the  predicted  and  measured 
pressure  distributions  for  a  simple  wing  and  fuselage  combination.  One  of  the  illustrations  from 
Reference  %  showing  this,  is  reproduced  in  Figure  6.  This  Figure  also  shows  for  comparison,  the  pressures 
calculated  for  a  'net*  wing,  m  isolation,  formed  by  joining  the  exposed  wing  panels  together.  This 
comparison  gives  a  notional  indication  of  the  nature  of  the  interference  effects  and  the  extent  of  th** 
wing  affected.  Significant  changes  in  the  form  of  the  supercritical  region  are  apparent,  wh^oh  arc,  cf 
course,  far  more  marked  over  the  inboard  part  of  the  wing.  It  would  appear  teat  the  good  agreement  with 
predictions,  without  allowance  for  the  boundary- layer,  was  possible  because  its  effect  -  are  not  large; 
the  pressure  gradients  are  favourable  ahead  of  the  shccK- waves  and  the  adverse  pressure  gradients  ever 
the  rear  of  the  section  are  mild,  for  the  simple  RAE  "O*  section  involved. 

The  more  extensive  supercritical  regions  and  far  more  severe  adverse  pressure  gradients,  comme r.p .  t  -e 
with  the  advanced  sections  now  n  use,  pose  a  greater  challenge.  Results,  more  typiea.  of  this  sit uat . .  r., 
are  given  in  the  comparison  of  predicted  and  measured  pressure  distributions  shown  in  Figure  7.  The 
theoretical  predictions  appear  to  give  a  fair  representation  or  the  f orm  of  the  dev*  1  -pr.ent  of  th*  super¬ 
critical  region,  in  both  the  chordwise  and  spanwise  direction.  The  degree  of  agreement  .  r  not  as  g>>:  as 
one  is  accustomed  to  with  similar  comparisons  in  two-dimencionai  flow4.  Nevertheless,  the  theory  is  able 
to  give  some  valuable  guidance  in  the  design  of  wings,  by  indicating  how  the  supercr : t : >  a.  leg:. nr  nay 
be  engineered  to  give  good  lifting  potential  and  the  desired  form  cf  high  speed  sta..  .  pr.«rd .  Or. 

the  other  hand,  the  methods  may  not  be  sufficient  to  give  adequate  guidance  for  th«-  opt  *r..  s.ativ  n  of  three- 
dimensional  configurations,  from  drag  considerations  at  high  subsonic  speed  conditions.  This  -spears  t. 
demand  a  fax  h’  ?her  degree  of  precision  in  defining  th**  positions  and  strengths  cf  t  h*  check  wav*c,  than 
displayed  here. 

Just  how  dominating  the  influence  of  the  fuselage  can  be  in  affecting  the  superon ? i  al 
development  on  the  wing,  can  be  judged  from  experimental  measurements  of  the  choiiwise  pressure 
distributions  shown  in  Figure  8.  This  is  an  example  where  the  same  wing  has  been  mounted  r.  fur '-.age. 
of  different  shape,  but  with  r  ughly  the  same  width  at  the  wing  position.  A  sK.etch  of  the  :w.  o-nfigur  i- 
tions  is  given  in  Figure  One  fuselage  has  a  roughly  square  cross  section,  whilst  th**  other,  km  j. 
shorter,  has  an  elliptic  cross  section  with  fairings  m  the  wing  root  intende  .  to  suppress  r\>re  a  . . 
undesirable  flow  features  in  the  wing-body  junction.  In  both  cases  the  wing  is  mounted  abcv*>  t  h« 
fu:eiage  axis. 

The  experimental  measurements  shown  in  Figure  ~ ,  are  for  a  Mac^  number  of  .  ~7«  F- i  th**  s*:u;u»* 
section  body ,  the  results  are  given  for  an  angle  of  incidence  of  .1.  *  whi  ~h  gave  a  1 1  ft  ,•*.*«•  ffj  i**nt  * 

0.4%  For  the  elliptic  body,  experimental  data  was  not  available  at  precisely  matching  .  'nd  1 1 .  onr  ! 
incidence  angle  or  lift  coefficient,  but  these  can  be  inferred  from  the  two  test  conditions  ch>  wn. 

For  the  same  incidence  on<- can  infer  that  the  change  in  fuselage  has  produced  significant  oh-inges 
in  the  pressure  distribution  and  shock-wave  system  that  extend  out  to  u  of  the  •-«*•»  i-iq  ir.  .♦  .f  u-».  ft.e 
suction  peaks  axe  far  higher  for  the  elliptic  fuselage,  particu.arly  at  the  inboard  stations,  anu  t h* 
forward  shook  is  well  m  evidence  at  the  M$>  station.  The  rear  shock-wave  w  also  affected  find  ir 
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generally  further  aft  for  the  elliptic  body.  Some  of  the  behaviour  can  probably  he  attributed  to  the 
higher  super-velocities  generated  by  the  higher  streamwise  curvature  of  the  elliptic  ody. 

If  the  comparison  is  made  at  the  same  lift  coefficient,  then  the  shock -wave  is  located  at  more 
nearly  the  same  chordwise  position  at  8$  semispan,  although  again  the  suction  peak  is  still  greater 
for  the  elliptic  body.  Inboard  we  again  find  the*  forward  shock-wave  more  in  evidence,  higher  super¬ 
critical  veloci+ies  and  a  ream-  shock-wave  that  is  further  aft  with  the  elliptic  body.  For  the  square 
section  body  the  rear*  shock-wave  is  far-  weaker  and  the  forward  shock-wave  is  not  apparent  at  semi¬ 
span,  although  at  that  station  the  experimental  measurements  show  a  secondary  expansion  starting  at  about 
}>Ofo  chord  which  may  be  terminated  by  a  weak  shock-wave.  This  latter  feature,  if  genuine,  is  difficult 
to  explain,  unless  it  is  the  result  of  a  local  distur:  ance  produced  by  a  vortex  from  th-  wing-body  junction. 

Changes  in  the  supercritical  flow  development  of  this  magnitude  can  cl-ariy  b-  expected  to 
influence  the  buffet-fre**  lifting  character! nt ice  and  obviously  th-  fuselage  affects  cannot  be  ignored 
in  the  wing  design  process.  The  example  just  given  is  ore-  involving  a  gross  change  in  fuselage  shape, 
but  w—  will  in  our  next  example  consider  the  sensitivity  of  the  wing  characteristics  to  more  modest 
geometric  changes  confined  to  the  area  of  th**  win,:  body  junction. 

Body  shaping  has  long  been  recognised  as  am-ctncof  reducing  drgig  at  sup*  iconic  speeds,  ar  war 
demonstrated  in  the  -arly  fifties  by  the  pion—*nng  woik  of  Whitcomb  and  Kirh-mann^,  for  example.  There 
have  been  numerous  experiment;-.!  demonstrations  of  th*'-  effect i of  th**  method  applied  in  various  ways. 
Notable  among  the:-;e  is  the  experimental  work  of  McDevitt^.  Th**  theor*  ti^a!  flow  fi**ld  m-thods  now  aval. able 
•-nable  us  to  obtain  a  better  under  s  t :  mu  ing  of  th**  m-*  chan  ism  of  this  highly  •'ffectiv*'  m-  am:  of  drag  reduction 
in  the  high  subsonic  and  transonic  speed  rang**.  Hopefully  this  will  lead  to  th*  development  of  effective 
techniques,  applicable  under  lifting  conditions,  that  can  be  applied  to  th-  type  of  combat  aircraft 
coni* igurations  considered  here. 

Caughe.v  and  Jam-con  have  applied  th--ir  ful  1 -potential  method  to  the  confirmations  tested  by 
McDevi tt7  that  had  ax '.symmetric  wai  sting  applied  to  basic  3ear/-Haa  v.  body  .r.  combination  with  a  wing 
aspect  ratio  of  t  and  a  symmetri cal  NACA  6..  A0-,\>  section.  Th--  com pari cons  -f  th*  prescur*3  distributions 
with  those  calculated  for  .*ero  lift  conditions  lo/f.  encouraging,  a.  though  the  .  ationr  and  strengths  of 
th-:-  shock-wav  c  are  not  all  that  w.-_.  predicted.  What  tv  mere  en*-our v’.ng,  if  nut  a  little  surprising,  ir 
that  th**  drag  reduction  derived  from  th-  body  waist l rig  app-arr  to  re  fairly  w-.  .  predicted  by  th* 
calculations.  This  was  found  m  spit*-  of  th*  r.---d  tc  may.-*  simp!  i  f  i-at  ions  in  the  modelling  of  th*  fus-.ag- 
in  the  calculations,  involving  th-  as  surr.pt  ion  jf  cyiimir:  al  *xt*-r.s;  ,-ns  cf  the  body  to  infinity  upstr*-a~  ar. : 
downs*!,  -c::  •  ?'  th-  w.ng.  In  ti..  s  •  ,<a:v.  :  *-,  *!.-•  i:  r--:-e*.  ns  ir.v  v-  :  w-  j-  la rge  and  o*‘  th-  order  c  *  7  v 

r  it  a  X’ich  r.  ;rh**r  '  .  -  an;  1  unt  s  at  a  Ya -r.  •  *.  (Or.'-  u  v  count  *  «  0.0001 )• 

hesultc  published  by  Newman  and  Klunk-r  al.'  give  a  useful  insight  into  the  d  tnbution  cf  the  drag 
reductions  at.  transonic  rpe-ds  from  transv-rs-  ai'.-a  <-hang-r  cf  wing  b’-dy  combination.  Using  small 
distur.  anc*  theory  with  a  conformal  mapping  ***chn.qu'-,  th  y  alculated  th-  transonic  flow  over  :■»  win* 
mounted  on  an  axi  symmetric  body  wi*h  and  without  th-  waist  mg  suggested  by  simple  transverse  area 
distribution  "ornu derations.  They  were  able  t^  giv*  an  int-r-rt.ng  demon  sti  all  or.  cf  hew  th-  .voral.  drag 
reduction  *’v  or-  the  waist :  ng  was  derived.  Th-  irag  in^ron-nt  fr-rfr.  th-  body  was  positive,  but  this  was  mi* 
than  ■■'an'4"  1 1  *  d  by  tr—  r-duction  in  drag  of  th*  wing.  Thi  •  drag  r-ducticr.  war  a  result  cl'  i*»dur-i  she -f.  wav- 

strengths  v-r  •"■  st  of  th«  wing  span  at  a  Mach  nurs—r  cf  -.  *. 

Tbi* •  fast  that  mmoi  g-om-tri  ■  changes  an  r-su.t  in  si :  *-al  .**  drag  -Tanges  is  air-.  s»fjai>nt  ir. 
me  asur-m-nts  mad-,  a  f-w  v*  arr  ago  i  ri  th*  AhA  'ft  x  “ft  tunn-i,  r  a  comY  wmg  i**.*‘:ii?h  t  whir, 

alternative  r*oiy  failings  wer-  fitted.  Th-  t  as.  i  fuselage  of  this  lei  was  th*  -l.ijtic  section  ..r— 
ai ready  described  and  whi-h  i;:  rhown  m  Figui  ••  *.  Th-  wing  concerned  in  this  experiment  i.ad  a  simi.ar 
pi  an  form  but  different  section  from  that  f  the  experiment  a.  study  previiislv  mentioned.  Th*  a. ter native 
fairings  in  the  body  above  th*-  wing  ar-  sh^wn  m  Figur-  *  '.  Th*-  *-  xp-nm-nt  predate  i  th*-  present  '  iputer 
programs,  for  calculating  transonic  flows  v/<*r  wing-body  combi  nations.  It  represented  an  inv-stigat.cn  f 
two  intuitive  designs  of  the  fairing  providing  roughly  similar  cro  .*•  sect  lona.  area  iisti  lbut  l  onr .  Neither 
fairing  has  anv  serious  pretension  tr.  t-ing  an  optimum,  shape  from  drag  pc*r.t  T  vi*w. 

Th-  first  fairing  which  we  will  refer  to  as  fairing  A,  was  designed  to  conform  f  r  the  most  pait,  a 

str-am.  u  'v*>  of  th-  gi  ss  wing  f  j  ow  -  •  »!'  th-  wing  f  rm  .-1  by  extending  tr.-  .«•'«  lir.g  ar.  *t  .  ing  -dge. 
the  wing  to  th-  fuselage  centre-line.  This  seemed  a  logical  option  since  the  wing  had  V-en  ongina.l.v 
designed  for  a  -ondition  at  a  Mach  number  of  0.^7,  assuming  that  pi  art  form  and  using  th-  version  of  small 
perturbation  flow  field  method  for  th*  isolated  wing  which  war  all  that  was  available  at  that  time.  This 
same  meth  d  was  used  to  determine  a  suitable  stream  surface  for  a  fairing  that  could  be  blended  with  the 
existing  fuselage  sections  maintaining  a  smooth  cross  sectional  area  distribution. 

The  sec  nd  option,  leading  to  fairing  B,  was  more  vaguely  defin-d,  but  it  attempted  to  preserve  a 
contour  at  its  intersection  with  the  wing,  that  resembled  the  form  of  th-  streamlines  .if  th-  wing  at  .h'K 
semi-span  at  the  design  condition  for  0.^7  Mach  number.  Notional ly  this  war  intended  to  derive  some  benefit 
from  constraining  the  flow  to  behave  more  nearly  like  a  sh-ar-d  wing  flow  and  to  maintain  the  sweep  ;f  the 
isobars  at  the  wing  root.  Th-  remaining  lines  of  th-  fairing  were  simply  a  result  of  maintaining  a  smo*.  t  h 
area  distribution,  matching  that  of  fairing  A  as  --losely  a:’  possible,  and  blending  into  th-  existing 
fuselage  shape. 

It.  i  k  evident  from  the  sketch  gi  v**n  in  Figure  1c  that  fairing  B  has  a  slightly  greatei  rrc*;-  sections, 
area  juRt  ahead  of  the  wing  than  fairing  A.  This  war  a  concession,  necessary  because  i-;  a  practi  a, 
constraint,  imposed  by  th-  construct  iun  of  the  model,  which  otherwise  would  have  inv  .ved  an  una*  cei  t  ab .  e 
departure  from  th-  intended  streamline  shape  in  the  junction.  Estimates  suggest  that  even  at  seni  rp.eejs, 
the  drag  penalty  that  would  be  incurred  by  th-  'ombinatio  with  fairing  B,  due  to  this  additions,  area, 
would  only  be  of  the  order  of  t  drag  counts. 
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The  wind  tunnel  tests  made  covered  only  the  rather  limited  range  from  a  Mach  number  of  0.825  to  0.325. 
Over  this  range  there  was  very  little  difference  in  the  buffet-free  lift  boundary  produced  by  different 
fairings.  This  was  probably  to  be  expected,  since  the  breakdown  of  the  attached  flow  was  determined  on  this 
wing  by  flow  conditions  well  outboard.  The  difference  in  the  drag  characteristics  produced  by  the  two  ^ 
fairings  is  of  more  interest.  The  measured  drag  coefficients,  with  a  nominal  induced  drag  component,  CL 

subtracted  are  shown  plotted  against  the  lift  coefficient  in  Figure  11  for  Mach  numbers  of  0.87  arid  0.925. 

Figure  11  clearly  shows  the  beneficial  effect  of  fairing  A.  At  0.87  Mach  number  the  drag  is  about 
14  counts  less  at  a  lift  coefficient  of  0.35*  At  0.9 25  Mach  number  the  benefit  is  greater.  At  both  Mach 
numbers  the  benefits  dimmish  at  high  and  very  low  lift  coefficients.  This  behaviour  appears  consistent  with 
the  difference  in  the  strength  of  the  rear  shock-wave,  as  can  be  inferred  from  estimated  Mach  numbers  ahead 
of  this  shock-wave,  shown  in  the  figure. 

At  a  Mach  number  of  0.87,  there  is  little  difference  in  the  behaviour  of  the  trailing  edge  pressure  for 
the*  two  fairings,  excepting  for  a  slightly  earlier  rise  apparent  at  72$  span  with  fairing  A.  There  is 
certainly  no  indication  in  the  trailing  pdge  pressures  of  adverse  effects  of  either  fairing  at  moderate  lift 
coeff lc.entr .  The  rear  shock-wave  is  far  weaker  for  fairing  A  for  the  most  part,  and  certainly  over  the 
inboard  part  of  the  wing.  Figure  1 2  shows  even  more  clearly  the  better  supercritical  flow  development 
obtained  with  fairing  A  at  24$  semi-span  for  lift  coefficients  between  0.2  and  0.4,  where  the  drag  benefits 
are  greatest.  The  loss  in  lift  incurred  with  fairing  A,  arising  from  the  lower  suctions  ahead  of  the  shock- 
wave  and  its  further  forward  location,  is  well  compensated  for  by  the  effect  of  the  increased  suctions 
maintained  around  20$  chord.  The  isobars  shown  in  Figure  13  show  how  this  gradual  recompression  seen  at  24$ 
remi-npan  with  fairing  A  is  maintained  to  some  extent  further  outboard.  With  fairing  B  the  shock-wave  is  well 
defined  and  is  swept  roughly  parallel  to  the  trailing  edge  out  to  70$  semi-span. 

he turning  to  Figure  1l(b),  we  see  at  a  Mach  number  of  0.025  a  similar  correspondence  between  the 
different  shock-wave  strengths  and  the  differing  drag  characteristics  of  the  two  fairings.  In  this  case, 
however,  the  situation  is  complicated  by  the  impact  the  '"airing  change  has  had  on  the  trailing  edge  pressure 
rise.  This  is  not,  of  course,  unrelated  to  the  differences  in  the  shock-wave  strengths,  but  it  is  apparent 
that,  with  fairing  A,  the  initial  rise  in  the  suction  occurs  at  a  higher  lift  coefficient  for  all  the  span- 
wise  stations,  thus  adding  to  the  benefits  of  this  fairing. 

Superficially  we  see  that  fairing  A  appears  to  produce  a  more  attractive  flow  over  the  wing;  it  is, 
however-,  of  interest  to  investigate  to  what  extent  the  changes  on  the  wing  contribute  to  the  drag  differences 
measured  on  the  wing-fuselage  combinations.  An  attempt  has  therefore  been  made  to  take  the  analysis  a 
. Lttle  further  by  integrating  the  surface  pressures  measured  to  obtain  the  drag  component.  Attempting  to 
find  absolute  values  for  the  pressure  drag  in  this  way  is  not  normally  a  very  rewarding  process.  It  is 
renowned  for  its  potential  inaccuracy,  particularly  if  there  is  limited  coverage  of  the  pressure  measurements 
m  critical  region.- of  the  aerofoil  near  stagnation  points  and  near  suction  peaks,  for  example.  In  the 
present  case,  the  process  is  slightly  more  legitimate,  since  we  need  concern  ourselves  only  with  integrating 
the  differences  in  pressure  at  the  same  model  attitude  with  the  different  fairings  fitted.  Fortunately, 
the  changes  to  the  suction  peaks  are  not  apparently  very  great.  The  more  serious  errors  probably  arise  from 
the  difficulty  in  precisely  locating  the  shock-waves,  but  it  is  thought  that,  in  this  case,  it  will  cause 
tr.e  drag  difference  to  be  underestimated.  Inaccurate  as  the  process  undoubtedly  is,  the  results  show  a 
remarkable  degree  of  c«-lf-c«ns*istency  and,  moreover,  show  a  remarkably  close  correlation  in  the  trends, 
w.*.:.  Mach  number  and  angle  of  incidence,  apparent  in  the  balance  measurements  of  the  overall  drag  of  the 
wi ng-fuselage  combination.  This  can  be  seen  from  the  comparisons  given  m  Figure  14  for  the  model  at 
angler  of  incidence  of  3* *  and  5*2  . 

Th*  analysis  thus  lends  support  to  the  view  that  it  is  the  changes  produced  on  the  wing  that  are 

dominant  in  causing  the  drag  changes,  rather  than  pressure  changes  on  the  fairings  themselves.  It  is  also 

worth  noting  the  considerable  extent  of  the  wing  affected  by  the  change,  as  is  shown  in  Figures  M(a)  and  (b). 
There  is  an  interesting  parallel  with  the  theoretical  findings  of  Newman  and  Klunker^  mentioned  earlier. 

Figure  15  shows  the  calculated  chordwise  pressure  distributions  for  various  spanwise  stations  compared 
with  the  pressures  measured  at  a  Mach  number  of  0.87  for  an  angle  of  incidence  of  5*2  .  The  general  level 
'  !'  agreement  achieved  is  similar  tc  that  seen  earlier  m  Figure  7  for  the  simpler  fuselage  shape.  It  can  be 
seen,  by  comparing  Figures  15(c)  and  15(d),  that  the  more  major  changes  indicated  in  the  experimental 
measurements  that  contributed  to  the  beneficial  drag  behaviour  with  fairing  A,  are  not  greatly  in  evidence. 

Th- n  a  slight  hint  in  the  theory  of  the  changes  in  the  pressures  over  the  forward  part  of  the  chord 
n**ar  the  wing  root  for  the  different  fairings,  but  there  is  no  evidence  of  the  gradual  recompression  and 
we;tK**r  shock-wave  for  fairing  A  which  produced  most  benefit  to  the  drag.  It  seems  difficult  to  fault  the 

experimental  data,  especially  in  view  of  the  apparent  mutual  consistency  of  the  pressure  and  balance 

'T'oas-urervnt  which  we  have  been  able  to  demonstrate.  We  have  yet  to  diagnose  the  real  cause  of  the  apparent 
fa.  lure  of  the  predictions  to  give  a  correct  indication  of  the  changes  produced  by  the  fairings.  It  might 
be  argued  that  to  resolve  such  subtle  geometric  changes  asks  too  much  of  the  theories  at  their  present  state 
of  d*"*v*‘ .  opment  . 

r >-.>me  »  f  the  blag"  for  t,h*-  present  discrepancy  may  be  attached  to  the  limited  accuracy  in  modelling 
the  dy  with  th»-  procedures  used  in  the  Mk  IV  TSP  program,  since  these  precluded  any  streamwise  variation 
f  tic  grid  locations  at  which  equivalent  body  boundary  conditions  had  to  be  applied.  The  limitations  of 
the  email  perturbation  method  cannot  be  ignored.  A  further  uncertainty  remains  concerning  the  magnitude 
of  th*-  viscous  interaction  in  the  region  of  the  junction.  In  the  computer  program  used,  only  the  boundary- 
. ayer  development  the  wing  has  been  included,  and  it  may  prove  to  be  necessary  to  model  more  correctly 
the  1  i  ;:p  1  ac»»r**nt  urface  t<>  it. ciude  th*-  boundary- layer  on  the  fuselage  and  its  interaction  with  that 
n  th**  wmg. 

If  w*-  t  ompare  tr.e  two  oil  flow  photographs  given  in  Figure  15,  which  show  the  flow  for  the  two 
fairing;  it  r-milai  nditionn  at  a  Mach  number  of  0.^7,  it  is  clear  that  major  differences  are  apparent 
.n  rturfao*  im  in*m.  Th**  outward  flow  from  the  fairing  on  to  the  wing  is  very  evident  in  the  junction 


in  the  case  of  fairing  B.  Perhaps  it  is  the  failure  t  >  model  such  features  arising  from  the  viscous 
interaction  that  contributes  to  the  shortfall  of  the  prerent  prediction.  Paradoxically,  however,  the 
greater  variation  between  the  measurements  and  the  predictions  occurs  with  fain.ig  A  which  has  the  more 
orderly  flow  in  th.»  wi  ng- fuse  1  age  junction  and  which  is  perhaps  slightly  better  modelled  in  the  theory. 

8  CONCLUDING  REMARKS 

Viscous  interactions,  aeroelastic  effects  and  the  aerodynamic  interaction  between  the  wing  and 
fuselage  all  have  an  impact  on  the  development  of  the  supercritical  flow  regions  on  the  sort  of  swept  wing 
configurations  typical  of  some  combat  aircraft  designs.  Computer  programs  used  to  optimise  the  aerodynamic 
performance  of  such  wings  need  therefore  to  model  these  features  correctly. 

The  task  of  provision  of  adequate  guidance  from  theoretical  transonic  methods  for  achieving  drag 
reductions  is  challenging  —  a  challenge  that  must  be  met  if  drag  penalties  at  high  subsonic  speeds  are  to 
be  eliminated  at  an  early  design  stage  by  such  methods. 

The  example  given  suggests  that  it  is  possible  to  obtain  by  a  suitable  shaping  of  the  fuselage 
an  improved  form  of  supercritical  flow  development  with  consequent  benefits  in  drag  reduction  at  high 
subsonic  speeds. 

Some  refinement  of  transonic  calculation  methods  is  necessary  if  the  design  is  to  be  done  effectively. 
Such  refinements  may,  in  general,  need  to  include  a  better  mathematical  modelling  of  the  viscous  interaction 
in  the  region  of  the  junction  of  the  wing  and  fuselage. 
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b  Experimental  demonstration  of  the  effects  of  aeroelasticity 
on  lift  and  pitching  moment  characteristics  -  =  42° 


j  Calculated  effect  of  aeroelasticity  on  the  spanwise  loading 
distribution  -  M  =  0.80  sea  level 


Fig  lla»b  Measured  drag  characteristics  with  fairings  A  and  B  fitted 


Fig  14  Comparison  of  differences  in  drag  with  fairings  A  and  B  obtained 
from  pressure  and  balance  measurements 
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Fiq  15a  Comparison  of  measured  and  calculated 
chordwise  pressure  distributions  for 
fairing  A,  M  =  0.87 
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Fig  15b  Comparison  of  measured  and  calculated 
chordwise  pressure  distributions  for 
fairing  B,  M  =  0.87 
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Fig  15c  Comparison  of  the  measured  chordwise 
pressure  distributions  for  fairings 
A  and  B 


Fig  15d  Comparison  of  predicted  chordwise 
pressure  distributions  for 
fairings  A  and  B 


Tig  16b  Oil  flow  photograph 
fairing  B,  M  =  0.87 
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SUMMARY 

An  application  is  presented  of  a  transonic  design  procedure  for  wir.i-bndy  comt  ;:,it  i-  vs. 
The  procedure  which  combines  direct  and  inverse  panel-type  computations  is  based  r  t  r.i 
relationship  between  the  exact  transonic  solution  and  an  equivalent  subsonic  Pressure 
distribution.  The  latter  can  be  obtained  by  applying  the  subsonic  panel  method  a\  '  re¬ 
design  condition  for  a  shock-free  airfoil  desmned  by  hodograph  theory. 

The  paper  will  concentrate  on  the  design  of  the  inner  wing  where  several  ;  rot  loirs  ar.so 
due  to  the  three-dimensional  character  of  the  flow,  which  prevents  a  unique  determinate  : 
of  the  equivalent  subsonic  pressure  distribution. 

Two  essentially  different  approaches  were  followed  by  prescribing  either  a  subcnti  -a  I 
or  a  supercritical  flow  condition  at  the  wing  root.  It  will  be  shown  that  the  subcriti-'dl 
flow  condition  at  the  wing  root  can  be  achieved  for  a  range  of  winq  geometries  with  lead.:, 
edge  extensions  on  the  inner  wing  or  alternatively,  by  applying  extensive  body- com  • -jr  n. 
to  a  wing  originally  designed  to  have  supercr i t ica 1  flow  at  the  oot . 

For  the  nominally  shock-free  flow  condition  the  results  of  windtunnel  tests  on  the 
wing-body  combinations  presented  have  confirmed  the  adequacy  of  the  design  process  re¬ 
generate  constrained  inner  wing  geometries  with  specified  aerodynamic  characteristics. 


1.  INTRODUCTION 

In  1973  a  research  program  for  the  development  of  advanced  wing  technology  was  initia¬ 
ted  in  the  Netherlands.  The  program  which  is  conducted  in  close  cooperation  between  the 
Netherlands  Agency  for  Aerospace  Programs  !NIVR) ,  NLR  and  Fokker,  was  preceeded  in  the 
late  sixties  at  NLR  by  the  work  of  Nieuwland  and  Spec  (1).  They  demonstrated  in  1969 
that  a  local  supersonic  shock-free  flow  field  can  be  obtained  as  an  exact  solution  of  the 
transonic  equations  by  using  hodograph  theory.  This  flow-field  showed  to  be  stable  in 
real  flow. 

The  work  was  extended  by  Boerstoel  (2)  who  developed  a  transonic  design  method  based 
again  on  hodograph  theory.  In  combination  with  other  potential  flow  and  boundary  layer 
analysis  codes,  this  method  can  be  applied  to  generate  profile  sections  for  optimized 
target  pressure  distributions. 

At  the  time,  1973,  there  were  no  exact  computational  design  methods  for  transonic  wing- 
body  combinations.  Reliable  transonic  analysis  and  design  codes  based  on  full  potential 
equations  have  only  recently  been  introduced  for  the  wing  alone  case  <31,  (4).  Therefore 

the  approach  adopted  was  to  develop  a  design  procedure  for  transonic  configurations  on  the 
basis  of  existing  direct  and  inverse  subsonic  singularity  methods  (5). 

In  the  course  of  the  program  several  research  wings  were  designed  and  tested  to 
investigate  the  usefulness  of  the  design  procedure.  Basis  for  the  wing  design  are  transonic 

2- D  target  pressure  distributions,  which  determine  design  as  well  as  off-design  wino 
characteristics.  One  of  the  important  design  problems  is  to  ensure  that  3-D  effects  do  no* 
disturb  the  reproduction  of  the  basic  airfoil  sect  ion-character i st i cs  m  the  three- 
dimensional  wing. 

This  paper  describes  an  early  design  study  aimed,  in  particular,  at  shaping  the  wina 
geometry  near  the  wing  root  to  obtain  a  practical  wing  shape  and  to  minimize  unwanted 

3- D  effects. 

The  design  process  is  described  in  the  next  section  and  considerations  for  the  selection 
of  target  pressure  distributions  are  presented  in  section  3.  Applications  of  the  method 
for  the  design  of  an  inner  wing  for  a  wing-body  research  model  are  discussed  in  section  4. 
Finally  a  comparison  with  experiments  Is  described  in  section  5. 


2.  THE  DESIGN  PROCESS 

The  aerodynamic  design  problem  is  to  find  the  wing  qeometry  which  produces  at  a  given 
combination  of  design  lift  coefficient  Cl  and  free  stream  Mach  number  an  upper  surface 
flow  with  an  extensive  region  of  supercritical  flow  and  with  minimal  losses  due  to  shock 
formation.  The  calculation  of  such  a  complicated  flow  field  presents  difficulties,  espe¬ 
cially  in  the  presence  of  a  body.  The  available  numerical  tools  in  1973  were  for  the  2-D 
case : 


•  Boerstoel  hodograph  method  for  transonic  shock-free  airfoil  design  (2) 

•  BGKJ  finite-difference  method  for  subsonic  and  transonic  off-design  calculations  (6) 

X  MLR  panel  method  for  subsonic  flow  calculations  (7) 

X  Boundary  layer  methods. 

The  situation  for  the  J-D  case  is  more  complicated  due  to  the  lack  of  adequate  transonic 
methods  for  wing-body  combinations  in  1971.  The  at  the  time  available  methods  were: 

X  NI.R  panel  method  for  non-planar  wings 

X  Inverse  singularity  method  for  a  planar  wing  in  the  presence  of  a  body 

X  Boundary  layer  method 

Because  the  available  j-D  methods  could  only  handle  subsonic  flow  problems,  the  transonic 
design  problem  was  transformed  into  an  equivalent  subsonic  one  and  then  solved  by  means 
it  the  existing  ;-D  subsonic  methods.  The  procedure  is  shown  schematically  in  fig.l. 

.Starting  point  is  the  selection  of  a  2-D  transonic  target  pressure  distribution  which 
an  be  expected  to  yield  a  nearly  shock-free  design  condition  with  attached  flow  as  well 
as  acceptable  off-design  characteristics.  The  exact  inverse  hodograph  method  is  used  for 
the  airfoil  design.  For  this  airfoil  the  2-D  panel  method  -  applied  at  the  theoretical 
design  Mach  number  and  angle  of  attack  -  provides  the  equivalent  subsonic  pressure 
distribution.  The  difference  between  this  pressure  distribution  and  the  transonic  one  is 
called  the  transonic  correction  and  represents  the  error  introduced  by  using  a  subsonic 
method  for  supercritical  flow.  For  shock-free  flow  the  transonic  correction  is  a  smooth  chord 
wise  function,  its  precise  form  depends  on  the  particular  airfoil  selected.  It  Is  only 
applied  on  tt,  upper  surface,  unless  supercritical  velocities  are  allowed  on  the  lower 
surface. 

The  basic  assumption  behind  the  design  procedure  is  that  the  transonic  correction  is 
convertable  to  1-D  conditions  by  aoplying  simple  sweep  theory  to  both  transonic  and 
equivalent  subsonic  pressure  distributions.  As  exDlained  in  the  next  section  this  can 
only  be  justified  in  the  quasi-2-D  flow  reqion. 

Tie  wing  geometry  which  has  to  generate  the  target  pressure  distribution  at  the  design 
condition,  is  obtained  through  an  iterative  process  using  both  direct  and  inverse  panel 
methods.  As  a  starting  point  for  the  3-D  computations  the  pressure  distribution  is  calcu¬ 
lated  for  a  wing-body  combination  with  airfoil  sections  derived  from  the  2-D  basic  shock- 
free  .airfoils.  The  differences  between  the  calculated  and  tarqet  piessures  have  to  be 
eliminated  by  thickness-  and  camber  modifications  computed  by  the  inverse  method.  This 
method  takes  body  influence  into  account  and  geometric  constraints  can  be  applied  to 
avoid  unrealistic  geometric  characteristics.  The  method  is  presented  in  detail  in  ref. (8). 


1.  CONSIDERATIONS  FOR  TARGET  PRESSURE  DISTRIBUTIONS 

On  the  part  of  the  wing  where  the  flow  can  be  considered  as  quasi-2-D  the  transonic 
target  pressure  distribution  is  derived  by  t rars f ormi no  the  basic  2-D  pressure  distributions 
-  of  which  several  are  specified  alonq  the  wing  span  -  through  the  equivalence  rule  for 
capered  wings  (9).  This  rule  ensures  that  the  streamwise  Mach  number  distribution  or.  the 
wing  is  similar  to  the  shocx-free  Mach  number  distribution  on  the  2-D  airfoil  section. 

Or,  the  inner  wing  upper  surface  the  transonic  target  pressure  distribution  can  be 
selected  on  the  basis  of  physical  and  empirical  cons idera t ions .  There  has  to  be  a  smooth 
transition  from  the  quasi-2-D  flow  on  the  outer  winq  to  the  flow  condition  at  the  wing 
root,  for  which  several  options  exist. 

Figure  2  shows  three  typical  transonic  target  isobar  patterns  investigated  during  the 
design  study.  Two  of  the  ,e  la)  and  (b>  represent  subcritical  flow  at  the  wing  root  while 
the  third  one,  (c),  allows  a  small  region  of  supercritical  flow  at  the  root.  In  both  cases 
(a)  and  lb)  the  supercritical  isobars  are  forced  to  form  closed  loops  in  approaching  the 
wing  root.  In  case  (b)  the  leading  edge  isobars  are  swept  forward  to  decrease  the  normal 
component  of  the  local  Mach  number.  This  target  isobar  oattern  requires  a  curved  leading 
edge.  For  case  (e)  the  mid-chord  suction  level  was  forced  to  decrease  rapidly  towards  the 
root  i  r.  order  to  suppress  rear  shock  development  at  or  prior  to  the  design  condition. 

figure  2(d)  illustrates  the  various  amounts  of  suoerer l f ical  flow  on  the  inner  wing 
upper  surface.  For  the  kink  section  at  4d*  semi-span  the  target  pressures  are  derived 
from  ,i  basic  shock-free  airfoil  section. 

fo  g  the  definition  of  the  3-D  equivalent  subsonic  target  pressure  d  l  st  r  i  bu  t  i  or.  the 
relevant  2-1)  distributions  -on  the  outer  wing  are  transformed  in  a  similar  war  as  the  basic 
*rin some  2-D  pressure  distributions.  On  'he  inner  wini  outside  the  guusi-2-D  flow  region 
?  spec  i  f  ic.it  ion  of  the  equivalent  subsonic  target  pressure  distribution  is  no  longer  a 
str'iigi.'  forward  process.  Ttierefore  engineerin'!  exierienc,  must  be  applied  in  ext  rapo  1  at  i  nq 
'he  equivalent  subsonic  target  pressure  distribution  further  inboard.  Due  to  the  incorpora- 
Mon  of  semi -empirical  compressibility  terms  the  NI.R  panel  method  is  capable  of  reproducing 
pressure  distributions  for  flows  with  small  supercritical  regions  with  fair  accuracy. 
Therefore  the  difference  between  transonic  and  equivalent  subsonic  target  pressures  can 
be  assumed  to  be  zero  at.  the  wing  root,  even  foi  case  ici 
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For  the  lower  surface  the  required  spanwise  lift  distribution  determines  the  level  of 
the  subcritical  target  pressure  distribution.  The  freedom  in  the  choice  of  the  lower 
surface  chordwise  pressure  distribution  is  utilized  by  applying  geometric  constraints 
such  as  prescribed  trailing  edge  angles,  torsion  box  thickness,  etc. 


4.  APPLICATIONS  FOR  INNER  WING  DESIGN 

Based  on  the  three  types  of  target  isobar  pattern  described  in  section  3  several  inner 
wing  design  approaches  were  studied  for  a  wing-body  research  model  of  aspect  ratio  8  and 
20°  sweep  of  the  quarter  chord  line.  The  required  design  condition  was  a  lift  coefficient 
of  .45  at  a  free  stream  Mach  number  of  .75.  Accounting  for  viscous  effects  the  potential 
flow  design  Mach  number  and  lift  coefficient  were  .74  and  .52  respectively.  At  the  kink 
section  the  target  pressure  distribution  was  based  on  airfoil  NLR  7301. 


4 . 1  Straight  leading  edge  and  subcritical  root (a) 

To  obtain  a  starting  geometry  the  16%  thick  kink  section  based  on  NLR  7301  was  extra¬ 
polated  inboard  and  the  pressure  distribution  was  computed  for  M  =  .74  and  zero  degrees 
angle  of  attack.  The  results  in  fig. 3  clearly  show  the  high  suction  levels  on  the  upper 
and  lower  surfaces  close  to  the  fuselage  and  a  distortion  of  the  pressure  distribution 
due  to  3-D  effects. 

After  3  iterations  the  pressure  distribution  on  the  outer  part  of  the  inner  wing  is  more 
or  less  converged.  Near  the  root  it  has  adopted  the  proper  chordwise  shape,  but  the  level 
has  not  improved.  Simultaneously  the  thickness  distribution  has  changed  dramatically  and 
ranges  from  4%  near  the  root  to  18%  in  the  mid-inner  wing  region.  In  these  iterations  no 
geometric  constraints  were  applied  and  as  a  consequence  the  thin  root  section  has  obtained 
a  negative  trailing  edge  angle. 

It  can  be  concluded  that  for  this  case  studied  the  required  combination  of  planform, 
target  pressure  distribution  and  body  shape  is  physically  unrealistic.  However,  it  will 
be  shown  later  that  a  realistic  solution  can  be  obtained  by  manipulating  the  shape  of 
the  body  in  the  interference  region. 


4 . 2  Curved  leading  edge  and  subcritical  root (b) 

When  the  inner  wing  planform  is  modified  in  the  sense  that  the  local  leading  edge 
sweep  angle  is  introduced  as  a  new  parameter,  the  situation  is  entirely  different.  Fig. 4 
shows  that  this  parameter  can  have  significant  consequences.  A  number  of  design  iterations 
were  performed  for  a  planform  with  two  slightly  different  leading  edge  extensions  and 
similar  target  pressure  distributions.  It  appears  that  while  the  pressure  distribution 
is  converging  for  both  cases,  the  sectional  geometries  in  the  two  cases  have  diverged 
completely.  Again  the  largest  geometric  gradients  are  found  close  to  the  wing  root. 

The  strong  three-dimensional  flow  for  this  type  of  inner  wing,  apparently  permits  a 
large  degree  of  freedom  in  shaping  the  inner  wing  geometry.  In  order  to  avoid  unrealistic 
shapes  like  the  one  in  f ig . 5  the  design  process  may  be  guided  by  applying  geometric  con¬ 
straints  to  the  inverse  program. 

The  influence  of  variations  of  the  leading  edge  sweep  angle  was  investigated  for  a 
number  of  inner  wing  configurations  with  different  planforms.  An  empirical  correlation 
could  be  made  between  spanwise  variation  of  leading  edge  sweep  and  thickness  distribution 
for  this  type  of  target  pressure  distribution. 

On  the  basis  of  this  correlation  an  inner  wing  was  designed  with  a  thickness  ratio 
variation  ranging  from  16%  at  the  kink  to  18%  at  the  wing  root. 


4 . 3  Straight  leading  edge  and  supercritical  root(c) 

For  this  -ase  an  initial  geometry  was  defined  by  interpolating  between  the  16%  thick 
kink  section  and  a  root  section  which  was  modified  to  counteract  body  influence.  Fig. 6 
shows  that  at  the  mid-inner  wing  station  the  computed  pressure  distribution  is  already 
close  to  the  target,  but  at  the  root  station  the  suction  level  is  far  too  high  on  a  large 
part  of  the  upper  surface.  This  is  in  accordance  with  the  result  of  fig. 3  for  the  same 
planform,  although  due  to  the  modification  of  the  section  shape  the  type  of  pressure 
distribution  is  quite  different. 

Again  the  leading  edge  sweep  angle  has  a  strong  influence  on  the  pressure  distribution 
as  shown  by  the  result  of  the  second  direct  computation  for  a  configuration  with  the 
same  section  shapes  but  with  10°  more  leading  edge  sweep.  For  the  entire  inner  wing  the 
suction  level  has  decreased  considerably  such  that  for  the  mid-innerwing  station  the 
difference  between  calculated  and  target  pressure  levels  is  now  unacceptably  large. 

Therefore  for  further  design  iterations  an  intermediate  planform  was  selected  with 
5°  more  sweep  on  the  leading  edge  relative  to  the  outer  wing  leading  edge.  The  result  of 
a  few  iterations  with  geometric  constraints  on  thickness,  twist  and  trailing  edge  angles 
is  shown  in  fig. 7.  For  this  regular  geometry  -  the  thickness  ratio  varies  between  16%  at 
the  kink  and  17%  at  the  root  -  the  calculated  pressure  distribution  has  converged 
appreciably,  except  near  the  body  where  especially  the  mid-chord  suction  level  remains 
too  high. 
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Two  possibilities  for  further  convergence  were  considered.  In  the  first  place  by 
section  modification  calculated  by  means  of  the  inverse  method  with  relieved  geometric 
constraints.  The  modification  requires  decreas'd  curvature  over  most  of  the  upper  surface 
and  an  increased  twist  angle.  This  leads  to  unacceptable  spanwise  geometric  gradients. 

The  other  possibility  considered  was  to  leave  the  wing  sections  unchanged  but  to 
modify  the  winq-body  fairing  such  that  the  velocity  level  is  decreased  over  the-  mid-chord 
region  on  the  wing  adjacent  to  the  body.  The  modification  of  the  wing-body  fairing  select¬ 
ed  is  shown  in  fig. 8.  On  the  front  part  the  curvature  is  increased  to  speed  up  the  flew 
and  thereby  to  increase  the  suction  peak  and  over  the  rear  part  the  streamwise  curvature 
is  modified  to  decelerate  the  flow.  As  a  result  of  the  modification  a  pressure  distribu¬ 
tion  could  be  obtained  which  was  sufficiently  close  to  the  target. 


4 . 4  Design  of  a  fairing  for  subcritical  flow  at  the  root 

The  effect  of  the  fairing  modification  on  the  pressure  distribution  raised  the 
question  whether  the  pressure  distribution  at  the  wing  root  could  be  further  influenced 
by  more  extensive  modifications  of  the  wing-body  fairing.  With  the  objective  to  bring 
down  the  wing  root  velocities  to  a  subcritical  level  a  number  of  successive  changes  and 
computations  were  made  to  the  wing-body  fairing.  To  be  able  to  represent  curvature 
variations  accurately  the  panel  density  was  increased  and  the  front  part  was  extended  to 
half  a  chord  length  ahead  of  the  wing. 

The  final  result  in  fig. 9  shows  that  the  front  and  rear  parts  of  the  fairing  are 
convex  surfaces  while  the  area  in  between  is  concave  to  decelerate  the  flow  over  the  wing. 
The  transition  from  convex  to  concave  takes  place  near  the  leading  edge  i.e.  in  front  of 
the  suction  oeak  on  the  wing. 

The  effect  on  the  inner  wing  pressure  distribution  is  shown  in  fig. 10.  The  wing  root 
has  become  subcritical  and  the  change  of  the  pressure  distribution  further  outboard 
illustrates  th-  spanwise  influence  of  the  modification.  The  loss  of  wing  lift  associated 
with  the  reduction  of  the  upper  surface  suction  level  was  partly  recovered  by  additional 
contouring  of  the  fairing  lower  surface. 


5.  COMPARISON  WITH  EXPERIMENTS 

In  combination  with  the  same  outer  wing  three  inner  wing  configurations,  each 
representing  one  of  the  possible  target  isobar  patterns,  discussed  in  section  3,  were 
tested  in  the  NLR  high  speed  tunnel.  The  first  case  is  an  inner  wing  with  a  curved  leading 
edge  and  thickness  ratios  between  16%  at  the  kink  station  and  18%  at  the  wing  root 
(section  4.2).  The  second  is  the  inner  wing  with  straight  leading  edge  and  supercritical 
flow  at  the  root  (section  4.3)  and  thickness  ratios  between  16%  at  the  kink  station  and 
17%  at  the  root.  For  the  third  configuration  the  extended  fairing  (section  4.4)  was  added 
as  a  glove  on  the  previous  model. 

Results  of  windtunnel  tests  for  the  first  two  cases  have  been  presented  in  some  detail 
in  Ref. 5.  Figure  11  which  is  reproduced  from  this  reference  compares  measured  pressure 
distributions  at  the  design  condition  with  expected  transonic  pressure  distributions.  The 
latter  are  obtained  from  the  result  of  panel  method  computations  at  the  potential  flow 
design  condition  after  conversion  by  removing  the  transonic  correction.  The  weak  shock 
wave  which  at  the  design  condition  origink'.pd  from  the  mid-inner  wing  region  did  not 
contribute  to  any  significant  3-D  transonic  wa  drag. 

The  theoretical  and  experimental  upper  surface  pic.-_.rvre  distributions  for  all  three 
configurations  are  compa;sd  in  fig. 12  for  a  pressure  station  near  the  wing  root.  The 
mutual  differences  between  the  computed  pressure  distributions  are  reproduced  in  the  ex¬ 
periment  apart  from  a  local  disturbance  near  the  leading  edge  for  the  configuration  with 
the  extended  fairing.  The  spanwise  effect  of  the  fairing  appeared  to  be  insufficient  to 
influence  the  inner  wir.g  shock  wave. 


6.  CONCLUDING  REMARKS 

A  design  procedure  for  transonic  wing-body  combinations  has  been  applied  to  explore 
its  usefulness  for  the  inner  wing  design  of  advanced  civil  transport  wings.  The  procedure 
which  incorporates  a  transonic  2-D  design  method  and  direct  and  inverse  3-D  subsonic 
singularity  methods,  is  based  on  the  concept  of  equivalent  subsonic  pressure  distribution. 

The  inner  wing  design  problem  was  approached  from  different  view  points  by  considering  a 
transition  from  quasi-2-D  "shock-free"  supercritical  flow  on  the  outboard  part  to  either 
a  subcritical  or  a  supercritical  flow  condition  at  the  wing  root. 

The  results  of  the  design  study  aiming  at  wing  designs  for  cruise  flight  at  M=.75 
can  be  summarized  as  follows: 

*  a  subcritical  flow  condition  at  the  wing  root  can  not  be  achieved  for  a  simple 
inner  wing  geometry  but  requires  either  a  planform  with  a  curved  leading  edge  or 
extensive  contouring  of  the  wing-body  fairing  for  a  regular  inner  wing  geometry 

Jt  a  supercritical  flow  condition  at  the  wing  root  can  be  combined  with  a  regular 
inner  wing  geometry  by  applying  modest  contouring  of  the  wing-body  fairing 
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*  experimental  verification  at  the  design  condition  confirmed  the  adequacy  of  the 
design  procedure  for  both  the  subcritical-  and  supercritical  approaches  at  the 
wing  root 

«  the  combination  of  inverse  computations  with  constrained  section  modifications  and 
direct  computations  manipulating  the  wing-body  fairing  provides  an  effective 
approach  to  advanced  aerodynamic  wing  design. 
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SUMMARY 

Advanced  performance  requirements  of  new  combat  and  transport  aircraft  together  with  design  tine  constraints 
intensify  the  development  and  application  of  three-dimensional  computational  analyses.  This  paper  describes  a 
computational  method  which  has  been  developed  for  the  specific  purpose  of  providing  an  engineering  analysis  of 
complex  aircraft  configurations  at  transonic  speeds.  While  a  complete  description  of  the  methodology  is  included, 
particular  attention  is  given  to  the  recently  incorporated  wing  viscous  interaction  and  canard  capabilities.  The  treat¬ 
ment  of  fuselage  fairings,  nacelles,  and  pylons  is  reviewed.  The  means  for  keeping  computing  resources  at 
reasonable  levels  are  identified.  Three  configurations  have  been  selected  for  correlations  with  experimental  data. 
Taken  together,  the  comparisons  illustrate  the  full  extent  of  current  analysis  capabilities.  The  configurations  include 
1)  a  wing-fuselage-canard  fighter,  2)  a  transport  with  fuselage  fairings,  four  nacelles,  four  pylons,  and  3)  a  space 
vehicle  which  includes  an  external  fuel  tank  and  rocket  boosters  (transonic  launch  configuration). 


INTRODUCTION 

The  cost  of  wind  tunnel  and  flight  test  experimentation  is  increasing  along  with  the  requirements  for  advanced 
transonic  cruise  and  maneuvering  performance  levels.  The  numbt  r  of  design  variables  that  must  be  investigated  has 
increased  with  the  addition  of  new  propulsive  and  structural  constraints.  To  compound  problems,  the  lead  times 
required  for  model  manufacturing  and  checkout  have  not  been  reduced  significantly.  Clearly,  advanced  computational 
methods  are  required  to  insure  that  future  aircraft  designs  will  exhibit  true  aerodynamic  performance  gains  over 
existing  technology  designs. 

Fortunately,  the  field  of  transonic  computational  aerodynamics  has  experienced  considerable  growth  during  the 
pa3t  decade.  Aerodynamic  performance  gains  in  the  transonic  flight  regime  are  of  particular  interest  because  most 
transports  cruise  at  transonic  speeds  and  many  combat  aircraft  missions  require  a  sustained  transonic  maneuvering 
capability.  The  inherent  physical  complexity  of  transonic  flows  coupled  with  new  design  requirements  insures  future 
growth  in  transonic  design  and  analysis  methodology.  We  can  expect  that  time  and  cost  constraints  will  limit  future 
experimentation  to  numerical  design  verification  and  "fine  tuning." 


Until  recently,  trahsonic  computational  analyses  have  been  restricted  to  simple  shapes  such  as  airfoils,  axisym- 
metric  bodies,  isolated  wings,  and  simple  wing-body  configurations.  These  simple  shapes,  however,  rarely  present 
severe  problems  to  the  aircraft  designer  or  the  engineering  analyst.  On  the  other  hand,  complex  configurations  are 
particularly  vulnerable  to  unexpected  component  interference  effects  at  transonic  speeds,  and  a  considerable  amount  of 
experimentation  is  now  required  to  resolve  this  type  of  problem.  The  multiple  nested  grid  approach1-3  has  made  it 
possible  and  practical  to  analyze  complex  configurations  at  transonic  speeds.  This  type  of  analysis  provides  both  grid 
resolution  for  detailed  component  analysis  and  grid  versatility  for  the  study  of  various  aerodynamic  interference 
effects.  Waggoner4  recently  reported  on  the  ability  of  a  wing-body  pilot  code  to  predict  subtle  force  and  moment  incre¬ 
ments  that  result  from  wing  section  and  planform  modifications.  This  study  indicates  that  the  computer  tool  can  be 
used  to  effectively  control  total  design  space.  Many  design  variables  can  be  reduced  long  before  the  first  wind  tunnel 
test. 


This  paper  describes  an  approach  that  has  evolved  over  the  past  four  years.  The  resulting  computational 
method  has  been  developed  for  the  specific  purpose  of  providing  an  aerodynamic  engineering  analysis  for  complex  con¬ 
figurations  at  transonic  speeds.  Unlike  a  basic  research-oriented  code,  many  approximations  and  compromises  have 
been  made  to  enhance  computational  flexibility  and  reliability.  Thus,  in  addition  to  illustrating  the  details  of  configur¬ 
ation  Interference-related  pressure  fields,  this  paper  will  describe  the  means  by  which  they  are  simulated.  The 
accompanying  sample  cases  Illustrate  transonic  aerodynamic  interference  effects  caused  by  pylons,  canards,  nacelles, 
pods,  fuselage  fairings,  and  wing  viscous  effects. 

COMPUTATIONAL  GRID  AND  FLOW  EQUATION 

A  three-dimensional  computational  method  must  overcome  both  grid  versatility  and  grid  resolution  problems  in 
order  to  be  effective.  Most  finite-difference  relaxation  schemes  for  three-dimensional  flows  employ  coordinate  systems 
which  simplify  the  application  of  boundary  conditions.  This  approach  evolves  naturally  from  techniques  developed 
for  two-dimensional  and  axlsymmetric  flows.  As  three-dimensional  geometries  become  more  complex,  the  fo.-m- 
fitttng  grid  approach  becomes  harder  to  implement.  Applications  to  realistic  aircraft  configurations  are  compromised 
in  one  way  or  another. 


Mesh  point  density  must  be  sufficient  to  resolve  aerodynamic  details  of  small  aircraft  components  and  their 
overall  effect  on  the  complete  configuration.  This  puts  a  severe  strain  on  the  conventional  single  grid  approach.  A 
single  coordinate  system  which  is  constructed  for  the  analysis  of  a  wing-fuselage  configuration  will  lie  totally  inadequate 
for  studying  the  effects  of  a  small  pod  or  pylon  surface  mounted  below  the  wing.  The  problem  is  due  to  the  large 
disparity  in  size  of  the  various  components  of  the  configuration.  Current  restrictions  on  computing  resources  make  it 
impractical  to  do  a  detailed  analysis  throughout  the  flow  field. 

The  present  method  uSes  a  nested  or  embedded  grid  scheme  (Figure  1).  Independent  grid  systems  are  constructed 
for  each  of  the  configuration  wing  and  body  components.  High  mesh  point  resolution  is  obtained  close  to  the  air- 
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craft  surface  where  flow  gradients  are  high  and  details  are  Important.  This  hlgh-density  pattern  is  not  carried  into  the 
far  field  where  gradients  are  mild.  Note  that  nacelles,  canards,  and  other  components  can  be  added  or  removed  (along 
with  their  grid  systems)  without  changing  the  basic  structure  of  the  analysis.  Configuration  boundary  points  will  vary 
between  5000  and  7000  depending  on  the  configuration  complexity. 

Figure  2  illustrates  a  typical  boundary  surface  along  with  the  surrounding  crude  and  fine  grid  point  arrays.  The 
boundary  represents  either  a  wing  or  body  surface.  Interaction  between  the  two  coordinate  systems  is  achieved  by 
means  of  an  overlap  region.  Flow  field  potentials  at  the  global  crude  grid  points  are  interpolated  to  provide  outer 
boundary  conditions  for  the  fine  grid  system.  The  flow  field  is  relaxed  providing  a  detailed  flow  solution  between  the 
boundary  surface  and  the  fine  grid  outer  boundary.  Fine  grid  potential  values  are  then  used  to  update  crude  grid  points 
on  the  inside  boundary  of  the  overlap  region.  The  outer  flow  field  is  then  relaxed.  This  cycle  is  repeated  until  both 
grid  systems  are  satisfactorily  converged. 

The  flow  field  is  solved  iteratively  by  using  successive-line-over-relaxation  procedures.  The  flaw  governing 
equation  in  terms  of  the  disturbance  velocity  potential  is 

[l  -  M2  -  (  7  +  1)  Ml  0  -  W-  *  1 1 M?  0  2  ]  *  -  2Mf  4>  9 
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This  modified  small  disturbance  equation  is  consistent  with  planar  boundary  conditions.  As  a  result,  simple  rectangular 
coordinate  arrays  can  be  used  extensively.  This  facilitates  the  implementation  of  the  grid  embedding  technique.  Care 
has  been  taken,  however,  to  insure  that  the  flow  equation  is  suitable  for  modeling  swept  shock  waves  which  typically  are 
encountered  in  applications. 

FUSELAGE,  POD,  AND  NACELLE  SIMULATION 

Body-type  surfaces  which  Include  fuselage,  pods,  and  nacelles  are  simulated  by  computing  appropriate  values  of 
the  flow  field  potential  at  points  in  the  grid  system  which  lie  close  to  the  true  body  surface.  These  boundary  points  are 
computed  before  the  relaxation  sweep  and  are  fixed.  Unlike  wing  and  pylon  boundary  conditions,  the  body-type  boundary 
condition  is  approximate  in  the  sense  that  the  flow  equation  is  not  solved  at  the  body  boundary  points. 

Figure  3  illustrates  a  typical  body  surface  along  with  the  grid  field  points  that  enter  into  the  computation  of  the 
body  boundary  point  potential  value.  For  body  side  points,  three  point  extrapolated  difference  operators  provide  the 
V  and  W  velocity  components  required.  Pod  and  nacelle  surfaces  differ  from  those  of  the  fuselage  in  that  component 
yaw  angle  is  included  in  the  boundary  condition  along  with  the  surface  normal  and  component  incidence  angle.  Initial 
computations  for  under-and  over-wing  nacelles  indicated  that  a  conventional  streamtube  simulation  that  does  not 
account  for  contouring  and  deflections  would  not  be  satisfactory.  For  this  reason,  nacelle  streamtube  surfaces  are  not 
modeled.  Instead,  flow  field  potentials  are  computed  on  the  inlet  and  exhaust  surfaces  based  on  the  mass  flow  ratio  and 
the  exhaust  pressure  ratio,  respectively.  A  three  point  extrapolated  difference  operator  provides  the  axial  (U)  velocity 
component. 

Surface  normal  vectors  which  enter  into  fuselage  boundary  conditions  are  provided  by  a  mathematical  geometry 
modeling  system  developed  by  Vachris  and  Yaeger5.  The  surface  geometry  is  modeled  by  specifying  key  cross-section 
lines  and  body  lines.  These  lines  may  be  likened  to  the  ribs  and  stringers  used  in  fuselage  manufacturing  processes. 
Figure  4  illustrates  a  typical  array  of  line  models  which  have  been  augmented  for  interrogation  by  a  fine  grid  system. 
Note  that  the  actual  grid  point  representation  of  the  fuselage  shape  is  approximate  with  large  surface  discrepancies  near 
the  nose  region.  The  surface  boundary  slopes  that  are  enforced  at  the  grid  points  are  exact.  Slender  body  theory  pro¬ 
vides  a  correction  for  the  surface  displacement  effect  which  is  suitable  when  cross-sections  are  nearly  circular  in 
character.  Additional  details  of  the  fuselage  boundary  simulation  can  be  found  in  Reference  2  while  nacelle  and  pod 
boundary  conditions  are  provided  in  Reference  3. 

WING  AND  PYLON  BOUNDARY  CONDITIONS 

The  wing  and  wing  wake  surfaces  are  modeled  in  a  plane  which  lies  along  rectangular  coordinate  lines.  Wing 
boundary  conditions  are  enforced  in  an  evenly  spaced  embedded  grid  system  (Figure  5).  The  wing  and  wake  points  that 
lie  on  this  surface  are  double  valued.  Extrapolations  to  the  surface  are  not  required.  Wing  chord  leading  and  trailing 
edges  are  positioned  midway  between  two  grid  points.  A  shearing  transformation  provides  uniform  grid  resolution 
between  the  wing  root  and  tip.  Circulation  jump  conditions  are  enforced  between  the  wing  trailing  edge  and  the  back  plane 
which  represents  downstream  infinity. 

Pylon  surfaces  are  not  aligned  with  the  wings  sheared  coordinate  system.  Boundary  point  instabilities  will  result 
if  special  provisions  are  not  made.  These  instabilities  become  Increasingly  severe  with  higher  wing  sweeps,  higher 
grid  densities,  and  larger  volumes  of  supersonic  flow.  An  Image  or  dummy  grid  point  concept  is  used  to  enforce  pylon 
boundary  conditions.  The  grid  points  that  are  used  to  compute  the  axial  and  cross-flow  velocity  components  must  be 
carefully  chosen  to  insure  that  the  system  diagonal  dominance  is  enhanced3.  This  scheme  is  identical  in  character  to 
that  employed  at  fuselage  sides  and  symmetry  planes*  which  are  similar  to  pylon  surfaces  because  they  are  not  aligned 
with  the  wing  grid  system. 

CANARD  SURFACES 

Canard  surface  boundary  conditions  are  imposed  in  the  same  manner  as  wing  surface  boundary  conditions.  How¬ 
ever,  the  treatment  of  two  lifting  surfaces  which  may  have  an  arbitrary  distance  between  them  presents  problems  which 
the  basic  grid  embedding  scheme  can  only  partially  solve.  If  computing  resources  were  unrestricted,  these  problems 
would  not  be  severe. 

The  aforementioned  solution  process  involves  both  a  global  crude  and  embedded  fine  grid  systems.  The  crude 
mesh  system  is  made  up  of  cells  which  are  evenly  spaced  between  the  wing  root  leading  edge  and  the  wing  tip  trailing 
edge.  Beyond  these  limits,  the  cells  arc  gradually  stretched  so  that  the  first  and  last  points  represent  infinity.  About 
38  of  the  50  cells  fall  on  the  wing  planform.  The  resulting  mesh  points  that  fall  along  the  wing  spanwlse  cuts  must  be 
sufficient  for  interactions  with  the  embedded  fine  grid  arrays.  If  the  existing  crude  grid  arrangement  is  used  to  repre- 


sent  two  separated  planforms,  resolution  on  the  small  wing  and  canard  tip  chords  would  be  compromised.  Crude/fine 
grid  interaction  may  be  impaired.  Crude  grid  cells  could  be  increased,  but  this  would  increase  computing-time  and 
storage  requirements.  In  addition,  the  total  number  of  required  cells  would  then  be  a  function  of  the  planform  separation. 

In  order  to  maintain  canard -wing- body  computer  resource  requirements  at  levels  comparable  to  wing-body  levels, 
a  special  streamwise  grid  transformation  is  used.  The  following  transformation  relates  the  computational  variable  f 
to  the  physical  variable  X. 

F 

X  =  a  +  a  ,,  5  +  a  r  ? 8  i  a  ? J  <  a  (T  72  )  Tor  -  1  <5<X  (2) 

1  J  J  '  s  i  -s  . 

The  characteristic  length  (CL)  is  taken  to  be  the  total  streamwise  length  of  the  two  planforms.  Note  that  the  existing 
50  streamwise  cells  are  evenly  spaced  in  the  computational  domain.  The  ag  coefficient  which  controls  the  grid 
stretching  to  infinity  is  set  equal  to  one-third  the  CL.  Note  that  the  transformation  is  symmetric  about  the  ?=  0  axis 
for  aj  =  0.  The  coefficients  are  computed  by  using  the  following  constraints.  First,  sixty  percent  of  the  computational 
grid  lines  are  required  to  lie  in  a  region  of  length  0.9  CL.  Second,  the  highest  grid  density  region  has  no  less  than 
four  grid  lines  along  the  planforms  minimum  chord  (typically,  the  canard  tip  chord).  As  a  final  constraint,  the  trans¬ 
formation  function  must  have  a  local  maximum  at  |=  0.  The  last  variable,  ap  is  adjusted  to  position  the  systems  two 
high-density  regions  about  the  critical  reduced  tip  chord  areas.  A  typical  wing-body-canard  configuration  along  with 
the  streamwise  grid  arrangement  superimposed  can  be  seen  in  Figure  6.  Note  that  the  grid  point  distribution  must 
satisfy  two  basic  requirements:  First,  the  points  must  be  optimized  for  resolution  given  arbitrary  two  planform 
arrangements,  and  second,  the  stretching  to  infinity  must  be  consistent  with  the  decay  of  the  disturbance  potential. 

The  transformation  just  described  is  the  result  of  considerable  experimentation.  It  should  prove  to  I*  satisfactory 
for  a  wide  range  of  two-wing  configurations. 

A  separate  embedded  fine  grid  system  is  constructed  for  each  planform.  Kaeh  system  employs  a  shearing 
transformation  which  is  used  to  align  the  grid  with  the  planform  leading  and  trailing  edges  (Figure  7).  Fortunately, 
these  grid  systems  are  independent,  and  it  is  not  necessary  to  develop  a  single  grid  transformation  which  is  suitable 
for  the  planforms  together.  Interference  between  the  canard  and  wing  surface  is  transmitted  by  the  all  encompassing 
global  crude  grid  structure. 

The  canard  and  wing  surfaces  may  be  separated  by  a  vertical  distance.  The  lifting  surface  wakes  are  constrained 
to  lie  in  a  plane.  This  is  an  approximation  of  the  physical  Tow  in  which  the  wake  surface  is  deflected  by  the  lifting 
surface  downwash  field  (Figure  8).  The  undeflected  wake  assumption  is  widely  used  in  computational  methods. 

Apparently,  only  subtle  errors  are  introduced  when  a  single  wing  is  analyzed.  For  wing-canard  solutions,  however, 
the  canard  wake  may  be  very  close  to  the  wing  surface.  Wake  displacement  effects  may  be  significant.  These  effects 
have  yet  to  be  investigated. 

LIFTING  SURFACK  VISCOUS  ANALYSIS 

Wing  viscous  effects  are  computed  by  coupling  a  modified  Bradshaw6  boundary  layer  computation  with  the  basic 
finite-difference  potential  flow  scheme.  The  modification  extends  the  two-dimensional  technique  to  incorporate  first 
order  sweep  effects.  The  boundary  layer  method  provides  details  of  the  thin  viscous  layer  which  is  close  to  the  wing 
surface.  The  global  inviscid  calculation  provides  the  wing  pressure  distributions  required  by  the  boundary  layer 
analysis.  The  physical  quantities  that  are  of  primary  concern  are  the  skin  friction  drag  component,  Cj)f  and  the 
boundary  layer  displacement  thickness,  5*.  This  approach  has  been  chosen  primarily  because  it  is  relatively  inexpen¬ 
sive.  Although  it  is  approximate  to  the  three-dimensional  sense,  computations  indicate  that  it  is  probably  consistent 
with  other  compromises  which  have  been  made . 

Examples  of  viscous  flow  phenomena  occurring  on  wing  sections  have  been  sketched  in  Figure  9.  Note  that  a 
supercritical  type  shape  has  been  illustrated,  but  similar  flow  characteristics  would  be  observed  on  conventional 
section  shapes  with  control  surface  deflecticns .  Details  of  the  shock  wave-bcundary  layer  interaction  are  not  computed 
because  the  Bradshaw  scheme  operates  with  a  relatively  crude  40-point  chordwise  grid  pattern.  This  effect  includes 
both  a  local  thickening  of  the  boundary  layer  and  a  weakening  of  the  shock  wave  strength.  Instead,  non-conservative 
finite-difference  operators  are  employed  to  approximate  the  flow  equation.  These  operators  do  not  conserve  mass  across 
shock  wave  surfaces.  This  fortuitously  approximates  the  shock  weakening  phenomena.  Global  boundary  layer  displace¬ 
ment  thickness  effects  are  predicted  by  the  present  method.  For  aft-loaded  wings  or  wings  with  control  surface  deflec¬ 
tions,  this  effect  can  have  a  dramatic  effect  on  wing  loading  and  shock  wave  positions. 

The  modified  chord  technique  of  Nash  and  Tseng7  has  been  implemented  by  Mason8.  This  scheme  permits  a  two- 
dimensional  boundary  layer  method  to  be  extended  to  the  three-dimensional  case  provided  that  the  flow  does  not  deviate 
far  from  the  infinite  sheared  wing  type.  The  effective  wing  sweep  angle  is  taken  to  be  that  of  the  mid-chord  span  Vine 
which  varies  between  the  wing  root  and  tip  (Figure  10).  In  addition,  an  effective  Reynolds  number  is  required.  This 
is  obtained  by  requiring  that  the  shear  component  in  the  normal  direction  bear  the  same  relationship  to  an  effective 
Reynolds  number  that  the  actual  shear  stress  has  to  the  specified  Reynolds  number.  This  is  accomplished  by  using  the 
Reynolds  number  based  on  the  momentum  thickness  at  transition  in  the-  Karman-Schoenherr  formula.  Bradshaw's 
turbulent  boundary  layer  method  provides  the  foundation  foT  this  scheme.  The  initial  laminar  boundary  layeT  is  predicted 
by  Thwaites  method  modified  for  compressible  flow. 


The  coupled  viscous/toviscid  interaction  solution  requires  that  the  boundary  layer  computation  be  performed 
during  flow  field  development.  The  computed  boundary  layer  displacement  thickness  slopes  are  added  to  the  wing 
geometric  surface  slopes  to  provide  an  equivalent  inviscid  wing  shape  for  the  Inviscid  scheme.  In  the  present  small- 
disturbance  method,  only  the  boundary  condition  slopes  are  modified.  The  planar  wing  boundary  surface  does  not 
change.  The  viscous  computation  will  stop  when  flow  separation  Is  predicted.  At  this  point,  the  slope  of  the  displace¬ 
ment  thickness  boundary  Is  extrapolated  to  the  trailing  edge.  This  will  permit  the  calculation  to  proceed.  However, 

If  separation  p' ilnts  are  to  front  of  the  94-97%  chord  region,  computed  and  experimental  flow  fields  may  be  significantly 
different. 

Many  wings  that  are  of  practical  interest  have  section  shapes  with  cove  regions.  The  existance  of  this  type 
of  geometry  coupled  with  extreme  flow  conditions  can  become  a  problem  during  the  solution  process  if  cove-type  sep¬ 
arations  are  encountered.  The  conventional  slope  extrapolation  process  will  not  produce  the  proper  6  *  character.  To 
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overcome  this  problem,  an  empirical  relation  developed  by  Bavttzs  for  two-dimensional  flows  has  been  extended  to 
permit  its  application  to  three-dimensional  flows.  This  temporary  "fix"  allows  the  solution  to  proceed.  When  the 
more  realistic  attached  cove  flow  fields  are  computed,  the  relation  is  not  required. 

Viscous  corrections  to  the  wing  surface  boundary  condition  are  refined  on  every  20th  relaxation  cycle  using  an  under¬ 
relaxation  factor  of  0.6.  For  a  typical  wing-fuselage  configuration,  there  are  15  spanwise  stations  along  the  wing  between 
the  root  and  tip.  The  viscous  computation  is  performed  twice  at  each  wing  station,  once  for  the  upper  surface,  and  once  for 
the  lower  surface.  Figure  11  illustrates  the  dramatic  variation  in  viscous  effects  that  might  be  encountered  in  practical 
applications.  Each  example  has  been  taken  from  the  mid-wing  region  of  the  sample  configurations  which  will  be  described 
in  a  subsequent  section.  The  first  application  shows  the  surface  slope  modification  to  a  thin  high  lift  fighter  wing  section. 
The  second  application  is  representative  of  a  thick  transport  wing.  The  final  example  illustrates  the  low  aspect  ratio 
delta  wing  section  found  on  the  Space  Shuttle  Orbiter. 

CONSERVATION  OF  COMPUTING  RESOURCES 

An  Inexperienced  analyst  applying  some  of  the  more  sophisticated  computational  aerodynamic  methods  of  today  may 
use  more  resources  to  perform  an  investigation  than  an  experimentalist.  This,  in  part,  defeats  the  purpose  of  the  com¬ 
puter  tool.  Care  must  be  taken  to  insure  that  computing  time  and  core  storage  requirements  are  kept  to  as  low  a  level 
as  possible.  The  present  method  requires  50  minutes  of  CPU  time  on  the  IBM  370  system.  IBM  3030  CPE!  time  is 
approximately  25  minutes  while  the  CDC  7600  times  are  approximately  10  to  12  minutes.  To  some,  this  resource  level 
may  seem  excessive.  The  potential  user,  however,  should  be  aware  of  what  can  be  determined  or  evaluated  for  this 
investment.  This  section  will  describe  some  of  the  techniques  that  are  used  to  keep  computing  resource  requirements 
at  "reasonable  levels."  The  next  section  will  provide  a  foundation  of  past  experience  which  illustrates  computational 
capabilities. 

The  multiple  embedded  grid  approach  enhances  configuration  boundary  point  efficiency.  Conventional  methods  with 
a  single  grid  place  2%  of  the  total  field  points  on  the  configuration  as  boundary  points.  The  present  nested  grid  scheme 
enriches  this  level  to  4 This  increase  in  boundary  point  efficiency  can  be  used  in  different  ways.  The  total  number  of 
field  points  can  be  halved  and  resolution  will  be  equal  to  a  conventional  scheme.  This  would  result  in  reduced  computer 
running  times,  or,  the  total  number  of  field  points  could  be  comparable  to  a  conventional  scheme.  This  would  increase 
boundary  surface  resolution  by  a  factor  of  two.  While  some  investigators  have  used  the  embedded  grid  system  to  re¬ 
duce  computing  cost-10,  the  present  method  is  primarily  concerned  with  enhanced  boundary  resolution.  It  can  be  seen 
that  if  a  conventional  method  is  used  to  obtain  7000  surface  boundary  points,  a  total  of  350,000  field  points  would  be 
required.  The  resources  required  for  a  solution  would  render  the  code  impractical  for  engineering  applications. 

The  computed  results  presented  in  this  paper  were  obtained  by  fixing  the  number  of  relaxation  cycles  rather  than 
by  specifying  a  convergence  criteria.  One-hundred  crude  grid  iterations  were  followed  by  80  crude/fine  cycles. 

Experience  indicates  that  wing  lift  effects  propagate  very  slowly  for  high  aspect  ratio  wings  as  the  flow  field  evolves. 

By  taking  the  solution  at  a  fixed  number  of  cycles,  a  portion  of  the  configuration  lift  may  be  lost.  To  compensate  for 
this  lift  loss,  high  aspect  ratio  configurations  are  typically  analyzed  at  a  higher  incidence  than  that  given  by  the  exper¬ 
iment.  Typically,  a  l/2  degree  angle-of-attack  increment  is  required.  This  artifice  may  be  used  in  lieu  of  doubling 
or  tripling  the  iteration  cycle  count  to  obtain  an  absolute  lift  level. 

Computations  indicate  that  nacelles  and  pylons  have  a  relatively  small  effect  on  the  global  flow  field  when  compared 
to  the  disturbances  caused  by  the  main  wing  and  the  fuselage.  This  difference  is  partially  due  to  the  size  of  these  compo¬ 
nents  and  the  fact  that  loadings  are  usually  low.  To  take  advantage  of  this  effect,  nacelle  and  pylon  boundary  conditions 
are  enforced  only  during  the  last  half  of  the  solution  process.  This  reduces  the  number  of  operations  required  for  com¬ 
plex  configuration  simulation  and  saves  computer  input/output  which  is  needed  for  boundary  surface  potential  computa¬ 
tions. 


Note  that  a  simple  two-dimensional  finite-difference  method  has  been  selected  for  computing  viscous  effects  in  a 
strip  type  mode.  This  approach  Increases  computer  resource  requirements  by  30?  when  compared  to  an  inviscid 
analysis.  Incorporation  of  a  three-dimensional  integral  method  would  probably  result  in  a  comparable  increment. 

If,  however,  a  three-dimensional  finite-difference  scheme  were  incorporated,  costing  increments  would  be  in  the 
400?  to  500?  range.  The  user  must  evaluate  the  predictive  capability  of  each  scheme  and  judge  what  value  each  scheme 
has.  Considering  most  practical  engineering  applications,  the  capability/cost  relation  provided  by  the  two-dimensional 
approach  is  very  attractive. 

The  computational  method  requires  a  single  global  crude  grid  system  and  multiple  embedded  fine  grid  arrays.  The 
computer  code,  however,  need  be  dimensioned  for  only  a  single  crude  grid  and  a  single  fine  grid  system  because  grid 
interactions  involve  only  two  systems.  Additional  fine  grid  systems  are  stored  on  disk  units  to  be  called  upon  when 
needed.  As  a  result,  the  codes  basic  core  storage  requirement  does  not  increase  as  configuration  complexity  increases. 

COMPARISONS  WITH  EXPERIMENT 

Correlations  with  experimental  force  and  pressure  data  have  been  made  for  a  large  number  of  aircraft  configur¬ 
ations.  Three  of  these  cases  have  been  selected  because  they  illustrate  variety  in  geometry  and  large  variations  in  flow 
field  severity,  hi  addition,  if  the  separate  cases  are  combined,  many  features  of  the  code  are  demonstrated. 

It  should  be  noted  that  slender  shapes  and  mild  flow  conditions  that  cater  to  small  disturbance  assumptions  are  not 
included.  In  particular,  the  fighter  configuration  maneuvering  flow  condition  is  extreme  and  the  space  shuttle  orbiter 
geometry  is  quite  blunt.  The  transport  configuration  shock  waves  are  comparable  to  those  typically  encountered  at 
cruise  conditions. 

Figure  12  illustrates  an  advanced  wing-fuselage-canard  fighter  configuration  which  has  been  designed  for  a  fighter- 
penetrator  mission.  Correlations  with  experimental  wing  and  canard  pressures*!  have  been  superimposed  on  the  config¬ 
uration  sketch  to  show  the  three-dimensional  character  of  the  resulting  flow  field.  Comparisons  are  somewhat  impaired 
by  wing  tip  lower  surface  flow  separation  and  a  canard  leading  edge  flow  phenomena  which  is  not  well  understood.  But, 
the  global  flow  character  of  this  high  lift  (C^  ~  0.67  M  =  0.9)  transonic  maneuvering  wing  is  predicted.  Note  that 
canard  upwash/downwash  Interference  effects  can  be  identified  along  the  main  wing  leading  edge  between  the  root  and 
tip. 


Three  wings  were  designed  for  this  wind  tunnel  model.  Transonic  maneuver  wing  comparisons  were  plotted  in 


Figure  12.  Force  com  pa  r  iscns  for  this  wing,  the  transonic  cruise  wing  and  supersonic  cruise  wing  can  is-  seen  in 
Figure  13.  The  character  of  the  different  drag  polar  shapes  is  predicted.  This  configuraliai  is  now  un<i<  rgomg  refine¬ 
ments  which  are  generated  by  coml>tning  the  computational  method  with  'he  optimization  techniques  of  Yanderplaals1-'. 

The  lockheed  C-141  transport  configuration  can  lie  seen  in  figure  14.  Data  from  both  wind  tunnel  and  flight 
tests  arc  available.  This  case  is  interesting  la-cause  it  illustrates  inu-rfe rencc  effects  caused  bv  nacelles,  pvhms. 
fuse  I  age  fairings,  and  viscous  effects.  The  fuselage  geometrv  model,  made  up  of  isslv  and  cross-settlor  lines,  can 
Is-  seen  in  Figure  la.  Wing  Ixxh  juniture  and  landing  gear  fairings  can  lx-  iilentified. 

Figure  10  (A-D)  compares  wind  tunnel  pressure  data1-’  taken  at  four  wing  stations.  Hie  flow  condition  is  M 
0.77,  a  1.")“,  anvl  H,,  2  \  10  .  Note  that  the  analysis  method  angle-of-allack  is  1/2-dcgree  higher  titan  that  of  the 

experiment.  The  experimental  variations  in  flow  field  character  which  result  from  the  addition  of  the-  nacelle -pylon 
combinations  are  accurately  predicted.  The  inboard  station  has  liecn  selected  to  ik-monstrale  the  effect  of  the  wing 
boundary  layer.  Figure  17  shows  the  computed  result  that  would  lx-  obtained  if  an  inviscid  analysis  were  performed. 
Although  the  wing  section  is  conventional  in  character,  the  viscous  effects  arc  significant. 

Flight  test  data  for  the  <.'-14  1  at  the  flow  condition  M  0.*2,  a  -0.3°,  It,.  36  \  10(l  is  contained  in  Reference 
14.  This  reference  also  firovidcs  inviscid  isolated  wing  computational  code  correlations.  Hie  so  cole  results  were 
compromised  by  many  geonu-tric  modeling  restrictions.  In  addition,  they  were  produced  “even  years  ago.  It  is  inter¬ 
esting  to  note  that  if  the  present  method  is  used  in  an  isolated  wing  mole,  ihc  comparison  with  flight  test  data  is  not 
significantly  different  than  that  given  by  Reference  14  (Figure  1st.  Correlation  is  only  fair  on  the  wing  upper  surface, 
and  it  is  very  poor  on  the  lower  surface  at  this  inboard  station.  The  lower  surface  discrepancy  is  caused  by  a  combin¬ 
ation  of  nacelle/pylon  and  fuselage  interference  effects.  The  dominant  effect,  however,  is  a  flow  acceleration  caused 
by  the  fuselage  landing  gear  fairing.  The  computed  wing-fuselage-nacelles-pylons  result  can  lx?  seen  in  Figure  19. 

The  superimposed  computed  pressures  for  this  case  can  be  seen  in  Figure  20.  The  lower  surface  flow  acceleration 
and  shock  wave  is  predicted.  Comparisons  at  two  outboard  stations  can  lx-  seen  in  Figure  21. 

The  Sfctace  Shuttle  launch  configuration  can  lx-  seen  in  Figure  22.  Reference  1")  provides  pressure  data  for  all 
of  the  components  throughout  the  transonic  launch  range.  Figure  21  shows  the  details  of  the  orbiter,  external  tank, 
and  solid  rocket  booster  lit.e  models.  This  diagram  also  illustrates  the  axial  resolution  that  is  available  when  embedded 
fine  grid  arrays  are  employed.  Figure  24  provides  a  more  accurate  representation  of  the  actual  geometry  details 
that  are  resolved  depending  on  whether  the  flow  about  the  external  tank  is  of  primary  interest  (Figure  24A)  or  that  of 
the  orbiter  (Figure  24B). 

Pressure  distribution  comparisons  for  ihc  top  and  bottom  external  tank  centerline  can  lx-  scon  in  Figure  25  at  the 
flow  condition  M  0.9,  a  0°.  Disturbances  caused  by  the  orbiter  nose  shape  arc  apparent.  The  orbiters  wing  flow 
is  severely  separated  inboard  and  this  effects  the  entire  wing.  However,  a  typical  wing  outboard  pressure  comparison 
has  been  included  in  Figure  26. 

Data/analysis  comparisons  for  the  non-svmmetric  orbiter  fuselage  are  interesting  because  they  show  body  fairing 
disturbances.  In  addition,  the  flow  character  varies  depending  on  whether  the  transonic  Mach  number  is  slightly  less 
than  or  greater  than  1.0.  Mach  0.9  and  Mach  1. 1  correlations  can  be  seen  in  Figure  27  (A-D).  The  change  in  flow 
character  observed  aft  of  the  canopy  at  M  =  1. 1  is  probably  caused  by  expansion  waves  reflecting  off  bow  and  windshield 
shock  waves.  Note  that  the  bottom  centerline  pressures  are  in  part  influenced  by  struts  and  connectors  which  cannot 
be  adequately  modeled, 

CONCLUDING  REMARKS 

A  transonic  computational  method  which  may  be  applied  in  the  analysis  of  complex  aircraft  configurations 
has  been  described.  Throughout  the  text,  the  simplicity  of  the  method  has  been  stressed.  Coordinate  systems 
are  essentially  rectangular  in  character,  boundary  conditions  are  planar,  linear  interpolations  are  used  for  multiple  . 
grid  interactions,  a  simple  two-dimensional  strip  boundary  layer  analysis  provides  viscous  effects,  and  finally,  a 
fast,  easy  to  use  fuselage  modeling  system  yields  arbitrary  body  surface  normals.  When  compared  to  other  compu¬ 
tational  methodology,  this  approach  lacks  sophistication.  However,  this  simplicity  plays  an  important  role  in  pro¬ 
viding  the  flexibility  required  to  treat  complex  configurations. 

During  the  past  four-year  period,  several  papers  have  been  written  to  describe  the  evolution  of  this  compu¬ 
tational  method1”-1.  These  papers  illustrate  computed  results  for  isolated  bodies,  isolated  wings,  and  wing-body 
configurations.  This  paper  includes  computed  results  for  aircraft  configurations  with  canards,  nacelles,  pylons, 
fuselage  fairings,  and  severe  wing  viscous  effects.  It  is  interesting  to  note  that  a  single  method  can  be  used  to  analyze 
all  of  these  configurations,  from  the  simplest  isolated  body  to  the  most  complex  wing-fuselage  geometry.  While  no 
basic  research  purpose  is  served,  the  engineering  analyst  can  put  this  capability  to  use  in  studying  component  inter¬ 
ference  effects.  In  effect,  the  computer  analysis  can  be  used  in  the  same  manner  as  a  wind  tunnel. 
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Figure  1  Complex  Aircraft  Multiple  Mesh 
Arrangement 


Figure  3  Body  Boundary  Surface  Points 
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Figure  2  Crude/Fine  Grid  Interface 


Figure  4  Fuselage  Surface  Geometry  A  Grid 
Point  Models 
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Figure  5  Wing/Wake  Surface  Boundary  Points 


Figure  6  Wing-Body-Canard  Configuration  with 
Crude  Streamwise  Grid  Arrangement 


Figure  7  Independent  Skewed  Grid  for  Canard  &  Figure  8  Computational  &  Physical  Wake  Surfaces 
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Figure  9  Wing  Section  Viscous  Flow  Phenomena  Figure  1 0  Wing  Sweep  Angle  for  Boundary  Layer 
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Figure  14  Lockheed  C-141  Configuration 


Figure  1 5  C-1 41  Fuselage  Geometry  Model 


26-y 


1.200 

0.800 

0.400 

:p 

o.ooo 
-0.400 
-0.800 
1  200 


^  -s 


NACELLES  &  PYLONS  OFF 

(a)  M  =  0.77,  a  =  1.2° 


O  o  o  EXPERIMENT  -  UPPER  SURFACE 
□  □  □  EXPERIMENT  -  LOWER  SURFACE 

*  »  *  ANALYSIS  -  UPPER  SURFACE 

♦  ♦  «  ANALYSIS  -  LOWER  SURFACE 


1.200 

0.800 

0.400 


CP 


0.000 

-0.400 

-0.800 

-1.200 


iT° 


c3\ 


NACELLES  &  PYLONS  ON 

2  xIO6,  Station  1.7/ =  0.19 


OOO  EXPERIMENT  -  UPPER  SURFACE 
□  DO  EXPERIMENT  -  LOWER  SURFACE 
XXX  ANALYSIS  -  UPPER  SURFACE 
+  +  4  ANALYSIS  -  LOWER  SURFACE 


-1.200J 


-0.800 


-0.400  ' 
CP  0.000- 
0.800- 


,oo°o 


Qd  . . 
°o 


□  Q  P..Q 


0.400j 
1  200' 


NACELLES  &  PYLONS  OFF 


NACELLES  &  PYLONS  ON 


(b)  M  =  0.77,  a  =  1.2°,  R0  =  2  x  106,  Station  2,ri  =  0.42 


NACELLES  &  PYLONS  OFF 


OOO  EXPERIMENT  -  UPPER  SURFACE 
□OO  EXPERIMENT  -  LOWER  SURFACE 
XXX  ANALYSIS  -  UPPER  SURFACE 
♦  +  +  ANALYSIS  -  LOWER  SURFACE 


-1.200 
-0.800 
-0.400 1 

o.ooo1 


0.400 


<&>  Q OQC° 


QpQD- 


D-  D  O  . 


0.800 


1.200 L _ 

NACELLES  &  PYLONS  ON 


(c)  M  =  0.77,  a  =  1.2°,  R0  =  2x  106,  Station  3,  v  =  0.64 


Figure  16C-141  Wing  Pressure  Distribution  Correletlon 


<i^ooooo 


OOO  EXPERIMENT  -  UPPER  SURFACE 
□  □□  EXPERIMENT  -  LOWER  SURFACE 
X  XX  ANALYSIS  -  UPPER  SURFACE 
♦  ++  ANALYSIS  -  LOWER  SURFACE 

-1 .200 r 

c^Pofiao 


o.oooL  cPg 


o.ooo^  Q?0.-a'°'1 


NACELLES  &  PYLONS  OFF 


NACELLES  &  PYLONS  ON 


(d)  M  =  0.77,  a  =  12°,Re  =  2  x  1 06,  Station  4,  t)  =  0.79 


Figure  16  C-141  Wing  Pressure  Distribution  Correlation 
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Figure  1 7  Effect  of  Boundary  Layer  on  Computed  Wing 
Pressures  at  C-141  Wing-Body  Juncture 
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Figure  18  Isolated  Wing  Simulation  of  C-141  Wing-Body  Juncture  Flow  Field 


Figure  22  Space  Shuttle  Launch  Configuration  Figure  23  Shuttle  Orbiter,  External  Tank  &  Solid 

Rocket  Booster  Geometry  Model 


Figure  25  Space  Shuttle  External  Tank  Pressure  Distribution  Correlation 
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Figure  26  Space  Shuttle  Wing  Pressure  Distribution  Correlation 


Figure  27  Space  Shuttle  Orbiter  Pressure  Distribution  Correlation 
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1.  SUMMARY 

Continued  refinement  of  air  vehicle  configurations  has  led  to  a  number  of  specific  studies  where  the 
mutual  interaction  of  components  has  been  carefully  analyzed  to  understand  the  nature  of  the 
interference  effects  and  to  exploit  those  which  were  found  to  be  favorable. 

The  techniques  involved  are  explained  by  describing  specific  studies  undertaken  by  The  Boeing  Company 
under  contract  to  NASA  and  USAF.  These  are  in  the  areas  of  winglets  and  wing-mounted  engine  nacelle 
installations. 

Theoretical  studies  of  aerodynamic  forces  on  winglets  have  shed  considerable  light  on  the  mechanism  by 
which  these  devices  can  reduce  drag  at  constant  total  lift  and  on  the  necessity  for  proper  alignment 
and  cambering  to  achieve  optimum  favorable  interference.  Results  of  engineering  studies,  wind  tunnel 
tests  and  performance  predictions  are  reviewed  for  installations  proposed  for  the  AMST  YC-14  and  the 
KC-135  airplanes. 

The  other  major  area  of  aerodynamic  interference  discussed  is  that  of  engine  nacelle  installations. 
Slipper  and  overwing  nacelles  have  received  much  attention  in  recent  years  because  of  their  potential 
for  noise  reduction,  propulsive  lift  and  improved  ground  clearance.  A  major  challenge  has  been  the 
integration  of  such  nacelles  with  the  supercritical  flow  on  the  upper  surface  of  a  swept  wing  in 
cruise  at  high  subsonic  speeds. 

2.  INTRODUCTION 


Aerodynamic  forces  on  a  body  are  indicated  and  can  be  measured  by  disturbances  in  the  flow 
downstream.  Such  disturbances  include  flow  patterns  resulting  from  trailing  vortex  systems,  Mach  wave 
propagation,  momentum  deficits  in  wakes  and  regions  of  turbulence  caused  by  separations  of  the  flow 
around  the  body.  It  is  clear  that  if  disturbances  which  are  opposite  in  nature  can  be  superimposed  by 
careful  juxtaposition  of  the  components  of  an  airplane  the  net  force  (e.g.,  drag)  can  be  reduced. 
This  is  the  basis  of  the  so-called  Area  Rule.  In  more  detail,  if  a  disturbance  caused  by  a  severe 
adverse  pressure  gradient  or  a  region  of  greatly  accelerated  flow  can  be  mitigated  by  superposition  of 
a  favorable  gradient  or  a  region  of  decelerated  flow  the  resulting  air  vehicle  design  will  show  a 
significant  improvement  in  efficiency. 

Air  vehicle  contours  have  achieved  a  high  degree  of  refinement  over  the  past  quarter  century  resulting 
from  the  greater  attention  paid  to  interference  problems  and  from  the  formidable  progress  made  in 
theoretical  design  techniques.  Modern  high  speed  computers  have  enabled  computational  fluid  dynamics 
to  advance  to  the  point  where  confident  predictions  of  flow  characteristics  can  be  made  for  arbitrary 
streamlined  bodies  at  subsonic,  transonic  and  moderate  supersonic  Mach  numbers. 

In  this  paper  are  discussed  two  different  types  of  interference  problem  where  theoretical  design  tools 
were  used  to  determine  optimum  contouring  and  where  experimental  data  are  available  to  verify  the 
results.  The  first  of  these  is  the  close  integration  of  an  engine  nacelle  and  a  swept  wing  at  high 
transonic  Mach  number.  The  second  is  the  addition  of  winglets  to  the  tips  of  a  swept  wing  in  order  to 
reduce  induced  drag  at  a  given  value  of  lift.  All  the  work  described  here  was  done  by  The  Boeing 
Company  under  contracts  to  NASA  and  USAF. 

3.  WING  AND  NACELLE  INTEGRATION 

The  nacelle  houses  an  engine  and  exhibits  faired  lines  forward  and  aft  to  accommodate  inlet  and 
exhaust  areas.  Drag  increments  above  skin  friction  levels  can  arise  from  high  super velocities  near 
the  inlet  lip  and  from  adverse  pressure  gradients  in  the  boat-tailled  area.  If  the  nacelle  is  mounted 
adjacent  to  a  swept  wing  the  mounting  structure  can  Interrupt  the  isobar  pattern  of  the  wing  flow  and 
cause  severe  strengthening  of  the  shock  pattern  on  the  upper  surface  in  high  speed  flight. 

Figure  1  shows  the  type  of  Installation  to  be  discussed  here.  A  forward  location  of  the  nacelle 
places  the  boat-tailling  so  that  its  effect  can  be  offset  by  the  acceleration  of  flow  around  the 
leading  edge  of  the  wing.  Thus  the  peak  suction  on  the  wing  can  be  locally  reduced.  However,  the 
plan  view  shows  the  problem  of  flow  constriction  which  occurs  in  the  Inboard  junction.  This  must  be 
relieved  by  adjusting  the  Inboard  nacelle  lines  in  the  region  of  the  wing  leading  edge  so  as  to  regain 
a  streamline  flow  similar  to  that  of  the  wing  alone.  The  principles  Involved  are  explained  in  Figure 
2.  Typical  wing  upper  surface  pressure  gradients  are  shown  to  deflect  an  approaching  streamline  in  a 
manner  different  to  that  of  the  lower  surface  pressure  gradients.  Figure  2(b)  Illustrates  the  effect 
on  the  flow  field  of  adding  an  infinite  vertical  plate  aligned  with  the  freestream  approaching  an 
infinite  swept  wing.  Before  the  plate  is  added,  two  undisturbed  streamlines  approach  the  wing  and 
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follow  the  paths  Indicated  over  the  upper  and  lower  wing  surfaces.  If  the  plate  Is  then  added  midway 
between  these  two  approaching  streamlines,  the  wing  span  load  distribution  Is  perturbed  as  shown  ’n 
the  lower  half  of  the  figure.  The  portion  of  the  plate  over  the  wing  upper  surface  Is  at  an  angle  of 
attack  to  the  flow  of  the  undisturbed  streamlines.  Negative  pressures  develop  on  the  left  side  of  the 
plate  and  positive  pressures  on  the  right  side.  On  the  wing  lower  surface,  the  effect  of  the  plate  is 
not  as  pronounced,  since  its  angle  of  attack  to  the  undisturbed  lower  surface  streamlines  is  much 
smaller.  Therefore,  the  wing  loading  is  increased  to  the  left  of  the  plate  and  decreased  to  the 
right.  From  consideration  of  the  plate  as  one  side  of  a  fuselage  or  of  a  nacelle,  it  is  apparent  that 
failure  to  streamline-contour  such  a  surface  would  result  in  undesirable  changes  in  the  chordwise  and 
spanwise  pressure  distributions.  The  deterioration  would  include  isobar  and  shock  unsweeping  and  more 
adverse  pressure  levels,  pressure  gradients,  and  load  distribution. 

The  objective  at  a  given  high  speed  cruise  condition  should  be  to  achieve  local  Mach  numbers  no  higher 
than  those  of  the  wing  alone  in  the  inboard  junction  and  lower  than  those  of  the  wing  alone  in  the 
outboard  junction.  Care  must  be  taken  to  minimize  any  lift  loss  by  mounting  the  pod  as  low  in 
relation  to  the  wing  as  is  practicable.  Then  the  final  result  should  demonstrate  a  degree  of 
favorable  interference  similar  to  that  obtained  in  an  early  Boeing  test  and  shown  in  Figure  3. 


Figure  1.  Configuration  Geometry 
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Figure  2 fa).  Streamline  on  a  Swept  Wing 
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Figure  2(b).  Effect  of  a  Vertical  Plate  on  the 
Flow  Field  of  a  Swept  Wing 


Figure  3.  Drag  Effect  of  Contouring  Oyerwing  Nacelles 


Figure  4.  Winglet  Flow  Environment 
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4.  KINGLETS 

The  winglet  interference  problem  exhibits  similar  and  some  different  characteristics.  Referring  to 
Figure  4,  it  can  be  seen  that  the  basic  effect  of  the  winglet  must  be  to  inhibit  flow  around  the  wing 
tip  thus  increasing  the  lift  carried  by  the  wing  near  the  tip  and  reducing  induced  drag  at  a  given 
value  of  lift.  A  close  examination  of  the  winglet  environment  shows  (Figure  4)  that  it  is  inmersed  in 
a  cross  flow.  If  the  winglet  is  loaded  in  the  same  sense  as  the  wing  the  vertical  sheet  of  trailing 
vortices  causes  a  cross  flow  in  the  opposite  direction  thus  creating  opportunities  for  favorable 
interference.  Expressing  this  in  another  way  the  cross  flow  induced  by  the  wing  rotates  the  vector  of 
force  on  the  winglet  forward  thus  reducing  the  net  drag  increment. 

In  this  way  a  well  designed  winglet  will  be  significantly  more  successful  than  would  be  indicated  by 
the  "endplate  effect"  alone.  A  secondary  interference  problem  exists  in  the  junction  between  wing  and 
winglet.  Care  must  be  taken  to  avoid  excessive  adverse  pressure  gradients  which  might  arise  from  the 
superposition  of  the  two  thickness  forms.  In  this  regard  note  that  a  winglet  mounted  downwards  might 
be  easier  to  design  and  offers  the  same  opportunities  for  reduction  of  drag.  Also,  the  existence  of  a 
dihedral  angle  on  the  wing  or  an  outward  cant  of  the  winglet  will  be  beneficial. 

Comparisons  between  winglets  and  wing  tip  extensions  involve  the  complete  aerodynamic  and  structural 
design  of  the  wing.  On  the  basis  of  purely  aerodynamic  considerations  the  increase  in  span  will 
probably  always  be  superior.  Wing  bending  moments  may,  however,  be  greater  for  a  given  performance 
improvement.  Note  that  the  bending  moment  induced  by  the  lateral  force  on  the  winglet  is  relatively 
small,  particularly  over  the  inboard  part  of  the  wing.  This  possibility  has  led  to  consideration  of 
winglets  canted  in  front  elevation  in  order  to  determine  the  best  compromise  between  the  penalty  in 
wing  bending  moment  and  the  improvement  in  induced  drag. 

The  application  of  winglets  to  existing  airplanes  as  product  improvement  items  is  obviously  very 
important  since  in  such  cases  the  tolerable  increases  in  wing  bending  moments  are  strictly  limited. 
Careful  design  may  therefore  maximize  the  performance  benefits  available  within  a  given  wing  strength. 

5.  FLOW  COMPUTATION  AND  AERODYNAMIC  DESIGN 


Ail  the  theoretical  studies  associated  with  the  nacelle  and  winglet  work  described  in  this  paper  were 
accomplished  using  the  subsonic  paneling  computer  program  developed  at  Boeing  known  as  A-230.  This 
code  is  based  upon  a  three-dimensional  potential  flow  solution  to  the  inviscid  flow  equations.  The 
basic  incompressible  solution  is  modified  to  account  for  subsonic  compressibility  effects  by  means  of 
the  Gothert  rule. 

The  program  (see  References  1,  2  and  3)  is  basically  a  computational  routine  which  calculates  the 
strength  of  source  and  doublet  sheets  distributed  over  arbitrary  surfaces  so  as  to  satisfy  a  given  set 
of  boundary  conditions  on  those  surfaces.  Flow  quantities  on  the  surface  and  in  the  space  around  are 
then  calculated  and  can  be  integrated  to  provide  forces  and  moments.  Usage  of  the  program  is  quite 
general  with  no  distinction  between  applications  to,  say,  a  wing  body  problem  or  a  nacelle  problem. 
It  is  applicable  equally  to  external  airplane  flows  and  to  internal  flows  in  inlets,  ducts  or  wind 
tunnels. 

Green's  theorem  establishes  that  the  velocity  potential  at  any  point  in  a  flow  field  can  be  expressed 
in  terms  of  the  induced  effects  of  source  and  doublet  (or  vortex)  sheets  distributed  on  the  boundary 
surfaces.  Existence  and  uniqueness  theorems  enable  the  formulation  of  properly  posed  boundary  value 
problems  for  modeling  of  a  real  physical  flow  field.  In  order  to  set  up  a  computational  method 
suitable  for  high  speed  digital  computers,  the  boundary  surfaces  are  divided  into  small  panels  which 
are  arranged  in  networks.  Source  and  doublet  strengths  are  assigned  to  each  panel  and  are  determined 
by  the  solution  of  a  set  of  linear  algebraic  equations  relating  the  singularity  strengths  to  the 
boundary  conditions.  The  code  is  currently  operational  on  the  CDC  6600  computer.  Recent  developments 
incorporating  curved  panels  with  varying  source  and  doublet  strengths  across  their  surfaces  are  being 
incorporated  in  the  PANAIR  computational  system  and  are  described  in  Reference  4.  These 
sophistications  were  not  employed  in  the  work  to  be  described  here. 

Source  Panels:  These  are  four-sided  and  defined  by  the  spatial  coordinates  of  the  corners.  The  panel 
is  coplanar  with  the  midpoints  of  the  lines  connecting  adjacent  corner  points.  One  boundary  condition 
per  panel  is  used.  This  is  a  statement  specifying  the  spatial  coordinates  of  the  boundary  point,  the 
direction  corners  of  a  unit  vector  and  the  desired  velocity  component  along  that  unit  vector.  For  an 
impermeable  surface,  then,  the  boundary  conditions  are  specified  as  in  Figure  5(a).  The  boundary 
point  is  positioned  at  the  panel  centroid,  the  unit  vector  is  normal  to  the  plane  of  the  panel  and  the 
specified  velocity  is  zero. 

Doublet  Panels:  These  are  defined  by  the  four  corner  points  as  above.  Since  a  constant  strength 
doublet  sheet  Induces  the  same  velocity  field  as  a  line  vortex  lying  along  its  perimeter,  a  doublet 
panel  (Figure  5(b))  may  also  be  viewed  as  a  quadrilateral  ring  vortex.  Thus  a  network  of  doublet 
panels  (Figure  5(c))  provides  the  same  flow  as  a  lattice  of  ring  vortices.  The  boundary  condition  is 
stated  in  exactly  the  same  way  as  for  the  source  panels.  Doublet  panels  are  particularly  suited  for 
the  representation  of  highly  curved  surfaces  such  as  ducts.  This  is  because  the  numerical  errors  due 
to  surface  curvature  are  of  second  order  in  the  angle  subtended  by  the  panel.  Doublet  panels  are  also 
used  within  a  boundary  surface  such  as  an  airfoil  in  order  to  provide  net  circulation.  In  this  case 
they  do  not  directly  control  the  external  flow  which  is  determined  by  the  panels  on  the  surface. 

The  doublet  panel  network  provides  a  complex  panel  building  block  which  can  be  used  to  simulate  a 
nearly  continuous  general  distribution  of  vorticity  by  a  method  of  superposition  of  panels.  This  is 
explained  in  Figure  6.  Note  how  the  single  doublet  panel  columns  are  superimposed  to  provide  a 
two-dimensional  vortex  surface.  The  extension  to  a  three-dimensional  surface  with  doublet  panel 
networks  allows  construction,  for  example,  of  trailing  vortex  sheets  composed  of  closely  spaced, 
nearly  continuous  vortex  elements. 
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Figure  5(a).  Boundary  Conditions  for  an  Impermeable  Surface 


Figure  5(b).  Constant -Strength  Doublet  Panel 
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Figure  6.  Construction  of  Two-Dimensional  Linearly 
Varying  Vortex  Surface  by  Superposition 
of  Doublet  Column  Panels 
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Figure  5(c).  Doublet  Network  Panel 


Figure  7.  Internal  Doublet  Column  Representation 
Suitable  for  Moderately  Thick  Airfoil 


Wing  Modeling  -  For  a  thin  wing  where  the  normal  velocity  component  is  continuous  across  the  surface, 
doublet  networks  are  used.  A  thick  wing  is  represented  by  surface  source  networks  with  doublet  panel 
columns  internally  as  shown  on  Figure  7.  The  internal  flow  will  then  be  approximately  parallel  with 
the  Internal  camber  line  and  the  surface  source  strengths  will  approximate  to  the  rate  of  change  of 
airfoil  thickness.  For  highly  cambered  airfoils  or  for  high  angles  of  attack  this  single  internal 
weighting  may  not  suffice.  Then  two  Internal  doublet  networks  are  used  simulating  the  loadings  due  to 
angle  of  attack  and  camber  respectively.  In  this  case  an  additional  boundary  condition  is  required 
and  a  convenient  requirement  is  that  of  flow  parallel  to  the  camber  line  at  mid  chord. 

Nacelle  Modeling  -  Where  the  objective  is  to  investigate  interference  flows  on  a  wing  surface,  this  is 
done  most  economically  with  a  doublet  lattice  shell  on  the  exterior  surface  of  the  nacelle.  Kutta 
conditions  are  applied  around  the  exit  and  the  trailing  vorticity  is  simulated.  If  surface  pressures 
on  the  nacelle  are  required,  source  panels  are  provided  on  the  interior  and  exterior  nacelle  surfaces 
and  Interior  doublet  panels  are  used  to  provide  the  Kutta  condition  and  the  trailing  vorticity.  The 
effect  of  the  jet  can  be  simulated  by  identifying  a  jet  boundary  shape  and  panels  simulating  the 
distribution  of  entrainment  are  then  positioned  on  the  jet  boundary. 

Typical  Results  -  A  large  number  of  examples  have  been  published  of  paneled  designs  and  comparisons  of 
theoretically  computed  pressures  with  test  data.  A  relatively  simple  one  is  given  here  primarily  to 
illustrate  the  method.  Figure  8  shows  the  surface  panel  representation  of  the  Boeing  737  airplane  and 
the  doublet  network  used  to  model  the  wing  mounted  engine.  Comparisons  with  theory  and  experiment  are 
shown  with  nacelles  both  on  and  off.  A  design  capability  is  provided  in  the  code  so  that  the  inverse 
problem  can  be  solved  to  determine  an  aerodynamic  shape  which  will  produce  a  given  pressure 
distribution. 
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Figure  8.  Test  and  Theory  Comparison  Showing  Influence  of  Close-Coupled 
Nacelle  Installation  on  Wing  Surface  Pressures,  Boeing  737 


UPPER  SURFACE  BLOWING  NACELLES 

A  good  example  of  application  of  this  potential  flow  design  process  to  an  aerodynamic  interference 
problem  is  that  of  nacelles  mounted  on  the  upper  surface  of  a  swept  wing.  The  purpose  of  this 
configuration  is  to  obtain  powered  lift  at  low  speeds  by  blowing  engine  exhaust  air  over  the  upper 
surface  of  the  wing  and  a  deflected  flap.  The  work  was  done  by  Boeing  under  contract  to  NASA  and  is 
reported  in  References  5  and  6.  The  design  condition  for  the  study  was  chosen  to  be  at  a  Mach  number 
of  0.8  and  a  lift  coefficient  of  0.2.  The  wing  was  swept  at  30°  (quarter  chord).  An  engine  bypass 
ratio  of  10  was  selected  in  order  to  meet  a  noise  goal  of  55  EPNdB  at  153m  (500  ft)  sideline  distance 
at  takeoff  and  landing. 

Both  two-  and  four-engine  designs  were  studied  using  an  existing  wing  and  body  design.  Preliminary 
designs  were  created  using  approximate  wing  and  body  streamlines  for  the  inboard  contours  of  each 
nacelle  and  allowing  the  outboard  contours  to  develop  as  required  to  provide  the  required  nacelle 
internal  volume.  The  spanwise  location  of  these  nacelles  was  selected  to  provide  optimum  coverage  of 
the  trailing  edge  flap  by  the  exhaust  flow.  That  part  of  the  aerodynamic  design  does  not  concern  us 
here,  but  was  dictated  by  the  requirement  for  the  aeroplane  to  operate  to  and  from  a  610m  (2000  ft) 
field.  A  0-shaped  exit  nozzle  was  chosen  together  with  a  flap  system  which  would  produce  a  smooth, 
radiused  upper  surface  when  extended  at  low  speeds  for  efficien*  vectoring  of  the  exhaust  flow. 

The  modeling  of  nacelles  for  upper  surface  blowing  must  be  accomplished  so  as  to  represent  the 
internal  flow  of  the  nacelle  and  to  expose  the  problems  of  interference  with  the  wing  flow  at  high 
speeds.  Figure  9  shows  the  paneling  used  to  model  the  surface  and  the  lifting  system.  The  Gothert 
rule  was  applied  for  compressibility  effects.  In  fact,  the  calculations  were  carried  out  at  a 
freestream  Mach  number  of  0.7  in  order  to  reduce  the  extent  of  supercritical  flow.  As  the  Mach  number 
is  increased  to  0.8,  the  wing  streamlines  will  remain  essentially  unchanged  in  the  plan  view.  They 
will,  of  course,  change  shape  considerably  in  the  side  view  as  expansion  to  high  transonic  Mach 
numbers  occurs,  but  the  critical  contours  of  the  nacelle  are  in  the  plan  view,  not  in  the  side  view. 
Therefore,  the  use  of  plan  view  wing  streamlines  generated  analytically  at  0.7M  was  judged  to  be  valid 
for  the  purpose  of  providing  suitable  aerodynamic  contours  at  0.8M. 

Preliminary  computations  provided  an  approximate  lift  curve  for  the  configuration  and  from  this  a 
design  incidence  of  zero  degrees  was  chosen.  Pressure  data  was  computed  initially  along  the  nacelle 
crown  and  keel  lines  and  also  along  lines  at  approximately  the  inboard  and  outboard  extremes  of  the 
nacelle  (3  o'clock  and  9  o'clock  positions  in  front  view).  As  an  example  of  this  cycle  1  data,  see 
the  pressure  distributions  along  the  inboard  side  of  the  nacelle,  Figure  10.  It  is  clear  that  the 
variation  of  pressure  along  the  nacelle  implies  a  boat-tail  angle  whereas  the  design  was  supposed  to 
follow  a  streamline.  This  and  other  modifications  were  exercised  in  a  second  cycle  and  the  isobar 
patterns  shown  in  Figure  11  were  achieved. 
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CLEAN  WING  BOEING  WIND  TUNNEL  TEST  RESULTS 


Figure  15.  Installation  of  Overwing 

Engine  on  High-Speed  Wing 

The  four-engine  design  was  evolved  similarly  through  two  cycles.  The  major  problem  in  the  four-engine 
design  is  illustrated  by  the  span  loading  of  Figure  12.  The  high  level  of  lift  between  the  nacelles 
makes  the  presence  of  a  shock  in  that  channel  almost  unavoidable.  The  design  process  is  to  offload 
that  part  of  the  wing  as  much  as  possible  so  that  the  shock  is  not  too  strong  and  to  contour  the 
nacelles  so  that  the  shock  will  be  swept  to  about  the  same  degree  as  the  wing.  In  achieving  this 
latter  objective  it  is  the  contouring  of  the  inboard  side  of  the  outboard  nacelle  which  if  crucial. 

Figure  13  illustrates  the  isobar  pattern  on  the  upper  surface  of  the  wing  and  nacelles.  The  isobars 
on  the  outboard  part  of  the  wing  were  not  determined  all  the  way  to  the  tip,  but  are  expected  to  be 
relatively  undisturbed.  The  pressure  distribution  over  the  two  nacelles  is  well  behaved  and  similar 
in  nature  to  that  of  the  two-engine  D-nozzle  nacelle.  On  the  forward  part  of  the  wing,  the  isobar 
sweep  outboard  of  the  nacelles  is  continued  inboard  between  the  nacelles  and  on  the  wing  inboard  of 
the  nacelles.  In  the  channel  between  the  nacelles,  this  favorable  sweep  is  an  encouraging  aspect  of 
the  design,  although  the  isobars  are  expected  to  become  distorted  and  unswept  at  higher  Mach  numbers 
in  the  wind  tunnel.  The  sweep  of  the  inboard  forward  isobars  has  unexpectedly  deteriorated  slightly 
as  compared  to  the  two-engine  D-nozzle  case.  The  isobars  between  the  nacelles  suggest  that  a  wing 
shock  could  emanate  from  both  corners  of  the  exit.  The  crucial  aspect  of  this  design  is  whether  the 
two  parts  of  this  shock  can  be  made  to  merge  into  a  single,  swept  shock  in  which  energy  losses  would 
be  small. 

Following  this  theoretical  work,  test  hardware  was  built  by  NASA  to  the  lines  determined  as  above  for 
the  two-engine  design  and  test  data  is  expected  to  be  available  this  year.  A  concurrent  in-house 
study  at  Boeing  led  to  a  similar  two-engine  over-wing  design  for  which  test-theory  comparisons  between 
test  data  and  theory  are  available,  as  shown  in  Figure  14.  The  wing  had  a  sweep  angle  of  27°  but 
was  otherwise  similar.  Discrepancies  between  test  and  theory  are  seen  to  be  small  except  where 
supercritical  flow  is  present.  Here  presumably  the  Gothert  compressibility  correction  breaks  down. 
Figure  15  shows  the  force  measurements  taken  in  the  Boeing  wind  tunnel  test  indicating  he  improvement 
obtained  by  contouring.  Note  the  effect  on  the  shock  pattern.  With  contouring,  the  sweep  of  the 
shock  is  reasonably  well  maintained  across  the  wing  span  so  that  the  associated  losses  in  energy 
return  to  about  the  level  for  the  wing  alone. 

DESIGN  OF  WINGLETS  FOR  THE  YC-14  AM ST  AIRPLANE 

This  study  was  conducted  under  contract  (F33615-76-C-0740)  with  the  USAF  Flight  Dynamics  Laboratory  at 
the  Wri ght-Patterson  Base  in  Ohio  and  is  reported  in  Reference  7.  Included  were  parametric 
investigations  of  winglet  area,  aspect  ratio  and  cant  angle.  Variations  of  structure  weight  due  to 
changes  in  wing  bending  moment  were  included.  Thus  the  overall  variation  in  airplane  performance  was 
estimated  by  the  formula  shown  in  Figure  16.  The  change  in  induced  drag  was  estimated  by  means  of  a 
vortex  lattice  computer  program.  The  parasite  drag  includes  skin  friction,  profile  and  interference 
drag  estimated  by  semi-empirical  methods. 

The  winglet  design  process  started  with  determination  of  a  span  loading  for  minimum  induced  drag. 
Camber  and  twist  distributions  were  selected  from  vortex  lattice  computations  and  a  supercritical 
airfoil  section  was  chosen.  Finally,  the  geometry  was  paneled  for  the  3D  potential  flow  analysis 
program  and  final  tailoring  accomplished  on  that  basis.  Since  the  YC-14  (see  photograph.  Figure  17) 
is  a  high  wing  aeroplane,  advantage  was  taken  of  the  lower  velocities  underneath  the  wing  to 
concentrate  most  of  the  effort  on  downward  winglets.  Figure  18  shows  the  scope  of  the  parametric 
study  and  Figure  19  shows  the  typical  effect  of  a  well  designed  winglet  on  the  span  loading  of  the 
wing.  The  primary  outputs  of  the  parametric  study  are  summarized  in  Figure  20  where  typical  changes 
in  induced  drag,  wing  root  bending  moment  and  weight  are  shown. 

Finally,  the  performance  effects  of  the  winglets  considered  can  be  summarized  as  in  Figure  21.  At 
this  stage  it  is  apparent  that  there  is  a  favorable  variation  of  cant  angle  towards  the  limit  where 
the  winglet  becomes  a  span  extension.  It  is  interesting  to  note  that  for  upward  winglets  aspect  ratio 
is  a  fairly  powerful  parameter,  whereas  for  downward  winglets  it  appears  to  have  little  effect. 
Operating  weight  considerations  biased  the  choice  of  winglet  towards  small  area  ratios.  Operational 
limitations  also  favored  a  minimum  increase  in  span.  For  these  reasons,  an  aspect  ratio  of  2.0,  area 
ratio  of  .0319  and  cant  angle  of  160°  were  chosen.  Sweep  and  taper  ratio  variations  affected  the 
performance  benefit  to  a  small  degree  only  and  values  of  30°  and  0.4  respectively  were  chosen  in 
order  to  minimize  possible  effects  on  flutter  margins.  Thus  an  overall  performance  improvement  of 
4.6*  was  indicated.  This  figure  includes  5.6*  aerodynamic  drag  reduction  and  about  1*  equivalent 
increase  due  to  structure  weight. 
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Figure  18.  Winglet  Parametric  Study 
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Figure  19.  Effect  of  Winglet  on  Wing  Span  Loading 
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Figure  20.  Parametric  Winglet  Effects 
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Figure  21.  Net  Airplane  Drag  Reduction  Used  in  Winglet  Selection 


Tailoring  of  the  winglet  airfoil  section  was  conducted  by  means  of  the  3D  potential  flow  program  and 
test-theory  comparison  for  the  initial  winglet  design  FI  are  shown  in  Figure  22.  Computed  pressure 
distributions  on  the  wing  near  the  tip  and  on  the  winglet  are  shown  in  Figure  23.  These  explain  the 
nature  of  the  favorable  interference  which  has  been  achieved.  The  suction  on  the  upper  surface  of  the 
wing  is  increased  slightly  as  a  result  of  the  reduced  downwash.  This  is  because  a  large  part  of  the 
trailing  vorticity  which  was  previously  shed  from  near  the  wing  tip  is  now  shed  over  the  span  of  the 
winglet.  The  pressure  on  the  lower  surface  of  the  wing  is  increased  significantly  as  a  result  both  of 
the  reduced  downwash  and  of  the  reduced  outward  flow  on  the  wing  surface.  The  winglet  carries  a  side 
force  which  is  vectored  slightly  forwards  as  a  result  of  the  sidewash  induced  locally  by  the  wing. 
These  effects  provide  a  significant  improvement  in  drag  without  a  large  increase  in  wing  root  bending 
moment  since  the  proportion  of  the  wing  span  which  is  affected  Is  small,  as  is  the  arm  of  the 
sideforce  on  the  winglet.  It  is  important  that  the  load  at  the  base  of  the  winglet  should  match  that 
on  the  adjacent  part  of  the  wing  so  that  no  vorticity  is  shed  at  the  junction.  An  important  corollary 
of  these  arguments  is  that  the  benefits  of  a  winglet  in  terms  of  reduced  induced  drag  will  be  greater 
if  the  original  wing  is  more  highly  loaded  near  the  tip. 

The  winglets  were  tested  in  the  Boeing  Transonic  Tunnel  at  Mach  numbers  from  0.50  to  0.74.  Nominal 
Reynolds  numbers  ranged  from  3  to  4  million  per  foot.  The  30  potential  flow  studies  indicated  some 
improvements  which  were  incorporated  in  a  second  winglet  design  denoted  F2.  The  differences  in  twist 
and  camber  are  shown  in  Figure  24.  The  revised  winglet  design  was  indeed  the  better  of  the  two 
(Figure  25).  Figure  26  shows,  in  tabular  form,  the  predicted  and  measured  drag  increments.  These  are 
in  good  agreement  so  that  the  prediction  methods  can  be  considered  to  be  reliable. 

Lift  and  pitching  moment  data  showed  relatively  minor  effects  due  to  incidence.  In  addition,  lift  and 
pitching  moment  increments  due  to  winglets  did  not  vary  significantly  with  Mach  number  in  the  range  of 
the  test.  At  a  constant  lift  coefficient,  the  winglets  generate  a  more  negative  pitching  moment  and 
allow  the  airplane  to  fly  at  a  lower  angle  of  attack. 

In  surmiary,  parametric  studies  provided  data  for  predictions  of  performance  improvements  from  a  wide 
range  of  optimized  winglet  geometries.  In  the  selected  case  a  detailed  tailoring  of  the  winglet  lines 
was  accomplished  and  the  predicted  performance  was  slightly  exceeded  in  the  wind  tunnel.  Further 
studies  of  winglet  applications  to  the  YC-14  could  therefore  be  made  on  the  basis  of  the  analytical 
data.  As  an  example,  see  the  predictions  of  Figure  27  where  a  winglet  of  slightly  larger  aspect  ratio 
and  area  will  produce  a  net  improvement  of  6 . 256  in  range. 
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Figure  26.  Winglet  Test  Theory  Increment  Comparison 


Figure  24.  Revised  Winglet  Twist  and  Camber 
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Figure  25.  Effect  of  Mach  Number  on  Winglet  Dreg  Reduction 
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Figure  27.  Dreg  Summery  for  Parametric  Reference  Winglet 
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Figure  28.  Typical  Winglet  Application  to  KC-135 


DESIGN  OF  KINGLETS  FOR  THE  KC-135  AIRCRAFT 

There  is  little  doubt  that  one  of  the  principal  virtues  of  winglets  is  that  they  afford  a  significant 
performance  improvement  as  a  retrofittable  modification  which  has  minimal  impact  on  the  structure  or 
operation  of  the  aircraft.  Increments  in  wing  bending  moments  are  small  and  there  need  be  no  increase 
in  wing  span.  The  USAF  decided,  therefore,  to  study  the  possibility  of  demonstrating  winglet  effects 
in  flight  on  an  existing  military  aircraft.  Both  the  KC-135  and  the  C-141  were  evaluated.  The  KC-135 
was  chosen  partly  because  its  wing  has  an  appreciable  dihedral  which  would  be  favorable  to  the 
installation  of  an  upward  winglet.  Figure  28  shows  the  installation  which  was  envisaged. 

The  design  was  based  upon  a  study  conducted  previously  for  the  B747  airplane  and  the  work  was  carried 
out  by  Boeing  under  contract  to  the  USAF.  It  is  reported  in  References  8  and  9.  An  alternative  type 
of  winglet  (Figure  29)  was  analyzed  during  the  early  part  of  the  study.  This  had  an  upward  wii.glet 
mounted  in  an  aft  location  with  a  smaller  downward  winglet  forward  of  it.  The  effects  of  upward 
winglet  cant  and  of  the  addition  of  the  downward  winglet  are  shown  in  Figure  30.  With  the  upward 
winglet  at  0°  cant  and  no  downward  winglet  there  is  a  noticeable  valley  in  the  wing  pressure 
distribution  at  30X  chord.  The  flow  accelerates  over  the  winglet,  causing  an  aft  peak  to  develop  on 
the  wing.  This  type  of  pressure  distribution  is  undesirable  because  of  the  possibility  of  shock 
development  and  separation  problems.  When  the  winglet  is  canted  20°  outward,  there  is  some 
improvement  in  the  pressure  distribution.  The  valley  is  filled  in  slightly,  and  the  aft  peak  drops 
and  moves  forward.  Lower  surface  pressures  show  some  increase.  The  addition  of  the  downward  winglet 
has  similar  beneficial  effects.  The  valley  is  filled  in  considerably  more  than  with  cant,  but  the  aft 
peak  does  not  drop  quite  as  much.  The  noticeable  increase  in  pressure  on  the  lower  surface  brings  to 
light  an  important  use  of  the  downward  winglet.  Suppose  that  the  outboard  wing  section  cannot  carry 
the  desired  increase  in  loading  through  reduction  of  upper  surface  pressures.  A  downward  winglet 
could  be  added  so  that  part  of  this  load  is  carried  by  increasing  the  lower  surface  pressures.  This 
might  improve  the  upper  surface  flow  enough  so  that  the  section  would  work  properly.  The  analysis  of 
the  addition  of  a  downward  winglet  indicated  a  2*  reduction  in  induced  drag.  The  downward  winglet 
also  reduced  the  upward  winglet  leading-edge  pressure  peaks  to  provide  pressure  gradients  which  are 
more  favorable  to  the  boundary  layer.  This  configuration  would  therefore  be  suitable  for  the  low 
speed,  high  lift  conditions  that  produce  locally  high  sidewash  at  the  wing  tip. 

As  long  as  an  adequate  solution  could  be  found,  it  was  decided  to  retain  a  simple  upward  winglet.  As 
in  the  YC-14  study  discussed  above,  an  extensive  parametric  study  was  conducted  of  winglet  geometry. 
This  covered  winglet  sweep  from  30°  forward  to  60°  aft,  area,  length,  taper  ratio  and  cant.  This 
last  study  was  interesting  in  that  the  cant  was  studied  both  at  constant  span  and  variable  span. 
Figure  31  shows  the  variation  in  Induced  drag  produced  by  these  two  approaches.  At  constant  span  the 
vertical  winglet  is  optimum  although  not  significantly  better  than  the  winglet  canted  at  60°.  With 
variable  span  the  improvement  due  to  the  vertical  winglet  is  almost  doubled  with  a  cant  angle  of  90° 
(span  extension). 

The  winglet  selected  for  test,  had  a  root  chord  equal  to  6056  of  the  wing  tip  chojt,  a  taper  ratio  of 
0.338,  leading  edge  sweep  of  37°  outward  cant  of  6°  and  a  height  of  0.135  wiV  semispan.  It  was 
positioned  chordwise  so  that  the  trailing  edge  of  its  root  section  was  at  the  trailing  edge  of  the 
wing.  This  minimized  the  adverse  pressure  gradients  in  the  junction  between  wing  and  winglet. 

Wind  tunnel  tests  at  high  and  low  speeds  were  conducted  at  the  NASA-Langley  Research  Center  in  the 
8-foot  transonic  wind  tunnel.  This  facility  is  a  pressure  tunnel  with  a  2.2  meter  square  test  section 
and  a  Mach  number  range  from  0  to  1.3.  At  high  speeds  the  winglet  behaved  satisfactorily  with  no  flow 
separation  within  the  flight  envelope  of  the  KC-135  aircraft.  As  expected,  the  first  signs  of 
difficulty  appeared  in  the  junction  on  the  upper  surface.  The  winglet  increased  lateral  stability 
directional  stability  and  side  force  due  to  sideslip.  These  changes  indicated  a  significant  favorable 
effect  on  the  unaugnented  Outch  roll  characteristics.  There  was  an  aft  shift  of  about  2%  chord  in 
aerodynamic  center  and  no  significant  change  in  Mach  tuck  characteristics. 


:•  k. 


At  low  speeds  tests  were  carried  out  at  30°  and  50°  flap  deflections.  There  were  negligible 
effects  on  longitudinal  handling  characteristics  but  a  small  deteriation  in  unaugmented  Dutch  roll 
damping  and  cross  wind  capability.  At  low  speeds  the  wing'et  lift  coefficients  are  much  higher  than 
in  cruise.  With  wing  flaps  extended  there  were  signs  of  incipient  separation  on  the  winglet  inboard 
surface.  It  was  suspected  that  the  high  speed  design  had  insufficient  camber  near  the  leading  edge 
for  best  low  speed  characteristics  and  it  was  decided  to  study  a  compromise  design  which  would  incur 
lesser  risk. 

Theoretical  calculations  were  used  throughout  to  support  the  development  work.  Figure  32  shows  the 
drag  improvement  obtained  at  low  speeds,  flaps  deflected  50°,  with  the  initial  winglet  designed  for 
operation  at  high  speeds.  Agreement  with  the  theoretical  model  is  fairly  good.  However  in  a  critical 
case  at  takeoff  with  30°  flaps  the  theoretical  pressure  distributions  showed  high  suction  peaks  and 
large  adverse  pressure  gradients  near  the  leading  edge.  It  was  decided  to  reduce  these  by  increasing 
the  camber  of  the  winglet  sections  in  order  to  reduce  leading  edge  incidence.  The  effects  of  this  are 
showr  in  Figure  33.  that  this  was  to  some  extent  an  iterative  process  is  apparent  from  the  notation 
Z5  of  the  modification  which  is  compared  with  the  original  design  12.  This  modified  winglet  was  run 
through  the  high  speed  computation  with  the  results  shown  in  Figure  34.  Comparisons  of  drag 
improvements  at  takeoff  and  at  high  speed  for  the  two  winglets  are  shown  in  Figure  35.  The 
differences  between  increments  in  drag  due  to  the  original  winglet  and  to  the  revised  winglet  are 
small.  A  satisfactory  low  risk  design  had  thus  been  achieved. 

Another  interesting  feature  of  the  study  was  the  trade  between  tip  extension  and  winglet.  Tip 
extensions  and  winglets  of  equal  area  and  length  were  compared  on  the  basis  of  performance  improvement 
and  bending  moment  increase.  Figure  36  shows  that  for  a  given  reduction  in  induced  drag  the  winglet 
produces  a  significantly  lower  increment  in  bending  moment. 

The  final  comparison  of  interest  here  is  shown  in  Figure  37  where  improvements  in  both  drag  divergence 
Mach  number  and  buffet  onset  are  shown  for  the  winglet.  These  are  based  on  wind  tunnel  test  data  on 
examining  breaks  in  lift  and  drag  curves.  The  high  speed  test  data  are  summarized  in  Figure  38 
showing  overall  drag  and  bending  moment  increments  in  terms  of  Mach  number  and  lift  coefficient.  At 
the  design  point  (0.78M  and  200,000  lb)  an  improvement  of  6.3*  was  established. 

Flight  testing  of  the  aircraft  is  currently  in  progress  and  results  are  substantiating  the  performance 
and  operational  characteristics  predicted  during  the  study  phase. 
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Figure  33.  Low-Speed  Surface  Pressures  With  Compromise  Winglet  Zg 
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Figure  37.  E  ffect  of  A  FFDL/Boeing  Wing  lets  on  KC  135A 

,  r,  .....  „  Initial  3uffet  and  Drag  Divergence  Boundaries 

are  36.  Comparison  of  Induced  Drag  and  Wing— Boot 

Bending  Moment  Increments  Between  Wing  lets 

and  Tip  Extensions 


0.70  V 

aWRBM  data  based  on  NASA- LRC  lest 
0-7®  O  of  KC-135A  half  model,  scale  =  0.07 

O  ^Based  on  airplane  drag  full-scale 

0.85  Q  Reynolds  number 

0.90  A 
0.95  □ 


Figure  38.  E  ffect  of  A  FFDL/Boeing  Wing  lets  on 
KC-  135A  Aerodynamic  Performance 
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CONCLUSION 


Favorable  aerodynamic  interference  effects  have  been  identified  and  demonstrated  in  configurations  of 
high  current  interest.  These  are  the  installation  of  slipper-type  nacelles  on  a  swept  wing  for  upper 
surface  blowing  and  of  winglets  at  the  tips  of  a  swept  and  unswept  wing  for  reduced  induced  drag.  The 
ability  of  modem  computing  techniques  to  predict  flow  characteristics  and  assist  in  design  for  low 
drag  has  been  demonstrated  in  these  cases. 
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SUMMARY 

Results  are  presented  from  a  study  to  define  and  evaluate  the  data  base  for  predict¬ 
ing  an  airframe/propulsion  system  interference  effect  shown  to  be  of  considerable 
importance,  inlet  external  drag.  The  study  is  focused  on  supersonic  tactical  aircraft 
with  highly  integrated  jet  propulsion  systems,  although  some  information  is  included  for 
supersonic  strategic  aircraft  and  for  transport  aircraft  designed  for  high-subsonic  or 
low-supersonic  cruise.  The  data  base  for  inlet  external  drag  is  considered  to  consist 
of  the  theoretical  and  empirical  prediction  methods  as  well  as  the  experimental  data 
identified  in  an  extensive  literature  search. 

The  state  of  the  art  in  the  subsonic  and  transonic  speed  regimes  is  evaluated.  The 
experimental  data  base  is  organized  and  presented  in  a  series  of  tables  in  which  the  test 
article,  the  quantities  measured  and  the  ranges  of  test  conditions  covered  are  described 
for  each  set  of  data;  in  this  way,  the  breadth  of  coverage  and  gaps  in  the  existing 
experimental  data  are  evident.  Prediction  methods  are  categorized  by  method  of  solution, 
type  of  inlet  and  speed  range  to  which  they  apply,  major  features  are  given,  and  their 
accuracy  is  assessed  by  means  of  comparison  to  experimental  data. 


NOMENCLATURE 


A  area 


Ac  inlet  capture  area  -  the  frontal  area  of  an  inlet,  projected  in  the  free-stream 

velocity  vector  direction;  for  axisymmetric  inlets,  the  area  is  bounded  by  the 
cowl  leading  edge,  for  others  it  is  bounded  by  the  cowl  leading  edge,  side 
plate  leading  edges  and  initial  ramp  leading  edge 


A 


MI 


C°A 

cdc,cDc 

Cdext 

C°I 

Cdsp 

Cdspil 


D  .  , 
add 


maximum  projected  frontal  area  of  inlet 
projected  frontal  area 
wing  reference  area 

additive  drag  coefficient,  D  ,,/q  A 

cowl  drag  coefficient  based  on  Ac  and  AMj,  respectively  (see  fig.  1) 
inlet  external  drag  coefficient,  based  on  Ac  (see  fig.  1) 
inlet  external  drag  coefficient,  based  on  Ayj 
side-plate  drag  coefficient,  based  on  Ac 
spillage  drag  coefficient,  based  on  Ac  (see  fig.  1) 
lip  suction  coefficient,  based  on  Ac  (see  fig.  1) 
pressure  coefficient,  (p  -  p^I/q^ 
cowl  lip 

additive  drag,  j  (p  -  p^JdA^ 


Kadd  additive  drag  correction  factor  [see  Eq .  (3)] 

M  Mach  number 

MFR  mass  flow  ratio  -  mass  flow  entering  the  inlet  ratioed  to  free-stream  flow 

through  Ac 

p  static  pressure 

q  dynamic  pressure 

V  velocity 

a  angle  of  attack 


id 


Subscripts 

crit  critical  value  (terminal  normal  shock  at  the  inlet  throat) 


t'  cowl  lip  plane 

ret  reference  value 

free  stream 


1.  INTRODUCTION 

In  advanced  tactical  aircraft,  the  airframe  and  propulsion  system  are  closely 
coupled  for  reasons  of  both  structural  and  aerodynamic  efficiency.  This  high  degree  of 
integration  leads  to  large  flow  interference  effects  which  significantly  affect  the 
ability  of  the  aircraft  to  perform  its  assigned  task.  Because  the  missions  of  these 
aircraft  tend  to  involve  combinations  of  supersonic  and  subsonic  portions,  the  optimiza¬ 
tions  afforded  a  point-desiqn  aircraft  are  not  available  and  the  problem  is  all  the  more 
act:  e. 


The  inability  to  accurately  estimate  airframe/propulsion  system  interference  effects 
at  an  early  stage  of  the  design  cycle  has  contributed  in  an  important  way  to  the  diffi¬ 
culties  encountered  in  developing  aircraft  that  successfully  achieve  the  performance 
predicted  for  them.  Part  of  the  problem  is  that  these  effects  are  typically  three- 
dimensional  and  highly  configuration  dependent,  making  their  analytical  prediction 
extremely  difficult,  at  best.  This  leads  to  a  high  reliance  on  experimental  data  derived 
from  existing  configurations.  However,  these  experimental  data  were  generated  for  the 
most  part  in  the  course  of  development  programs  for  specific  aircraft;  in  these  programs, 
the  usual  course  followed  was  that  of  empirically  "optimizing"  the  configuration  with 
respect  to  the  criteria  judged  most  important  in  the  particular  program  in  question. 

The  broad  mission  requirements  for  high  performance  for  these  aircraft  in  the  subsonic, 
transonic,  and  supersonic  speed  ranges,  at  high  and  low  altitudes,  have  led  to  an 
extensive  body  of  experimental  data,  but  there  has  been  no  attempt  to  make  the  experi¬ 
mental  coverage  complete,  uniform,  or  widely  available. 

In  ref.  1,  from  which  this  paper  is  drawn,  a  study  is  described  to  improve  on  this 
situation  of  an  uncertain  predictive  capability  and  a  disorganized,  fragmented  data  base. 
The  purpose  of  that  study  was  to  identify,  categorize,  and  evaluate  the  suitability  for 
preliminary  design  of  the  prediction  methods  and  experimental  data  available  for  the 
aerodynamic  interference  effects  associated  with  airframe/propulsion  system  integration. 
The  study  was  focused  on  interference  effects  affecting  the  external  aerodynamics  of 
supersonic  tactical  aircraft  with  highly  integrated  jet  propulsion  systems,  although  some 
information  was  included  for  supersonic  strategic  aircraft  and  for  transport  aircraft 
designed  for  high-subsonic  or  low-supersonic  cruise.  Experimental  data  and  prediction 
methods  for  ail  the  interference  effects  were  identified  and  classified,  and  an  evalua¬ 
tion  was  made  of  the  state  of  the  art  for  three  of  the  most  important;  the  effects  of 
the  airframe  on  inlet  flow  fields,  afterbody  drag,  and  inlet  external  drag. 

In  the  present  paper,  we  focus  on  inlet  external  drag  in  the  subsonic  and  transonic 
speed  regimes.  Although  it  is  not  a  phenomenon  that  arises  solely  from  the  installa¬ 
tion  of  the  propulsion  system  into  the  airframe  (an  inlet  operating  completely  isolated 
from  airframe  structures  exhibits  external  drag),  it  is  conventionally  regarded  as  an 
interference  effect  in  the  thrust-drag  bookkeeping  systems  in  common  use.  For  super¬ 
sonic  tactical  aircraft  designed  for  mixed  missions,  inlet  external  drag  is  of 
considerable  importance.  For  example,  it  is  shown  in  ref.  2  that  differences  in  inlet 
drag  for  candidate  inlet  designs  for  such  an  aircraft  result  in  differences  in  ranqe  of 
up  to  200  n.mi.  In  ref.  3,  a  30  percent  increase  in  inlet  drag  is  shown  to  reduce  the 
mission  range  for  such  an  aircraft  by  about  10  percent  if  the  drag  increase  occurs  in 
a  transonic  portion  of  a  mission  which  includes  subsonic,  transonic,  and  supersonic 
portions.  In  the  following,  based  on  an  extensive  literature  search  and  contacts 
with  those  active  in  the  fit  id,  tile  available  existing  exper l men t a  1  data  are  identified 
and  classified,  ami  the  state  of  the  art  is  assessed  by  present  inq  comparisons 
with  data  of  the  prediction  methods  in  the  open  literature.  While  we  have  attempted  to 
be  thorough,  our  collection  of  data  and  methods  is  doubtless  not  exhaustive;  in  particu¬ 
lar,  we  do  not  include  proprietary  information.  We  offer  ear  apologies  to  anyone  we  have 
overlooked . 

Inlet  external  drag  (Cdext'  is  a  portion  of  the  drag  attributable  to  an  inlet 
operating  at  an  arbitrary  Mach  number  and  mass  flow  ratio  (MFR) .  It  is  defined  to  be  the 
sum  of  the  drag  on  the  stagnation  streamtubo  (additive  drag,  Cn/i,  1  ,  the  drag  on  the  exter¬ 
nal  surfaces  of  the  cowl  ( C p , . ) ,  and  for  two-dimensional  inlets,  the  drag  on  the  external 
surfaces  of  the  sideplates  (C[>;p)  .  Cpic  an<*  (’Dsi>  are  usually  take  n  to  be  integrated 
pressure  drag  although  some  investigators  include  skin  trictic'i.  The  relationship's  of 
these  quantities  with  the  commonly  used  terms  spillage  drag  and  cowl  lip  suction  are 
schematically  illustrated  in  fig.  1  for  an  axisymmotrie  inlet  (thereby  avoiding  the 
complication  of  sidop’ate  drag)  .  Spillage  drag  (Cdspii,^  is  shown  to  be  the  cnanqe  in 
external  drag  an  the  mass  flow  ratio  is  decreased  from  the  reference  value  app'rop'r i a t e 
for  the  Mach  number  in  question.  Cowl  lip)  suction  (C]_q)  is  the  decrease  in  Cop  as  the 
mass  flow  ratio  is  decreased  from  this  reference  value.  The  experimental  data  for  inlet 
external  drag  and  related  terms  are  presented  and  categorized  in  Section  2,  while  the 
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applicable  prediction  methods  are  discussed  in  Section  3.  Conclusions  drawn  from  this 
work  are  presented  in  Section  4. 


2.  INLET  EXTERNAL  DRAG  -  EXPERIMENTAL  DATA 


As  previously  shown  in  fig.  1,  inlet  external  drag  consists  of  the  sum  of  integrated 
cowl  pressure  drag  and  additive  drag: 


C  =  C 
dext  dc 


+  c„ 


(1) 


For  a  nonax i symme  t  r ic  inlet,  the  drag  on  surfaces  such  as  sideplates  is  usually  ircjtti: 
separately,  but  for  simplicity  in  this  discussion  we  include  it  as  part  of  Cpo.  Refer¬ 
ring  to  fig.  1  and  the  following  definitions: 
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equation  (1)  can  also  be  written 
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In  compiling  the  experimental  data  base  for  inlet  external  drag  in  the  subsonic  er.d 
transonic  speed  regimes,  we  have  included  measurements  of  any  of  the  quantities  in  Kqs. 

(1)  -  (4),  The  references  comprising  this  data  base  are  listed  in  Table  1;  in  this 
table,  the  type  of  inlet,  the  test  configuration,  the  data  acquired,  a  d  the  range  of 

test  conditions  are  given  for  each  data  set. 

Each  inlet  in  Table  I  is  described  by  a  string  of  characters,  some  of  them  sub¬ 
scripted,  which  represent  the  main  characterist ics  of  the  inlet.  These  descriptors,  and 

the  characteristics  they  represent,  arc  listed  in  Table  II.  Absence  of  a  particular 
descriptor  for  a  given  inlet  means  that  characteristic  is  not  applicable  to  that  inlet, 
or,  as  in  the  case  of  the  design  Mach  number,  that  it  was  not  reported.  The  items  in 
Table  II  are  self-explanatory,  with  the  exception  of  the  conventions  for  sideplate  shape. 
These  are  schematically  illustrated  in  the  following  sketches  of  the  upstream  portion  of 
two-dimensional,  external-compression  inlets  with  two  fixed  horizontal  ramps  and  a  desiar. 
Mach  number  of  2.1.  Note  that  the  absence  of  the  descriptors  for  a  bypass  system  and.  a 
boundary-layer-control  system  implies  that  these  systems  do  not  exist  in  these  ir.lots. 


Other  examples  of  this  system  arc:  the  string  McC  ^ vy ilpfiP ?  .  '•  which  describes  an  ax i  sym¬ 
metric  mixed-compression  inlet  with  three  conical  external  compression  surfaces,  two  of 
which  are  variable,  a  boundary- layer-control  system  consist inu  of  porous  elements,  an 
operational  bypass  system,  and  a  design  Mach  number  of  2 .  r> :  and  the  string  P0  which 
describes  a  pitot  inlet  whose  capture  area  is  neither  circular  nor  rectangular. 


The  column  in  Table  I  after  the  inlet  cha  rac  ter  i  7.a  t:  i  on  identifies  the  dra  •  com¬ 
ponent  (s)  presented  for  that  inlet  in  the  reference  in  question.  The  next  column  shows 
the  test  configuration:  that  is,  whet  iter  the  inlet  was  tested  alone  or  in  tl.  -  presence 
of  a  forebody,  mounted  on  an  entire  fuselage,  etc.  '.’ext  come  a  series  of  columns  en- 
tainim)  the  ranges  of  Mach  number,  unit  Reynolds  number,  a  tea  1  e  of  attack  and  arn.-l,  cl 
sideslip  covered  for  each  inlet.  Finally,  the  remaining  columns  show  whothoi  if;  i.-ici: 
data  exist  to  evaluate  t  hr  separate  effects  of  cow]  shape,  sideplate  shape,  tamp  arc':'  , 
etc.,  on  the  drag  component  presrnted.  Special  o  i  re. mist  anoes  are  identified  in  the 
f  o 1 1 ow  t  nq  Tab  1 e  I . 
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3.  INLET  EXTERNAL  DRAG  -  PREDICTION  METHODS 
3.1  Methods  for  a  Component  of  Cd^xt 

In  this  section,  we  deal  with  methods  which  result  in  the  prediction  of  one  or  more 
of  the  components  of  Cd^xt  indicated  in  Eqs.  (1)  -  (4)  (e.g.,  Cls  or  cDa) •  Methods  of 

this  type  have  been  categorized  in  Table  III  by  the  inlet  type  and  the  speed  range  to 
which  they  apply.  Inlet  type  in  this  table  refers  to  a  pitot  inlet  of  either  axisym- 
metric  or  two-dimensional  shape,  or  an  inlet  which  is  either  of  two-dimensional  or 
axisymmetric  geometry  with  an  external  compression  surface.  Application  of  prediction 
methods- of  this  class  to  an  inlet  of  more  complicated  shape  (e.g.,  "kidney",  or  "chin", 
half-axisymmetric)  roust  be  done  on  an  ad  hoc  basis;  the  methods  are,  in  general,  derived 
for  the  simple  inlet  shapes  just  described.  Further,  it  should  be  noted  that  these 
methods  are  in  general  derived  for  use  at  zero  angles  of  attack  and  sideslip  in  a  uni¬ 
form  free  stream.  Adaptation  to  more  complicated  situations  is  required,  of  course,  and 
schemes  for  accomplishing  this  exist  (see,  for  example,  ref.  44),  but  the  approximations 
involved  are  over  and  above  those  fundamental  to  the  methods  themselves.  The  following 
comparisons  between  data  and  predictions  made  using  these  methods  are  for  a  uniform 
free  stream  at  zero  angles  of  attack  and  sideslip  because  published  comparisons  have 
not  been  found  for  the  more  general  situation. 

The  first  methods  from  Table  III  to  be  discussed  are  those  for  additive  drag.  In 
the  subsonic  and  transonic  speed  regimes,  this  calculation  is  typically  done  (refs.  27, 
44-48)  using  a  one-dimensional  momentum  analysis  on  a  control  volume  encompassing  the 
captured  airflow  and  extending  from  free-stream  conditions  to  the  cowl  lip  plane.  Such 
a  control  volume  is  illustrated  in  the  following  sketch  for  a  two-dimensional  inlet.  For 
simplicity,  viscous  forces  have  been  neglected  and  the  inlet  is  shown  at  zero  angle  of 
attack. 


One-dimensional  momentum  analysis  for  this  control  volume  gives 
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Calculation  of  CpA  using  this  approach  thus  requires  estimation  of  conditions  in  the 
cowl  lip  plane  as  well  as  the  pressure  force  on  the  external  compression  surface.  This 
latter  contribution  is  usually  treated  empirically. 

There  are  relatively  few  reported  comparisons  with  data  for  additive  drag  calculated 
in  this  way,  and  the  comparisons  which  do  exist  lead  to  somewhat  contradictory  conclu¬ 
sions.  For  example,  for  pitot  inlets,  in  refs.  9  and  57  it  is  shown  that  additive  drag 
is  accurately  predicted  using  one-dimensional  momentum  analysis,  although  in  ref.  9  the 
use  of  the  experimental  stagnation  point  location  was  required.  In  ref.  58,  however, 
values  calculated  in  this  way  are  generally  lower  than  the  presumably  more  accurate 
values  from  two-dimensional  incompressible  potential  flow  theory  with  the  Lieblein- 
Stockman  compressibility  correction  (fig.  2).  However,  because  no  comparison  with  data 
for  Cd»  was  made  in  this  reference,  no  definitive  conclusion  relative  to  the  accuracy 
of  either  prediction  method  can  be  drawn. 

For  a  two-dimensional  inlet,  the  version  of  the  momentum  analysis  given  in  ref.  27 
is  shown  in  ref.  43  to  give  very  poor  results  (fig.  3).  Measured  ramp  pressures  are 
presented  in  ref.  43  indicating  a  complicated  flow  which  is  obviously  not  well  repre¬ 
sented  by  inviscid  one-dimensional  theory.  While  more  comparisons  with  data  for  inlets 
with  external  compression  surfaces  would  be  desirable,  there  is  an  additional  considera¬ 
tion  which  reflects  adversely  on  the  potential  accuracy  of  the  method  in  this  case.  At 
a  given  M  and  MFR,  this  method  would  predict  the  same  additive  drag  for  an  axisymmetric 
inlet  with  conical  centerbody  of  cone  half-angle  8  as  for  a  two-dimensional  inlet  with 
the  same  throat-capture  area  ratio  and  a  wedge  angle  of  8  (excluding  allowance  for 
sidespill) .  However,  it  is  well  known  (e.g.,  ref.  39)  that  the  additive  drag  for  two- 
dimensional  inlets  is  higher  than  that  for  axisymmetric  ones  in  this  circumstance.  This 
is  due  to  the  higher  pressure  force  on  the  external  compression  surface  caused  by  sharper 
curvature  of  the  flow  in  the  two-dimensional  case.  Inclusion  of  an  allowance  for  side- 
spill  in  the  prediction  for  a  two-dimensional  inlet  (which  lowers  the  predicted  Cda>  does 
not  help  the  situation. 
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The  other  methods  for  Cdu  in  Table  III  are  those  from  refs.  49-52.  An  empirical 
correlation  for  pitot-inlet  additive  drag  is  given  in  ref.  49  and  is  shown  to  result 
in  adequate  predictions  for  some  cases.  However,  no  evaluation  of  the  bounds  of 
applicability  of  this  method  was  conducted.  In  ref.  50,  a  method  for  two-dimensional 
inlets  is  given  where  CDAcrit  is  calculated  from  one-dimensional  momentum  analysis  with 
an  experimental  data  correlation  used  for  the  ramp  contribution,  but  3Cda/3 (MFR)  is 
determined  as  a  function  of  from  a  correlation  of  data.  No  comparisons  with  data 
are  given,  however.  In  refs. “51  and  52,  solutions  are  given  for  CD^rit  for  inlets 
utilizing  right  circular  cones  at  zero  angle  of  attack  using  inviscia  conical  flow 
theory;  again,  no  comparisons  with  data  are  given. 

The  next  set  of  methods  in  Table  III  deals  with  the  estimation  of  change  in  cowl 
drag  with  reduced  mass  flow  (Cls>  by  means  of  empirical  correlations.  The  treatment  in 
ref.  53  is  one-dimensional  and  because  it  is  specified  by  the  author  to  be  inapplicable 
to  realistic  lip  shapes,  it  is  not  considered  further.  Three  of  the  remaining  methods, 
those  of  refs.  47,  54,  and  56,  have  a  reference  mass  flow  ratio  of  unity.  This  presents 
special  problems  and  these  methods  will  be  discussed  together. 

Cowl  lip  suction  in  these  methods  is  defined  as 

CLS  =  SC(MFR  =  1>  '  CDC  (6> 

In  ref.  54,  correlations  for  the  quantity  Cls/CDa  are  presented  as  a  function  of  (local) 
free-stream  Mach  number  with  Cqa  as  a  parameter.  Two  correlations  are  given,  one  for 
two-dimensional  inlets,  the  other  for  axisymmetric  inlets.  The  two-dimensional  correla¬ 
tion  is  assumed  to  include  the  effects  of  suction  on  the  lips  of  the  sideplates.  The 
data  used  to  generate  these  correlations  are  neither  identified  nor  shown.  Implicit  in 
this  approach  is  the  idea  that  inlets  exhibiting  the  same  levels  of  additive  drag  at  a 
given  Mach  number  will  have  the  same  Cls-  That  is,  all  the  dependence  of  Cls  on 
detailed  geometry  is  in  this  method  contained  in  Cda.  A  number  of  investigators,  how¬ 
ever,  have  shown  that  additive  drag  is  in  fact  relatively  insensitive  to  variations  in 
cowl  geometry,  while  the  variation  in  cowl  drag  with  mass  flow  ratio  is  not.  Based  on 
these  considerations,  one  would  not  expect  particularly  good  agreement  of  this  method 
with  data.  Nonetheless,  it  is  very  convenient  to  apply. 

This  point  is  investigated  in  fig.  4  by  comparing  Cls/Cda  as  a  function  of  Cda  for 
two  different  Mach  numbers  from  the  correlations  for  two-dimensional  inlets  in  ref.  54 
with  data  for  two  different  cowl  designs  from  ref.  27  (uniform  free  stream,  angle  of 
attack  =  angle  of  sideslip  =  0).  Agreement  of  the  correlation  with  the  data  is  seen  to 
be  poor  in  both  level  and  trend.  As  expected,  the  effect  of  cowl  geometry  is  clearly 
not  adequately  represented  by  its  effect  on  additive  drag. 

In  the  process  of  reducing  the  data  in  ref.  27  to  the  form  shown  in  fig.  4,  a  major 
disadvantage  of  the  representation  of  Eq.  (6)  became  apparent.  That  disadvantage  is 
the  choice  of  unity  as  the  reference  mass  flow  ratio.  Because  inlets  with  external 
compression  surfaces  cannot  in  general  achieve  MFR  =  1,  extrapolations  of  data  for 
CDC  (CDc  +  CDgp  for  two-dimensional  inlets)  are  required  to  allow  evaluation  of  Cls-  The 
extrapolations  required  for  one  of  the  Mach  numbers  in  fig.  4  are  shown  in  fig.  5.  The 
uncertainties  introduced  into  Cls  by  this  process  can  be  substantial,  making  comparisons 
with  data  extremely  difficult  to  interpret,  or  to  put  it  another  way,  making  correlations 
formulated  in  this  way  inherently  inaccurate. 

The  correlation  method  of  ref.  47  differs  from  that  of  ref.  54  in  that  the  effects 
of  two  geometric  quantities  are  explicitly  included.  These  quantities  (defined  in 
detail  in  ref.  47)  are  effective  cowl  lip  slope  and  capture-area  ratio.  Cls/CDa  is 
given  as  a  function  of  these  quantities  and  the  (local)  free-stream  Mach  number.  How¬ 
ever,  because  the  reference  mass  flow  ratio  is  unity  for  this  method,  the  preceding 
remarks  apply  here  as  well  and  comparisons  with  data  become  moot.  Similar  comments 
apply  to  the  method  of  ref.  56,  where  Cls/cDa  is  a  function  of  cowl  lip  angle,  camber, 
leading  edge  radius,  local  free-stream  Mach  number  and  Cda- 

The  difficulties  resulting  from  the  use  of  a  reference  mass  flow  ratio  of  unity  are 
avoided  in  ref.  55.  This  method  is  applicable  to  two-dimensional  inlets  and  employs 
curve-fits  of  the  lip-suction  data  from  ref.  27.  The  independent  variable  is  a  parameter 
depending  on  mass  flow  ratio,  throat  Mach  number,  capture-to-throat  area  ratio  and  the 
contraction  ratio  required  to  bring  a  reference  flow  to  sonic  velocity  isentropically 
(A/A*) .  For  subsonic  flows,  the  reference  flow  is  at  the  free-stream  Mach  number; 
for  supersonic  flows,  A/A*  is  evaluated  at  the  Mach  number  to  which  the  flow  is  assumed 
to  expand  at  the  end  of  the  cowl  area  change.  The  reference  value  of  the  independent 
variable  (where  lip  suction  is  zero)  is  taken  to  be  0.8  for  all  Mach  numbers.  For 
subsonic,  isentropic  inlet  flowB,  this  implies  that  the  reference  state  is  that  for 
which  the  throat  Mach  number  is  approximately  0.82.  No  such  simple  statement  of  the 
reference  condition  can  be  made  for  supersonic  flows. 

The  dependent  variable  is  expressed  in  terms  of  the  cowl  lip-suction  coefficient, 
the  effective  thickness-to-chord  ratios  for  the  cowl  and  the  ramp  (each  ratio  raised  to 
an  exponent  which  is  a  function  of  free-stream  Mach  number) ,  and  the  ratio  of  capture 
area  to  maximum  projected  inlet  area,  also  raised  to  a  Mach-number-dependent  exponent. 

The  curves  relating  the  dependent  and  independent  variables  4lso  have  Mach  number  as  a 
parameter.  Bands  are  displayed  on  these  mean  curves  to  show  the  limits  within  which  about 
95  percent  of  the  data  from  ref.  27  fall.  This  scatter  represents  among  other  things. 
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the  effects  of  different  sideplate  geometry  which  is  not  explicitly  treated  in  this 
approach. 

This  method  is  applied  to  a  two-dimensional  inlet  with  three  different  cowls  and 
two  different  sideplate  shapes  (ref.  26)  in  fig.  6.  The  comparisons  are  for  a  single 
external  ramp  (angle  =5°)  at  zero  angle  of  attack  for  a  free-stream  Mach  number  of  0.8. 
The  cowl  drag  measurements  shown  were  derived  in  a  uniform  free  stream  and  are  normal¬ 
ized  on  maximum  projected  inlet  area.  The  data  in  fig.  6(a)  are  for  an  elliptical  cowl 
with  a  leading-edge  radius  which  is  '1  percent  of  the  capture  height  and  with  full 
rectangular  sideplates  (see  ref.  26  for  details).  The  reference  mass  flow  ratio  shown 
is  calculated  using  the  criterion  in  ref.  55  and  is  in  excellent  agreement  with  the 
maximum  mass  flow  ratio  from  the  data.  Cowl-drag  coefficients  were  calculated  at  two 
mass  flow  ratios  by  the  method  of  ref.  55  by  applying  the  lip  suction  from  that  method 
to  the  extrapolated  experimental  cowl-drag  coefficient  at  the  reference  mass  flow 
ratio.  Note  that  the  extrapolation  required  by  the  reference  mass  flow  ratio  of  this 
method  is  of  a  much  more  reasonable  extent  than  for  the  methods  previously  mentioned 
with  MFRref  =  1.  The  predicted  cowl  drag  at  the  high  mass  flow  ratio  is  in  excellent 
agreement  with  the  data,  but  this  is  mostly  due  to  the  fact  that  a  very  small  amount 
of  lip  suction  is  involved  and  the  experimental  reference  cowl  drag  was  used.  At  the 
lower  mass  flow  ratio,  where  there  is  more  lip  suction,  the  agreement  is  not  as  good. 

A  band  is  shown  on  the  predicted  value,  reflecting  the  bands  on  the  correlation  bounding 
-95  percent  of  the  data  from  which  it  was  derived.  At  this  low  mass  flow  ratio,  the 
correlation  considerably  underpredicts  the  lip  suction. 

A  possible  contributing  factor  to  this  underprediction  is  the  fact  that  the  data 
from  ref.  26  came  from  a  model  with  full  rectangular  sideplates  which  would  essentially 
eliminate  sidespill,  enhancing  the  suction  effects  on  the  cowl.  Although  ref.  27 
includes  some  data  for  full  rectangular  sideplates,  it  is  not  clear  if  those  geometries 
are  included  in  the  correlation  of  ref.  55  (indeed  it  is  not  clear  if  the  correlated 
data  is  for  suction  on  the  lips  of  the  cowl  or  on  the  lips  of  the  cowl  and  sideplates) . 

If  the  correlation  only  includes  the  triangular-sideplate  geometries  of  ref.  27,  and  if 
it  is  for  lip  suction  on  the  cowl  only,  an  underprediction  for  lip  suction  would  be 
expected  for  the  case  of  fig.  6(a). 

A  portion  of  this  uncertainty  is  eliminated  for  the  case  of  fig.  6(b),  where  the 
data  are  for  the  same  cowl  as  fig.  6(a),  but  where  triangular  sideplates  were  used. 

Note  that  the  lip  suction  prediction,  which  differs  from  that  for  fig.  6(a)  only  by 
being  applied  to  a  different  reference  cowl  drag,  is  still  less  than  that  measured, 
although  at  the  low  mass  flow  ratio  the  agreement  is  improved. 

Figure  6(c)  shows  the  agreement  for  a  cowl  of  the  same  shape  as  in  fig.  6(a),  but 
for  an  increased  leading-edge  radius  (2  percent  of  the  capture  height) .  The  comparison 
is  again  for  the  full  rectangular  sideplates  because  that  is  the  only  case  for  which 
data  exist  in  ref.  26.  The  agreement  is  essentially  the  same  as  in  fig.  6(a)  and  the 
same  comments  apply.  Figure  6(d)  is  for  a  cowl  with  the  same  leading-edge  radius  as 
fig.  6(c),  but  of  different  shape  (although  it  is  still  elliptical,  the  point  of 
tangency  with  the  leading-edge  circle  is  different).  Agreement  is  improved  in  fig.  6(d). 
Although  the  experimental  data  show  a  considerable  effect  of  the  detailed  cowl  shape, 
predictions  from  the  correlation  do  not:  the  lip-suction  predictions  for  the  cases  of 
figs.  6(c)  and  (d)  are  essentially  the  same. 

The  final  set  of  methods  in  Table  III  deal  with  the  change  in  external  drag  with 
varying  MFR  through  the  Ka<jd  factor.  Use  of  this  factor  is  advantageous  if  some  freedom 
from  geometric  detail  is  gained  by  presentation  of  spillage  drag  data  in  this  form;  that 
is,  if  Kadd  is  a  correlating  parameter  which  achieves  some  "collapse"  of  the  original 
data  into  a  more  generalized  form.  Note  that  such  generality  of  Kadd  would  require 
differences  in  spillage  drag  to  be  reflected  in  additive  drag,  just  as  in  the  lip 
suction  methods  discussed  above.  If,  on  the  other  hand,  a  different  Kadd  is  required 
for  each  inlet  geometry,  no  real  advantage  exists  for  this  approach  as  compared  to  using 
the  original  spillage  drag  data.  This  point  is  examined  using  the  primary  source  for 
Kadd  factors,  the  previously  mentioned  systematic  investigation  of  ref.  27. 

In  this  investigation,  Kadd  was  evaluated  as  in  Eq.  (3) ,  using  experimentally 
determined  spillage  drag  and  the  additive  drag  increment  as  calculated  using  the  theory 
presented  in  ref.  27.  Data  are  shown  at  six  Mach  numbers  for  external-compression, 
two-dimensional,  two-ramp  inlets  with  various  combinations  of  ramp  angles,  four 
different  sideplate  shapes  and  six  cowl  designs,  all  measured  in  a  uniform  free  stream 
at  zero  angles  of  attack  and  sideslip.  The  Kadd  factors  determined  for  an  inlet  with  a 
design  Mach  number  of  3  tested  at  a  Mach  number  of  0.7  are  shown  as  functions  of  mass 
flow  ratio  in  fig.  7.  The  band  identified  as  being  due  to  variations  in  cowl  shape  is 
for  constant  inlet  geometry  except  for  variations  in  the  cowl  external  profile.  The 
other  Kadd  curves  reflect  changes  in  second-ramp  angle  and  sideplate  shape.  It  is  clear 
that  independence  from  geometric  detail  is  not  achieved.  If  a  correlation  were  to  be 
forced  onto  these  data  (e.g.,  by  using  some  average  Kadd  to  represent  all  the  geometries), 
the  deviations  from  this  mean  must  clearly  represent  sizable  uncertainty  in  evaluating 
the  effects  of  inlet  drag  on  airplane  performance  for  applications  where  spillage  is  at 
all  significant  in  comparison  to  total  airframe  drag. 
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3.2  Flow-Field  Methods 


These  methods  provide  a  complete  description  of  the  flow  field  in  the  vicinity  of  the 
inlet;  external  drag  and  its  components  are  available  by  a  straightforward  integration  of 
the  calculated  pressure  distribution.  Methods  of  this  type  are  shown  in  Table  IV,  where 
they  are  categorized  by  general  approach  and  the  geometry  to  which  they  apply;  all  of 
these  methods  are  applicable  in  the  subsonic  and  transonic  speed  regimes.  All  of  the 
methods  listed  as  applicable  to  two-dimensional  geometries  can  handle  non-zero  angle  of 
attack,  but  only  two  of  the  methods  for  other  geometries  (refs.  63  and  64)  can  do  so. 

This  is  so  because  only  these  methods  (intended  for  use  with  subsonic  design-point  inlets) 
are  designed  to  handle  a  three-dimensional  flow  field.  Calculation  of  three-dimensional 
inlet  flow  fields  is  only  just  beginning,  and  descriptions  of  this  work  are  very  scarce  in 
the  open  literature.  Additionally,  all  of  the  methods  except  that  of  ref.  65  are  inviscid, 
whereas  in  ref.  65  the  inviscid  streamtube  curvature  method  is  coupled  to  a  boundary-layer 
analysis.  This  is  obviously  an  option  available  for  use  with  all  of  the  other  methods, 
but  this  refinement  is  a  separate  problem  not  discussed  in  the  published  accounts  nor  in 
this  paper.  Analysis  of  the  boundary- layer  methods  available  for  use  in  inlet  calcula¬ 
tions  and  an  evaluation  of  their  success  is  clearly  beyond  the  scope  of  the  present  work. 

These  methods  provide  considerably  more  information  than  the  "partial"  methods 
of  the  last  section.  The  price  is,  of  course,  a  computational  cost  that  is  increased 
substantially  over  that  for  the  simple  methods;  in  fact,  in  most  of  these  methods,  the 
computational  requirements  are  clearly  in  excess  of  what  is  reasonable  for  preliminary 
design  purposes.  In  this  section,  a  selection  of  the  available  comparisons  with 
experimental  data  is  presented  to  allow  evaluation  of  the  accuracy  of  the  methods.  Note 
that  while  it  is  not  likely  that  every  implementation  of  the  general  approaches  listed 
in  Table  IV  that  exists  is  included  there,  it  is  felt  that  the  specific  implementations 
shown  are  representative.  To  take  account  of  the  trade-off  with  computational  costs 
that  exists  with  these  flow-field  methods,  computer  run  times  are  given  where  they  were 
reported.  Because  the  numerical  analysis  and  computer  programming  techniques  used  play 
a  very  important  role  in  the  implementation  of  these  methods,  the  accuracy  and  the 
computer  cost  demonstrated  for  a  particular  implementation  may  not  apply  to  others  of 
the  same  general  approach,  and  the  conclusions  drawn  may  be  generalized  only  with  care. 

The  first  solution  method  shown  in  Table  IV  is  the  numerical  integration  of  the 
unsteady  Euler  equations.  Both  of  the  references  listed  in  this  category  (refs.  29  and 
59)  are  applicable  to  two-dimensional  and  axisymmetric  geometries  in  all  speed  regimes, 
although  ref.  59  has  only  been  applied  in  the  supersonic  regime  to  date.  Reference  29 
presents  an  explicit  finite-difference  method,  while  ref.  59  uses  an  implicit  formula¬ 
tion  to  realize  the  computational  efficiency  this  affords.  In  both  methods,  the 
solutions  are  advanced  in  time  until  they  asymptotically  converge  on  the  steady-state, 
and  automatic  generation  of  interior  mesh  points  is  employed. 

In  ref.  29,  solutions  are  presented  and  compared  with  data  at  two  values  of  MFR 
for  a  two-dimensional,  three-ramp,  external-compression  inlet  at  M^  =  0.7.  Because  the 
essential  features  of  the  comparison  with  data  in  both  cases  were  the  same,  only  one 
value  of  MFR  (MFR  =  0.5)  will  be  discussed  here.  The  geometry  considered  is  shown  in 
fig.  8(a).  Comparisons  of  calculated  values  with  measured  pressures  on  the  ramp  [fig. 
8(b)l,  on  the  cowl  external  surface  [fig.  8(c)],  and  on  the  cowl-lip  internal  surface 
[fig.  8(d)]  are  shown. 

In  these  figures,  good  qualitative  agreement  is  evident,  but  in  ref.  29  it  is 
concluded  that  pressure  level  is  not  satisfactorily  predicted.  Drag  computed  from  these 
pressure  distributions  would  be  considerably  in  error,  particularly  on  the  cowl  external 
surface;  the  authors  of  ref.  29  feel  that  improvement  in  this  area  would  require  a 
refined  mesh  structure.  However,  for  the  solutions  shown,  the  full  storage  capacity  of 
the  available  machine  (a  CDC  6600)  was  used,  and  approximately  5.6  hours  of  computer 
time  were  spent  in  the  evolution  of  the  flow  field  from  the  prescribed  initial  free- 
stream  conditions.  Although  the  solutions  shown  are  not  considered  to  be  steady  state 
(an  additional  1.5  hours  of  computer  time  was  estimated  for  full  convergence),  the 
calculated  pressures  are  estimated  to  be  near  their  final  values;  major  improvement 
is  felt  to  depend  on  mesh  refinement. 

The  next  solution  method  shown  in  Table  IV  involves  the  finite-difference  solution 
of  the  full  potential  equation.  This  type  of  method  is  valid  up  to  free-stream  speeds 
which  result  in  local  supersonic  regions  terminating  in  strong  shocks.  Various  imple¬ 
mentations  of  the  basic  approach  have  been  made  for  pitot  inlets  and  axisymmetric  and 
two-dimensional  inlets  with  external  compression  surfaces.  Referece  63  is  an  example 
of  an  implementation  of  the  general  scheme  valid  for  axisymmetric  pitot  inlets  at 
angle  of  attack  in  a  uniform  subsonic  free  stream;  note  that  this  is  one  of  the  two  flow- 
field  methods  we  have  acquired  which  can  deal  with  a  three-dimensional  flow  field.  In 
ref.  63,  the  solution  method  is  described  (including  special  handling  of  the  circumfer¬ 
ential  derivatives),  as  are  the  boundary  conditions  and  the  initial  field.  Comparisons 
with  measured  surface  Mach  number  are  given  for  five  pitot  inlets  operating  in  low- 
speed  free  streams  (M^  <  .2)  at  a  variety  of  angles  of  attack  and  mass  flow  ratios 
(throat  Mach  numbers  <  0.86:  at  0.86,  the  inlet  was  observed  to  be  choked).  Very  good 
agreement  with  the  measurements  is  demonstrated.  No  integrated  drags  were  calculated. 
Typical  run  times  for  a  converged  solution  are  from  12  to  15  minutes  on  a  CDC  6600 
computer . 

Another  implementation  of  this  method  is  that  of  ref.  60  (also  described  in  ref. 

12).  This  version  allows  solution  of  flow  fields  for  inlets  of  either  two-dimensional 
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or  axisymmetric  geometry  with  external  compression  surfaces;  a  =  0  for  the  axisymmetric 
case,  but  a  ^  0  is  allowed  for  the  two-dimensional  solution  of  inlets  with  two-dimen¬ 
sional  geometry.  The  method  is  applied  to  two-dimensional  inlets  and  is  compared  to 
data  in  refs.  31  and  33.  Examples  of  these  comparisons  are  given  in  fig.  9  which  is 
reproduced  from  ref.  31.  In  this  figure,  fair  agreement  is  shown  for  the  drag  slope 
but  poor  agreement  is  achieved  for  drag  level.  In  ref.  31,  the  disagreement  is 
attributed  to  the  existence  of  three-dimensional  effects  and  shocks,  and  to  inadequate 
grid  resolution  in  the  computation  in  regions  of  high  gradients.  Application  of  this 
technique  to  an  axisymmetric  inlet  is  shown  in  fig.  10,  taken  from  ref.  60.  Here,  the 
level  of  Cdext  has  been  adjusted  by  calculating  additive  drag  using  momentum  analysis 
on  the  entering  streamtube  and  replacing  the  stream  thrusts  generated  by  the  method 
with  one-dimensional  values.  The  approach  more  typical  in  flow-field  methods  of 
integrating  the  pressure  distribution  on  the  stagnation  streamline  leads  to  erroneous 
Cda  in  this  implementation.  The  discrepancy  in  level  of  additive  drag  observed  here  is 
claimed  not  to  exist  in  the  calculation  for  two-dimensional  geometries.  However,  in  the 
analysis  of  two-dimensional  inlets,  a  problem  with  mass  conservation  in  the  calculation 
is  indicated.  This  problem  is  obviously  attributable  to  this  specific  implementation  of 
the  potential-equation  method.  That  is,  it  is  not  a  general  characteristic  of  this 
solution  method.  However,  because  the  implementation  described  in  refs.  60  and  12  is 
the  only  application  of  the  full  potential  equation  to  inlets  with  external  compression 
surfaces  we  have  been  able  to  discover  in  the  published  literature,  it  is  not  clear 
whether  or  not  the  problem  with  additive  drag  level  described  above  is  a  general  one. 
Computational  run  times  on  the  order  of  IS  seconds  on  a  CDC  6400  computer  are  claimed. 

The  next  solution  method  shown  in  Table  IV  is  the  finite-difference  solution  of 
the  incompressible  potential  equation  with  a  compressibility  correction.  One  implementa¬ 
tion  of  this  method  is  described  in  ref.  12,  where  the  Douglas-Neumann  incompressible  flow 
program  (refs.  66-68)  is  coupled  with  either  the  Prandtl-Glauert,  Kdrmdn-Tsein,  Laitone, 
or  Krahn  compressibility  correction.  The  method  is  applied  to  two-dimensional  and 
axisymmetric  inlets  with  centerbodies ;  in  ref.  12,  surface  pressure  on  the  cowl  and 
centerbody  are  compared  to  data  at  M„  =  0.7,  0.9  and  several  mass  flow  ratios  for  the 
axisymmetric  inlet  shown  schematically  in  fig.  10.  No  integrated  values  of  drag  are 
given.  The  calculated  pressure  coefficients  agree  best  using  the  Laitone  correction. 

The  other  implementation  of  this  solution  method  shown  in  Table  IV  is  that  of 
ref.  64.  This  is  the  second  of  the  two  flow-field  methods  we  have  acquired  which  can 
deal  with  a  three-dimensional  flow  field.  In  this  approach,  the  incompressible  flow 
about  a  pitot  inlet  with  or  without  a  centerbody  is  solved  using  the  superposition 
principle  and  panel  methods.  Solutions  for  unit  onset  flows  parallel  to  each  of  the 
coordinate  axes  are  combined  with  a  solution  for  static  operation  to  result  in  a 
rigorous  incompressible  solution  for  an  inlet  at  arbitrary  angles  of  attack  and  yaw 
with  arbitrary  mass  flow  rate.  The  Lieblein-Stockman  compressibility  correction  (ref. 

69)  is  applied.  The  method  is  applicable  for  subsonic  free  streams,  although  local 
regions  of  the  flow  may  be  supersonic  but  shock  free.  The  geometry  may  be  three- 
dimensional  but  it  must  exhibit  a  plane  of  symmetry.  In  ref.  64,  the  method  is  applied 
to  a  subsonic-design-point  axisymmetric  pitot  inlet  at  75°  angle  of  attack  in  a  situa¬ 
tion  where  the  throat  Mach  number  is  0.603  (the  free-stream  velocity  is  not  reported). 
Excellent  agreement  with  data  at  one  unspecified  circumferential  position  is  shown  for 
pressures  on  the  internal  cowl  surface,  and  on  the  initial  portion  of  the  cowl  external 
surface.  Drag  is  not  calculated.  It  is  observed  in  ref.  64  that  panel  methods  usually 
require  considerably  less  computer  time  than  finite-difference  methods;  the  super¬ 
position  technique  and  compressibility  correction  used  also  lead  to  computational 
efficiency.  Thus,  it  is  claimed  that  the  method  of  ref.  64  is  faster  than  a  finite- 
difference  method  by  two  orders  of  magnitude. 

The  final  solution  method  in  Table  IV  uses  streamtube  curvature  (STC)  analysis. 

This  approach,  as  explained  in  ref.  65,  basically  uses  one-dimensional  compressible  flow 
analysis  in  a  number  of  adjacent  streamtubes;  when  taken  together  the  entire  flow  field 
is  simulated.  Streamline  positions  are  refined  iteratively.  In  each  iteration  the 
momentum  equation  normal  to  the  streamlines  is  integrated  using  calculated  values  of 
streamline  curvature  to  obtain  velocity,  and  the  continuity  equation  is  used  to  define 
a  new  streamline  position.  The  iterative  process  is  continued  until  streamline  movement 
is  less  than  a  specified  amount. 

A  characteristic  of  streamtube  curvature  methods,  as  discussed  in  ref.  19,  is  that 
the  method  is  extremely  sensitive  to  input  geometry.  As  stated  therein,  "The  difference 
between  an  aborted  run  and  a  successful  run  is  usually  a  minute  change  in  the  geometric 
data."  This  extreme  sensitivity  is  due  to  the  need  to  calculate  surface  curvatures  from 
input  geometry  and  can  make  the  method  very  troublesome  to  use.  The  method  is  applied 
to  the  pitot  inlet  shown  in  fig.  11(a)  for  several  Mach  numbers  and  mass  flow  ratios  in 
ref.  65.  The  integral  boundary- layer  method  of  Stratford  and  Beavers  (ref.  70)  is  used 
to  account  for  viscous  effects.  Sample  comparisons  with  data  are  shown  in  figs.  11(b)- 
(d) .  In  fig.  11(b),  a  fully  subsonic  case  is  shown  and  excellent  agreement  is  obtained. 

At  a  higher  value  of  free-stream  Mach  number,  fig.  11(c),  increasing  the  number  of  grid 
points  in  the  STC  solution  led  to  local  oscillations  in  the  inviscid  solution  which  were 
claimed  to  be  eliminated  in  the  physical  situation  by  "viscous  effects."  At  a  still 
higher  Mach  number,  fig.  11(d),  predictions  are  shown  with  and  without  the  boundary- 
layer  analysis  (labeled  STC-SAB  and  STC,  respectively).  It  is  seen  that  neither  one  is 
in  agreement  with  the  data;  separation  over  the  initial  portion  of  the  cowl  lip  was 
observed  experimentally  at  this  Mach  number  and  mass  flow  combination,  and  the  integral 
boundary- layer  method  is  inadequate  in  this  situation.  Cowl  pressure  drag  forces 
resulting  from  integration  of  the  predictions  and  the  data  are  in  reasonably  good 
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agreement  (within  .01  for  Cd<;) ,  but  at  least  in  the  case  of  fig.  11(d),  this  must  be 
attributable  to  compensating  errors. 

In  ref.  19,  application  of  the  streamtube  curvature  method  to  the  external- 
compression  inlet  shown  in  fig.  12(a)  is  made  for  free-stream  Mach  numbers  of  0.7  and 
0.85  for  values  of  MFR  of  0.55  and  0.75  and  several  positions  of  the  variable  ramps. 
Sample  comparisons  with  data  are  shown  in  figs.  12(b)-(d).  All  of  these  figures  are 
for  the  ramp  positions  Rg  =  7.2°,  Hl  =  27.3,  and  for  M„  =  0.85.  Figures  12(b)  and  (c) 
show  the  ramp  and  cowl  pressures,  respectively,  for  MFR  =  0.55.  Additive  drag  over  a 
range  of  mass  flow  ratios  is  shown  in  fig.  12(d)  for  this  Mach  number  and  geometry.  The 
experimental  data  of  fig.  12  were  obtained  for  an  inlet  mounted  on  a  fuselage  and  stub 
wing  assembly.  The  angle  of  attack  of  the  model  was  2.5°.  Allowance  for  the  angularity 
of  the  local  inlet  flow  field  was  made  by  running  the  STC  program  using  various  incidence 
angles  and  selecting  the  incidence  at  each  value  of  M„,  that  gave  best  agreement  with 
the  measured  ramp  pressures.  Reasonable  values  of  flow  incidence  resulted  from  this 
procedure  and  the  agreement  for  ramp  pressures  in  fig.  12(a)  is  fairly  good.  Predicted 
cowl  pressures  agree  poorly  with  the  measurements,  as  shown  in  fig.  12(b).  This  poor 
agreement  is  likely  due  to  some  combination  of  inadequate  grid  resolution  and  viscous 
effects,  but  further  work  would  be  required  to  ascertain  this.  However,  additive  drag 
is  predicted  with  reasonable  accuracy,  as  seen  in  fig.  12(d);  this  positive  result  is 
possible  because  of  the  high  degree  of  two-dimensionality  of  the  inlet  flow  field 
indicated  by  the  transverse  taps  in  figs.  12(b)  and  (c) . 


4.  CONCLUSIONS 

Because  the  sensitivity  of  airplane  performance  to  inlet  external  drag  is  a  strong 
function  of  the  airplane's  mission,  the  required  accuracy  for  preliminary  design  methods 
cannot  be  stated  in  general.  However,  for  aircraft  with  missions  consisting  of  signi¬ 
ficant  subsonic  and  supersonic  portions,  inlet  external  drag  exerts  a  powerful  influence 
on  the  aircraft's  performance,  and  accurate  predictions  are  required  to  allow  for 
rational  configuration  definition. 

The  experimental  data  base  for  this  effect  has  been  identified  and  classified. 
Ranges  of  geometry  and  test  parameters  covered  have  been  shown.  Although  a  few  system¬ 
atic  studies  exist,  the  experimental  data  consist  mostly  of  specialized  studies  of 
particular  inlets.  Because  inlet  external  drag  depends  in  an  important  way  on  geometri¬ 
cal  details,  this  portion  of  the  data  base  is  adequate  for  prediction  only  for  inlets 

not  substantially  different  than  those  previously  tested. 

Several  methods  which  result  in  the  prediction  of  a  component  of  Cdext  have  been 
identified  and  evaluated  by  comparison  with  experimental  data.  It  has  been  shown  that 
prediction  of  additive  drag  using  a  one-dimensional  momentum  analysis  leads  to  accept¬ 
able  agreement  with  data  only  for  the  simplest  possible  configuration,  i.e.,  a  pitot 
inlet.  Predictions  in  other  situations  are  in  general  poor,  although  methods  containing 
additional  empiricism  can  give  reasonable  agreement  in  limited  classes  of  geometries. 

It  is  shown  that  calculation  of  cowl  lip  suction  by  methods  with  a  reference  mass  flow 
ratio  of  unity  are  inaccurate  because  of  the  large  extrapolation  of  data  usually 
entailed.  A  method  without  this  assumption,  that  of  ref.  55,  has  been  applied  to  inlets 

reasonably  similar  to  those  from  which  the  correlation  was  derived.  Resulting  values  of 

lip  suction  are  in  only  fair  agreement  with  data  at  low  mass  flow  ratios.  Because  of 
its  formulation,  this  method  cannot  predict  experimentally  demonstrated  differences 
in  lip  suction  resulting  from  changes  in  detailed  cowl  shape.  Finally,  it  is  shown  that 
the  Kadd  factor  does  not  exhibit  freedom  from  geometric  detail.  Its  use  is  equivalent 
to  using  the  original  experimental  data. 

Several  methods  are  discussed  which  predict  the  detailed  flow  field  about  an  inlet, 
allowing  calculation  of  Cdext  an!*  *-ts  components  by  simple  integration.  Some  of  these 
methods  discussed  herein  yield  adequate  results  although  the  comparisons  with  data 
available  do  not  allow  for  comprehensive  evaluation  of  their  limits  of  applicability. 

For  those  methods  applicable  to  supersonic  design-point  inlets,  the  large  computers 
and  long  run  times  required  to  achieve  satisfactory  agreement  result  in  their  being  of 
limited  usefulness  for  preliminary  design. 
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NOTES  TO  TABLE  I 


1.  I  denotes  isolated  inlet  test 

2.  External  drag  on  a  nacelle  configuration 

3.  Nacelle  configuration 

4.  N.R.  denotes  quantity  not  reported 

5.  Additive  drag  plus  pressure  and  friction  drag  of  entire  model 

6.  Flight  test  of  rocket  models  having  common  afterbodies 

7.  Sum  of  external  and  forebody  drag 

8.  Sum  of  external  drag,  forebody  drag,  and  boundary-layer-diverter  drag 

9.  Tested  with  metric  forebody 

10.  Reynolds  number  range  given  based  on  inlet  radius;  inlet  radius  not  reported 

11.  Inlet  tested  in  isolated  configuration  and  with  non-metric  forebody 

12.  Quarter-round  inlet  of  F-lll  type 

13.  Sum  of  external  drag,  drag  due  to  the  bypass  and  boundary-layer  control  systems,  and 
drag  of  partial  fuselage  and  wing  stub 

14.  Partial  fuselage  and  stub  wing  included 

15.  Type  of  configuration  tested  with  inlet  is  not  known 

16.  Sum  of  additive  and  bleed  drag 

17.  Sum  of  external  drag,  drag  due  to  the  bypass  and  boundary-layer  control  systems,  and 
the  drag  of  the  partial  fuselage  and  wing  stub,  measured  relative  to  a  "propulsion 
reference  inlet" 

18.  Inlet  cowl  and  ramp  integrated  pressure-area  chord  force  coefficient 

19.  Full  B-l  aircraft  model  with  balance  installed  in  one  inlet.  Metric  portion 
included  nozzles  and  part  of  wing.  Inlet  configurations  included  are:  flow  through 
inlet,  faired-over  inlet  w/BLC  and  bypass,  flow  through  inlet  w/ramps  installed. 

20.  Sum  of  external  drag,  drag  due  to  the  boundary-layer  control  system,  drag  of  the 
partial  fuselage  and  stub  wing,  measured  relative  to  a  "propulsion  reference  inlet" 

21.  Sum  of  external  drag  and  drag  of  partial  fuselage  and  stub  wing,  measured  relative 
to  a  "propulsion  reference  inlet" 

22.  Drag  of  entire  airplane  model 

23.  Model  of  entire  F-15 

24.  Sum  of  external  drag  and  bleed/bypass  system  drag 

25.  Inlet  design  includes  auxiliary  airflow  system 

26.  Sum  of  external  drag,  boundary- layer  control  drag,  forebody  and  external-store  drag 

27.  Tested  with  forebody,  with  and  without  various  external  stores. 

28.  Full  aircraft  model  with  full  aircraft  on  one  force  balance,  one  inlet  on  another 

29.  Numbers  in  parenthesis  indicate  percentage  of  external/internal  contraction 

30.  Inlet  tested  in  isolated  configuration  and  with  non-metric  wing  simulator 

31.  Sum  of  external  drag,  drag  due  to  boundary-layer  control  system,  and  drag  of  the 
partial  fuselage  and  stub  wing 


TABLE  II.-  MAIN  CHARACTERISTICS  OF  INLETS 


Characteristic 

Descriptor 

Subscript 

Inlet  Type 

P  =  Pitot  (Normal  Shock) 

E  =  External  Compression 

M  =  Mixed  Compression 

Refers  to  capture  area  shape 
c  =  circular 
r  =  rectangular 
o  =  other 

Orientation  of  Compression 
Surfaces  (relative  to 
pitch  plane  of  aircraft) 

C  =  Conical  centerbody  for 
axisymmetric  inlet 

H  =  Horizontal 

V  =  Vertical 

Refers  to  numbers  of  surfaces 
Either  i  f  or  i  v  j ,  where 
i  =  total  number  of  external 
surfaces 
f  =  fixed 
v  =  variable 
j  =  number  of  variable 
external  surfaces 

Side  Plate  Geometry 

S  =  Side  Plates  present 

Refers  to  shape 
r  =  rectangular 
t  =  triangular 
n  =  notched  or  cut-back 

Boundary-Layer  Control 

B  =  Boundary-Layer  Control 
present 

Refers  to  type 

d  =  discrete  elements 

e.g.,  slots  or  scoops 
p  =  porous  elements 

Bypass  System 

BP  =  Bypass  system  present 

None 

Design  Mach  Number 

Value  given 

None 

TABLE  III.-  CLASSIFICATION  OF  PREDICTION  METHODS  FOR  A 
COMPONENT  OF  Cdext  BY  GEOMETRY  AND  SPEED  RANGE 


Quantity 

Inlet 

Speed 

- - - - 

Range 

Predicted 

Type 

Subsonic 

Transonic 

C°A 

I  ' 

44,45,46,47,48,49 

44,45,46,47,48,49 

27,44,45,46,47 

27,44,45,46,47,50 

44,45,46,47 

44,45,46,47,51,52 

CLS 

Pitot 

47,53 

47,53 

2-D 

47,54,55 

47,54,55 

Axi 

47,54,56 

47,54,56 

Kadd 

Pitot 

44,48 

2-D 

27,44 

Axi 

KIM 

TABLE  IV.-  CLASSIFICATION  OF  FLOW-FIELD  PREDICTION  METHODS 
BY  SOLUTION  METHOD  AND  GEOMETRY 


Applicab 

Geometr 

le 

Solution  Method 

References 

Pitot 

^H| 

Axi 

Numerical  solution  of  the 
unsteady  Euler  equation 

29,59 

✓ 

/ 

Finite-difference  solution 
of  full  potential  equation 

12,60 

61,62,63 

J 

/ 

/ 

Finite-difference  solution 
of  incompressible  poten¬ 
tial  equation  with  com¬ 
pressibility  correction 

12 

64 

■ 

✓ 

1 

Streamtube  curvature 

65 

/ 

fl: 

COEFFICIENT 


Figure  5.-  Extrapolations  required  to  calculate  Cls  from 
data  of  ref.  27  (M^  =  0.84). 


(b)  COWL  90-1,  TRIANGULAR  SIDE  PLATES. 


Figure  6.-  Comparison  of  lip  suction  from  the  method  of  ref.  55 
with  the  data  of  ref.  26;  a  =  0,  M  =  0.8. 
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(c)  COWL  90-2,  RECTANGULAR  SIDE  PLATES 


(d)  COWL  20-2,  RECTANGULAR  SIDE  PLATES 
Figure  6.-  Concluded. 
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(a)  INLET  GEOMETRY. 


Figure  7.-  Variation  of  Ka(jd  with  mass 
flow  ratio  from  ref.  27;  two- 
dimensional,  two-ramp,  external 
compression  inlets  with  design 
Mach  number  =  3.0. 


Figure  8.-  Comparison  of  experimental  and 
theoretical  surface  pressures  at 
M  =  0.7,  MFR  =0.5  from  ref.  29. 
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Figure  8.-  Concluded. 


INLET  BALANCE  DATA 

THEORETICAL  PERFOR 
(REF.  60) 
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Figure  9.-  Comparison  of  experimental  and  theoretical  inlet 
drag  for  a  2-D  inlet;  from  ref.  31. 
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MFR 


(b)  Me  =  0.9 


Figure  10.-  Comparison  of  experimental  and  theoretical  inlet 
drag  for  an  axiByimnetric  inlet  (config.  AID, 
ref.  12);  from  ref.  60. 


(a)  PITOT  INLET  GEOMETRY  FROM  REF.  66. 

(NASA  1-85-100  NO.  8  INLET,  NACA'I  SERIES  CONTOUR) 


COWl 


AXIAL  DISTANCE 

(b)  *0.6974,  MFR  *  0.8715. 


Figure  11.-  Comparisons  of  experimental  and  theoretical 
surface  pressures  for  the  pitot  inlet  from  ref.  65. 
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PHILOSOPHY  AND  RESULTS  OF  STEADY  AND  UNSTEADY  TEST  TECHNIQUES 
ON  A  LARGE  SCALE  TRANSPORT  AIRCRAFT  MODEL 
IN  THE  ONERA  TRANSONIC  TUNNEL  SI  MA 


Port  Is  PHILOSOPHY  AND  RESULTS  OF  STEADY  TESTS 
G.  Anders 

Vereinigte  Flugtechnische  Work*  GmbH,  D-2800  Bremen,  FRG 
A.  Glacchetto 

Office  National  d' Etude  et  de  Recherches  Aerospatiales  (ONERA), 
Centre  d'Essais  de  Modane-Avrleux,  FRANCE 


Port  2s  INTEREST  OF  LARGE  MODELS  IN  UNSTEADY  AERODYNAMICS 
A.  Gravel  I  e 

Office  National  d'Etude  et  de  Recherches  Aerospatiales  (ONERA), 
Chatillon,  FRANCE 


SUMMARY 

Steady  and  unsteady  wind  tunnel  tests  with  a  large  scale  half  model  have  been  performed  in  the  large 
ONERA  transonic  wind  tunnel  SI  MA  in  1979  within  the  German  technology  progran  ZKP  and  the  development 
phase  of  the  A  310  Airbus. 

The  contribution  is  composed  of  two  chapters.  Part  1  concerns  with  the  fundamental  concept  on  the  subject 
"Wind  tunnel  tests  with  large  models" .  Various  test  techniques  are  introduced,  their  advantages  and  problems  are 
discussed.  The  test  arraignment  concept  is  described  and  typical  results  for  each  of  the  investigated  items  are  pre¬ 
sented.  Furthermore,  comparison  with  test  results  on  a  complete  model  at  lower  Reynolds  Numbers  is  drawn. 

Whereas  in  part  1  mainly  stationary  maasuramants  are  described  and  discussed,  chapter  2  primarily  deals  with 
unsteady  tests.  Reasons  are  given  for  the  advantage  of  a  large  model.  Test  methods,  data  pick  up  cmd  processing 
systems  are  pointed  out.  Characteristic  results  are  presented  and  correlations  are  shown. 

This  contribution,  prepared  by  VFW  and  ONERA,  is  based  on  a  common  work,  performed  by  VFW,  MBB, 
DFVLR  and  ONERA  recantly.  Domier  was  associated  in  die  program. 


Part  Is  PHILOSOPHY  AND  RESULTS  OF  STEADY  TESTS 


NOTATION 


A 

• 

[»!] 

nacelle  exit  area 

°N 

[n] 

nacelle  drag 

Ai 

t"s] 

nacelle  intake  area 

D  1 

l-l  1 

nacelle  throttle  condition 

c 

H 

local  wing  chord 

D  5 

M  J 

c 

M 

M 

mean  aerodynamic  chord  (MAC) 

K  1 

Mi 

L  1 

\  contour  disturbance 

CD 

drag  coefficient 

K  III 

M  J 

-  slat  position  - 

cdn 

[-J 

[-] 

nacelle  drag  coefficient 

K  5 

Mi 

contour  disturbance 

CL 

lift  coefficient 

K  7 

HJ 

-  spoiler  position  - 

Cm25 

[-] 

local  pitching  moment  coefficient 
on  the  wing 

M 

M 

Mach  Number 

r-i 

R 

[Pa] 

free  -  stream  dynamic  pressure 

C 

local  normal  force  coefficient 

n 

on  the  wing 

Re 

[-J 

Reynolrk  Number 

c 

p 

M 

local  pressure  coefficient 

S 

[m2I 

wing  reference  area 

c 

X 

[-] 

non- corrected  drag  coefficient 

s 

[m  ] 

wing  semi  span 

AS 

H 

drag  Increment  coefficient 

T.S. 

[-] 

transition  strip 
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V 

l  >v«] 

free  -  stream  velocity 

X 

["']  1 

y 

M 

coordinates 

z 

[  m]  J 

<* 

[°1 

angle  of  attack 

V 

[m2/  s] 

kinematic  viscosity 

i 

[%] 

wing  thickness 

i 

[-] 

non-dimensional  x-coordinate 

6v 

[o] 

twist 

5 

f°] 

aileron  deflection  angle 

n 

[-] 

non-dimensional  wing  span 

[°i 

wing  sweep  (  25%  -  line  ) 

A 

(-] 

aspect  ratio 

i. 

INTRODUCTION 

The  development  of  the  new  generation 

of  transport  aircrafts 

is  essentially  characterized  by  application  of 

modem 

wing  technology.  The  necessarily  increasing  wing  loads  are 

achieved  by  taking  advantage  of  the  potential 

of  the  transonically  profiled  wing.  For  this  purpose  theroretic  calculation-  and  design-methods  are  applied,  which 
were  successfully  developed  recently  [I]  . 

With  increasing  loads  and  local  supersonic  flow  on  the  wing,  sensitivity  against  interferences  and  non¬ 
stationary  effects  rises.  The  wing  flow  tends  to  separate.  Disturbances  on  the  wing  contour,  caused  by  manufacture 
tolerances  and  deformations  under  load  conditions,  have  to  be  considered  with  respect  of  their  consequences  on  the 
wing  flow.  Unsteady  effects  on  the  wing  will  result  in  flow  separations,  leading  to  early  buffeting. 

Usually  as  a  first  step  theoretical  methods  and  design  results  are  checked  out  with  small  models  in  the  wind 
tunnel,  however,  application  of  such  results  to  high  Reynolds  numbers  is  uncertain.  Experimental  proof  in  the  high 
Re-Number  range  is  necessary.  The  significance  of  such  experimental  proof  is  evident  by  the  enormous  investments 
carried  out  for  wind  tunnel  focilities  in  Europe  and  all  over  the  world  (DNMf,  RAE  5x  4.5  m^  tunnel,  ONERA  FI, 
ETW,  cryogenic  technology). 

In  the  course  of  the  technology  program  ZKP  under  the  sponsorship  of  the  German  Ministry  of  Research  and 
Technology,  theoretical  calculation  methods  for  the  design  of  2-D-airfoils  and  3-D-wings  at  transonic  speeds  were 
developed  by  the  partners  [  2 1  [  3]  [4]  [5]  .  As  an  output  of  these  activities,  several  small  scale  models  were 
produced  and  tested  in  the  NLR-HST  and  DFVLR  transonic  wind  tunnel  respectively.  Results  and  analysis  of  these 
tests  led  to  the  choice  of  the  VFW  wing  design  as  the  basis  for  a  large  scale  model  to  be  tested  in  the  ONERA 
SI  MA. 


2.  MODEL  AND  TEST  ARRANGEMENT  CONCEPT 

2.1  GENERAL  ASPECTS 

High  demands  were  made  on  the  model  and  the  test  arrangement  capability.  Influences  of  various  parameters 
on  performance  and  buffet  onset  characteristics  should  be  investigated  at  maximum  possible  Re-Numbers  in  the  whole 
Mach  Number  range: 

o  engine  and  pylon  interferences  on  the  wing 
o  influence  of  throttled  nacelle  intake  flow 
o  effects  of  engine  position  variation  relative  to  the  wing 
o  aileron  deflection  effects 

o  interaction  of  wing-fuselage-foirings 

o  influence  of  contour  disturbances  in  the  region  of  spoiler  and  slot  positions 
o  nonstationary  effects  due  to  unsteady  aerodynamic  flow. 

These  requirements  led  to  the  design,  construction  and  manufacture  of  a  large  wind  tunnel  half  model,  consisting 
of  the  main  components: 

o  semi  fuselage 

o  port  side  wing 

o  flow  through  nocelie  with  remotely  controlled  mass  flow 

o  external  remotely  controlled  nacelle  suspension  facility. 


Design  criteria  ware  defined  by  certain  restrictions: 

o  stationary  force  and  pressure  distribution  measurements  were  required; 

o  unsteady  measurements  should  be  possible  (  local  unsteady  pressures,  strain  gauge  signals,  accelerations  Y, 

o  flow  pattern  on  the  model  should  be  visible; 

o  the  necessary  geometric  configuration  and  parameter  variations  should  be  feasible. 

In  order  to  correlate  origin  and  response  of  nonstationary  effects,  excitation  of  moving  control  surfaces  on  the  wing, 
either  in  periodic  or  in  random  motion,  was  necessary.  Actuator  installation  and  sufficient  instrumentation  had  to  be 
provided . 

The  requirements  and  the  ambition  to  utilize  the  model  also  for  future  purposes  led  to  the  philosophy  of  a 
manufacturing  system  of  standardized  units  in  a  model  scale  of  1  :  5.4  referring  to  the  A  310  -  project. 

2.2  MODEL  COMPONENTS 

2.2.1  Wing 

The  wing  B  10.3V  was  designed  by  VFW  on  the  basis  of  the  supercritical  2-D-VFW-airfoil  Va  2.  The  wing 
system  is  represented  in  Fig.  1.  Main  dimensions  are  given  in  Fig.  2.  The  wing  structure  consists  of  aluminium 
panels,  screwed  to  a  steel  box  with  cutting  lines  in  the  region  of  leading  and  trailing  edges  on  the  upper  and 
lower  surfaces.  The  final  wing  contour  was  milled  numerically  controlled  in  the  final  one  piece  assembly. 

The  wing  was  equipped  with  9  static  pressure  plotting  sections  with  45  orifices  each,  distributed  on  the 
upper  and  lower  surface.  3  further  sections  were  furnished  with  a  total  of  68  unsteady  pressure  pick  ups.  In  order 
to  correlate  wing  movement  and  unsteady  pressures,  12  accelerometers  were  installed.  3  strain  gauge  bridges  were 
glued  to  the  structure  for  buffeting  investigation  and  load  control  purpose.  An  outboard  aileron  was  installed  and 
connected  to  a  hydraulic  actuator  to  be  excited  during  the  nonstationary  tests  or  stationary  deflected  by  the  same 
system.  An  angle  deflection  indicator  and  a  hinge  moment  balance  were  supplied. 

During  cruise  flight  conditions  protrusion  of  retracted  slat  trailing  edges  out  of  the  wing  contour  due  to 
suction  forces  on  the  wing  nose  and  disturbances  at  spoiler  trailing  edges  may  occur.  To  investigate  the  effects  of 
such  phenomena  on  a  transonically  airf oiled  wing,  simulation  of  several  combinations  of  contour  disturbances  was 
provided  ( Fig.  3  ).  Trailing  edge  thickness  was  determined  by  a  similarity  calculation  under  consideration  of  model 
scale,  Re-Number  and  theoretical  boundary  layer.  Spoiler  trailing  edges  were  consciously  overdesigned,  to  produce 
measurable  effects. 

Finally,  a  tubing  system  with  42  orifices  was  installed  into  the  wing,  to  enable  a  coloured  flow  visualization 
during  the  tests. 

2.2.2  Fuselage 

The  required  stiffness  of  the  8  m  long  fuselage  was  achieved  by  a  construction  of  an  iron  frame-work, 
covered  with  a  fibre  glas  skin.  The  conventional  solution  to  seal  the  semi  fuselage  force- free  with  the  tunnel  floor 
by  a  labyrinth  system  was  not  sufficient,  because  of  forces  contact  due  to  arrangement  deformation  under  loads.  The 
problem  was  solved  by  o  construction  of  a  brushes  system  as  shown  in  Fig.  4  [6]  . 

About  270  static  pressure  orifices  were  distributed  on  the  fuselage,  mainly  in  the  wing-fuselage  region,  on 
the  boundary  layer  skirt  and  in  the  brushes- covered  space  between  fuselage  and  tunnel  floor,  to  discover  possible 
internal  flow.  Two  sets  of  wing-fuseloge-fairingi  were  provided. 

2.2.3  Flow  Through  Nacelle 

A  single  bodied  flaw  through  nacelle  with  remotely  controlled  mass  flow  was  developed  in  order  to  simulate 
engine  intake  and  fan  cowling  effects  during  the  tests.  The  axial  symmetrical  intake  and  the  outer  contour  corre¬ 
spond  to  the  CF  6-50  engine  contour  in  the  pylon  section.  Mass  flow  is  controlled  by  a  plug  with  an  infinite  vari¬ 
able  diameter  in  the  nacelle  exit  area.  The  principle  of  this  design  is  presented  in  Fig.  5.  Intake  and  outer  contour 
are  supplied  with  static  pressure  orifices  in  5  streamwise  sections.  Mass  flow  is  calibrated  and  controlled  by  a  rake 
of  total  and  static  pressure  probes  in  the  nacelle  intake  face. 


2.2.4  External  Nacelle  Attachment  Device 

The  flow  through  nacelle  could  either  be  attached  together  with  a  pylon  directly  to  the  wing  or  -  by  means 
of  a  special  nacelle  attachment  device  -  externally  brought  up  into  different  positions  relative  to  the  wing.  A  re¬ 
motely  controlled  hydraulic  facility  was  desisted  especially  for  these  tests,  to  synchronize  a  selected  relative  no- 
cel  I  e  position  with  varying  model  incidence  by  displacements  of  angle-  and  x-z- coordinates  (  Fig.  6).  This  device 
can  be  used  for  future  tests  as  an  engine  simulator  carrier. 


2.3  TEST  ARRANGEMENT 


The  whole  test  arrangement  was  designed  for  the  large  ONERA  transonic  wind  tunnel  SI  in  Modane,  France. 

A  principle  of  the  model  set  up  in  the  test  section  No.  1  is  shown  in  Fig.  7  and  Fig.  8.  The  wing-fuselage  unit 

was  attached  to  the  3-component  under  floor  balance  7  [8]  .  All  electric  wiring,  pneumatic  and  hydraulic  tubing 
left  the  model  on  its  wing  base  in  the  under  floor  section  of  the  tunnel.  From  here  it  was  distributed  to  the  various 
power  supply  and  measuring  facilities: 

o  to  an  independent  measuring  and  data  processing  system,  designed  and  assembled  by  VFW, 
which  controls  static  pressure  distribution  measurements,  produces  and  displays  the  results 
in  on-line  and  off-line  mode; 

o  to  a  combined  ONERA-DFVLR  measuring  station,  which  controls  the  hydraulic  system 
for  aileron  excitation  and  where  all  nonstationary  data  are  recorded  and  analysed; 

o  finally  to  the  wind  tunnel  measuring  system,  where  all  aerodynomic  and  force-data  were 

processed  and  converted. 


3.  TESTS 

3.1  PREPARATION,  PRETESTS,  CALIBRATIONS 

Installation  and  adjustment  of  a  test  arrangement  with  such  dimensions  and  weights  -  model  and  equipment 
weight  csnount  to  an  order  of  4  t  -  require  certain  effort. 

Apart  from  conventional  preparations  and  calibrations  additional  preparatory  work  and  pretests  are  necessary: 

o  coupling,  synchronization  and  check  out  of  the  different  measuring  systems 

o  static  load  tests  on  the  model  arrangement,  to  determine  stiffness  and  deformations 

o  static  vibration  tests  and  analysis  to  guarantee  flutter  freedom  under  all  test  conditions 
o  nacelle  flow  through  calibration 

o  tests  to  ensure  a  force  free  sealing  between  the  model  and  tunnel  floor 

o  determination  of  the  hysteresis  due  to  forces  transferred  by  the  sealing  brushes 

o  identification  of  the  flow  transition  laminar/ turbulent 
o  transition  fixing  by  transition  strips. 


3.2  TEST  TECHNIQUES 
3.2.1  Stationary  Testing  Points 

During  conventional  steady  tests  forces,  stationary  pressure  distribution  and  nonstationary  measurements  were 
conducted  simultaneously  under  stabilized  geometric  and  wind  tunnel  conditions.  Possible  interferences  due  to  stiff¬ 
ness  and  friction  of  the  tubes  and  wires  were  found  to  be  negligible.  During  a  30  seconds  test  period  all  measured 
informations  were  recorded  and  computed  on  the  various  facilities.  Quick  look  analysis  and  a  selection  of  displayed 
results  was  available  before  the  following  testing  point.  Thus  the  carpet  of  potars  ot  constant  Mach  Numbers  was 
produced . 


3.2.2  Continuous  Incidence  Polar 

At  a  continually  varying  test  condition  measurement  signals  were  recorded  and  computed  quasi-analogous. 

This  technique  offers  maximum  information  in  a  minimum  of  testing  time.  Application  of  this  method  for  continuous 
polar  determination  excludes  simultaneous  pressure  distribution  measurements  with  a  scanning  system.  The  procedure 
of  continuous  incidence  variation  causes  Mach  Number  increase  respectively  decrease  due  to  tunnel  blockage  change. 
Simultaneous  speed  readjustment  in  large  wind  tunnels  is  difficult.  So  polars  were  produced,  where  Mach  Number 
changes  with  angle  of  attack.  By  the  aid  of  a  2-dimensional  interpolation  program  a  carpet  of  incidence  polars  at 
constant  Mach  Numbers  can  be  computed,  provided  that  a  sufficient  number  of  input  data  is  measured. 


3.2.3  Continuous  Mach  Number  Polars 

The  technique  of  continuous  Mach  Number  polar  is  recommended  to  investigate  buffet  onset  and  drag  rise 
behaviour.  At  a  fixed  geometric  model  configuration  flow  is  slowly  accelerated  to  the  maximum  desired  velocity. 
Force  and  buffet  onset  data  are  observed  and  recorded  against  Mach  Number.  The  degree  of  acceleration  is  re¬ 
stricted  by  the  time  lag  of  the  measuring  system.  Measuring  data  collection  of  various  incidence  conditions  allows 


i 


interpolations  to  constant  lift.  This  method  is  especially  suggested,  when  effects  of  relatively  small  model  modifi¬ 
cations  are  to  be  determined. 
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3.2.4  Flow  Through  Throttling  under  Minimum  Internal  Loss  Conditions 

The  advantage  of  the  applied  principle  of  throttling  the  mass  flow  through  the  nacelle  is  obvious,  because 
except  for  friction  no  internal  losses  are  produced  due  to  throttle  position.  This  results  in  the  fact,  that  nacelle  drag 
is  kept  to  a  minimum  under  throttle  conditions.  Drag  rise  and  changes  in  the  measured  characteristics  indicate  spil¬ 
lage  and  Mach  Number  effects. 


3.2.5  Determination  of  Model  Deformations  under  Aerodynamic  Loods 

Deformations  of  the  test  arrangement  consist  of  the  attachment-elasticity  (  balance  )  and  the  bending  of  the 
model.  The  balance  stiffness  was  determined  by  static  calibrations.  In  order  to  determine  model  deformations,  optical 
reference  screens  were  installed  in  several  planes  of  the  model  and  on  the  tunnel  floor.  Photographs  were  taken 
during  static  calibrations  and  at  test  conditions  from  optimal  camera  positions.  First  evaluations  gave  reasonable 
results.  * 


3.2.6  Flow  Visualization 


Model  wing  and  fairing  was  provided  with  a  pressurized  tubing  system  by  which  either  different  coloured  oil 
was  pressed  through  the  orifices  on  the  surface  or  alternately  kerosene,  to  clean  up  the  wing  for  a  further  test, 
without  stopping  the  tunnel.  Coloured  photos  were  taken  as  well  as  movies  and  video  recordings. 


3.2.7  Unsteady  Test  Techniques 

Unsteady  test  techniques  are  described  in  part  2  of  this  paper. 


3.3.  TEST  PROGRAM 

In  1979  3  test  series  were  carried  out  with  the  large  model  arrangement.  Forces,  steady  and  unsteady 
pressure  distribution  measurements  were  performed.  On  the  basic  wing-fuselage-configuration  the  influence  of  various 
parameters  was  investigated: 

o  engine  intake  interference,  simulated  by  the  flow  through  nacelle  and  pylon 
o  influence  of  externally  mounted  nacelle  in  different  relative  wing  positions 
o  effect  of  throttled  nacelle  mass  flow 

o  aileron  deflection  efficiency 

o  influence  of  wing-fuselage-fairings 

o  impact  of  contour  disturbances  in  the  region  of  slats  and  spoilers 
o  nonstationary  effects,  induced  by  periodic  and  random  excited  aileron. 

Generally,  the  tests  were  conducted  in  the  Mach  Number  range  0.3  <  M  <  0.85.  Maximum  speed  of 
M  =  0.87  was  achieved  with  certain  configurations.  Incidence  range  was  restricted  by  load  respectively  buffeting 
limitations. 


4.  RESULTS 

4.1  REYNOLDS  NUMBER  RANGE 

Due  to  the  fact,  that  the  ONERA  SI  wind  tunnel  is  an  atmospheric  tunnel,  Re-Number  varies  with  Mach 
Number.  Referring  to  the  MAC  of  the  wing,  Re-Numbers  up  to  Re  =  11.5  .  10^  were  achieved  with  the  test  confi¬ 
guration.  The  possible  Re-range,  depending  on  Mach  Number  is  shown  in  Fig.  9. 

4.2  DRAG  CHARACTERISTICS  OF  THE  FLOW  THROUGH  THROTTLING  PRINCIPLE 

Results,  obtained  by  small  scale  model  tests  are  plotted  in  Fig.  10.  As  mentioned  before,  the  aim  was,  to 
throttle  the  mats  flow  at  minimum  nacelle  drag.  It  is  remarkable,  that  at  moderate  Mach  Numbers  nacelle  drog 
decreases  with  the  degree  of  throttling  due  to  less  internal  friction.  However  at  higher  flow  velocity,  drag  charac¬ 
teristic  changes.  Thus  spillage  and  interference  effects  are  indicated  [lCj  . 
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4.3  STATIONARY  FORCE  TESTS 

Compared  with  small  scale  complete  model  tests.  Re-effects  ore  evident  in  the  maximum  lift  and  buffet  onset 
behaviour,  shown  in  Fig.  11  for  the  basic  wing-fuselage-configuration.  Differences  in  the  slope  seem  to  be  caused 
by  the  half  model  test  technique. 

The  phenomena  in  drag  characteristic  Fig.  12  have  not  been  explained  for  the  time  being.  In  fact,  the  in¬ 
duced  drag  decreases  ot  higher  Re-Numbers,  compared  with  small  scale  model  tests.  But  drag  behaviour  against 
Mach  Number  (Fig.  13)  is  in  opposition  to  theory  and  complete  model  test  results.  The  order  of  this  discrepancy 
cannot  be  explained  by  a  lack  of  tunnel  correction  quality.  Experimental  research  work  on  this  subject  has  been 
carried  out  at  the  NLR  in  Amsterdam  recently.  First  results  indicate  similar  phenomena.  Additional  current  analysis 
and  calculations  are  performed  at  ONERA. 

Repeatability  and  accuracy  was  proved  by  several  tests. 


4.4  STATIONARY  PRESSURE  DISTRIBUTION  ON  THE  WING 

As  an  example  local  pressure  distribution  on  4  wing  sections  is  compared  with  results  of  small  scale  complete 
model  tests,  thus  at  two  different  Re-Numbers  in  Fig.  14.  This  comparison  is  drown  ot  similar  lift  coefficients  with¬ 
out  transition  fixing.  It  is  noticed  that  the  double  shock  tendency  on  the  inner  wing  is  more  pronounced  at  higher 
Re-Numbers,  the  type  of  pressure  distribution  however  remains  similar.  The  supercritical  pressure  distribution  in  the 
front  part  of  the  wing  recompresses  without  flow  separations  on  the  trailing  edge. 

Fig.  15  gives  an  impression  of  the  development  of  the  pressure  distribution  profile  in  the  critical  wing 
section  up  to  buffet  onset  and  maximim  lift  conditions.  Shock  position  remains  rather  constant,  even  in  the  stoll 
range. 


Certainly,  pressure  distribution  profile  and  shock  position  varies  with  speed.  The  evolution  of  the  charac¬ 
teristics  on  a  wing  section  at  constant  incidence  is  shown  in  Fig.  16.  With  increasing  Mach  Number  the  shock 
moves  rearwards.  Speed  induced  flow  separations  appear  together  with  shock  formation  on  the  lower  wing  surface. 


4.5  NACELLE  EFFECTS 

The  wing  fixed  nacelle  induces  remarkable  lift  reduction  in  connection  with  foreword  shifted  shock  (Fig.  17). 
However  contrary  effects  are  noticed,  when  the  nacelle  is  externally  attached  without  pylon  (Fig.  18).  At  extreme 
close  nacelle  positions,  shocks  appear  on  the  lower  wing  surface,  caused  by  interactions.  It  must  be  mentioned  that 
there  is  a  remarkable  influence  on  the  results,  caused  by  the  addition  blockage  of  the  suspension  facility.  This  effect 
must  be  eliminated  for  final  analysis. 

Due  to  mass  flow  throttling,  super  velocity  on  the  wing  is  initiated  with  the  corresponding  influence  on  flow 
distribution  (Fig.  19). 


4.6  AILERON  EFFECTS 

Normal  force  and  pitching  moment  distribution,  derived  from  sectional  pressure  integrations,  plotted  over  the 
wing  span,  illustrate  aileron  efficiency  in  Fig.  20  and  Fig.  21. 


4.7  CONTOUR  DISTURBANCE  INFLUENCE 

The  advantage  of  a  large  model  is  especially  evident,  when  relatively  small  geometric  details  and  modifi¬ 
cations  are  to  be  simulated  and  investigated.  In  the  case  of  contour  disturbance  simulation  the  possible  high  impact 
of  such  sources  is  demonstrated. 

In  Fig.  22  the  local  static  pressure  distribution  on  a  representative  wing  section  is  shown 'as  an  example  In 
presence  of  the  slat  contour  disturbance  the  shock  is  reinforced  and  its  position  is  moved  rearwards.  Such  a  type  of 
pressure  distribution  tends  to  early  flow  separation  and  thus  the  sensitivity  against  buffet  onset  grows. 

A  shock  in  a  position  in  front  of  a  spoiler  induced  contour  disturbance  is  only  slightly  influenced  with  respect 
of  its  location  and  strength  (Fig.  23). 

Rather  high  effects  are  detected  in  the  drag  behaviour  against  lift  and  Mach  Number,  as  documented  in 
Fig.  24  to  Fig.  26. 
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4.8  CONTINUOUS  TEST  PROCEDURES 

Sensitivity  of  the  wing  against  contour  disturbances  becomes  more  evident  by  the  analysis  of  the  results 
derived  from  the  continuous  Mach  Number  polar  technique.  Even  the  relatively  small  irregularity,  caused  by  only 
one  simulated  spoiler,  results  in  distinct  measurable  effects,  demonstrated  in  Fig.  27,  where  the  uncorrected  axial 
force  coefficient  is  plotted  against  Mach  Number. 

As  a  typical  example  the  technique  of  buffet  onset  determination  is  presented  in  Fig.  28.  Comparison  of 
lift  behaviour  depending  on  Mach  Number  shows: 

o  general  lift  reduction  due  to  contour  disturbance 

o  lift  maximum,  which  indicates  local  flow  separations,  appears  at  lower  Mach  Number 
with  a  contour  disturbance  on  the  wing,  i.e.  reduction  of  buffet  boundary  due  to 
slat  simulation  by  AM. 


4.9  FLOW  VISUALIZATION  RESULTS 

The  technique  of  flow  visualization  by  means  of  pressing  different  coloured  liquids  through  the  wing  surface, 
allows  the  production  of  flow  pictures  during  varying  test  conditions,  as  shown  in  Fig.  29  as  an  example. 


4.10  DATA  HANDLING  AND  DOCUMENTATION 

Special  documentation  had  to  be  established  to  handle  and  analyse  the  high  quantity  of  data  and  results, 
which  are  produced  during  a  test  series  of  such  a  degree  of  complexity.  It  is  not  worth-while,  to  copy  and  distri¬ 
bute  10  thousands  of  diagrams  and  listings.  Instead  of  producing  conventional  result  documentation,  it  is  suggested 
to  provide  a  test  report,  which  contents: 

o  model  specification 
o  test  program 

o  introduction  of  data  display  and  storage 
o  example  of  characteristic  results 
o  catalogue  of  data  documentation. 

Users  then  require  in  detail  those  data  only  which  they  are  specifically  interested  in  [9] 


5.  FUTURE  PROSPECTS 

This  model  design  of  standardized  units  allows  to  utilize  the  model  itself,  the  external  remotely  controlled 
suspension  facility,  and  the  data  processing  system  for  further  test  purposes. 

In  particular  the  model  wing  can  be  modified  and  equipped  with: 

o  high  lift  devices 
o  new  airfoil 

o  module  systems,  containing  movable  surfaces  (  excited,  oilerons,  flapperons,  spoilers  ) 
o  additional  measuring  equipment. 

The  external  nacelle  attachment  device  can  be  used  as  remotely  controlled 
o  engine  simulator  support 
o  sensor  support. 

Special  attention  shall  be  directed  to  use  the  model  system  in  connection  with  engine  simulation  tests  in  the 
wind  tunnel.  It  is  planned  to  odapt  a  TPS-system  (  turbine  powered  simulator )  to  the  model. 


The  use  of  the  model  arrangement  is  generally  not  restricted  to  the  large  transonic  tunnel  SI  MA  in  Mod  one. 
After  certain  modifications  it  can  be  installed  into  comparable  large  test  sections  of  other  wind  tunnels  for  testing. 


29-8 


6.  CONCLUSIONS 

Transonic  tests  with  model  or  ran  gem  arts  of  such  dimensions  are  not  free  from  risk.  Strength  limits  are  reached 
rather  soon  on  critical  model  components.  It  must  be  realized,  that  loads  on  this  test  installation  were  achieved, 
which  are  by  a  factor  5  higher  than  the  design  wing  loads  on  the  full  scale  aircroft.  In  addition,  usually  wind  tunnel 
tests  are  required  beyond  flight  range.  In  those  cases  unpredictable  unsteady  effects  occur  on  top  of  that  and  situations 
can  arise,  where  loads  cannot  be  kept  under  control.  Monitoring  of  security  devices  helps  to  avoid  an  accident. 

The  advantage,  to  utilize  a  large  scale  wind  tunnel  model  is  clearly  demonstrated  by  evaluating  and  ana¬ 
lysing  the  test  results.  Because  of  sufficient  internal  space,  the  model  can  be  equipped  with  a  high  amount  of 
various  transducers  and  pick  ups.  This  leods  to  accurate  ond  detailed  results.  Furthermore,  on  a  large  scale  model 
even  small  geometric  details  and  variations  can  be  simulated  and  their  measurable  effects  can  be  shown.  ' 

Although  the  fundamental  problems,  to  judge  test  results  and  transfer  them  to  the  full  scale  aircraft,  gener¬ 
ally  are  not  solved  by  o  larger  model  scale  (  application  of  wind  tunnel  corrections  and  disadvantages  due  to  half 
model  technique  are  to  be  considered  ),  it  is  however  possible  to  determine  experimentally  especially  interference 
effects  on  the  basis  of  differences  and  reference  tests. 
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FIG.  4:  Halfmodel  Arrangement 


FIG.  5:  Throttle  Mechanism  of  Flow  Through  Nacelle 


FIG.  13:  Drag  Companion  Half/Complete  Model 


FIG.  14:  Influence  of  Re-Number  on  Local  Pressure 
Distribution 


FIG.  15:  Incidence  Effect  on  Local  Pressure  Distribution 


FIG.  16;  Mach  Number  Effect  on  Local  Pressure 
Distribution 
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FIG.  17:  Effect  of  Wing  fixed  Flow  Through  Nacelle 
on  Local  Pressure  Distribution 


FIG.  18:  Effect  of  Externally  attached  Flow  Through 
Nacelle  on  Local  Pressure  Distribution 
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PHIL0S0PH1E  ET  RESULTATS  DES  TECHNIQUES  D’ESSAIS  STATIONNAIRE  ET  INSTATIONNAIRE 
SUR  UNE  MAQUETTE  A  GRANDE  ECHELLE  D'UN  AVION  DE  TRANSPORT 
DANS  LA  SOUFFLERIE  TRANSSONIQUE  SI  MA  DE  L’ONERA 


2Ame  partie  :  Aspects  Adrodynamiques  instationnaires 
par  A.  Gravelle 


Office  National  d'Etudes  et  de  Recherches  Adrospatiales  (ONERA) 
92320  Chatillon  (France) 


NOTATIONS 


Q  _  po  ( Cos  <p  +  j  Sin  <p) 
q6io 
F 


M 


p  =  poSin  (or  +  <p  ) 


q 

a 

6 


coefficient  de  pression  instat ionnaire 
frequence  d' excitation 


nombre  de  Mach 


pression  en  un  point  induite  par  le  mouvement  de  la 
pres9ion  dynamque  de  l'dcoulement 
incidence  de  la  maquette 
braquage  statique  de  la  gouverne 


gouverne 


6i  -  6io  Sin  or 


:  angle  dynamique  de  la  gouverne 
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I  -  INTRODUCTION 


L' utilisation  de  maquettes  de  grandes  dimansions  presente  des  avantages  connuns  aux 
probl£mes  atat ionnaires  et  instationnaires ,  tels  que  : 

-  des  norabres  de  Reynolds  eieves 

-  la  meilleure  precision  relative  des  profile 

-  la  plus  grande  intensity  des  forces  et  dea  moments  h  meeurer 

-  la  meilleure  logeabilite  pour  les  equipements . 

L'obtention  de  gran*  nomb res  de  Reynolds  peut  etre  r^alisde  par  d'autres  moyens  que 
les  grandes  maquettes  :  dans  les  souf f leries  pressuris4es  ou,  &  I'avenir,  dans  les  souffleries 
cryog^niques . 

Nous  nous  bornerons  d  decrire  dans  cette  partie  de  1 'expose  les  seuls  avantages 
specif iques  fournis  par  ces  maquettes  en  ce  qui  concerne  les  Etudes  instationnaires,  sans  n£gliger 
toutefois  le  probl^me  des  equipements  qui  est  alors  part icul i^rement  ardu. 

Nous  d£signons  par  grandes  maquettes  des  maquettes  de  plusieurs  metres  d'envergure 
destinies  aux  souffleries  telles  que  SI  Modane,  Fl  Le  Fauga,  DNW,  RAE  5m  .... 

II  -  MAQUETTES  DE  HE SURE  DE  COEFFICIENTS  INSTATIONNAIRES 

II.  I  -  G<§ n£ralit£s 


Ces  maquettes  sont  utilisdes  pour  mesurer  soit  des  coefficients  globaux,  coefficients 
de  portance  (  )  ou  coefficients  de  moment  (  CM  ),  soit  des  coefficients  locaux,  les  coefficients 

de  pression  (  Cp  ),  en  presence  d'un  mouvement  harmonique  de  tout  ou  partie  de  la  structure  (gouvernes, 
spoilers  . . . ) . 

Dans  le  cas  des  mesures  globales,  les  valeurs  des  forces  et  des  moments  sont  beaucoup 
plus  grandes,  done  plus  ais£ment  mesurables  pour  des  maquettes  de  grande  dimension. 

Dans  le  cas  des  mesures  locales,  on  utilise  des  capteurs  de  pression  miniatures  repartis 
£  l’intdrieur  de  la  maquette.  Plus  de  place  disponible  perraet  de  multiplier  le  nombre  des  capteurs 
dans  une  meme  zone,  done  d'obtenir  un  r^seau  plus  fin  qui  augmentera  la  precision  de  localisation 
d'un  choc,  ou  de  1 ' integration  des  pressions  sur  la  surface. 

Le  volume  disponible  k  l'interieur  d'une  maquette  est  egalement  un  element  determinant 
en  ce  qui  concerne  les  possifcflites  d 1  installation  de  v4rin9  hydrauliques  miniatures  permettant 
1 'excitation  d'eiements  tels  que  ailerons,  spoilers  et  flapperons,  permettant  egalement  le 
braquage  statique  des  elements  non  excites  dans  le  cas  de  configurations  complexes.  Par  exemple 
des  flapperons  mobiles  s'etendant  sur  10  h  15  1  de  la  corde  d'une  aile  sont  irreal isables  sur  des 
maquettes  de  1  m£tre  d'envergure,  et  faisables  sur  des  maquettes  de  2  h  A  metres. 

II. 2  -  Essai  ZKP 

La  maquette  ZKP,  qui  a  ete  decrite  dans  la  premiere  partie  de  cet  expose,  a  ete  equipee 
d'un  aileron  externe  mobile,  pouvant  etre  animd  d'un  mouvement  aieatoire  (bruit  blanc),  ou 
sinusoidal,  au  moyen  d'un  v4rin  hydraulique  miniature  (figure  1). 


Figure  n°  1  Aile  ZKP  Position  des  cordes  de  me* 
sure  en  envergure. 


! 

id 
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Les  eaaaia  inatationnairea  £taient  destines  k  appr£cier  I'efficacitd  de  cet  aileron 
dans  difflrentes  condi tiona  de  Mach,  d' incidence  et  de  braquage  atatique.  Outre  le  moment  de 
charni&re  donnd  par  un  pont  de  jaugea  de  torsion  sur  l'axe  de  la  gouverne,  cea  eaaaia  comportaient 
eaaentiellement  la  meaure  du  premier  harmonique  de  preaaion  en  68  points  de  1'aile,  dont  32  dtaient 
rdpartia  dana  une  corde  aitu£e  senaiblement  au  quart  interne  de  l1 aileron.  Le  mouvement  de  I'aile 
alle-mfioe  dtait  control^  au  moyen  de  12  acc£i£rom6trea . 


Lea  rlaultats  pr£aent£s  ici  concernant  des  eaaaia  r£alis£a  en  presence  de  haubans 
inunobi 1 isant  l'extrdmitd  de  i'aile,  le  aeul  mouvement  £taut  alors  1 'oscillation  de  1 'aileron. 

D'autrea  eaaaia  ont  6t£  r£alis£s  aana  haubans  ,  avec  excitation  k  la  frequence  de  flexion  de 
I'aile.  Les  repartitions  de  presaion  dues  h  l'effet  combine  du  mouvement  de  1' aileron  et  de  la  flexion 
de  i'aile  aont  raoins  aisement  interpretablea . 

L' influence  du  braquage  atatique  6  de  1' aileron  sur  laa  coefficients  de  preaaion  k 
l'extrados  eat  montre  (figure  2)  dana  un  caa  subcritique,  pour  un  nombre  de  Mach  M  de  0,73  et 
une  incidence  de  i'aile  QL  de  0°.  Le  moment  de  charnifere  stationnaire  de  l 'aileron  eat  nul  pour 
le  braquage  6  de  -  6®,  I'efficacitd  de  la  gouverne  est  alors  maximum.  Loreque  6  varie  de  -  6®  k 
+  1,5®,  l'efficacitd  ddcroit,  alora  que  le  ddphasage  augmente  senaiblement . 


Figure  n°  2  Effet  du  braquage  statique  de 
1' aileron 


L' augmentation  du  nombre  de  Mach  (figure  3)  provoque 
particulidrement  en  araont  de  la  charnifere,  une  aone  l£gfcrement 
pour  H  *  0,78,  et  un  choc  apparaissant  vers  40  X  de  la  corde 
valeurs  du  coefficient  dans  cette  dernifere  zone  t£moignent  de 
choc,  en  correlation  avec  le  mouvement  de  1 'aileron.  Les  ondes 
ce  choc,  aussi  le  Cp  est  pratiquement  nul  en  amont  de  celui- 


£galement  une  perte  d' ef ficacite , 
supersonique  ae  manisfestant  d£ja 
pour  M  *  0,83.  Les  trfes  grandes 
1 'oscillation  de  l'onde  de 
de  pression  ne  peuvent  traverser 
ci . 


Figure  n®  3  Effet  du  nombre  de  Mach 


Une  variation  de  1* incidence  de  l'aile  de  2  degr^s  (figure  A),  pour  un  norobre  de 
Mach  de  0,78  fait  ^galement  apparaitre  une  onde  de  choc  S  30  X  de  la  corde,  raise  en  Evidence  par 
la  grande  amplitude,  ainsi  que  la  variation  de  phase  rapide  du  Cp  • 


M  =  0,78 
6  --  -  6* 
tz  lOhz 


Figure  n°  4  Effet  de  1' incidence  de  la  ma- 
quette 


L'amplitude  des  Cp  n'est  pas  notablement  affectde  par  un  accroissement  de  la  frequence 
d 1 osc il la t ion  de  10  4  30  Hertz  (figure  5),  le  ddphasage  augmentant  de  faqon  sensiblement  proportionnelle. 


Figure  n*  5  Effet  de  la  frequence  d' exci¬ 
tation 


II. 3  -  Pro  jets  rdcenta 

II  exiate  actuel lenient  pluaieurs  projeta.aoit  ddj4  rdaliada,  aoit  en  coura  d'dtude  et 
de  fabrication,  de  maquettea  de  grandea  dinensiona,  tendant  4  exploiter  au  maximum  lea  poaaibilitda 
offertea  en  aatiire  d'dquipenent  tant  en  ce  qui  concerne  lea  meaures  que  le  nombre  de  aurfacea 
oacillantea. 

Ainai  a  itt  ddveloppd  4  l'ONERA  en  1978  une  dtude  d'efficacitd  de  gouverne  en  prdaence 
d' un  profil  aupercritique,  au  moyen  d'eaaai  aur  une  demi-aile  droite,  la  maquette  RA16SC1, 
meaurant  1,20  mitre  d'envergure. 


k.  .  I 
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Celle-ci  etait  munie  d'une  gouverne  oscillante  pouvant  etre  aitu^e  soit  en  extremity 
d'aile,  soit  A  la  moitie  de  i'envergure  ;  elle  etait  equipee  de  148  capteurs  de  pression  instat ionnai re , 
dont  124  au  voisinage  immediat  de  la  tranche  concernant  la  gouverne.  Les  premiers  essais  ont  ete 
effectu^s  sur  cette  maquette  en  avril  1979. 

La  SNIAS  en  cooperation  avec  l'ONERA  effectue  4gaiement  1' etude  d'une  d-mi-maquett e 
du  projet  A200  de  2,28  metres  d'envergur*1  equipee  de  3  flapperons  mobiles  et  contenant  environ 
400  capteurs  de  pression  dont  50  dans  une  metne  corde.  Les  3  flapperons  pourront  etre  excites 
s£par£ment  ou  s imul tan^ment . 

tin  fin  le  projet  ZkU*  II  (fi6ure  b)  consisle  a  ^quipcr  la  u»aquette  Je<_rite  precedeiuiucnL 
de  3  spoilers  avec  et  sans  fente,  puis  de  3  flapperons  mobiles,  avec  <5galement  la  possibility 
d1 exciter  sypar^ment  ou  simul tan^ment  soit  les  3  spoilers,  soit  les  3  flapperons.  Le  nombre^ de 
capteurs  sera  augment^  de  telle  sorte  que  l'on  devra  mesurer  et  traiter  s imul tan^ment  environ 
400  signaux  de  pression  sinusotdaux. 


Figure  n"  6  Maquette  SKP  II 


II. 4  -  M£thodes-  de  mesure  et  de  traitement 

La  chaine  de  traitement  utilis^e  lors  des  essais  ZKPl  etait  une  chaine  analogique  de 
l’ONERA  et  dont  le  dernier  d£veloppement  avait  ete  effectue  lors  des  essais  NORA  [l]  en 
cooperation  avec  le  RAE,  le  DFVLR  et  le  NLR. 

Cette  chaine  comportait  (figure  7)  pour  chaque  capteur,  outre  1 'al imentation  en  tension, 
une  amplification  r6glable  et  le  filtrage  de  la  composante  continue  Puis  une  commutation 
automatique  permettait  de  r^duire  le  nombre  de  signaux  simultanes  A  10,  ceux-ci  etant  multiplies 
analogiquement  par  deux  signaux  de  reference  en  phase  et  en  quadrature  avec  ie  deplacement  et  ensuite 
integr£s  pendant  une  duree  d'environ  100  pdriodes  avant  d'etre  numerises.  Les  coefficients  de 
pression  dtaient  calculds  par  un  ordinateur  et  pr^sentes  sous  forme  de  tableaux  ou  de  traces. 


'™vWM 


Figure  n°  7  Chaine  d'acquisition  et  de  traitement 
des  Cp  analogique 


Cette  chaine  etait  capable  de  traiter  un  maximum  de  80  capteurs  dans  la  configuration 
existant  en  1979. 

L&  nombre  croissant  de  capteurs  A  traiter  nous  a  conduit  A  developper  une  chaine  de 
mesure  permettant  de  r£duire  au  maximum  les  elements  analogiques  qui  restent  tr£s  couteux  [2]  . 

Le  principe  retenu  eat  de  numeriser  les  signaux  sinusoldaux  immediaternent  apr£s  amplification, 
puis  d'en  extraire  la  reponae  harmonique  A  la  frequence  d ' exc i ta t ion ,  et  eventuel lement  aux 
multiples  de  cette  frequence,  au  moyen  d'un  analyseur  de  Fourier  (figure  8).  Le  calcul  des  coefficients 
de  pression  et  la  presentation  des  resultats  s'effectuant  de  la  memo  faqon  que  preced eminent . 

Dans  ce  cas,  chaque  capteur  ne  necessite  plus  qu'une  alimentation  et  une  pre-amplification 
de  gain  fixe  s£par£es.  Une  commutation  conduit  ensuite  A  1 ’ ampl i f icat ion  et  au  filtrage  par  groupes 
de  16  ou  de  32  voies. 


i 
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Cette  chatne  a  dtd  utilisde  pour  la  premiere  fois  en  1979,  lors  de6  essais  de  la  maquette 
RA16SC1,  avec  une  capacity  de  150  voies  ;  elle  est  actuellement  en  cours  d'extension  pour  atteindre 
une  capacity  de  400  voies  fin  1980,  dans  le  cas  de  1* analyse  du  seul  coefficient  fondamental  de 
la  sdrie  de  Fourier.  Une  version  permettant  l'dtude  de  3  ou  4  harmoniques  eur  100  voies  est  dgalement 
prdvue  pour  la  tneme  dpoque. 
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Figure  n°  8  Chaine  d'acquisition  et  de  traite- 
ment  des  Cp  numdrique 


III  -  MAQUETTES  DE  FLOTTEMENT 

La  difficult^  dans  le  cas  des  maquettes  de  similitude  adrodlastique  reside  dans  le  fait 
que  les  lois  de  similitude  imposent  une  efficacitd  de  la  structure  dgale,  et  quelque  fois 
supdrieure,  &  celle  des  avions  [3]  .  Ceci  conduit  h  un  rapport  rigidite-masse  dlevd  et  dans  le 
cas  des  dchelles  rdduites,  h  des  dpaisseurs  de  structure  extremement  faibles,  done  trds  difficiles 
h  rdaliser,  ndeessitant  l'emploi  de  matdriaux  h  haut  module  dlastique  tels  que  les  fibres  de 
carbone  ou  de  bore.  En  outre,  I'dquipement  de  ces  maquettes  est  rdduit  a  1' extreme,  tout  apport 
de  masse  dtant  prohibitif. 

II  est  done  ndeessaire  d'augmenter  soit  le  rapport  d'dchelle  des  longueurs,  soit  le 
rapport  d'dchelle  des  masses,  et  ceci  peut  etre  rdalisd  de  trois  fa<;on  diffdrentes  : 

-  dans  le6 souf f leries  de  grandes  dimensions 
“  dans  les  souffleries  pressurisdes 

-  dans  les  souffleries  cryogdniques 

Dans  les  trois  cas  on  obtiendra  dgalement  un  nombre  de  Reynolds  dlevd. 

Cependant,  seules  les  maquettes  h  grande  dchelle  permettent  de  reprdsenter  correctement 
certains  dldments. 

II  en  est  ainsi  des  gouvernes,  dont  on  ne  peut,  dans  des  maquettes  completes  dimens ionndes 
pour  la  soufflerie  S2  de  Modane,  e'est-d-dire  ne  ddpassant  gudre  1  mdtre  d'envergure,  reprdsenter 
ni  les  modes  propres,  ni  les  fonctions  de  transfert  des  servo-mdeanismes  qui  sont  en  gdndral  d’un 
ordre  dlevd.  Par  exemple  dans  le  cas  de  la  maquette  h  l'dchelle  1/38  de  1 'Airbus  A300,  les  ailerons 
externes,  qui  n'dtaient  reprdsentds  qu'en  tant  que  masse  et  inertie,  pesaient  2,1  grammes,  les 
rigiditds  de  liaison  dtant  rdalisdes  au  moyen  de  simples  lames  mdtalliques.  Une  maquette  complete 
de  ce  meme  avion,  destinde  &  la  soufflerie  SI,  serait  &  l'dchelle  1/9,  et  la  masse  de  1' aileron 
externe  serait  de  130  grammes.  Mais  la  soufflerie  n'dtant  pas  pressurisde  elle  ne  permettrait  pas 
d'dtudier  aussi  compldtement  le  domaine  de  vol . 

Cependant,  si  des  maquettes  completes  sont  indispensables  pour  la  reprdsentat ion  d'un 
grand  nombre  de  modes  et  particulidrement  des  modes  rigides  et  des  modes  antisymdtriques  de 
1 'avion,  certains  probldmes  peuvent  etre  dtudids  sur  des  demi-maquet tes  montdes  d  la  paroi,  de 
dimensions  plus  grandes,  avec  une  suspension  souple  qui  permet  d'obtenir  une  partie  des  modes 
rigides . 


Un  autre  avantage  des  grandes  maquettes  pour  les  adrodlasticiens  concerne  la  fatigue 
Hps  materially.  Fn  pffpt,  Hans  la  similituHp  Hp  t  1'^cuelle  dps  *r*quences  *tant  sensiblement 

inversement  proport ionnelle  d  l'dchelle  des  longueurs,  des  dimensions  plus  grandes  conduisent  d 
un  nombre  de  cycles  plus  faible  dans  un  temps  donnd,  avec  un  niveau  de  contrainte  comparable, 
ce  qui  a  pour  effet  d'augmenter  la  durde  de  vie  en  fatigue. 

IV  -  MAQUETTES  POUR  ETUDES  DE  CONTROLES  AUTOMAT I QUE S  GENERALISES  (CAG) 

Les  CAG  comprennent  les  systdmes  de  contrfile  actif  de  flottement,  les  systdmes  absorbeurs 
de  rafale,  les  controles  de  portance  ....  Ils  ndeessitent  la  mise  en  mouvement  d'ailerons,  de 
spoilers,  de  flapperons,  ou  de  surfaces  additionnel les ,  done  la  prdsence  de  servo-mdeanismes. 

En  outre,  mettant  en  jeu  les  premiers  modes  de  ddformation  de  la  structure,  ils  doivent  etre  dtudids 
sur  des  maquettes  dynamiquement  semblables. 

Les  caractdrist iques  d'une  maquette  CAG  regroupent  done  celles  des  deux  types  de  maquette 
ddcrits  ci-dessus.  En  particulier  la  cornmande  des  surfaces  de  contrfile  est  rdalisde  par  des 
vdrins  hydrauliques  qui  ne  peuvent  avoir  une  action  que  dans  une  bande  de  frdquence  limitde. 


Ce  probldme  est  rdsolu  d  ce  jour  dans  la  bande  0  -  50  Hz . 
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D'autre  part,  les  maquettes  dtant  dynamiqueiucn*.  .  ilables  il  est  ndcessaire  que  la 
masse  locale  addit ionuel le  due  &  ces  vdrins  soit  ndgligeable  devant  la  masse  de  la  structure*  or 
cette  masse  depend  peu  de  la  dimension  des  dldments  ^  mouvoir. 

Les  maquettes  doivent  done  etre  suffisamment  volumineuses ,  de  masse  iraportante,  et 
presenter  des  modes  de  deformation  h  basse  frequence.  Le  choix  se  portera  naturel lement  sur 
des  demi-maquet tes  de  type  SI. 

L'ONERA  dtudie  ac tue 1 1 ement  1  * implantat ion  d ' un  gdndrateur  de  rafale  dans  la  soufflerie 
SI,  qui  permettra  de  telles  Etudes  sur  des  maquettes  dquipdes  de  plusieurs  surfaces  mobiles. 

V  -  CONCLUSION 


Le~>  maquettes  de  grandes  dimensions  prdsent€*nt  des  avantages  apprdciables  tant  pour  les 
mesures  s tat ionnaires  que  les  mesures  instat ionnaires .  Ces  avantages  resident  principal ement  dans 
la  possiblite  de  realisation  d'dlements  de  petite  dimension  ik  l'dchelle  de  1 1  avion  ( f lapperons , 
spoilers)  et  dans  le  volume  disponible  pour  loger  les  dldments  ndeessaires  h  la  motorisation  de 
ces  dldments  ainsi  que  dans  1  * instrumentat ion  dr  mesure. 

Ceci  conduit  h  la  multiplication  trds  rapide  du  nombre  de  voies  de  mesure,  probldmes 
qui  a  dtd  rdsolu  h  I'ONERA  par  une  Evolution  paralidle  des  chaines  d *  acquisition  et  de  mesure. 

Le  cout  de  ces  maquettes  est  certainement  plus  dlevd  que  celui  de  maquettes  plus  petites, 
mais  ce  cout  correspond  h  des  resultats  que  l'on  ne  pourrait  en  aucun  cas  obtenir  sur  ces  dernidres, 
et  on  peut  penser  qu'd  performances  dgales  le  prix  de  revient  d * une  grande  maquette  ne  serait 
pas  plus  dlevd. 

En  outre,  la  motorisation  de  diffdrents  dldments  contribue  a  rdduire  la  durde  des 
essais,  les  changements  de  configuration  pouvant  s'effectuer  sans  arreter  la  soufflerie. 
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PHILOSOPHIE  ET  RESULTATS  DES  TECHNIQUES  D'ESSAIS  STATIONNAIRE  ET  INSTATIONNAI RE 
SUR  UNE  MAQUETTE  A  GRANDE  ECHELLE  D'UN  AVION  DE  TRANSPORT 
DANS  LA  SOUFFLERIE  TRANS SONIQIIE  SI  MA  DE  L'ONERA 


Annexe  :  Montage  d'essai 
par  A.  Ciacchetto 


Office  National  d'Etudes  et  de  Recherches  A^rospat  ia  1  t*s  ( ON  ERA ) 
Centre  de  Modane  Avrieux 
73500  Avrieux  (France) 


MONTAGE  D'ESSAI 


1  -  MONTAGE  EN  VEINE 


Une  photographie  et  un  schema  du  montage  de  la  derai-maquette  dans 
de  la  soufflerie  SI  de  Modane-Avrieux  sont  reprdsentds  sur  les  figures  1  et 


la  veine  n° 

2. 


1  -  42,6  m2 


Fig.  2  Schema  du  montage  de  ia  demi-maquette  en  veine. 


T 

* 


T  l).  ">  2 


La  voilure,  sur  laquelle  est  boulonne  le  demi- fuselage ,  est  fixde  sur  la  partle  tournante 
d'une  balance  solidaire  de  la  veine  ;  cette  balance  assure  done  la  raise  en  incidence  de  l1 ensemble 
ainsi  dAfini  et  sa  pesAe  en  axes  a£ rodynamiques  ;  un  espace  de  125  ran  environ  est  am£nag£  entre 
le  plancher  et  la  demi-maquette,  de  fa^on  A  maintenir  celle-ci  hors  de  la  couche  limite. 


Pour  la  premiere  s£rie  d'essais,  cet  espace  etait  obture  par  un  element  non  pes4  appeie 
"p^niche",  fixe  A  une  tourelle  dont  le  raouvement  en  incidence  est  synchronise  avec  celui  de  la 
partie  tournante  de  la  balance  ;  un  labyrinthe,  place  le  long  du  perimAtre  du  demi- fuselage  rAdui- 
sait  l'Acoulement  de  l'air  sous  celui-ci,  comme  l'indique  la  figure  3a  ;  cette  configuration  dut 
cependant  Atre  abandonee  car  les  deformations  de  la  balance  sous  les  charges  a6 rodynamiques 
stationnaires  et  ins tationnaires  exercAes  par  la  voilure,  ndeessitaient  un  rSajustement  du  laby¬ 
rinthe  difficile  A  rAaliser. 


aile 

fuselage 

tourelle 

balance  -  partie  mobile 

balance  -  partie  fixe 

labyrinthe 

"peniche" 

entretoise 

ensemble  articule 

brosses 


Une  nouvelle  configuration,  repr^sentde  sur  la  figure  3b  ,  a  Ate  atilisAe  dAs  la  seconde 
sArie  d’essais  ;  le  fuselage  est  ici  prolong^  par  une  entretoise  jusqu'A  15  ram  environ  du  plancher  ; 
A  ce  niveau,  des  brosses  montAes  sur  des  ensembles  articulAs  assurent  l'AtanchAitA  sous  la  demi- 
maquette.  Un  tel  montage  rAduit  1 ’Acoulement  d’air  entre  partie  pesAe  et  non  pesAe  de  faqon 
certainement  plus  efficace  que  la  configuration  avec  labyrinthe,  mais  prAsente  deux  InconvAnients  : 

-  la  pesAe  ne  concerne  plus  une  demi-maquette  rAelle  mais  permet  nAamnoins  de  mettre  en  evidence 
les  hearts  sur  les  coefficients  aArodynamiques  provoquAs  par  les  modifications  de  configuration. 

Des  corrections  partielles  sont  aussi  possibles,  A  partir  des  presBions  mesurAes  sur  1' entretoise 
pour  se  rapprocher  du  cas  de  la  demi-maquette. 

-  les  brosses  introduisent  une  interaction  entre  partie  pesAe  et  non  pesAe  se  traduisant  inAvitable- 
ment  par  un  accroissement  de  la  dispersion  des  rAsultats. 


5 

1 1 
12 

13 

14 

15 


Fig.  3  -  Etancheite  entre  ia  demi-maquette  et  la  veine. 


2  -  MONTAGE  POUR  ESSAIS  INS TATIONNAIRES 


Une  partie  de  la  seconde  sArie  d'essais  a  AtA  consacrAe  A  l'Atude  de  l’effet  d'un  aileron 
excitA  harmoniquement  sur  des  repartitions  de  pressions  statiques  en  plusieurs  sections  de  la  voilure. 


Ces  pressions  Atant  Agalement  sensibles  aux  dAplacements  dynamiques  de  l’aile,  il  a  AtA 
nAcessaire,  pour  les  mesures ,  de  brider  cette  derniAre,  par  un  haubanage  utilisant  deux  boucles  de 
cAble  ;  ce  haubanage  est  represents  sur  les  photographies  des  figures  4  et  5. 

Consne  le  montre  la  figure  6,  chaque  boucle  passe  par  le  bout  d'aile  ,  s’enroule  sur  deux 
electrofreins  3  et  parvient  au-dessus  de  la  veine  A  un  tendeur  1  et  A  un  dynamomAtre  A  jauges 
de  contraintes  2  permettant  de  rAgler  sa  tension  A  20.10^  N  environ. 

Lorsque  les  electrofreins  sont  desserres,  une  mise  en  incidence  de  la  demi-maquette  est 
possible  sans  arrAt  de  la  soufflerie,  mais  pour  une  plage  angulaire  rAduit e  (de  0°  A  2°)  ; 
lc  blocage  s'effectue  par  serrage  simultane  des  quatre  electrofreins  ;  la  surveillance  de  la 
tenue  mAcanique  de  1 ’ensemble  se  fait  A  partir  des  indications  de  la  balance  et  de  jauges  de 
contrainte  collAes  sur  la  structure  de  l'aile. 


Fig.  4  -  Photographie  du  haubonage. 


<D 


Fig.  6  -  Schema  du  haubonage  de  I'aile. 
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3  -  CARACTERISTIQUES  DE  LA  BALANCE-CAPACITE-PRECISION 

La  balance  de  la  veine  n°  1(42,6  m2)eat  une  balance  A  6  compoaantes  dont  seals  les  ponts 
X  ,  Z  ,  M  foumlssenc  des  mesures  d'efforts  trfes  prdcises  (trainee  -  portance  -  moment  de  tangage). 
Le  diagramme  de  capacitd  portance  -  moment  de  tangage  Initial  de  la  balance  (traits  pointillds  de 
la  figure  7)  a  dO  Stre  ddplacd  de  32  500  N  en  portance  par  raise  en  place  de  contrepoids,  de  faqon 
It  englober  le  domaine  d'efforts  adrodynaraiques  exercds  sur  la  maquette  (partie  hachurde  de  la 
figure  7). 


Fig.  7  -  Diagramme  de  capacite  portance-moment  de  tangage 
de  la  balance  de  la  veine  n°  1  (42,6  m7). 


Le  tableau 

cl-dessous  foumit 

la  precision  th£orique 

de  la  balance. 

valeur  maxi 
mesurable  (voir 
Fig. 7) 

prdcision  thdorique 

precision  en  X  par  rapport 
k  la  valeur  maxi  mesurable 

tralnde 

25  000  N 

+  20  N 

+  0,08  X 

portance 

110  000  N 

+  100  N 

+  0,09  X 

moment  de  tangage 

59  000  Nm 

+  50  Nm 

+  0,08  X 

En  pratique,  la  dispersion  maxlmale  des  mesures  constatde  en  essai  atteint  trois  fols 
(tralnde)  et  5  fois  (portance  et  moment  de  tangage)  les  valeurs  cities  ci-dessus,  en  partie 
en  raison  de  la  dispersion  de  la  mesure  de  1' incidence  (  +  0,02  °),  et  en  partie  en  raison 

de  1 ' Interaction  provoqude  entre  la  partie  non  pesde  et  la  partie  pesde  par  les  brosses.  La 
dispersion  d'ensemble  reste  ndanmoins  acceptable  vis  A  vis  des  effets  adrodynamiques  appliquds, 
notamment  en  subsonique  dlevd. 


4  -  EVALUATION  DES  DEFORMATIONS  DE  LA  DEMI-MAOUETTE  EN  ESSAI 

La  maquette  dtant  placde  A  3°  d' Incidence,  des  prises  de  vue  ont  ltd  effectudes  par  des 
apparells  photographiques  lnstallds  au  plafond  de  la  veine,  sans  vent,  puls  pour  des  nombres  de 
Mach  compris  entre  0,3  et  0,8  ;  ces  photographies  concernent  deux  repAres  placds  sur  le  saumon 
et  sur  le  bord  d'attaque  de  l'alle  A  35  7.  environ  d'envergure. 
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Lei  emplacements  dea  repbres  a  partlr  de  la  position  de  reference  sans  vent  sont  meaurds 
sur  lea  photographies  pour  cheque  nembre  de  Mach  ;  une  vue  avec  dchelle  permet  d'en  dddulre  lee 
ddplacements  reels  ,  qui  sont  eisentiellement  due  &  la  flexion  de  la  voilure  et  i  la  deformation 
en  roulis  de  la  balance  ;  cette  dernibre  peut  facilement  8tre  calculde  &  partir  du  moment  de 
roulls  et  de  la  raideur  de  la  balance  ddterminde  par  essais  atatiques. 

La  figure  8  donne  la  valeur  des  deplacements  constates  en  fonction  du  nombre  de  Mach,  pour 
une  incidence  de  3°  de  la  demi-maquette  ;  etant  donne  1 1  imprecision  de  la  mdthode  de  meaure,  ces 
valeurs  ne  sont  &  considdrer  que  conxne  des  ordres  de  grandeur. 


«»  OtHSCEMCNT  LMffttl 


Fig.  8  -  Deformations  de  la  voilure  et  de  la  balance 
(incidence  demi-maquette  :  3°). 
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round  table  discussion 


Dr.  Yoshlhara 

We  have  four  real  old-timers  here,  who  have  hundreds  of  years  of  experience.  I  an  going  to  have  then 
reflect  upon  the  happenings  of  this  meeting,  and  perhaps  make  other  comments  regarding  the  future.  To 
begin  with,  I  would  like  to  tell  you  what  favorable  Interference  Is.  That  is  what  this  meeting  Is  all 
about.  Just  to  remind  you  of  what  Is  really  meant,  I  have  five  viewgraphs. 


1.  What  is  Favorable  Interference  ? 
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The  first  example  of  Slide  1  has  nothing  at  all  to  do  with  our  meeting,  but  It  Is  one  case  which 
Illustrates  favorable  Interference.  This  is  a  case  which  Is  purely  supersonic.  You  recognize  that  I 
consider  the  case  of  Infinite  Reynolds  number,  and  the  lift  Is  zero.  You  then  pose  the  problems  How 
must  I  shape  the  body  of  a  given  volume  to  have  minimum  drag.  If  you  get  any  suggestions  from  the 
factory,  they  will  suggest  a  circular  cylinder  shown  at  the  top  of  Slide  1.  We  all  know  you  obtain  a 
nice  detached  shock  wave.  To  be  sure,  It  Is  easy  to  make.  If  you  go  to  someone  who  has  had  calculus  of 
variations,  he  can  pose  this  particular  problem  In  a  nice  clean-cut  fashion,  and  obtain  the  Sears-Haack 
tvpe  body.  If  you  are  really  imaginative,  you  come  up  with  the  solution  shown  at  the  bottom  of  Slide  1 
that  has  zero  drag.  You  can’t  do  any  better  than  that.  This  is  the  so-called  Busemann  biplane.  This 
is  an  excellent  example  of  what  Is  meant  by  a  global  minimum.  In  a  local  minimum,  as  the  Sears-Haack 
body,  you  look  at  several  neighboring  solutions  or  cases  and  you  pick  out  the  one  which  has  the  lowest 
drag.  The  global  minimum  is  the  lowest  of  such  local  minlmuras. 

The  question  of  course  arises,  perhaps  getting  a  little  more  relevant  Into  the  transonic  region,  "Do  we 
have  a  Busemann  biplane  In  the  transonic  area?"  With  tongue  in  cheek  I  say,  "Sort  of,  yes".  The  answer 
Is  yes,  and  the  ease  as  you  all  know  Is  the  shockless  airfoil.  For  this  particular  case  we  can  pose 
again  an  Isoperimetrlc  problem  as  shown  in  the  left  side  of  Slide  2s  given  certain  bulk  features  of  the 
airfoil  and  a  given  lift,  determine  the  shape  for  minimum  drag.  It  happens  that  this  case  does  not 
admit  a  solution.  The  3hockless  airfoil  is  a  degenerate  case. 


2 .  Planar  Airfoils  (Chorduntc  Inference) 


Transonic  Problem. 
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IT  you  look  at  the  shockless  solution,  there  are  two  obvious  questions  that  are  raised.  You  certainly 
know  that  If  you  push  the  Mach  number  high  enough  towards  one,  you  are  going  to  have  an  increasingly 
difficult  task  of  determining  the  shockless  solutions.  In  the  same  token,  at  a  given  Mach  number,  if 
you  increase  the  lift,  it  is  also  going  to  be  a  terrible  problem.  What  Is  then  the  practical  rar«e  In 
the  Mach  number/ltft  space  that  you  can  evolve  a  shockless  aerofoil?  The  second  obvious  question  is 
what  are  the  off-deslgn  penalties? 
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Quite  apart  from  the  ^hoekless  solution,  you  can  take  an  alternate  more  pragmatic  approach  without  ever 
having  heard  of  isope rime trie  problems.  How  can  I,  by  cut  and  try  in  a  windtunnel  evolve  an  airfoil 
shape  having  a  given  lift  with  a  tolerable  shock.  Let  me  direct  you  to  the  right  side  of  Slide  2.  Let's 
say  that  we  start  with  a  symmetric  airfoil  at  zero  angle  of  attack  and  we  ask  ourselves  what  is  the  best 
wav  to  generate  lift?  The  answer  will  differ  depending  on  how  much  lift  you  desire.  For  the  first  step, 
let's  ask  for  a  very  modest  amount.  You  can  try  the  route  of  angle  of  attack,  inclining  the  entire 
airfoil.  In  general,  this  is  not  a  good  way  because  you  are  creating  a  significant  increase  in  the 
transverse  projection  of  the  airfoil  on  which  the  pressure  can  create  drag.  Perhaps  a  better  way  is  to 
keen  the  front  end  of  the  airfoil  fixed  and  just  bend  down  the  back  end.  The  resulting  aft  camber 
induces  a  loading  on  the  forward  portion  of  the  airfoil  which  you  have  not  changed.  This  is  what  you 
might  term  favorable  chordwise  interference.  Now,  you  can  push  this  until  you  run  out  of  effective  aft 
camber;  that  is,  until  the  back  end  starts  to  separate. 

There  is  another  question  people  have  argued  about,  sometimes  in  an  emotional  way.  That  is,  is  a 
shockless  airfoil  better  or  worse  than  an  airfoil  with  a  tolerable  shock?  I  am  not  going  to  define 
precisely  what  a  tolerable  shock  is,  except  to  say  that  it  is  one  in  which  you  are  not  too  unhappy  with 
the  drag  which  it  produces.  Next  we  shall  progress  to  greater  complexity.  The  last  slide  was  an 
airfoil;  in  the  next  slide  (Slide  3) 
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we  consider  a  finite  wing.  First  of  all,  one  oan  ask,  can  you  make  a  3-D  wing  shockless?  I  don't  think 
that  anyone  really  knows  the  answer  to  that.  1  don't  think  that  there  is  any  obvious  reason  why  you 
couldn't.  In  this  case  for  a  given  lift,  the  minimum  drag  Is  the  C^/frAR.  Let's  take  one  further 
step  and  say  that  you  don’t  like  shockless  airfoils,  and  permit  a  tolerable  shock.  Now,  under  this 
condition  is  the  minimum  drag  compatible  with  an  elliptic  loading?  If  you  try  to  force  an  elliptic 
loading,  would  you  foul  up  the  shock  system.  This  is  another  interesting  question.  Finally,  in  most 
problems  that  we  consider,  the  poor  aerodvnamicist  is  stuck  with  a  planform  given  to  him  by  other  people 
on  the  design  team.  How  much  then  is  the  constraint  on  the  planform  penalizing  you  in  terms  of  minimum 
drag?  I  am  po3ing  these  questions  for  our  experts  to  comment  upon. 
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Slide  k  Is  as  far  in  complexity  as  I  will  go;  that  is,  given  a  wing-body,  I  want  now  to  add  a  nacelle  and 
oylon.  From  the  point  of  view  of  noise,  I  will  put  the  engine  on  top  of  the  wing.  Such  a  configuration 
might  have  to  be  considered  also  in  an  existing  low  wing  airplane  if  there  isn't  enough  space  below  the 
wing  to  attach  new  high  bypass  engines.  The  question  then  is  what  must  I  do  to  optimize  the 
conf Iguration?  Now  there  are  three  levels  of  interference.  If  you  use  a  conventional  uncontoured 
nacelle-pylon,  that  is  an  axisvmmetric  nacelle  with  a  symmetric  pylon,  this  certainly  is  a  case  of 
negative  interference.  This  configuration  is  very  bad.  Most  of  us  are  generally  happy  with  what  I 
define  as  zero  interference  or  neutral  interference.  This  case  was  described  by  Mr.  Rettie.  Here  you 
calculate  the  wing-body  and  determine  the  streamlines  in  the  vicinity  of  where  you  want  to  put  the 
nacelle-pylon.  You  then  warp  the  nacelle-pylon  to  fit  these  streamlines.  This  approach  is  not  fully 
satisfactory  since  the  finite  thickness  and  the  powered  Internal  flow  are  not  compatible  with  the  flow  on 
the  wing  body. 
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In  the  ease  of  a  wing  design,  when  you  try  to  design  for  uniform  isobars  to  recover  as  much  of  the 
sweepbaek  benefits  as  possible,  this  is  again  neutral  interference.  However,  we  can  do  better,  and  that 
is  the  philosophy  that  we  must  promote.  For  positive  interference,  which  I  show  on  the  lower  right  of 
Slide  4,  one  must  be  prepared  to  change  the  wing  as  well,  that  is,  in  the  region  where  the  nacelle-pylon 
affects  the  flow  on  the  wing,  you  must  be  prepared  to  tailor  that  part  of  the  wing.  For  example,  you  may 
want  to  incorporate  a  nose-down  camber.  Also,  you  must  shape  the  nacelle-pylon  in  a  manner  different 
than  that  described  above.  I  don't  know  what  the  best  way  is,  but  it  will  require  a  lot  of  physical 
intuition.  Unfortunately  this  is  the  only  wav  at  present  to  tackle  this  problem.  One  thing  we  can 
obviously  do  is  to  eliminate  anything  bad  that  we  diagnose  in  the  experiments. 
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In  the  last  slide  (Slide  S)  we  show  our  two  basic  tools  -  the  windtunnel  and  computers.  We  all  know  the 
deficiencies  of  both.  I  need  not  remind  vou  that  the  windtunnels  have  wall  interference,  we  don’t 
simulate  the  Reynolds  number,  sting  support,  interference,  etc.  With  computers  tljere  are  two  basic 
problems  facing -us  today.  We  must  be  able  to  compute  whole  airplanes.  That’s  what  Charlie  Boppe 
undertook.  We  must  compute  wings,  wing-bodies,  pod-pylons,  vinglets,  etc.  If  you  use  the  exact 
potential  or  Euler  equations,  the  most  important  task  is  to  fulfill  the  boundary  conditions  correctly. 

The  best  way  to  do  this  is  to  generate  a  mesh  system  which  conforms  to  the  configuration.  Therefore  the 
big  problem  today  is  mesh  generation.  For  wing-bodies  today,  this  is  almost  trivial.  It  is  only  when  we 
add  the  nacelle-pylons,  components  which  are  topologically  not  sympathetic  to  the  wing-body  components, 
that  we  have  problems.  Today,  this  is  the  area  that  requires  a  great  deal  of  thought  and  sweat. 

Secondly,  we  must  Incorporate  the  viscous  effects.  We  must  be  able  to  treat  separated  flows,  the  wake, 
and  we  must  be  able  to  do  this  in  3-D.  Maybe  we  should  first  start  out  with  a  quasi  2-D  treatment  normal 
to  the  sweep  which  will  take  us  to  at  least  a  30  degree  sweep.  But  as  you  consider  higher  lifts  and 
greater  sweeps  with  Increased  spanwlse  flow,  you  must  use  fully  3-D  viscous  equations. 

How  do  we  use  these  two  imperfect  tools?  First,  one  must  evolve  the  baseline  configuration  in  the  best 
way  one  can.  Then  build  the  windtunnel  model,  putting  as  many  pressure  taps  into  it  as  possible,  and 

then  test  it.  At  the  same  time  I  would  certainly  recommend  putting  pressure  taps  at  key  locations  along 

the  tunnel  wall  to  measure  the  wall  interference.  By  the  way,  I  would  suggest  solid  deformable  walls  as 

a  preferred  alternative  to  perforated  and  slotted  walls.  With  a  solid  wall  at  least  you  know  what  is 

happening  to  the  flow  along  the  wall.  The  transonic  walls  need  be  deformable  only  mildly  without 
excessive  precision  requirements. 

Now  with  the  fully  diagnosed  test  results  on  the  baseline  configuration,  we  can  tailor  the  theoretical 
method,  as  for  example  the  modeling  of  the  viscous  interactions.  If  you  have  a  small  disturbance  theory 

this  will  help  you  select  the  mesh  around  the  nose  region  to  compensate  for  the  small  disturbance 

approximation.  Finally,  the  test  results  will  tell  you  what  is  wrong  with  your  preliminary  design.  Here 
you  must  have  some  experience,  first  to  recognize  what  is  wrong,  and  secondly  to  know  what  to  do  about 
it.  The  tailored  code  is  used  to  evolve  a  better  design,  which  must  be  finally  validated  in  the 
windtunnel.  If  you  have  enough  money,  and  if  you  are  ahead  of  schedule,  you  may  repeat  the  above  design 
cycle  once  more. 

I  think  in  the  past  we  have  been  conservative  in  our  optimization  when  kerosene  was  fairly  inexpensive, 
but  in  the  future  we  must  design  the  airplane  with  much  more  imagination  and  innovation.  We  must  do  this 
more  efficiently. 

Now  I  would  like  to  turn  the  discussion  over  to  our  experts.  Our  first  expert  is  Dick  Whitcomb.  I  think 
we  all  know  him.  He  has  been  in  charge  of  the  8  foot  transonic  tunnel  for  many  years.  He  has  helped  to 
develop  quite  a  few  weapon  systems  and  commercial  airplanes  for  many  of  which  he  received  no 
recognition.  He  is  a  fellow  who  has  real  gut  feelings  on  this  subject.  I  would  like  Dick  to  talk  about 

his  general  reactions  in  the  overall  area  of  favorable  interference. 


L 
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Dr.Whitcomb 

I  am  going  to  concentrate  on  a  discussion  of  the  commercial  aircraft.  We  nave  been  working  quite  a  bit 
on  military  aircraft  -  particularly  on  the  forward  swept  wing,  but  I  don't  have  time  to  cover  both,  and 
most  of  my  effort  has  been  with  commercial  airplanes  in  recent  years.  First  of  all,  I  would  like  to 
recognize  t he  very  high  quality  of  work  which  is  represented  by  the  papers  presented  at  this  meeting.  I 
am  well  aware  of  most  of  the  work  presented  by  the  American  authors,  but  I  was  particularly  impressed 
with  the  work  that  the  Furooean  community  was  doing.  I  was  at  Williamsburg  recently  and  heard  some  of 
rhe  papers  given  by  Europeans,  hut  I  have  heard  so  much  more  today.  It  was  all  very  good.  I  believe 
that  this  work  is  the  basis  for  the  apparent  successful  challenge  of  the  Europeans  to  the  mighty  Boeing 
organizations'  dominance  of  the  commercial  aircraft  market.  I  don't  know  how  you  will  be  doing  in  time, 
but  you  seem  to  be  doing  pretty  w<- .  I  so  far.  Of  course,  never  count  Boeing  out  though.  Vet's  go  through 
some  of  these  things  tf  at  were  discussed. 

The  subject  of  viscous  effects,  on  the  first  day,  I  thought  I  was  going  to  have  to  say  something  about, 
but  I  think  that  that  has  been  pretty  well  covered  since  then.  1  would  like  to  make  the  comment  though, 
that  in  the  United  States,  a  number  of  people  have  tried  to  design  wings  before  the  viscous  effects  were 
applied  to  the  theory,  and  many  of  them  were  total  disasters,  because  they  designed  wings  with  gradiants 
on  the  rear  portion  and  the  boundary  layer  separated.  But  on  the  basis  of  what  I  heard  the  last  few 
days,  you  Europeans,  as  well  as  we  in  America,  now  recognize  that  the  boundary  layers  must  be  in  the 
theory . 

The  next  point  I  would  like  to  discuss,  I  wouldn't  have  brought  it  up,  except  that  Yoshihara  challenged 
me  several  days  ago,  and  then  actually  put  a  viewgraph  up  there  to  challenge  me  again,  so  let's  get  into 
this  discussion  of  shockless  airfoils  vs.  airfoils  with  a  small  shock.  I  told  him  they  are  the  same 
airfoils.  In  your  printed  versions,  in  the  paper  by  Bedeker,  Schmidt  and  Muller,  paper  13,  figure  lk;  I 
think  that  show's  what  I  am  going  to  talk  about.  They  point  out  that  they  started  with  a  shockless 
airfoil  and  if  you  look  at  their  design  point  which  is  the  little  circle,  then  they  also  have  a  contour 
of  the  highest  L/D  and  you  will  notice  that  the  design  point  is  down  at  the  bottom  of  their  optimum 
region.  This  is  the  point  1  want  to  make.  If  you  design  a  shockless  airfoil,  you  will  always  get  a 
somewhat  better  L/D  if  you  increase  the  lift  coefficient  a  little  bit  and  take  a  little  shock  loss, 
because  the  gain  in  lift  you  get  is  greater  than  the  increase  in  drag  you  get.  Now,  you  can  push  that 
too  far.  The  onset  for  the  strength  of  the  shock  wave  is  not  a  linear  function,  it's  about  a  cubic 
function,  depending  on  the  mach  number  ahead  of  it.  So  with  the  first  little  increase  in  mach  number  you 
get,  you  can  get  very  little  drag  associated  with  it.  I  don't  want  to  continue  much  more  on  that, 
because  I  want  to  get  on  to  some  of  the  other  points. 

The  other  point  that  was  made  strongly  by  some  of  the  other  speakers,  is  that  the  fuselage. . .has  a  great 
effect  and  that  is  what  we  found  In  the  United  States.  In  fact,  very  slight  changes  in  the  shape  of  the 
fuselage  can  have  pronounced  effects  on  the  pressure  distribution  over  the  entire  span  of  the  wing  when 
you  are  dealing  with  supercritical  flow.  And  that  was  particularly  pointed  out  by  Treadgold,  and  he 
pointed  out  that  that  change  that  he  put  on  there  is  not  necessarily  optimum.  He  was  using  it  to  show 
the  very  sensitive  nature  of  supercritical  flows  to  the  fuselage  shape.  Then  I  would  like  to  mention 
while  we  are  talking  about  the  fuselage,  the  effect  of  the  fillets.  That  was  discussed  by  several 
people.  Here  we  come  to  the  combined  effect  of  the  fuselage  and  the  boundary  layer.  The  reason  that 
that  fillet  is  so  important  is  that  it  is  effecting  the  interacting  boundary  layer  of  the  ruselage  and 
the  wing.  We  are  a  long  way  from  handling  that  theoretically,  but  experimentally,  we  have  found  that  a 
fillet  1 3  a  great  help,  forward  a3  well  as  rearward. 

We  have  tested  winglets  on  many  configurations.  In  almost  every  case  they  are  effective.  It  was  pointed 
out  by  Mr.  Bettle  that  you  get  a  greater  reduction  in  induced  drag  by  Just  extending  the  tip  by  something 
equal  to  the  wlrvglet  height.  But,  as  he  also  pointed  out  you  have  more  bending  moment.  So  the  principle 
advantage  of  a  wlnglet  Is  to  get  more  in  performance  with  less  bending  moment.  Our  general  conclusion  is 
3C«!!ewhat  different  than  the  one  that  Mr.  Bettle  pointed  out.  For  a  given  gain  in  performance,  the 
wlnglet  produces  half  the  bending  moment  of  a  tip  extension.  Or,  for  a  given  bending  moment,  you  can  get 
twice  the  gain  In  performance.  Something  more  on  flight  tests.  We  measured  in  the  windtunnel,  after  we 
tuned  the  wlnglet,  a  7t  gain  In  the  L/D,  and  we  are  measuring  that  in  flight.  I  think  that  Mr.  Rettie 
mentioned  6t.  That  was  before  we  had  done  the  final  tuning  in  the  windtunnel.  He  said  that  you  don't 
have  to  go  Into  a  windtunnel,  because  the  theory  is  so  good,  but  again,  the  theory  that  he  was  using  did 
not  have  the  boundary  layer  in  it.  Until  you  can  get  the  boundary  layer  into  that  theory,  you  must  go  to 
the  windtunnel  for  the  final  answer. 

Now,  turning  to  a  subject  that  was  discussed  later  in  the  conference,  one  which  we  are  working  on 
intensely  ourselves,  that  is  the  installation  or  engines  on  the  next  generation  of  aircraft.  We  know 
that  there  are  a  number  of  airplanes  flying  today  viuh  engines  on  them,  so  why  do  we  have  to  continue  to 
worry  about  the  interference  effects  or  engines  again.  Why  do  we  have  to  worry  about  the  interference 
erfects  again?  We  are  now  dealing  with  supercritical  wings.  One  of  the  things  which  we  did  when  we 
designed  the  supercritical  wing  was  to  transfer  some  of  the  problems  which  were  on  the  upper  surface  to 
the  lower  surface.  What  I  am  saying  is  that  we  reduced  the  Induced  velocities  on  the  upper  surface,  but 
with  a  given  thickness  ratio  we  increased  the  induced  velocities  on  the  lower  surface.  This  was  alright 
as  long  as  you  were  dealing  with  the  wing  alone.  Then  you  put  an  engine  under  there,  and  the 

interference  effects  are  much  worse  for  a  supercritical  wing  than  they  are  for  a  conventional  wing.  We 

have  been  fighting  that  for  a  year.  Now  several  papers  were  given  today  or  yesterday  on  what  you 
Europeans  are  doing.  I  think  that  you  are  probably  running  into  some  of  the  came  problems  that  we  are. 

Dr,  Yoshlhara  had  a  picture  up  there  and  I  want  to  emphasize  that  the  problem  cannot  be  solved  by  a 
simple  symmetrical  "plain-Jane"  pylon.  We  are  working  with  pylons  that  have  very  complex  contoured 
shapes.  It  Is  the  only  way  that  we  can  keep  the  supercritical  velocities  down  in  the  Junction  regions. 

That  pretty  well  covers  the  various  subjects  that  were  discussed. 
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Dr.  Yoshihara 

T  think  what  the  engine  people  will  have  to  do  is  to  learn  how  to  build  an  engine  which  has  a  curved 
shaft.  The  next  speaker  Is  Monsieur  Poisson-Quinton,  a  member  of  the  Flight  Mechanics  Panel.  He  is  now 
the  Director  of  International  Cooperation  at  ONERA.  But  he  was  a  real  expert  from  way  back  on  powered 
let  effects.  This  includes  jet  flaps  and  blowing  over  the  wing.  He  will  concentrate  his  comments  on 
a irf rame/propu Ision  integration  to  enhance  aircraft  lift. 

Mr.  Poisson-Qui nton 

I  shall  give  my  comments  in  broken  English  because  it  is  easier  for  this  R.T.  discussion.  I  want  to  make 
some  remarks  about  jet /wing  interference.  During  this  meeting  we  had  a  variety  of  good  papers  dealing 
firstly  with  transport  aircraft  configurations  and  then  with  combat  aircraft  configurations  for  which 
Dropulsive  aerodynamics,  or  "Powered  lift"  is  used  to  enhance  their  lifting  capability;  now,  I  shall 
summarize  some  expected  goals  and  short  comings. 

As  you  know,  since  about  twenty  five  years,  a  considerable  amount  of  research  was  carried  out  on  blowing 
technology  for  high  lift  systems,  at  first  to  maintain  attached  flow  on  wings  and  flaps  through  the 
Boundary  Layer  Control  (BLC),  and  then  to  increase  the  wing  circulation  ( supercirculation  of  "jet  flap" 
effect);  more  recently  a  third  application;  the  spanwise  blowing,  has  been  explored  to  enhance  the  vortex 
lift  at  high  angles  of  attack. 

With  my  first  slide  (Fig.  1),  I  have  tried  to  illustrate  how  to  use  a  jet -engine  to  induce  this  powered 
lift,  either  by  the  full  engine  exhaust,  or  by  a  small  bleed  taken  on  the  compressor  flow  or  on  the 
turbine  flow. 


Up  to  now,  the  main  problem  for  BLC  or  spanwise  blowing  applications  is  the  large  thrust  losses  due  to 
the  use  of  compressor  bleed  from  current  technology  engines;  and  the  engine  manufacturers  are  still 
reluctant  to  design  a  well  organized  bleeding  system  on  their  compressor  to  avoid  these  thrust  losses. 

An  alternate  solution  would  be  the  development  of  some  compact  Auxiliary  Power  Unit  (APU)  driving  a 
compressed  air  generator  used  for  various  blowing  systems  (BLC,  "jet-flap"  controls,  spanwise 
blowing,...)  and  for  other  purposes  (pressurization,  cooling  of  electronic  systems,  etc.). 


It  3eems  interesting  for  the  FDP  to  push  some  AGARD  cooperative  study  with  the  Propulsion  Panel  on  these 
two  sources  of  compressed  air  needed  for  future  high  performance  combat  and  transport  aircraft. 


On  the  other  hand,  the  use  of  a  very  hot  bleeding  flow  taken  on  the  turbine  exhaust  is  only  attractive 
for  a  spanwise  blowing  emerging  directly  from  the  fuselage  to  generate  or  to  enhance  a  vortex  sheet  on  a 
combat  aircraft  wing  at  large  angles  of  attack. 


At  this  stage,  you  must  recall  the  order  of  magnitude  of  the  jet  momentum  coefficients  needed  at  low 
speed  flight  for  the  various  blowing  concepts; 

-  BLC  on  flaps,  L.E.  slats,;  C^.  —  ^  /^0  S  ^  0*02. 

-  " jet-flap"controls;Cy/*'0.02  to  0.2 


-  spanwise  blowing 
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circulation  control  with  the  full  engine  exhau3t  flow  on  the  wing:  Op  s  1  to  2. 


i  This  later  concept,  very  simple  because  avoiding  a  large  and  heavy  plumbing  installation  Inside  the  wing, 

has  been  extensively  tested  for  both  transport  and  combat  aircraft  configurations,  using  directly  the 
full  flow  of  high  by-pass  ratio  engines  or  turbo-jet  engines  respectively,  as  illustrated  on  Figure  1: 
the  two  first  sketches  Illustrate  the  Externally  Blown  Flap  (EBF)  and  the  Upper  Surface  Blowing  (USB) 
concepts  flown  on  the  McDonnel -Douglas  YC-15  and  on  the  Boeing  YC-Ht  during  the  US  Air  Force  AMST 
program;  both  have  demonstrated  spectacular  high  lift  capabilities  and  very  short  field  STOL  performance; 
however,  some  drawbacks  have  appeared  with  these  configurations: 


-  for  the  EBF  concept,  seme  structural  fatigue  on  the  multi-element  flaps  due  to  the  high  velocity  Jet 
exhaust  flow  Inpinging  the  flaps,  and  large  fly-over  noise  (these  drawbacks  would  be  minimized  with 
some  larger  by-pass  fan  engines); 

for  the  USB  concept,  quite  large  cruise  parasitic  drag  due  to  Interactions  between  the  propulsive 
nacelles  and  the  wing  upper-surface,  with  supercritical  flow  and  shook  waves;  but  such  problems  can 
be  minimized  by  careful  theoretical  and  experimental  approaches  (as  illustrated  in  the  Rettle  paper 
Nr  27); 

an  effective  -  but  expensive  -  englne-out  procedure  has  been  developped  by  Boeing  for  this  two-engine 
configuration;  more  recently,  an  experimental  four-engine  aircraft,  the  QSRA,  built  by  Boeing  for 
NASA-Ames  was  very  successfully  flown  to  demonstrate  ultra-STOL  capability  (C^  max.  around  9)  and 
very  low  noise  around  civilian  STOL-ports. 

A  third  configuration,  a  podded  upper-surface  nacelle,  seems  also  quite  attractive  to  take  advantage  of 
some  exhaust  flow  vectoring  towards  the  deflected  flaps  to  Induce  a  superelrculation  on  the  wing; 
furthermore,  this  concept  allows  a  very  small  ground  clearance  compared  with  under-wlng  podded  engines, 
which  Is  mandatory  for  future  huge  cargo  projects  (spanloaders  using  alr-cushlon  landing  systems);  and, 
for  this  configuration,  the  shielding  effect  of  the  wing  allows  a  reduction  of  the  fly-over  noise. 
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To  Illustrate  the  very  different  jet/wlng  interference  between  these  three  last  configurations,  I  have 
made  a  copy  (Fig.  2)  of  some  results  from  V.F.W.  obtained  on  a  transport  model  in  a  cruise  configuration 
(flap-up);  the  wing  pressure  distribution  in  the  Jet  plane  for  under-wing  and  over-wing  concepts  are  very 
different;  the  exhaust  jet  on  the  upper  surface  side  (c)  develope3  a  large  supervelocity  at  the 
leading-edge,  l.e.,  a  thrust  effect,  meanwhile  the  conventional  under-surface  location  or  the  propulsive 
nacelle  leads  to  a  large  supervelocity  on  the  rear  part  of  the  lower-surface,  i.e.,  a  drag  effect;  both 
configurations  (B  and  C)  enjoy  a  substantial  induced  circulation  lift;  in  both  eases  the  engine  pylon 
shape  and  twist  must  be  optimized,  together  with  the  local  wing  and  nacelle  shape,  for  minimum  cruise 
drag  (not  so  easy  in  the  case  (c)1). 

For  the  tangential  jet  (D)  of  the  USB  concept  the  supercirculation  is  even  better  but  the  drag  penalty  is 
quite  large  in  this  '>reltminary  test  with  a  non-optimized  nozzle  shape;  Boeing  analysis  have  shown  that 
for  a  USB  configuration,  it  is  mandatory  to  compromise  this  nozzle  shape  between  high  lift  capability  at 
low  speed  and  minimum  parasitic  drag  at  cruise  regime. 

Turning  now  to  the  vectored  thrust  at  the  rear  of  a  combat  aircraft  wing,  a  large  amount  of  experimental 
research  has  been  conducted  to  use  the  supercirculation  effect  for  both  low  speed  capability  and 
transonic  manoeuvre  enhancement. 

Again  such  concept  needs  a  very  careful  integration  of  the  2-Dim.  vectored  nozzle  in  the  airframe,  but 
even  more  important  is  the  longitudinal  trim  of  a  very  large  nose-down  pitching  moment  due  to  the  jet 
flap  effect;  that  is  why  for  such  a  concept,  a  canard  configuration  is  generally  proposed,  combined  with 
some  degree  of  longitudinal  instability  (authorized  with  a  convenient  active  control  system). 

To  illustrate  this  very  attractive  configuration,  I  have  reproduced  (Fig.  3)  a  typical  result  obtained  on 
a  large  powered  model  recently  tested  in  the  *10'  x  80'  NASA/Ames  tunnel. 

The  combination  of  the  supercirculation  effect  due  to  thrust  vectoring,  and  of  vortex  lift  enhancement  by 
the  spanwise  blowing,  gives  very  large  maximum  lift  increments; 

at  Cy  s:  1.85,  with  vectored  thrust;  Cl  max.~  k.5 

at  Cy  at  1.85,  with  vectored  thrust  and  spanwise  blowing;  Cl  max.  ^5,  to  be  compared  with 
Cl  max.*  2  without  propulsion  (Cfw»0). 

Of  course,  the  close-coupled  canard  provides  a  large  lift  gain  at  high  angles  of  attack  due  to  the 
favourable  vortex  interference  on  the  wing  and  also  a  better  polar  curve  (just  like  the  spanwise  blowing 
effect);  in  this  particular  test,  the  negative  static  margin  (-23  %)  seems  too  large  and  the  canard 
deflection  (+20‘ )  is  not  sufficient  to  trim  the  large  nose-down  pitching  moment;  some  spanwise  blowing  on 
the  canard  itself  would  be  a  good  way  to  generate  enough  positiveAcm.  Nevertheless,  such  a  large 
powered  model  testing  is  most  interesting  to  understand,  evaluate  and  optimize  the  complex  propulsion/ 
airframe  interactions;  and  it  appears  mandatory  to  push  the  development  of  a  better  engine  simulation  on 
smaller  wind-tunnel  model,  when  it  becomes  impossible  to  install  an  actual  small  engine;  such  compact 
engine  simulators,  using  compressed  air  turbines,  must  simulate  either  a  reheated  turbo-jet  or  a 
turbo-fan,  and  necessitate  a  very  careful  calibration  bench  to  have  precise  mass  flow  and  thrust  data. 

My  last  comment  about  powered  lift  and  Integration  of  a  blowing  system  to  aircraft  will  be  on  the  pure 
Jet-flap  effect  obtained  by  a  simple  jet  sheet  emerging  from  the  wing  trailing-edge. 

A  highly  successful  flight  demonstration  of  the  Circulation  Control  Wing  concept  (CCW)  has  been  performed 
recently  on  t.  US  Navy  A-6  aircraft  modified  by  Grumman  for  the  DTNSRDC;  with  a  simple  trailing-edge 
blowing  3lot  Installed  all  along  the  span,  a  trimmed  Cl  max.  of  about  3.7  was  obtained  for  a  Cji  of  0.2 
only  (*  *  16  ,  V0  s  67  Kts);  this  maximum  lift  must  be  compared  to  a  Cl  max.  of  about  2.1  for  the 
standard  A-6  with  a  30*  flap  deflection. 

Such  trailing-edge  blowing  schemes  can  be  used  also  as  a  "pneumatic"  control  with  much  smaller  lifting 
performance  but  with  an  even  better  lift  amplification  (As  ACl/C sin^f  );  my  last  slide  (Fig.  <l) 
illustrates  some  results  obtained  at  ONEBA  on  such  pneumatic  lift  control  (trailing-edge  jet  sheet 
vectored  at  <)(f  ) ;  the  main  idea  is  to  use  this  Jet  control  in  the  whole  flight  domain,  from  hovering  to 
space  conditions;  of  course  for  these  two  limits,  there  is  no  aerodynamic  effect  and  the  jet  is  used  as  a 
pure  reaction  control;  but  at  subsonic  regime,  the  lift  generated  by  the  jet-flap  effect  can  reach  ten  or 
fifteen  times  the  jet  momentum  for  very  low  Cji  values  (C^/~0.02);  near  Mach  1  the  amplification  lactor 
strongly  decreases,  due  to  shockwaves  development;  then,  at  supersonic  and  hypersonic  speeds,  the  jet 
sheet  acts  as  a  "spoiler"  and  the  amplification  factor  remains  around  Am  2;  this  value  is  still 
attractive  for  a  very  simple  pneumatic  control  system  Installed  on  the  three  axis  of  a  spacecraft  or  a 
missile. 


On  the  other  side  of  the  flight  domain,  there  are  certainly  some  Interesting  applications  for  the  control 
of  VTOL  configurations,  during  hover,  transition  and  cruise  regimes.  And,  of  course,  everybody  is 
thinking  about  some  application  in  a  future  active  control  system  using  simple  quick  air  valve  instead  of 
complicated  mechanical  aetuator/eontrol  surface  scheme  .  Thank  you. 

Dr.  foshlhara 

The  next  speaker  will  be  Dr.  Wolfgang  Schmidt,  and  I  have  asked  him  to  comment  on  the  role  of  computers, 
also  with  respect  to  how  the  computer  can  be  used  by  the  applied  aerodynamiclst. 
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Dr.  Schmidt 

Before  I  start  with  my  comments  I  would  like  to  go  back  to  two  questions  that  came  up  in  earlier 
discussions.  The  first  is  the  question  of  the  Kutta  condition.  In  the  early  days  most  people  applied 
the  transonic  methods  and  the  Kutta  condition  in  such  a  way  that  at  the  trailing  edge  they  had  a  mesh 
point.  They  said  in  the  wake  the  jump  in  potential  is  exactly  that  one  right  at  the  trailing  edge.  If 
you  apply  this  condition  you  would  see  that  with  central  differences  for  the  velocities  ^ x ,  these 
velocities  are  not  equal.  You  don't  fulfill  the  exact  Kutta  condition.  It  is  easy  to  overcome  that  by 
saying  that  the  jump  in  potential  at  the  wake  is  equal  to  the  jump  that  you  have  just  one  point  ahead  of 
the  trailing  edge.  If  you  do  that,  you  can  be  sure  that  the  velocity  right  at  the  trailing  edge  is 
exactly  the  same  on  upper  and  lower  surface.  So  it  is  a  very  easy  way  to  make  sure  that  you  have  the 
right  Kutta  condition. 

The  second  point  was  with  respect  to  questions  that  Professor  Young  asked  more  than  once.  They  were 
never  really  answered.  The  question  is,  "What  is  happening  if  I  have  a  wing-body  combination  and  I  try 
to  compute  the  lift.  Do  I  really  get  the  right  lift  if  I  do  an  inviscid  analysis  and  I  do  not  take  into 
account  the  vortex  system  emanating  from  the  fuselage  aft  end  and  intersecting  with  the  wake  coming  from 
the  wing"?  I  think  we  should  be  aware  of  this  problem.  Separation  on  the  aft  end  of  the  body  and  the 
circulation  that  is  being  created  by  means  of  this  separated  flow  has  to  be  taken  into  account  to  get  the 
correct  lift  prediction. 

Let's  go  back  to  my  main  comments.  First  slide.  The  task  that  we  have  is  to  simulate  full  aircraft  in 
real  flight.  That  is  what  we  have  to  do  to  build  more  efficient  aircraft  and  better  fighters.  It  is  the 
same  with  missiles,  if  you  are  interested  in  missile  design.  The  most  standard  procedure  is  almost  like 
applying  Darwinism  -  take  the  windtunnel,  test,  change,  go  back,  change.  If  you  go  into  the  windtunnel, 
the  first  thing  you  have  to  do  is  to  build  a  windtunnel  model.  We  are  all  aware  of  the  fact  that  the 
windtunnel  model  is  not  the  exact  aircraft.  We  also  have  to  use  different  windtunnel  models  depending  on 
the  problem  that  we  have  to  study,  such  as  afterbody  problems  or  jet  interference  problems  or  clean 
aircraft  problems,  etc.  The  real  aircraft  is  flexible  in  general,  the  model  i3  very  stiff. 

The  second  problem  comes  from  the  test  facility  itself.  You  have  tunnel  walls  -  we  do  not  know  what  they 
are  doing  to  your  results.  You  also  have  freestream  turbulence,  and  we  saw  some  papers  which  clearly 
indicated  that  transition  location  is  giving  a  very  large  influence  on  the  final  result.  We  are  also  all 
aware  of  the  problem  of  simulating  Reynolds  number,  but  we  have  some  hope  that  we  will  have  facilities  in 
the  future  that  might  enable  us  to  overcome  that.  Hopefully  they  will  not  introduce  additional  problems. 

The  next  problem  is  that  you  have  to  use  *est  equipment,  that  is,  you  have  to  use  a  sting,  you  have  to 
use  balances  and  a  lot  of  other  things.  They  are  never  the  optimum,  they  will  always  cause  some  problems. 

You  will  end  up  with  something  finally,  which  we  call  windtunnel  results.  There  are  a  lot  of  people  who 
believe  that  this  is  the  best  answer  we  can  get  and  that  this  fully  represents  the  real  aircraft  in  free 
flight. 

For  some  years  now,  more  and  more  people  are  relying  on  the  other  side,  that  is  they  are  using  the 
computer.  I  would  like  to  stress  that  it  makes  sense  to  use  the  computer  only  if  you  are  fully  aware  of 
the  limitations  on  the  physical  models  which  you  are  using.  You  are  restricted  to  physical  models,  you 
cannot  solve  the  whole  thing.  You  must  make  sure  that  you  have  the  right  physical  models,  and  you  must 
be  aware  of  the  limitations  of  those  models. 

The  next  step  is  that  we  would  like  to  solve  this  problem  described  by  the  physical  model.  That  means 
that  we  have  to  formulate  the  mathematical  problem,  we  have  to  form  the  differential  equations  which 
describe  the  problem.  Most  of  this  work  has  been  done  in  the  past  by  people  like  Prandtl,  etc.  Those 
equations  are  however,  nasty.  They  are  highly  non-linear  and  are  difficult  to  solve.  So,  we  have  to  go 
back  to  approximations  which  are  based  on  finite  difference  or  finite  volume  or  finite  element 
techniques.  They  introduce  additional  problems  because  they  add  up  to  a  set  of  algebraic  equations,  and 
those  equations  have  truncation  errors,  additional  terms,  and  you  don't  know  what  they  do.  But,  even  if 
you  have  done  a  fine  job  up  until  now,  you  have  to  put  into  the  computer  the  real  configuration.  You 
have  to  discretize  what  this  configuration  looks  like.  You  have  heard  quite  a  bit  about  mesh  generation 
during  the  last  few  days.  We  have  seen  some  nice  examples  of  this  in  the  past  few  days,  but  we  have  a 
great  deal  of  work  to  do  on  this  in  the  future.  Finally,  we  end  up  with  something  which  we  call  the 
computed  flow  field. 

The  worst  point  is  that  now  everyone  is  comparing  this  computed  flow  field  with  the  windtunnel  result 
which  we  have  on  the  right-hand  side.  They  all  blame  the  theory  if  there  is  not  perfect  agreement.  I 
sometimes  wonder  if  it  would  not  be  better  to  compare  with  free-flight  results,  for  which,  however,  there 
is  not  a  great  deal  of  information  available.  We  need  more,  furthermore,  I  hope  that  computer  and 
windtunnel  people  will  use  each  others  capabilities  to  improve  their  own  results  and  understanding. 

Next  slide.  Let  U3  go  back  to  the  conclusions  that  I  drew  yesterday  morning.  We  saw  at  least  two 
examples  of  papers  in  which  computational  results  can  do  just  as  good  a  job  as  thos  '  prepared  by 
experienced  design  engineers.  One  by  the  DFVLR  on  the  transport  wing  and  the  other  from  the  FFA  in 
Sweden,  showing  those  results  on  the  fighter  wing.  Both  wings  were  almost  as  good  as  those  being 
designed  by  very  experienced  project  engineers  in  aircraft  companies. 

We  still  must  make  these  methods  easy  to  use  for  design  engineers.  I  said  yesterday  that  we  have  to  do 
more  on  the  complex  configurations.  I  think  that  since  all  of  us  saw  this  excellent  paper  bv  Charlie 
BoDpe,  we  must  say  that  a  lot  of  things  have  been  done  in  this  area  already.  There  is  still  a  lack  of 
simulation  of  three-dimensional  separated  flown.  I  think  it  is  partly  because  we  really  don't  understand 
what  a  separated  3-D  flow  is,  and  we  need  a  lot  of  experimental  information  to  build  up  the  right 
physical  model.  Since  we  don't  have  the  physical  model,  we  must  be  aware  of  the  fact  that  we  can't 
simulate  these  flows  by  purely  numerical  models.  The  numerical  method  cannot  provide  the  physics,  it  can 
only  simulate  what  you  know. 
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What  I  missed  In  this  meeting  was  a  paper  on  unsteady  flow  problems  influencing  the  manoeuvre 
boundaries.  This  is  the  pacing  element  for  the  future  to  solve  problems  dealing  with  the  manoeuvre 
limits  of  combat  aircraft  and  for  the  ultimate  drag  counts  for  transport  conf igurations. 

Next  slide.  This  is  just  to  recall  the  results  that  Charlie  Boppe  showed  us.  It  is  possible  these  days 
to  compute  very  complex  fighter  configurations,  including  nacelles,  stores,  pylons,  canards,  etc.  We  saw 
that  those  results  are  really  quite  promising.  Nevertheless  there  are  still  limitations  as  far  as 
separated  flow  is  concerned  and  as  well  as  drag  level  is  concerned. 

Next  slide.  This  slide  recalls  the  fascinating  agreement  between  measurement  and  theory  on  such  a 

complex  configuration  as  the  space  shuttle  orbiter. 

Next  slide.  This  brings  us  back  to  the  question  of  the  different  physical  models  which  we  are  applying. 
In  this  case  you  see  that  the  viscous  effects  play  a  fairly  important  role.  I  would  like  to  recall  that 
this  is  a  simulation  at  Reynolds  number  1  million.  We  did  the  same  case  at  a  Reynolds  number  of  20 
million,  and  I  can  say  that  the  pressures  do  not  differ  significantly  from  those  for  the  inviscid 
solution  in  that  particular  case.  This  raises  a  question  as  to  what  is  the  ultimate  inviscid  solution, 
because  if  we  don’t  start  with  the  right  inviscid  solution,  which  has  the  right  shock  position,  we  will 
never  end  up  with  the  correct  viscous  solution.  So  as  the  flow  model  becomes  more  complex,  the  more 

confident  we  need  to  be  about  the  specific  components  that  we  are  using. 

Next  slide.  To  emphasize  this  point,  I  would  like  to  go  back  to  the  comparison  between  the 
three-dimensional  Euler  solutions,  three-dimensional  full  potential  and  the  three-dimensional  small 
disturbance  theory.  They  all  show  very  different  shock  positions.  In  these  cases  the  Reynolds  number  is 
very  small,  but  what  do  you  believe  will  be  the  right  solution  at  very  high  Reynolds  numbers?  Thank  you. 

Dr.  Yoshihara 

Last,  but  certainly  not  least,  we  have  Barry  Haines,  and  he  being  a  fine  applied  aerodynamicist .  He  is 
going  to  tell  us  about  the  proper  role  of  the  computer  in  applied  aerodynamics. 

Mr.  Haines 

Coming  fourth,  a  lot  of  the  things  that  I  wanted  to  say  have  already  been  said,  but  I  will  do  my  best.  I 

think  that  I  would  like  to  start  by  referring  to  the  fact  that  10  years  ago  there  was  another  AGARD 

conference  on  aerodynamic  interference,  and  if  you  look  back  at  the  proceedings  for  that  conference,  I 
think  that  there  are  some  quite  definite  differences  from  the  one  which  we  have  just  been  having.  Ten 
years  ago,  the  theoretical  people  were  arguing  fairly  violently  among  themselves  about  what  theoretical 
method  you  should  use.  Quite  a  few  of  the  theoretical  methods  about  which  they  were  arguing  are  no 
longer  in  use  today.  Theoretical  methods  have  advanced  a  great  deal  over  the  last  ten  years,  and  they 
have  gone  a  long  way  to  dominate  this  conference.  Dare  I  say  that  they  have  almost  dominated  it  too  much 
in  the  sense  that  we  have  been  turning  ourselves  into  various  other  conferences  that  are  held  to  discuss 

the  validity  of  the  various  theoretical  methods.  It  is  very  exciting  to  talk  about  this,  but  in  this 

conference  where  we  are  discussing  aerodynamic  interference,  we  have  been  in  danger  at  times  of 
forgetting  our  prime  aim.  I  am  going  to  talk  from  the  point  of  view  of  a  person  who  has  to  use  the 
theoretical  methods  to  design  configurations  and  to  improve  those  designs  with  theoretical  methods.  Ten 
years  ago,  a  wing  designer  was  designing  a  two-dimensional  airfoil.  Five  years  ago  he  would  have  been 
designing  a  three-dimensional  wing  with  the  aid  of  these  methods.  Then  he  learned,  and  we  saw  papers 
today  on  this,  how  important  it  was  to  design  a  wing-body  combination.  Now  he  is  trying  to  design  a 
complete  configuration.  Looking  to  the  future,  the  paper  for  me  which  undoubtedly  held  the  most  Dromise, 
was  the  one  by  Charles  Boppe  this  morning.  While  he  may  not  be  using  t.ie  very  latest  and  most  reiined 
theoretical  methods,  he  is  certainly  attempting  to  do  the  job  which  the  aircraft  designer  wants.  As  a 
last  comment  on  the  theoretical  methods,  I  think  that  I  have  about  Ho  years  of  experience  as  a  windtunnel 
engineer,  and  I  just  don't  believe  in  a  theoretical  method  which  gives  good  agreement  with  experiment,  if 
the  theoretical  method  is  inviscid. 

Now  before  the  theoretical  method  developers  get  at  me,  I  ought  to  recognize  that  the  experimentalists 
also  have  problems  with  these  viscous  effects,  and  as  a  slight  aside,  but  I  think  it  is  important  to  sav 
this,  I  am  still  somewhat  disturbed  about  some  of  the  papers  that  have  been  written  about  the  tunnel  test 
techniques  for  getting  the  right  answer  when  viscous  effects  are  involved.  In  debating  whether  you 
should  or  should  not  fix  transition,  I  think  that  there  are  certain  principles  that  you  should  follow. 

You  should  ensure  that  you  have  a  turbulent  boundary  layer  at  the  shock,  but  if  you  find  that  to  achieve 
a  turbulent  boundary  layer  at  the  shock  you  have  to  use  a  transition  fix  which  clearly  gives  a  rear 
separation  that  would  not  be  present  full  scale,  then  the  results  are  wrong.  You  may  say,  "but  how  can  I 
know  that  the  separation  would  not  be  there  full  scale?".  Well,  that  is  just  where  the  theoretical 
method  may  help  you.  I  think  that  these  two  pictures  we  had  up  of  the  computer  and  the  windtunnel  were 
wrong.  I  think  that  the  computer  and  the  windtunnel  should  be  integrated.  You  should  be  using  the 
comDuter  to  help  in  your  interpretation  of  the  tunnel  data.  If  I  understood  the  Chairman  in  the 
beginning,  I  think  he  said  that  he  wanted  to  do  away  with  all  slotted  and  perforated  wall  tunnels'.  I 
presume  he  wants  to  use  a  solid  adaptive  wall.  He  will  need  his  computer  to  know  what  shape  that 
adaptive  wall  should  be.  I  don't  think  he  can  have  a  solid  wall  if  he  wants  to  go  above  Mach  number  1. 
So,  I  assume  that  he  is  talking  about  Mach  numbers  less  than  1. 

To  come  back  to  the  question  of  fixing  of  transition,  it  is  wrong  to  conclude  that  there  is  a  general 
conclusion  about  whether  you  should  test  transition  free  or  transition  fixed.  What  you  should  do  depends 
on  the  Mach  number,  the  Reynolds  number  and  the  wing  that  you  are  testing.  If  you  have  to  have  a 
turbulent  boundary  layer  at  the  shock  with  the  most  representative  boundary  layer  thickness  relative  to 
what  you  calculated  full  scale  -  if  you  can  do  that  transition  free,  all  well  and  good  provided  vou  know 
where  transition  is  and  provided  you  allow  for  the  extent  of  the  laminar  flow  in  the  interpreta-  ion  of 
your  drag  data.  However,  you  may  droid*  that  you  are  not  satisfied  with  any  of  the  results  however  you 
fix  or  do  not  fix.*  that  Is  whv  we  are  building  cryogenic  tunnels.  Viscous  effects  are  thus  at  the  kernel 
of  our  problem  whether  we  are  in  the  computer  or  whether  we  are  in  the  windtunnel. 


Going  back  to  the  aircraft  designer  who  is  using  these  theoretical  methods,  I  think  it  is  worth  saying 

just  a  little  about  design  programs  and  optimization  programs.  For  design  programs  I  think  the 

significant  question  was  asked  by  Dr.  Schmidt  yesterday.  How  do  you  choose  the  pressure  distribution  to 
get  the  right  answer.  That  is  where  the  art  still  comes  in.  It  is  all  within  your  experience.  I  will 
tell  you  a  very  brief  story  from  my  own  establishment  recently.  We  have  got  an  inverse  design  program 
for  supercritical  flow.  We  were  trying  to  move  the  shock  rearward  to  generate  more  lift.  We  were  also 
trying  to  modify  the  lower  surface  pressure  distribution.  The  design  program  devised  a  shape  to  do  this 
and  achieved  its  objective,  but  at  the  same  time,  it  gave  peak  suctions  near  the  leading  edge  that  were 
so  high  that  when  you  went  into  an  off  design  condition,  they  were  clearly  too  high  and  separated  flow 
was  obviously  going  to  occur.  After  trying  to  solve  this  anomaly  for  quite  a  time,  the  designer  went 
back  to  his  past  and  started  with  a  suboritical  design  program  and  very  quickly  got  the  answer  he 
wanted.  In  fact,  checking  back  supercritically ,  he  got  the  shape  that  he  wanteu.  The  significant  point 

is  that  the  shape  near  the  leading  edge  relative  to  the  original  datum  was  in  the  exact  opposite 

direction  to  the  shape  which  had  come  out  of  the  inverse  supercritical  program,  being  wrongly  used 
because  the  designer  didn’t  appreciate  that  the  pressure  distribution  that  he  was  asking  for  was  an 
impossibility.  Obviously  that  particular  mistake  will  not  be  made  again,  and  in  five  weeks’  time,  or 
should  it  be  five  years*  time,  the  designer  will  have  the  experience  to  use  his  supercr itical  design 
program. 

Optimization  programs  that  have  been  propagandized  in  certain  quarters,  we  have  heard  very  little  of  in 
this  conference.  I  myself  feel  that  at  transonic  speeds  we  are  very  far  from  being  able  to  exploit 
optimization  programs.  I  will  quote  just  a  few  examples.  Any  aerodynamicist  that  is  optimizing  wants  to 

know  the  drag,  so  that  ultimately  an  optimization  program  must  have  the  ability  to  predict  drag.  I 

appreciate  that  in  certain  theoretical  papers  today,  there  have  been  attempts  to  predict  drag  from 
theoretical  considerations.  But,  I  think  that  everyone  in  the  room  would  be  at  least  somewhat  sceptical 
as  tu  whether  they  will  give  the  right  answers.  If  you  go  to  a  military  aircraft  where  you  have  many 
design  points,  you  have  a  very  complex  configuration,  these  may  be  the  dominant  issues  -  getting  good 
flying  qualities  near  and  even  beyond  separation  onset  -  very  difficult  to  quantify  for  an  optimisation 
program.  Such  programs  hve  been  produced  for  two-dimensional  airfoils,  but  it  is  arguable  that  an 
optimum  airfoil  will  not  necesarily  be  the  optimal  starting  point  for  the  design  of  the  complete 
configuration,  and  that  is  what  the  designer  wants* 

Let  me  turn  from  theoretical  methods  to  favorable  interference,  the  theme  of  the  conference.  I  would 
like  to  pick  up  one  point  which  has  been  mentioned  several  times  and  which  I  think  is  very  important. 

One  of  the  best  ways  of  obtaining  favorable  interference  effects,  which  is  what  we  strive  for,  is  to 

carry  more  lift  on  a  part  of  the  configuration  that  can  stand  having  extra  lift  on  it  without  any  adverse 

consequences.  This  is  why  Mr.  Jupp  showed  when  he  liked  a  particular  sort  of  flaptrack  fairing.  I  am 
sure  that  he  could  have  said  the  same  thing  about  wing  root  fillets.  I  am  sure  that  people  could  and 
have  said  the  same  thing  about  nacelles.  Cases  of  an  aft  fuselage  nacelle  which  have  given  favorable 
interference  have  done  so  because  they  have  redistributed  the  load  over  the  wing  and  taken  it  away  from 
the  point  at  which  the  shock  strength  was  greatest.  It  is  an  example  of  the  same  thing.  Going  back  to 
one  of  the  questions  asked  by  the  Chairman;  should  one  design  for  shock  free  flow  or  for  a  weak  shock. 
Here,  I  completelv  agree  with  what  Dr.  Whitcomb  has  said.  With  a  weak  shock,  you  get  better  performance 
with  a  little  extra  lift:  a  further  example  of  the  same  principle.  Regarding  spanwise  loading,  the  best 
load  distribution  on  the  wing  is  unlikely  to  be  elliptic.  You  should  consider  the  full  configuration, 
including  the  tail  plane.  You  should  consider  that  one  is  trying  to  strike  a  balance  between  buffet  and 
drag  and  all  of  this  goes  to  show  that  you  want  to  load  the  inner  wing  more  than  you  would  on  an  elliptic 

load  basis.  To  reiterate,  one  way  of  getting  favorable  interference  is  to  add  lift.  The  wing  tip 

carrying  the  load  of  the  missile  is  another  example  adding  lift  where  you  can  avoid  having  an  adverse 
effect.  Another  way  is  to  use  side  force  in  a  direction  relative  to  the  local  flows  that  it  gives  a 
thrust  component,  such  as  winglets,  pylons,  etc. 

Another  method  is  to  apply  area  rule  or  shaping  -  both  have  their  place.  You  may  have  tangible  examples 
of  how  to  exploit  that.  There  were  many  examples  that  we  looked  at  in  the  AGARD  working  panel  on 
stores.  The  best  configurations  were  those  that  gave  the  best  longitudinal  distribution  of 
cross-sectional  areas  or  shaping  the  body  by  following  the  local  streamline  as  we  heard  this  morning.  In 
the  store  carriage  area,  I  gave  illustrations  in  my  lecture,  e.g.,  tandem  and  staggered  carriage,  of 
adding  together  flow  fields  in  a  manner  such  that  the  final  flowfield  is  better  than  the  flow  around  the 

Individual  components.  I  made  the  point  very  much  on  the  basis  of  drag,  but  it  is  relevant  to  point  out 

that  our  ability  to  predict  the  drag  of  these  configurations  is  very  limited.  We  do  have  to  rely  on 
experiment  and  probably  will  have  to  do  so  for  some  considerable  time.  It  is  not  just  drag,  and  this  is 
where  research  is  needed.  You  may  have  thought  it  was  ill  balanced.  I  did  refer  to  loads,  I  did  refer 

to  release  disturbances,  but  a  lot  of  the  promising  radical  ideas  are  coming  forward  on  the  basis  of 

performance.  It  is  an  urgent  requirement  to  look  at  the  release  characteristics  of  such  arrangements. 

7n  passing,  T  should  note  that  from  our  experience  in  the  U.K.  the  Nielsen  method,  even  without  the 

transonic  extensions  that  was  talked  about  on  Monday,  works  remarkably  well  up  to  a  remarkably  high  Mach 

number.  On  the  other  hand,  it  is  very  difficult  to  predict  the  installed  loads  by  any  theoretical 
method.  You  have  got  to  look  at  all  of  these  things  before  you  can  persuade  people  to  accept  radical 

A  slight  disappointment  of  the  conference  to  me  is  that  radical  schemes  of  obtaining  favorable 
interference  have  not  been  much  mentioned.  On  the  stores  front  for  example,  at  another  conference,  there 
was  a  scheme  put  forward  by  T  think  it  was  Orummans,  where  they  were  carrying  the  stores,  for  reasons 
unconnected  with  aerodynamics,  on  top  of  the  fuselage.  They  moved  them  longitudinally  along  the 
fuselage  according  to  the  Mach  number  in  flight  trying  to  get  the  right,  longitudinal  area  distribution  to 
suit,  the  Mach  number.  You  may  say  that  that  sounds  complicated  and  very  costly,  but  1  think  that  the 
res»p»arrth  people  have  to  find  and  publicize  what  can  be  done  to  induce  someone  t.o  look  at  the  practical 
implications  of  what  you  a r«*  doing. 
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Incidentally,  we  should  have  some  sympathy  for  the  person  who  is  having  the  research  pumped  at  him.  If 
he  is  doing  what  we  hope  he  is  doing,  he  is  reading  the  proceedings  of  all  AGARD  conferences.  This  year 
for  very  good  reasons,  I  have  suggested  that  there  are  advantages  for  mounting  weapons  at  the  wing  tip, 
but  last  year  again  for  very  good  reasons,  someone  else  was  wanting  to  rotate  the  tips  by  about  ±70  . 

This  year,  we  advocate  stores  below  the  fuselage,  but  next  year  in  Toulouse,  somebody  will  be  having  his 
jet  nozzles  for  VRTOL  along  the  bottom  of  the  fuselage.  The  designer  has  to  weigh  up  the  relative  merits 
of  all  of  these  different  schemes.  Perhaps  we  should  have  had  a  paper  in  this  area  at  this  conference, 
since  it  is  a  conference  on  configuration  aerodynamics. 

My  last  point  is,  don't  think  that  the  computer  can  do  it  all  for  you.  Remember  that  the  real 
optimization  has  to  be  done  by  human  beings  thinking  of  all  of  the  problems  and  with  a  proper 
understanding  of  what  makes  for  favorable  interference. 

Dr.  Yoshihara 

Thank  you  Barry.  I  think  that  your  comments  were  very  interesting  and  will  be  the  basis  for  further 
comments  and  questions  from  the  audience.  We  now  open  the  discussion  to  members  of  the  audience.  Are 
there  any  questions? 

Mr.  DePonte 

I  have  a  comment  on  your  remark  to  make  measurements  on  pressure.  You  need  to  measure  other  things.  It 
is  not  sufficient  to  just  measure  pressure  if  you  want  insight  into  for  example  the  separation  region.  I 
don't  think  we  can  conclude  something  by  only  measuring  pressures.  1  think  that  we  need  to  measure  some 
other  things  like  flow  field  velocities,  and  probably  turbulence.  We  do  not  have  a  physical  insight  and 
you  cannot  obtain  this  from  only  pressure  measurements. 

Dr.  Yoshihara 

Are  you  referring  to  the  windtunnel  walls  or  to  the  model?  Let  me  start  with  the  windtunnel  walls.  If  I 
measure  the  pressures  there,  I  can  prescribe  them  as  boundary  conditions  in  a  calculation  to  tailor  the 
method.  In  the  tailored  method  I  can  replace  the  wall  conditions  by  free  stream  conditions  to  obtain 
finally  the  free  flight  results. 

Dr.  Whitcomb 

When  Dr.  Yoshira  put  his  list  up  there,  I  wanted  to  say  the  same  thing.  We  not  only  use  pressures,  we 
also  use  a  fluorescent  oil  film.  Remember  that  this  whole  meeting  has  been  talking  about  the  fact  that 
we  have  to  have  the  viscous  effects  as  well  as  the  potential  effects. 

Pressure  distributions  give  a  little  bit  of  both,  but  the  oil  flow  is  primarily  viscous.  We  can 
immediately  see  viscous  problems  with  the  oil  film  that  we  would  never  see  with  the  pressure  distribution. 

Mr.  Jupp 

With  reference  to  the  comments  made  by  Dr.  Whitcomb,  I  want  to  say  how  much  I  agree  with  a  lot  of  what  he 
said.  I  think  there  were  four  points.  I  am  not  sure  of  the  order  in  which  he  mentioned  them:  wing  root 
fillets,  cambered  pylons,  designing  an  airfoil  with  an  acceptable  shock,  and  winglets.  Fillets  and 
cambered  pylons  were  mentioned  in  my  paper  and  need  no  further  comment. 

Our  philosophy  is  also  to  design  an  airfoil  for  an  acceptable  shock:  Mr.  Haines  commented  on  this,  and  we 
would  agree  that  you  can  get  the  maximum  L/D  with  some  wave  drag  present.  On  the  fourth  point,  winglets, 
there  is  a  widely  held  view  in  England,  I  am  not  sure  it  is  a  majority  view,  that  we  rather  agree  with 
Mr.  Rettie's  point  of  view.  I  think  that  looking  to  the  future  it  i3  dangerous  to  think  of  an  equivalent 
planar  wing  in  terms  of  a  wing  tip  extension.  One  must  think  of  an  optimized  planar  wing.  When  one  does 
that,  it  reduces  the  benefits  of  winglets  quite  considerably.  It  would  be  our  position  that  there  is  a 
gain  with  winglets,  but  that  it  is  a  small  one  when  compared  with  the  optimum  planar  wing.  This  must  be 
balanced  against  the  added  complications  of  the  design  of  the  winglet  and  perhaps  low  speed  problems 
which  might  require  high  lift  devices  on  the  winglet  itself. 

Dr.  Whitcomb 

I  think  that  what  you  said,  I  am  not  sure,  "with  an  acceptable  shock  wave".  I  thought  I  heard  you  say 
unacceptable,  but  1  am  not  sure.  I  want  to  emphasize  with  regard  to  those  three  points,  I  was  merely 

pointing  out  what  I  had  heard  and  what  I  agreed  with.  I  wasn't  saying  that  you  guys  ought  to  think  about 

those  things.  All  of  those  points  were  covered  here  today.  With  regard  to  winglets,  I  guess  we 
obviously  have  our  disagreements,  but  you  do  have  a  point.  All  or  our  comparisons  were  made  with  fairly 
elementary  wing  tips,  and  there  may  be  a  tip  somewhere  that  may  be  better  than  an  elementary  tip  that 
will  reduce  the  advantage  of  a  winglet.  Over  the  years  we  have  tried  some  of  those  fancy  tips  and  it 
didn't  give  as  much  as  we  had  hoped  for. 

Mr,  Haines 

1  merely  wanted  to  say  very  briefly  to  the  last  speaker,  Mr.  Jupp,  that  if  he  was  suggesting  that  the 
generally  held  view  in  England  is  that  winglets  are  unattractive  when  compared  on  a  fair  basis,  I  do  not 
want  to  be  associated  with  those  particular  words.  I  think  that  there  will  be  practical  cases  where  one 
can  see  good  practical  reasons  for  the  winglet.  It  is  certainly  true  that  the  usefulness  or  the  winglet 
depends  very  much  on  the  particular  wing  on  which  you  are  putting  it,  it  depends  on  the  loading  on  the 

outer  part  or  the  wing  and  it  depends  on  the  taper  or  the  wing.  I  think  that  it  is  still  true  that  we  do 

not  completely  understand  the  physics  but  the  results  are  remarkably  good  when  we  test  one. 
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Dr.  Hackett 

Mv  comment  concerns  the  optimization  of  non-planar  configurations.  One  mav  consider  the  flow  in  the 
cross-flow  plane,  aft  of  the  aircraft  and  determine  drag,  lift,  root-bending  momnent,  etc.  via 
appropriate  trailing  vortioitv  integrations.  To  optimize,  it  follows  that  we  should  do  what  our 
forefathers  did  when  determining  the  spanload  for  minimum  drag:  look  at  the  wake  and  determine  how  it's 
velocities  and  vorticltv  should  be  distributed.  In  the  case  of  non-planar  devices,  pvlons,  winglets, 
flap-track  fairings  and  whatever,  one  may  imagine  a  "cloud"  of  trailing  vortioity  and  attempt  to 
optimize  it’s  distribution  subject  to  certain  practical  constraints.  These  might  include  not  onlv  drag 
minimization,  but  also  various  lift  and  bending  moment  trades  as  well  as  perturbations  on  the  overall 
conf igurat *on  -  numbers  of  pvlons  or  flap  tracks,  presence  or  not  of  winglets  or  similar  devices  -  and  so 
forth.  We  should  look  to  the  theoreticians  for  help  in  determining  how  to  find  such  optima. 

There  exists  a  parallel  question  regarding  the  distribution  of  the  axial  velocity  perturbations  which  an 
aircraft  leaves  in  it*s  wake.  For  current  aircraft,  we  see  highly  localized  "puffs"  of  high  energy  air 
aft  of  the  engines  and  a  widelv  distributed  wake  deficit  flow.  Should  these  be  mixed  together  in  some 
way,  and  if  so,  how?  Again,  this  is  a  question  for  the  theoreticians. 

Mr.  Mavriplis 

I  would  like  to  comment  on  the  remarks  made  on  nacelle  interference  and  on  the  comparison  between  wind 
tunnel  and  flight  test  results,  that  is,  test  results  obtained  during  the  development  of  the  Canadair 
Challenger,  which  is  a  business  jet  awaiting  certification  at  the  moment.  This  slide  (Fig.  1)  shows  the 
configuration  that  I  am  going  to  speak  about.  It  has  a  wide-body  fuselage  which  has  quite  an  effect  on 
the  wing  pressure  distribution.  We  did  design  the  wing  using  the  Jameson  transonic  wing  method. 

However,  when  we  got  our  first  wing  pressure  distributions  from  the  wind  tunnel,  we  were  very 
disappointed.  Later  on.  we  did  some  improvements,  some  modifications  of  the  Jameson  method,  using  a 
panel  method  to  calculate  the  flow  due  to  the  body  at  a  vertical  plane  through  the  wing  root  and 
superimposing  that  on  the  Jameson  method  to  get  the  effect  of  the  hodv,  which  showed  good  agreement  with 
the  test.  Another  effect  is  that  of  the  nacelles.  These  nacelles  are  really  big,  and  they  affect  the 
wing  Pressure  distribution  quite  a  bit,  and  if  you  don't  have  a  good  method  to  compute  this  kind  of 
effect,  then  vou  are  in  trouble  and  you  must  spend  a  lot  of  time  in  the  wind  tunnel.  The  nacelles  are 
positioned  quite  high,  but  the  intake  is  at  the  wing  trailing  edge,  so  they  don't  overlap  with  the  wing. 

On  the  next  slide  (Fig.  2)  we  see  a  superposition  of  the  pressure  distributions  of  two  configurations 
obtained  in  the  wind  tunnel  at  Mach  Number  .8  at  a  constant  angle  of  attack  of  .  Q  degrees.  The  black 
lines  are  the  wing- body pressure  distributions,  while  the  red  ones  are  for  the  complete  configuration  at 
the  same  angle  of  attack.  Now,  you  see  that  the  shock  has  moved  well  forward  and  that  there  is  a 
tremendous  loss  of  lift.  In  order  to  regain  the  lift  you  have  to  increase  the  angle  of  attack  from  . Q 
degrees  to  ?  1/2  degrees.  On  the  next  slide  (Fig.  3),  the  same  pressure  distribution  or  the  wing-body 
that  we  saw  before  is  compared  with  that  of  the  complete  configuration  after  increasing  the  angle  of 
attack  to  achieve  the  same  as  the  wing-body,  and  you  can  still  see  the  effec ts  of  the  nacelle.  The 
shock  has  moved  forward  on  the  inboard  wing  and  beck  at  the  tip,  and  you  can  see  a  change  in  the  span 
loading.  The  outboard  wing  is  now  more  loaded  than  it  was  with  nacelles  off  So  it  is  important  that 
these  effects  can  be  computed. 

Now  this  slide  (Fig.  H),  shows  a  comparison  between  wind  tunnel  data  and  flight  test  results  from  a  wing 
pressure  survey.  The  wind  tunnel  data  are  joined  by  lines  while  the  flight  test  data  are  marked  by 
squares  on  the  too  surface  and  triangles  on  the  bottom  surface.  Onlv  three  stations  were  instrument <®d 
with  external  flexible  tubing  at  ^Ot,  67  1/2  %  and  8*5  %  *of  semispan.  The  outboard  station  is  right  over 
the  aileron.  You  see  that  the  comparison  iso  It  was  really  very  satisfactory  from  the  point  of  view  of 
loads.  The  purpose  of  the  survey  was  to  prove  that  the  wing  pressure  distributions  during  flight  agree 
wel]  with  those  obtained  in  wind  tunnel  tests.  A  good  correlation  was  to  confirm  the  estimated  loads  at 
supercritical  speeds  which  were  derived  from  wind  tunnel  pressure  distributions. 

However,  one  can  see  some  differences  between  flight  and  wind  tunnel  test  data.  For  instance  during 
flight,  the  shock  is  slightly  further  back  at  the  wing  break  section  (e^*  UO  t)  and  further  forward  at 
the  outboard  section.  Also  there  is  a  little  more  lift  at  the  inboard  station  and  a  little  less  lift  at 
the  outboard  station.  Finally,  the  shock  appears  to  be  weaker  at  the  outboard  station.  We  think  that 
th«se  effects  are  due  to  the  difference  in  Reynolds  number.  The  wind  tunnel  tests  were  done  at  3.8 
million  without  transition,  while  the  flight  Reynolds  number  was  at  15.8  million. 

Thank  you. 

Mr.  Persen 

I  lust  want  to  know  whether  the  panel  will  agree  with  me  when  we  discuss  the  viscous  effects.  It  seems 
to  me  from  the  experiences  that  we  had  last  week,  where  we  were  discussing  theories  of  turbulence,  where 
we  w°re  discussing  boundary  layers  and  all  kinds  of  numerical  schemes,  that  we  seem  to  understand  more  or 
less  adequately  the  boundary  layer  as  we  saw  this  morning  in  a  rather  comprehensive  numerical  scheme.  We 
saw  that  Bradshaw's  2-D  strip  approach  was  used.  My  feeling  is  that  the  thing  that  really  matters  will 
be  to  get  a  good  physical  understanding  of  separation  and  not  only  just  where  separation  is  located,  but 
also  what  Is  happening  to  the  flow  in  the  wake  region,  that  is,  in  that  region  where  the  flow  has 
separated.  It  is  mv  feeling,  that  this  especially  may  be  of  importance  when  you  have  a  separated  region 
on  your  wing  which  may  be  changing  drastically  during  manoeuvers.  This  is  the  point  where  our  physical 
understanding  Is  lacking  the  most.  I  want  to  ask  the  panel  if  they  agree  with  me. 

Dr.  Yoshihara 

May  I  first  make  a  small  comment.  A  separated  flow  is  a  very  unsteady  flow.  It  is  a  condition  under 
which  half  the  time  you  have  patches  of  reverse  flow.  So  it  is  really  the  kind  of  thing  in  which  you 
have  to  take  a  time  average.  As  far*  as  the  wake  in  concerned,  you  can  certainly  have  a  reattachment 
point  beyond  the  trailing  edge.  That  is  certainly  a  buffeting  situation.  Again  it  is  very  highly 
unsteady. 
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Dr.  Schmidt 

I  completely  agree  with  what  you  have  said,  and  I  would  also  like  to  mention  that  this  comparison  between 
strip  theory  and  three-dimensional  theory  should  not  be  overstressed.  We  *dtd  *ve‘ry ‘careful  comparisons  on 
different  kinds  of  pressures  using  this  type  of  strip  theory  and  a  fully  3-d  theory.  The  final 
conclusion  is  that  as  long  as  the  pressure  distribution  in  the  spanwise  direction  does  not  have  large 
gradients,  then  strip  theory,  almost  independent  of  the  sweep  and  of  the  taper  ratio,  can  give  very  nice 
results,  but  as  soon  as  you  have  strong  pressure  gradients  in  the  spanwise  direction,  as  soon  as  you  have 
delta  type  wings,  then  strip  theory  is  lost. 

Dr.  Zonars 

I  would  like  to  temper  the  enthusiasm  of  the  individuals  who  try  to  blend  the  engine-air  system  with  the 
aircraft.  I  think  that  this  technology  is  going  to  come  forward  with  great  enthusiasm  in  the  future,  but 
we  did  see  in  both  cases  where  individuals  were  banking  on  a  high  degree  of  negative  stability  margin. 

Fly  by  wire  systems  are  great.  They  are  a  tremendous  advance  in  our  technology  and  permit  us  to  fly  at 
negative  margins,  but  please  recognize  that  a  fly  by  wire  system  has  a  stick  with  a  transducer  installed 
in  it.  It  Incorporates  a  sensor  system  and  a  computer  which  sends  a  signal  back  into  the  actuator  of  the 
control  surface.  There  are  no  push  rods  or  cables  between  that  particular  stick  and  the  surface.  So, 
you  can  easily  find  yourself  in  circumstances  where  the  pilot  may  be  pulling  *)0  or  50  lbs  of  backpressure 
during  a  manoeuver  with  the  control  surface  going  in  the  opposite  direction,  because  that  is  what  the 
sensor  and  what  the  computer  is  commanding.  You  can  easily  run  out  of  control  surface  capability  or 
potential  if  you  are  too  unstable.  Now  I  think  that  if  you  blend  the  exhaust  system  with  the  computer, 
with  the  feedback  system,  then  you  are  o.k.y  but  I  think  that  you  are  asking  for  trouble  if  you  go  to  as 
much  as  17  *  or  23t  negative  margin.  I  would  strongly  suggest  that  you  contract  with  some  very  bold  and 
unmarried  pilots  if  you  insist  on  high  derees  of  negative  margin.. 

Dr.  Orllk-Rtlchemann 

Most  if  not  all  of  the  presentations  and  discussions  we  have  had  so  far  have  dealt  with  static 
aerodynamics.  I  would  like  to  take  up  one  of  the  points  I  think  Dr.  Schmidt  has  made,  about  the  need  for 
more  data  and  more  Information  that  could  be  used  to  predict  and  determine  the  manoeuvring  boundaries  of 
combat  aircraft.  Of  course,  as  you  well  know,  the  information  we  need  for  such  a  prediction,  in  addition 
to  all  kinds  of  static  data,  requires  also  great  many  dynamic  data.  Such  data  are  at  the  present  time 
difficult,  but  not  impossible,  to  obtain  in  wind  tunnels,  but  are  not  yet  obtainable  at  all  from 
numerical  methods.  This  is  of  special  interest,  but  not  exclusively  so,  to  flight  at  high  angles  of 
attack  of  complete  aircraft  configurations.  Even  in  wind  tunnels  the  situation  is  not  yet  completely 
satisfactory,  since,  in  addition  to  the  usual  problems  of  simulating  the  correct  Reynolds  number,  we 
still  experience  difficulties  in  dealing  with  problems  such  as  the  static  and  the  dynamic  sting 
interference  and  wind-tunnel  wall  interference,  to  name  but  a  few.  There  is  a  lot  to  be  done  in  this 
subject  both  with  the  numerical  techniques  and  wind  tunnel  techniques.  If  we  want  to  fly  efficiently  and 
safely  at  high  angles  of  attack,  this  work  must  be  done.  I  would  not  like  to  let  a  discussion  like  the 
present  one  pass  without  at  least  a  reminder  that  we  need  a  lot  more  work  in  this  area. 

Dr.  Yo3hlhara 

X  would  like  to  remind  Dr.  Orlik-Rtlchemann  that  there  were  two  recent  symposia  on  high  angle  of  attack 
aerodynamics  and  controls,  and  of  course,  we  have  to  restrict  this  meeting  to  what  we  have  covered. 
Otherwise,  we  would  be  here  until  Friday. 

Dr.  Orllk-RCIchemann 

I  agree,  but  I  was  talking  not  only  about  the  high  angle  of  attack  situation,  but  also  in  general  about 
the  need  for  more  dynamic  and  unsteady  data,  which  are  of  interest  at  any  angle  of  attack. 

Prof.  Young 

I  would  like  to  just  spend  a  minute  on  a  point  Dr.  Schmidt  made  when  he  threw  up  on  the  screen  my  badly 
written  comments  on  the  Kutta  condition  and  the  fact  that  we  don't  have  a  Kutta  condition  for  fuselages. 
It  seems  to  me  that  we  will  always  have  a  question  mark  over  any  kind  of  modelling  on  wing  body 
combinations  until  we  are  able  to  predict  more  accurately  the  loading  distribution  on  the  bodies  and  the 
associated  boundary  layer  development.  Since  at  this  stage  we  lack  an  adequate  experimental  background, 

I  would  like  to  make  a  plea  that  those  who  are  concerned  with  windtunnel  work  should  consider  very 
seriously  making  more  measurements  on  bodies  and  fuselages  particularly  towards  the  rear.  These 
measurements  should  include  pressure  distributions,  boundary  layer  development  and  wake  development.  I 
think  you  will  find,  and  I  am  basing  this  comment  on  my  own  limited  experience,  that  there  are  things 
happening  there  which  one  would  not  normally  have  expected  and  which  may  help  us,  if  not  to  provide  a 
rigorous  equivalent  of  the  Kutta  condition,  at  least  to  formulate  a  useful  substitute  for  it,  and  so  help 
us  to  do  better  modelling. 

Dr.  Whitcomb 

I  am  not  sure  how  detailed  you  want  the  measurements,  for  example,  did  you  want  vorticity,  and  so  forth? 
About  five  years  ago,  recognizing  the  problem,  we  got  a  very  thorough  survey  of  the  boundary  layer 
development  as  it  flows  in  on  the  back  end  of  a  fuselage.  In  order  to  get  the  right  answer,  we  didn't 
have  it  sting  supported,  of  course.  We  had  it  on  a  strut.  So,  there  is  some  data  available,  and  I  am 
sure  others  have  some  too.  Incidentally  we  were  getting  that  data  to  see  if  we  could  have  some  basis  for 
taking  the  boundary  layer  of  the  fuselage  into  the  fan  of  a  rear  mounted  engine  to  get  this  boot  strap 
operation  that  one  can  get  by  doing  that.  Incidentally,  we  had  Douglas  do  that  and  do  an  analysis  on 
that,  and  it  doesn't  appear  to  be  economically  practical. 
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Dr.  McCro3kev 

Rotary  wing  applications  were  notably  absent  from  the  program,  probably  partly  by  design.  Just  to  keep 
my  benefactors  happy,  I  would  like  to  make  a  few  brief  comments.  It  might  interest  you  to  know  that 
there  are  several  topics  here  which  would  be  of  interest  to  the  helicopter  community,  such  as  3-D 
transonic  computational  programs,  drag  of  external  stores  and  the  trajectories  of  stores  leaving  in 
non-uniform  flow  fields.  A  fourth  topic  is  wake  distortion;  it's  very  important  in  helicopter 
aerodynamics  to  have  a  real  distorted  wake,  instead  of  just  straight  lines  of  vorticity  which  leave  the 
wing  and  the  tip.  Another  is  Dr.  Drougge's  talk  this  morning  about  airfoil  design  for  multiple 
operating  conditions:  high  maximum  lift  on  the  one  hand  at  low  mach  number,  good  transonic  drag 
divergence  mach  number  at  low  lift  -  these  things  are  very  relevant  to  our  problems.  The  most  important 
of  all  is  the  general  concept  of  favorable  aerodynamic  interference  between  lifting  and  non-lifting 
components.  There  is  a  tremendous  potential  in  this  area  for  helicopter  aerodynamics,  and  I  hope  that  in 
the  years  ahead  we  will  see  more  done  in  that  area. 

Mr.  Metcalfe 

We  have  Just  heard  about  helicopter  interference.  Would  anyone  like  to  make  some  comments  on  the  effect 
of  propeller  interference  on  the  wing?  Do  the  panel  see  how  the  effects  of  propeller  slip  stream 
interference  could  be  built  into  these  computational  methods? 

Mr.  Haines 

I  would  think  that  most  subcritical  panel  methods  would  have  the  facility  to  include  the  propeller  slip 
stream,  but  it  is  a  very  good  question.  Propellers  are  often  being  suggested  as  a  means  of  saving  fuel, 
and  one  of  the  crucial  questions  there  is  to  what  extent  we  can  marry  the  propeller  slip  stream  and  an 
advanced  wing  design,  bearing  in  mind  the  appreciable  difference  in  Mach  number  in  the  slip  stream  and 
outside  of  it.  In  general,  putting  a  wing  into  a  propeller  slip  stream  is  an  effective  means  of 
straightening  the  flow  and  recovering  some  of  the  rotational  losses  which  would  occur  with  the  propeller 
in  isolation.  This  has  been  known  for  many  years,  but  the  new  question  is  whether  you  can  still  achieve 
this  favorable  effect  with  an  advanced  supercritical  wing.  A  paper  at  a  recent  conference  is  the  U.S. 
was  reassuring  on  this  point. 

Dr.  Schmidt 

I  would  like  to  stress  your  comment  a  little  more,  because  I  think  it  is  an  important  one.  If  you  think 
of  a  straight  wing,  two  propellers  rotating  in  the  same  direction,  and  if  you  try  to  understand  the  high 
lift  capabilities  of  such  a  configuration  you  will  see  that  you  get  lost,  because  there  is  no  way  that 
you  can  predict  or  compute  the  stall  characteristics  under  the  slip  stream  condition.  Therefore,  I  think 
it  is  a  very  basic  task,  really,  to  be  able  to  understand  and  to  compute  the  effects  of  a  propeller  slip 
stream  due  to  the  rotating  flow,  the  direction  of  the  rotation  and  the  effects  on  high  lift.  What  you  do 
actually,  is  you  put  some  fences  or  vortex  generators  to  control  stall,  but  at  the  same  time  you  increase 
drag.  But  this  is  not  the  ultimate  solution  if  you  have  to  design  an  efficient  transport  wing  in  cruise. 

Dr.  Roberts 

On  that  last  subject,  there  is  work  going  on  in  the  United  States  at  the  Ames  Research  Center, 
particularly  on  trying  to  optimize  a  supercritical  wing  in  the  presence  of  a  propeller  slip  stream.  The 
first  results  do  suggest  that  swirl  recovery  -  although  the  work  is  Just  beginning  -  looks  promising. 

I  would  like  to  take  the  opportunity  to  pick  up  on  some  remarks  that  Mr.  Haines  made  regarding  the 
importance  of  making  available  to  the  designer  the  best  tools,  both  computational  and  experimental. 
Certainly  future  aircraft  will  need  both  of  those  kinds  of  tools,  and  the  incentive  for  using  the  best 
kind  of  calculation  is  very  great.  If  you  just  take  a  few  order  of  magnitude  numbers  to  calculate  some 
simple  costs  for  a  fleet  of  100  aircraft  over  a  10  year  life,  the  operational  fuel  cost  or  that  fleet  is 
typically  $10  billion.  A  10J  reduction  in  drag  would  reduce  the  fuel  bill  by  $1  billion.  Those  are 
large  numbers.  Typically  a  wing  design  program,  that  is,  windtunnel  plus  computer  programming,  in  the 
development  of  a  wing  costs  the  order  of  $1  million.  So  there  is  a  leverage  there  of  1000.  I  think  that 
it  is  useless  to  talk  about  whether  you  can  save  money  in  a  test  program  by  substituting  computation  for 
experiment  or  experiment  for  computation.  That  doesn't  really  face  the  problem.  The  problem  is  to  make 
the  best  use  of  both  of  those  capabilities  and  to  spend  more  on  both,  with  the  possibility  of  a  large 
return. 

Dr.  Yoshlhara 

I  would  like  to  thank  our  panel,  and  I  would  also  like  to  thank  the  many  excellent  speakers  during  this 
Symposium,  as  well  as  the  chairmen.  Now  I  think  Dr.  Orlik-Rilchemann  has  a  few  words  to  say  to  end  this 
Symposium. 

Dr.  Qrllk-RUchemann 

I  think  we  have  had  a  most  enjoyable,  Instructive  and,  I  hope,  profitable  three  days  and,  of  course,  we 
are  all  eager  to  leave  now.  I  understand  that  there  is  a  nice  reception  awaiting  us  in  a  few  minutes. 
However,  as  you  well  know,  successful  meetings  like  this  one  do  not  just  happen  by  themselves.  Many 
people  are  Involved  in  the  different  stages  of  preparation  and  in  the  conducting  of  the  meeting.  A  lot 
of  time  and  effort  goes  into  this,  and  it  is  my  pleasant  duty  now  to  express  our  thanks  to  all  these 
people.  First  of  all,  I  think,  we  should  all  thank  Professor  Laschka,  Dr.  Yoshihara  and  the  members  of 
the  Program  Committee  for  the  clever  choice  of  the  scope  of  the  symposium,  for  the  careful  selection  of 
papers  and  for  the  efficient  chairing  of  the  various  sessions.  Next,  we  should  express  our  thanks  to  all 
the  local  coordinators,  with  Professor  Hindelang  Hr.  Steckel,  Frau  Hirsch,  and  the  technical  assistants 
who  operated  the  audio-visual  systems.  We  should  also  express  our  appreciation  to  the  interpreters; 
Madame  Vrydach,  Mrs.  Radison,  Mrs.  Stewart.  They  showed  a  lot  of  patience  and  understanding  while 
dealing  with  the  customary  technical  and  human  imperfections.  Without  them  this  meeting  could  not  have 
been  such  a  success. 


r 


REPORT  DOCUMENTATION  PAGE 


n 


(.Recipient's  Reference 


2. Originator’s  Reference 
AGARD-CP-285 


3.  Further  Reference 
ISBN  92-835-0276-0 


4.  Security  Classification 
of  Document 

UNCLASSIFIED 


5. Originator  Advisory  Group  for  Aerospace  Research  and  Development 
North  Atlantic  Treaty  Organization 
7  rue  Aneelle,  92200  Neuilly  sur  Seine,  France 


|  6.  Title 


SUBSONIC/TRANSONIC  CONFIGURATION  AERODYNAMICS 


7.  Presented  at 


the  Hochschule  Bundeswehr,  Munich  Neubiberg,  Germany,  5-7  May  1980. 


8.  Author(s)/Editor(s) 


9.  Date 


Various 


September  1980 


1 0.  Author’s/Editor’s  Address  1 1 .  Pages 

Various 

1 2.  Distribution  Statement  This  document  is  distributed  in  accordance  with  AGARD 

policies  and  regulations,  which  are  outlined  on  the 
Outside  Back  Covers  of  all  AGARD  publications. 

1 3.  Keywords/Descriptors 


462 


Aerodynamic  interference 
Aerodynamic  characteristics 
Wing  body  configurations 
External  stores 


Aircraft  protuberances 
Subsonic  flow 
Transonic  flow 


14.  Abstract 

During  the  past  decade,  there  has  been  significant  progress  in  the  development  of  transonic 
wind  tunnel  test  techniques  and  computational  methods.  Employing  these  techniques,  the 
aerodynamicist  has  developed  many  imaginative  design  concepts  that  have  added  to  the 
optimization  data  base.  It  was  the  purpose  of  the  symposium  to  review  and  assess  these 
developments  and  project  the  future. 

Twenty  nine  papers  comprised  the  meeting  with  three  invited  review  papers.  There  was  a 
relatively  even  mixture  of  theoretical  and  experimental  papers  with  many  providing  test/ 
theory  comparisons.  Subject  matter  ranged  from  simple  wing-fuselage  interference  for  both 
Fighter  and  airlift  configurations  to  those  envolving  additional  components  such  as  nacelle 
and  pylons,  powered  jets,  winglets,  and  most  importantly  stores  and  weapons.  The 
symposium  was  concluded  by  a  Round  Table  discussion  with  invited  introductory 
comments. 
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Last,  but  not  least,  we  should  recognize  our  hard-working  Panel  staff  from  AGARD  Headquarters,  Mr.  Bob 
Rollins  and  Mile.  Rlvault,  without  whose  efforts  this  meeting  would  simply  not  have  been  possible  at  all. 

In  my  opening  remarks  Monday  morning,  I  described  to  you  some  of  the  past  activities  of  our  Panel.  I 
think  It  may  be  appropriate  to  conclude  this  meeting  with  some  Indication  of  our  future  plans.  You  may 
find  It  convenient  to  know  these  plans  In  advance,  so  that  you  can  start  thinking  at  an  early  date  about 
your  possible  participation.  The  next  meeting  will  be  on  the  subject  of  "Computation  of  Viscous-lnviscld 
Interactions  and  will  be  held  in  Colorado  Springs,  U.S.A.  from  29  September  to  1  October  of  this  year. 

Our  spring  1981  meeting  will  be  on  "Aerodynamics  of  Power  Plant  Installations;  it  will  be  held  in 
Toulouse,  France  from  11  to  14  May  1981.  Finally,  the  fall  1981  meeting  will  deal  with  the  "Fluid 
Dynamics  of  Jets  with  Applications  to  VSTOL  Aircraft"  and  will  be  held  in  Portugal.  The  exact  dates  are 
not  yet  established.  I  sincerely  hope  to  be  able  to  see  as  many  of  you  as  possible  on  at  least  some  of 
these  occasions.  With  that,  I  now  declare  this  meeting  adjourned. 
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